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PRl3FACE 
S ince  1 9 7 2  t h e  Supe r son ic  C r u i s e  Research (SCR) Program has provided an 
a c c e l e r a t e d  and focused  technology e f f o r t  which has  r e s u l t e d  i n  development 
of improved a n a l y t i c a l  t echn iques ,  des ign  procedures ,  and an expanded expe r i -  
menta l  data base. P r o g r e s s  made i n  t h e  f i r s t  4 y e a r s  was h i g h l i g h t e d  i n  a 
conference  a t  Langley Research Center  i n  1976 (see NASA CP-001, P a r t s  1 and 2 ) .  
Subsequent t o  t h e  1976 confe rence ,  NASA had conducted and  monitored addi- 
t i o n a l  s u p e r s o n i c  cruise v e h i c l e  s t u d i e s  and enhanced t h e  advanced s u p e r s o n i c  
technology d a t a  base through f u r t h e r  tests. S i g n i f i c a n t  achievements i n  t h e  
i n t e r i m  s i n c e  t h e  p rev ious  conference  were r e p o r t e d  t o  t h e  t e c h n i c a l  community 
a t  t h e  SCR ' 7 9  Conference h e l d  a t  Langley Research Cen te r ,  November 13-16, 
1979.  This  document is a campi l a t ion  of papers, au tho red  by r e p r e s e n t a t i v e s  
of  a i r f r a m e  and e n g i n e  manufac turers ,  the  F e d e r a l  Av ia t ion  Admin i s t r a t ion ,  
t h r e e  NASA r e s e a r c h  c e n t e r s ,  and t h e  O f f i c e  of Technology Assessment (Congress 
of the  Uni ted  S ta tes ) ,  which were p resen ted  a t  t h e  l a t t e r  Conference. 
The Conference was o rgan ized  i n  s i x  s e s s i o n s  as fo l lows :  
I. Aerodynamics 
11. S t a b i l i t y  and C o n t r o l  
IV. Environmental  F a c t o r s  
V. Airframe S t r u c t u r e s  and Materials 
VI. Systems I n t e g r a t i o n  and Economics 
111. Propu l s ion  
Papers  and t h e  a u t h o r s  thereof are grouped by s e s s i o n  and i d e n t i f i e d  i n  
t h e  CONTENTS. The o r d e r  of papers is t h e  ac tua l  order of speaker appearance  
a t  t h e  Conference. 
The s i z e  of t h e  c a n p i l a t i o n  n e c e s s i t a t e d  p u b l i c a t i o n  i n  t w o  p a r t s  (Par ts  1 
and 2 ) .  A l is t  of a t t e n d e e s ,  by o r g a n i z a t i o n a l  a f f i l i a t i o n ,  is inc luded  a t  
t h e  back of Part 2. 
W e  would l i k e  t o  e x p r e s s  a p p r e c i a t i o n  t o  s e s s i o n  chairmen and speakers 
whose efforts c o n t r i b u t e d  t o  t h e  t e c h n i c a l  e x c e l l e n c e  of t h e  Conference. 
U s e  of  trade names or names of manufac turers  i n  t h i s  report does no t  
c o n s t i t u t e  an o f f i c i a l  endorsement of such p roduc t s  or manufac tu re r s ,  e i t h e r  
expres sed  or implied,  by t h e  N a t i o n a l  Aeronaut ics  and Space Admin i s t r a t ion .  
C. Dr iver  
H a l  T. Baber, Jr .  
Conference Cochairmen 
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SCR PROGRAM OVERVIEW 
Vincent  R. M a s c i t t i  
NASA Langley Research Center 
S ince t h e  l a s t  Conference i n  1976, t h e  name o f  t h e  program has changed 
f rom t h e  Supersonic Cru ise  A i r c r a f t  Research (SCAR) program t o  t h e  Supersonic 
Cru ise  Research (SCR) program as shown i n  f i g u r e  1. 
"A"  i s  very  s i g n i f i c a n t  as i t  emphasizes t h e  f a c t  t h a t  t h i s  i s  n o t  an a i r c r a f t  
program b u t  a research program. 
o u t  i n  Propuls ion,  S t r u c t u r e s  and M a t e r i a l s ,  Aerodynamic Performance, and 
S t a b i l i t y  and Cont ro l  as shown i n  f i g u r e  2. 
areas, improved s o l u t i o n s  t o  known supersonic  problems a r e  be ing  sought. 
Consequently t h e  SCR da ta  base has been enhanced. 
adequately by a l l  t h e  wind tunne l  t e s t s  and exper iments d e p i c t e d  i n  t h e  
mu1 t i m e d i a  p r e s e n t a t i o n .  
The d e l e t i o n  o f  t h e  
Focused research e f f o r t s  a r e  b e i n g  c a r r i e d  
I n  each o f  these research 
This  was shown very  
There are  complex i n t e r d i s c i p l i n a r y  r e l a t i o n s h i p s  i n  t h e  e v o l u t i o n  o f  
a supersonic  c r u i s e  a i r c r a f t .  
I n t e g r a t i o n  Stud ies  approach t o  s o r t  o u t  these i n t e r d i s c i p l i n a r y  r e l a t i o n -  
sh ips  and assess t h e  impact o f  var ious  d i s c i p l i n a r y  technology advances. 
As i l l u s t r a t e d  i n  f i g u r e  2, d i s c i p l i n a r y  r e s u l t s  a r e  f e d  t o  Systems 
I n t e g r a t i o n  Study teams which cons ider  t h e  impact  on b a s e l i n e  supersonic  
c r u i s e  a i r c r a f t  concepts. 
The SCR program has adopted t h e  Systems 
A break-out  o f  t h e  t o t a l  program R&D funding t o  da te  ($86.2 m i l l i o n )  
i s  shown i n  f i g u r e  3. F i g u r e  4 presents  an e i g h t  y e a r  h i s t o r y  o f  t h e  R&D 
f u n d i n g  t rends.  
program, t h e  fund ing  has remained approx imate ly  cons tan t  a t  an average o f  
e i g h t  m i l l i o n  d o l l a r s  p e r  year .  F igure  5 p resents  t h e  SCR R&D fund ing  d i s t r i -  
b u t i o n  f o r  FY 1980 and h i g h l i g h t s  t h e  f a c t  t h a t  t h e  l a r g e s t  p o r t i o n  o f  fund ing  
i s  f o r  Systems I n t e g r a t i o n  Studies.  Th is  has grown somewhat over  t h e  years,  
seemingly a t  t h e  expense o f  o t h e r  d i s c i p l i n a r y  areas, however, a d i f f e r e n t  
p i c t u r e  emerges i f  t h e  e f f o r t  c a r r i e d  on under t h e  Systems Studies i s  
broken down by d i s c l p l i n e .  F igure  6 shows t h a t  m u l t i - d i s c i p l i n a r y  e f f o r t s  
a r e  a l s o  performed under these s t u d i e s  and t h e  cross-hatched r e g i o n  
emphasizes t h a t  i n d u s t r y  i s  matching t h e  government funding d o l l a r  f o r  
d o l  1 a r .  
As ide f rom t h e  Lewis Research Center managed VCE t e s t  bed 
I n  summary, ( f i g u r e  7 )  , t h e  SCR program i s  a technology program, t h e  
systems i n t e g r a t i o n  s t u d i e s  a r e  augmented by i n d u s t r y  fund ing ,  and a t  t h e  
c u r r e n t  t ime bo th  NASA and i n d u s t r y  p r e f e r  an i n t e g r a t e d  team approach. 
Th is  Conference w i l l  p r o v i d e  examples o f  t h e  research  accomplishments 
ob ta ined under sponsorship o f  t h e  SCR program. 
1 
Figure  1.- Program t i t l e  change. 
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F i g u r e  3 . -  D i s t r i b u t i o n  of SCR and VCE R&D funding  
( t o t a l  R&D funds t o  d a t e  ($86.2M)). 
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F i g u r e  4 . -  SCR funding  t r e n d s .  
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SESSION I - AERODYNAMICS 
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INTRODUCTORY REMARKS 
Robert  E .  Bower 
NASA Langley Research Center 
T h i s  sess ion c o n s i s t s  o f  n i n e  papers which summarize r e c e n t  advances i n  
low-speed and high-speed aerodynamics o f  supersonic  c r u i s e  c o n f i g u r a t i o n s .  
Low-Speed Aerodynamics 
The low-speed aerodynamics o f  h i g h l y  swept s l e n d e r  wings has cont inued 
t o  r e c e i v e  a t t e n t i o n  because of t h e  s e r i o u s  performance and s t a b i l i t y  and 
c o n t r o l  problems caused by leading-edge f l o w  s e p a r a t i o n  and t h e  r e s u l t i n g  
v o r t i c e s .  A t  t h e  t i m e  o f  t h e  1976 Supersonic Cru,ise A i r c r a f t  Research 
(SCAR) Conference, these aerodynamic d e f i c i e n c e s  dominated a i r c r a f t  
s i z i n g  s t u d i e s  t o  t h e  e x t e n t  t h a t  wing l o a d i n g  and t h r u s t - t o - w e i g h t  r a t i o s  
were determined by t h e  low-speed o p e r a t i o n a l  c o n s t r a i n t s .  A cons iderab le  
e f f o r t  has been expended d u r i n g  these p a s t  t h r e e  years  t o  e l i m i n a t e  o r  
min imize these d e f i c i e n c i e s .  F igure  1 shows t h e  e x t e n s i v e  amount of  low- 
speed exper imenta l  da ta  r e c e n t l y  ob ta ined on v a r i o u s  supersonic  c r u i s e  
c o n f i g u r a t i o n s  by NASA and i n d u s t r y .  
leading-edge f l a p  d e f l e c t i o n  concepts which e f f e c t i v e l y  reduce l e a d i n g -  
edge f l o w  separa t ion .  F i g u r e  2 presents  t h e  improvements i n  l i f t - t o - d r a g  
r a t i o  t h a t  have been achieved w i t h  these new concepts.  
The paper by Coe (paper  no. 1)  w i l l  r e p o r t  on t h e  Langley low-speed 
research program f o r  supersonic  c r u i s e  c o n f i g u r a t i o n s  and d e s c r i b e  t h e  
t h e o r e t i c a l  and exper imenta l  s t u d i e s  t h a t  w i l l  fo rm t h e  b a s i s  o f  f u t u r e  
research i n  t h i s  area. Recent exper imenta l  r e s u l t s  o b t a i n e d  b y  i n d u s t r y  
and NASA w i t h  v a r i o u s  leading-edge f l a p  designs p r o v i d e  t h e  focus f o r  
t h r e e  papers t o  be presented by Roensch (paper no. 2 )  , Rao (paper no. 4 ) ,  
and Runyan (paper no. 5 ) .  
The most s i g n i f i c a n t  advance has been 
P r e d i c t i n g  aerodynamic pressure d i s t r i b u t i o n s  on h i g h l y  swept wings a t  
moderate t o  h i g h  angles o f  a t t a c k  i s  by no means a new problem. 
has been underway f o r  t h e  p a s t  f i v e  years  t o  examine t h e  s t a t e - o f - t h e - a r t  
and advanced t h e o r e t i c a l  methods t o  p r e d i c t  a e r o e l a s t i c  loads on h i g h l y  swept 
wings. Progress i n  t h i s  area w i l l  be t h e  s u b j e c t  o f  t h e  paper by Manro 
(paper no. 3 ) .  Recent exper imenta l  r e s u l t s  ob ta ined on a cambered- 
t w i s t e d  wing and some new developments i n  separated-vor tex and at tached-  
f l o w  advanced-panel methods w i  11 be presented. 
A program 
High Speed Aerodynamics 
A n a l y t i c a l  des ign methods were emphasized i n  t h e  1976 SCAR Conference. 
I n  t h e  l a s t  t h r e e  years,  these design methods have been exerc ised and bo th  
i n d u s t r y  and NASA have c o n s t r u c t e d  h i g h  speed wind tunne l  models t o  v e r i f y  t h e  
9 
design methods. 
and t h e  c u r r e n t  s t a t u s  o f  t h e  planned t e s t  programs. 
performance f o r  t h e  f i r s t  f i v e  c o n f i g u r a t i o n s  d e p i c t e d  i n  f i g u r e  3 i s  shown 
i n  f i g u r e  4. The p r e d i c t e d  performance range d iscussed d u r i n g  t h e  l a s t  
conference i s  represented by t h e  shaded band. 
r a t i o s  above t h e  band a r e  a r e s u l t  o f  improved wing/body b l e n d i n g  and 
n a c e l l e  i n t e g r a t i o n  methods. 
F i g u r e  3 shows t h e  c o n f i g u r a t i o n s  t h a t  have been designed 
The p r e d i c t e d  
P r e d i c t e d  c r u i s e  1 i f t - t o - d r a g  
The t h e o r e t i c a l  and a n a l y t i c a l  development o f  t h e  Rockwell  and Douglas 
c o n f i g u r a t i o n s  t h a t  a r e  t o  be t e s t e d  i n  t h e  near  f u t u r e  i s  t h e  s u b j e c t  o f  
two papers t o  be presented by Goebel (paper no. 6 )  and Roensch (paper no. 8 ) .  
A paper by K u l f a n  (paper no. 7) w i l l  p resent  r e s u l t s  o f  a c u r r e n t  e f f o r t  t o  
assess t h e  accuracy o f  a n a l y t i c a l  p r e d i c t i o n s  o f  n a c e l l e  aerodynamic i q t e r -  
ference e f f e c t s  a t  low supersonic  speeds by means o f  t e s t  versus t h e o r y  com- 
par isons.  A f i n a l  paper by Robins (paper no. 9) w i l l  r e p o r t  on t h e  r e s u l t s  
o f  a r e c e n t l y  developed method f o r  c a l c u l a t i n g  and d e s i g n i n g  f o r  leading-edge 
t h r u s t  a t  c r u i s e .  
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OVERVIEW OF THE LANGLEY SUBSONIC RESEARCH EFFORT ON 
SCR CONFIGURATIONS 
Pau l  L .  Coe, Jr., James L.  Thomas, Ja r re t t  K .  Huffman, Robert  P. Weston, 
Ward E. Schoonover, J r . ,  and Gar1 L .  Gentry,  Jr. 
N A S A  Langley Research Center  
SUMMARY 
The N a t i o n a l  Aeronau t i c s  and Space Admin i s t r a t ion  is c u r r e n t l y  i n v e s t i -  
g a t i n g  t h e  aerodynamic character is t ics  o f  advanced a i r c r a f t  concep t s  which are  
capab le  o f  c r u i s i n g  e f f i c i e n t l y  a t  supe r son ic  speeds.  These concep tua l  d e s i g n s  
a r e  r e p r e s e n t a t i v e  o f  f u t u r e  g e n e r a t i o n  commercial and m i l i t a r y  v e h i c l e s  and 
i n c o r p o r a t e  wing sweeps on t h e  o r d e r  of 70° t o  80°. U n f o r t u n a t e l y ,  owing t o  
t h e  h i g h  wing sweeps,  such c o n f i g u r a t i o n s  e x h i b i t  d e f i c i e n c i e s  i n  t h e  area o f  
subson ic  performance, s t a b i l i t y ,  and c o n t r o l .  
The p r e s e n t  paper  summarizes r e c e n t  advances ach ieved  by t h e  NASA Langley 
Research Center i n  t h e  subson ic  aerodynamics o f  h i g h l y  swept-wing des igns .  The  
most s i g n i f i c a n t  o f  these advances has  been t h e  development o f  leading-edge 
d e f l e c t i o n  concep t s  which e f f e c t i v e l y  reduce leading-edge flow s e p a r a t i o n .  The 
improved flow a t t achmen t  r e s u l t s  i n  s u b s t a n t i a l  improvements i n  low-speed per- 
formance, s i g n i f i c a n t  d e l a y  o f  l o n g i t u d i n a l  pi tch-up,  i n c r e a s e d  t r a i l i n g - e d g e  
f l a p  e f f e c t i v e n e s s ,  and i n c r e a s e d  l a t e r a l - c o n t r o l  c a p a b i l i t y .  
The paper a l s o  c o n s i d e r s  v a r i o u s  a d d i t i o n a l  t h e o r e t i c a l  and/or  experimen- 
t a l  s t u d i e s  which, i n  c o n j u n c t i o n  w i t h  con t inued  leading-edge d e f l e c t i o n  s t u -  
d i e s ,  forms t h e  basis  f o r  Lang ley ' s  f u t u r e  subson ic  research e f f o r t .  
INTRODUCTION 
The Na t iona l  Aeronau t i c s  and Space Admin i s t r a t ion  is c u r r e n t l y  i n v e s t i -  
g a t i n g  t h e  aerodynamic c h a r a c t e r i s t i c s  o f  advanced a i rc raf '  concep t s  which are  
capab le  o f  c r u i s i n g  e f f i c i e n t l y  a t  s u p e r s o n i c  speeds.  T. - y e  concep tua l  d e s i g n s  
are  r e p r e s e n t a t i v e  of f u t u r e  g e n e r a t i o n  commercial and m i l i t a r y  v e h i c l e s  and 
i n c o r p o r a t e  wing sweeps on t h e  o r d e r  o f  70° t o  80°. (See, f o r  example, refs.  1 
and 2.) U n f o r t u n a t e l y ,  owing t o  t h e  h igh  wing sweeps,  such c o n f i g u r a t i o n s  
e x h i b i t  d e f i c i e n c i e s  i n  t h e  area o f  subson ic  performance, s t a b i l i t y ,  and 
c o n t r o l .  The p r e s e n t  paper  is in t ended  t o  p rov ide  a b r i e f  overview of  the  NASA 
Langley subson ic  research e f f o r t  which is  in t ended  t o  e l i m i n a t e  o r  minimize 
these above-mentioned d e f i c i e n c i e s .  
SYMBOLS 
The l o n g i t u d i n a l  data are  r e f e r r e d  t o  t h e  s t a b i l i t y  system of  a x e s  wi th  
t h e  moment r e f e r e n c e  c e n t e r  be ing  l o c a t e d  a t  59.16 p e r c e n t  of t h e  r e f e r e n c e  
mean aerodynamic chord. The r e f e r e n c e  wing area and chord are based on t h e  
wing planform which r e s u l t s  from ex tend ing  t h e  inboa rd  ( 7 4 O )  leading-edge sweep 
a n g l e  and t h e  outboard (41.457O) t r a i l i n g - e d g e  sweep a n g l e  t o  t h e  model c e n t e r  
l i n e .  (See  f i g .  1.) 
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wing span ,  m ( f t )  
d rag  c o e f f i c i e n t ,  Drag/qSref 
d r a g  c o e f f i c i e n t  of e q u i v a l e n t  symmetric c o n f i g u r a t i o n  (wi thou t  t w i s t  
o r  camber) a t  zero  l i f t  
l i f t  c o e f f i c i e n t ,  Lif t /qSref  
l i f t - c u r v e  s l o p e ,  a C L / a a ,  p e r  deg 
rolling-moment c o e f f i c i e n t ,  R o l l i n g  moment/qSrefb 
l a t e r a l - s t a b i l i t y  d e r i v a t i v e ,  aC,/af3, p e r  deg 
pitching-moment c o e f f i c i e n t ,  P i t c h i n g  moment/qS 
l o c a l  chord ,  m ( f t )  
r e f e r e n c e  mean aerodynamic chord ,  m ( f t )  
h e i g h t  of moment r e f e r e n c e  c e n t e r  above ground p l a n e ,  m ( f t )  
free-stream dynamic p r e s s u r e ,  Pa  ( l b f / f t  
Reynolds number 
r e f e r e n c e  wing  area, m2 ( f t  ) 
leading-edge s u c t i o n  parameter  
streamwise d i s t a n c e  measured from wing l e a d i n g  edge 
a n g l e  o f  a t t a c k ,  deg  
a n g l e  of s i d e s l i p ,  deg 
geometr ic  a n h e d r a l ,  deg 
t r a i l i n g - e d g e  f l a p  d e f l e c t i o n  normal t o  h inge  l i n e ,  p o s i t i v e  when 
re fC 
2 
2 
t r a i l i n g  edge is down, deg 
leading-edge d e f l e c t i o n  normal t o  h inge  l i n e ,  p o s i t i v e  when l e a d i n g  
edge is down, deg  
DISCUSSION 
F i g u r e  1 p r e s e n t s  a three-view s k e t c h  o f  t h e  Langley SCR b a s e l i n e  concept  
( r e f .  3) which h a s  se rved  as t h e  focal p o i n t  for  t h e  r e s e a r c h  e f fo r t  summarized 
i n  f i g u r e  2 .  It  should be noted  t h a t  whi le  much of t h e  r e s e a r c h  has  been 
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conducted f o r  a p a r t i c u l a r  concep tua l  d e s i g n ,  t h e  r e s u l t s  a re  cons ide red  t o  be 
a p p l i c a b l e  t o  t h e  g e n e r i c  c lass  o f  h i g h l y  swept-wing c o n f i g u r a t i o n s .  Recent 
r e s u l t s  ob ta ined  f o r  t h e  areas of r e s e a r c h  i n d i c a t e d  i n  f i g u r e  2 a re  p resen ted  
i n  d e t a i l  i n  r e f e r e n c e s  4 through 7 and are  summarized h e r e i n .  
Effects  of Leading-Edge Devices  
A s  is well known, t h e  p r e v i o u s l y  mentioned d e f i c i e n c i e s  i n  low-speed 
performance, s t a b i l i t y ,  and c o n t r o l  aye l a r g e l y  a t t r i b u t a b l e  t o  t h e  problem o f  
leading-edge flow s e p a r a t i o n .  Consequently,  Langley h a s  c o n c e n t r a t e d  i ts  sub-  
s o n i c  research on d e v i s i n g  a s a t i s f a c t o r y  s o l u t i o n  t o  t h a t  problem. The means 
cons ide red  i n c l u d e :  d e f l e c t i o n  of t h e  l e a d i n g  edge i n  a n  a t t e m p t  t o  ach ieve  
a t t a c h e d  f low (which is d i s c u s s e d  i n  t h e  p r e s e n t  p a p e r )  and a t t e m p t s  t o  p rov ide  
a c o n t r o l l e d  flow s e p a r a t i o n  w i t h  v o r t e x  f l a p  concep t s  as w i l l  be d i s c u s s e d  i n  
subsequent  pape r s .  (See  re fs .  8 and 9 . )  
Effect o f  leading-edge d e f l e c t i o n  on performance.- F i g u r e  3 p r e s e n t s  t h e  
d r a g  p o l a r  f o r  t h e  c o n f i g u r a t i o n  wi th  u n d e f l e c t e d  l e a d i n g  edges. Also pre- 
s e n t e d ,  for purposes  o f  comparison, are drag p o l a r s  approximating t h e  c o n d i t i o n  
o f  f u l l y  a t t a c h e d  f low and t h e  c o n d i t i o n  o f  f u l l y  s e p a r a t e d  f low wi th  no sub- 
sequen t  
d i t i o n s  
cD 
and f o r  
cD 
r ea t t achmen t .  Expres s ions  f o r  t h e  d r a g  p o l a r s  r e p r e s e n t i n g  t h e s e  con- 
are g iven  f o r  f u l l y  attached flow a s  
%AR = ‘Dsym + ‘L 
f u l l y  s e p a r a t e d  f low a s  
(1) 
r e p r e s e n t s  t h e  drag c o e f f i c i e n t  o f  t h e  u n t w i s t e d ,  uncambered, ‘Dsym where 
wing-body combination a t  z e r o  l ift.  Cons ide ra t ion  o f  t h e  expe r imen ta l  d a t a  o f  
f i g u r e  3 i n d i c a t e s  t h a t  w i th  u n d e f l e c t e d  l e a d i n g  edges t h e  f low is on ly  par-  
t i a l l y  a t t a c h e d  for t h e  r ange  of l i f t  c o f f i c i e n t s  of i n t e r e s t ,  i .e . ,  CL > 0.3. 
Smoke and o i l  flow v i s u a l i z a t i o n  s t u d i e s  have i d e n t i f i e d  f low s e p a r a t i o n  on t h e  
outboard wing pane l  f o r  CY > 2 O  and flow s e p a r a t i o n  a t  t h e  wing apex and 
7 0 . 5 O  wing c rank  for a > 5 O .  
F i g u r e  4 p r e s e n t s  photographs o f  t h e  wind-tunnel models used t o  i n v e s t i -  
gate leading-edge d e f l e c t i o n  concep t s  i n t ended  t o  a l l e v i a t e  leading-edge f low 
s e p a r a t i o n .  The r a t i o n a l e  f o r  these leading-edge concep t s  is  d i s c u s s e d  i n  
d e t a i l  i n  r e f e r e n c e s  4 ,  6 ,  and 10. The u n d e r l y i n g  c o n s i d e r a t i o n ,  however, is 
simply one of a t t e m p t i n g  t o  a l i g n  t h e  l e a d i n g  edge w i t h  t h e  incoming f low 
f i e l d .  The f i g u r e  o f  merit c u s t o m a r i l y  selected f o r  such s t u d i e s  h a s  been t h e  
effect ive leading-edge s u c t i o n  pa rame te r ,  s ,  which is d e f i n e d  as i l l u s t r a t e d  
i n  f i g u r e  5. (See ref. 11 fo r  a d d i t i o n a l  d i s c u s s i o n  o f  s . )  Inasmuch as t h i s  
parameter  is in t ended  t o  s e r v e  as a n  i n d i c a t o r  o f  t o t a l  wing e f f i c i e n c y ,  i t  h a s  
become customary t o  i n c o r p o r a t e  t h e  i n f l u e n c e  o f  t r a i l i n g - e d g e  f l a p  d e f l e c t i o n  
i n  t h e  c a l c u l a t i o n  of s. T h i s  is accomplished by de te rmin ing  t h e  envelope of 
t h e  d r a g  p o l a r  f o r  t h e  c o n f i g u r a t i o n  w i t h  va ry ing  t r a i l i n g - e d g e  f l a p  d e f l e c t i o n  
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as  i l l u s t r a t e d  i n  f i g u r e  5 ( b ) .  It  is ,  o f  c o u r s e ,  acknowledged t h a t  by so  do ing  
t h e  v a l u e  o f  s ,  based on t h e  p o l a r  envelope,  is g r e a t l y  i n f l u e n c e d  by t h e  
e f f e c t i v e n e s s  o f  t h e  t r a i l i n g - e d g e  f l a p  system. 
An i n i t i a l  s t u d y  ( r e f .  4) i n  which an  a t t e m p t  was made t o  q u a l i t a t i v e l y  
e v a l u a t e  t h e  leading-edge upwash h a s  shown t h a t ,  f o r  h i g h l y  swept wings,  
t h e o r e t i c a l  e s t i m a t e s  o f  t h e  upwash are  s i g n i f i c a n t l y  greater t h a n  experimen- 
t a l l y  observed v a l u e s .  The r e s u l t s  o f  t h a t  s t u d y  l e d  N A S A  t o  e x p l o r e  a uniform 
300 leading-edge d e f l e c t i o n ,  where 300 was s e l e c t e d  as  it  was cons ide red  t o  
r e p r e s e n t  an  ave rage  v a l u e  o f  t h e  upwash a l o n g  t h e  span. The i n i t i a l  uniform 
300 d e f l e c t i o n  s t u d i e d  r e s u l t e d  from "on-si te"  m o d i f i c a t i o n s  t o  t h e  wind-tunnel 
model shown on t h e  l e f t  i n  f i g u r e  4. There was an  inadequa te  wedge f a i r i n g  
between t h e  deflected leading-edge segments and t h e  main wing s t r u c t u r e  which 
r e s u l t e d  i n  a s h o r t  bubble  s e p a r a t i o n  a t  t h e  shou lde r  o f  t h e  leading-edge f l a p .  
A more r e c e n t  s t u d y ,  i n  which a c i r c u l a r  arc  f a i r i n g  was i n t r o d u c e d ,  h a s  been 
found t o  e l i m i n a t e  t h i s  problem. F i g u r e  6 p r e s e n t s  t h e  v a l u e s  o f  s ca lcu -  
l a t e d  from t h e  p o l a r  enve lopes  as  a f u n c t i o n  o f  CL 
d e f l e c t e d  l e a d i n g  edges  wi th  bo th  f a i r i n g s .  Also shown, f o r  purposes  o f  com- 
p a r i s o n ,  a re  comparable r e s u l t s  f o r  t h e  c o n f i g u r a t i o n  w i t h  a n  u n d e f l e c t e d  
l e a d i n g  edge. A s  can be s e e n ,  bo th  o f  t h e  uniform 30° leading-edge configura-  
t i o n s  provided s i g n i f i c a n t  i n c r e a s e s  i n  s when compared w i t h  t h e  u n d e f l e c t e d  
l e a d i n g  edge. Furthermore,  t h e  c i rcular  a rc  leading-edge f a i r i n g  p rov ides  
abou t  5 t o  10 p e r c e n t  h i g h e r  v a l u e s  o f  s t h a n  t h e  wedge f a i r i n g .  It must be 
r e c a l l e d  t h a t  30° r e p r e s e n t s  an  ave rage  v a l u e  o f  t h e  leading-edge upwash, and 
a s  such ,  t h i s  30° l e a d i n g  edge is o v e r d e f l e c t e d  a t  inboa rd  span l o c a t i o n s  wh i l e  
be ing  u n d e r d e f l e c t e d  a t  outboard span l o c a t i o n s .  
f o r  t h e  uniform 30° 
A d d i t i o n a l  s t u d i e s  i n  which t h e  leading-edge d e f l e c t i o n  was contoured t o  
more n e a r l y  a l i g n  t h e  l e a d i n g  edge wi th  t h e  incoming f low a l o n g  t h e  e n t i r e  span 
have been conducted. The p a r t i c u l a r  concep t s  s t u d i e d  are r e f e r r e d  t o  a s  t h e  
NASA con t inuous ly  warped l e a d i n g  edge ( r e f .  6 )  and t h e  Boeing v a r i a b l e  camber 
l e a d i n g  edge ( r e f .  10). F i g u r e  7 p r e s e n t s  t h e  schedu le  f o r  t h e  leading-edge 
d e f l e c t i o n  a n g l e  as a f u n c t i o n  o f  t h e  nondimensional semispan f o r  t h e s e  con- 
c e p t s .  Experimental  v a l u e s  o f  leading-edge s u c t i o n  are p r e s e n t e d  as a f u n c t i o n  
o f  CL i n  f i g u r e  8 f o r  t h e  Boeing v a r i a b l e  camber concept  (based  on t h e  p o l a r  
enve lope ) .  Also p r e s e n t e d  f o r  purposes  o f  comparison are  t h e  co r re spond ing  
r e s u l t s  f o r  t h e  NASA uniform 30° d e f l e c t e d  l e a d i n g  edge. A s  can be s e e n ,  t h e  
Boeing v a r i a b l e  camber leading-edge concept  r e s u l t s  i n  a small i n c r e a s e  i n  s 
f o r  a g iven  CL. The N A S A  c o n t i n o u s l y  warped l e a d i n g  edge was u n f o r t u n a t e l y  
t e s t e d  on a model which d i d  no t  i n c o r p o r a t e  a t r a i l i n g - e d g e  f l a p  system, and 
hence,  a d i r e c t  comparison w i t h  t h e  v a l u e s  o f  s p r e s e n t e d  for t h e  o t h e r  con- 
c e p t s  (based on t h e  p o l a r  envelope)  is n o t  a p p r o p r i a t e .  Furthermore,  inasmuch 
as  t h e  Boeing v a r i a b l e  camber d e s i g n  p r o c e s s  was conducted f o r  c o n d i t i o n s  wi th  
6f 5 O ,  a comparison of r e s u l t s  f o r  c o n d i t i o n s  w i t h  6f Oo is n o t  a p p r o p r i a t e .  
I n  o r d e r  t o  p rov ide  a b a s i s  f o r  comparison and some i n s i g h t  i n t o  t h e  
e f fec t  o f  t r a i l i n g - e d g e  f l a p s ,  f i g u r e  9 p r e s e n t s  s versus  a f o r  t h e  con- 
f i g u r a t i o n  wi th  t h e  Boeing v a r i a b l e  camber leading-edge w i t h  s e v e r a l  v a l u e s  o f  
t r a i l i n g - e d g e  f l a p  d e f l e c t i o n .  Also p r e s e n t e d  i n  f i g u r e  9 i s  t h e  v a r i a t i o n  o f  
s w i t h  r e s p e c t  t o  a f o r  t h e  c o n f i g u r a t i o n  w i t h  t h e  c o n t i n o u s l y  warped 
l e a d i n g  edge and 6f = O o .  
r e s u l t s  i n  v a l u e s  o f  s which are e q u i v a l e n t  t o  t h o s e  ache ived  wi th  t h e  
A s  can be s e e n ,  t h e  c o n t i n u o u s l y  warped l e a d i n g  edge 
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v a r i a b l e  camber l e a d i n g  edge f o r  a g iven  a n g l e  of a t tack;  however, w i thou t  t h e  
t r a i l i n g - e d g e  f l a p  system, a higher  a is r e q u i r e d  t o  o b t a i n  a g iven  CL. 
A d d i t i o n a l  tests are planned for t h e  NASA c o n t i n u o u s l y  warped l e a d i n g  edge i n  
c o n j u n c t i o n  w i t h  a t r a i l i n g - e d g e  f l a p  system. Based on t h e  t r e n d s  observed 
from f i g u r e  9 ,  i t  is a n t i c i p a t e d  t h a t  l e v e l s  o f  l e a d i n g  edge s u c t i o n  h i g h e r  
t h a n  t h o s e  p r e s e n t l y  ach ieved  are o b t a i n a b l e .  
It should be no ted  t h a t  t h e  marked r e d u c t i o n  i n  leading-edge s u c t i o n ,  
which occur s  w i t h  i n c r e a s i n g  a n g l e  o f  a t tack,  i n d i c a t e s  t h a t  even w i t h  t h e  
deflected l e a d i n g  edges, flow s e p a r a t i o n  p e r s i s t s  a t  h i g h e r  a n g l e s  o f  a t tack .  
T h i s  r e s u l t  h a s  been confirmed by smoke flow v i s u a l i z a t i o n  s t u d i e s  which showed 
t h a t ,  f o r  a n g l e s  o f  a t tack on t h e  o r d e r  o f  80 t o  l o o ,  leading-edge s e p a r a t i o n  
o r i g i n a t e s  a t  t h e  70 .5O wing c rank  and on t h e  600 swept  outboard pane l .  
Inasmuch as  t h e  leading-edge d e f l e c t i o n  outboard o f  t h e  70 .5O wing crank is  
l a r g e l y  c o n s t r a i n e d  by a r e l a t i v e l y  s h o r t  chord,  a r e v i s e d  leading-edge hinge 
l i n e ,  p rov id ing  a n  i n c r e a s e d  chord f o r  t he  leading-edge segment ( a s  suggested 
i n  ref.  41, may a i d  i n  producing attached flow. It is fur ther  a n t i c i p a t e d  
t h a t  t h e  improvement provided by t h e  r e v i s e d  h inge  l i n e  would be enhanced upon 
t h e  e l i m i n a t i o n  o f  t h e  7 0 . 5 O  wing crank.  
Although s t u d i e s  have shown t h a t  a large chord Krueger f l a p  is  e f f e c t i v e  
i n  p rov id ing  attached f low on t h e  outboard p a n e l ,  such a d e v i c e  may be imprac- 
t i c a l .  Langley Research Center  is, t h e r e f o r e ,  s t u d y i n g  outboard pane l  t w i s t  
and sweep i n  c o n j u n c t i o n  w i t h  r e v i s e d  outboard pane l  l e a d i n g  edges i n  a n  
a t t e m p t  t o  d e f i n e  a l t e r n a t e  s o l u t i o n s  t o  t h e  problem o f  ou tboa rd  p a n e l  f low 
s e p a r a t i o n .  
Effect o f  leading-edge d e f l e c t i o n  on l o n g i t u d i n a l  s t a b i l i t y . -  I n  a d d i t i o n  
t o  improved low-speed performance, leading-edge d e f l e c t i o n  would be expected t o  
improve l o n g i t u d i n a l  s t a b i l i t y .  Experimental  r e s u l t s  are p r e s e n t e d  i n  f i g u r e  
10 i n  t h e  form o f  C, v e r s u s  CL and Cm v e r s u s  a. The symbols p re sen ted  
i n  f i g u r e  10 r e p r e s e n t  t h e  o n s e t  o f  pi tch-up f o r  t h e  r e s p e c t i v e  c o n d i t i o n s .  A s  
can  be seen ,  w i t h  u n d e f l e c t e d  l e a d i n g  edges, t h e  c o n f i g u r a t i o n  e x h i b i t s  a 
marked pitch-up character is t ic  f o r  CL > 0.3 o r  ty > 5O. The o n s e t  o f  t h i s  
pi tch-up character is t ic  is c o i n c i d e n t  w i t h  t h e  fo rma t ion  o f  wing apex v o r t i c e s  
and s e p a r a t i o n  of the  outboard wing panel .  A s  expected, d e f l e c t i n g  the  wing 
l e a d i n g  edge, the reby  postponing t h e  a n g l e  o f  a t t a c k  a t  which leading-edge 
s e p a r a t i o n  o c c u r s ,  r e s u l t s  i n  a postponement o f  t h e  pi tch-up c h a r a c t e r i s t i c .  
The m i l d  bu t  p e r s i s t e n t  pi tch-up character is t ic  e x h i b i t e d  by the  c o n f i g u r a t i o n  
w i t h  deflected l e a d i n g  edges is cons ide red  t o  be  a r e s u l t  o f  f low s e p a r a t i o n  on 
t h e  outboard wing panel .  While a d d i t i o n a l  research is planned t o  d e f i n e  t h e  
outboard pane l  geometry r e q u i r e d  t o  f u r t h e r  postpone t h i s  characterist ic,  
r e c e n t  s t u d i e s  i n d i c a t e  t h a t  t h e  l i n e a r i t y  o f  Cm v e r s u s  CL,  a s  provided by 
t h e  p r e s e n t  leading-edge d e v i c e s ,  may be s a t i s f a c t o r y  w i t h  t h e  i n t r o d u c t i o n  of 
a - l i m i t i n g  concep t s .  
Effect of leading-edge d e f l e c t i o n  on h i g h  l i f t . -  The i n f l u e n c e  o f  leading-  
edge d e f l e c t i o n  on t r a i l i n g - e d g e  f l a p  e f f e c t i v e n e s s  is summarized i n  f i g u r e  11. 
A s  would be expec ted ,  t h e  inc remen ta l  l i f t  provided by d e f l e c t i n g  t h e  p l a i n  
t r a i l i n g - e d g e  f l a p  system is markedly i n c r e a s e d  by t h e  improved flow at tachment  
o b t a i n e d  through leading-edge d e f l e c t i o n .  
i n d i c a t e  a l e v e l  o f  t r a i l i n g - e d g e  e f f e c t i v e n e s s  which is e q u i v a l e n t  t o  t h a t  
For v a l u e s  of 6f < 20°, t h e  r e s u l t s  
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p r e d i c t e d  by s i m p l e  v o r t e x - l a t t i c e  p o t e n t i a l - f l o w  t h e o r y  ( r e f .  1 2 ) .  Although a 
s l o t t e d  t r a i l i n g - e d g e  system may p rov ide  i n c r e a s e d  f l a p  e f f e c t i v e n e s s  for 6f > 
20°, a t  lower f l a p  d e f l e c t i o n s  i t  would no t  i n c r e a s e  t h e  l i f t i n g  c a p a b i l i t y  
above t h a t  which is a v a i l a b l e  through u s e  o f  a p p r o p r i a t e  leading-edge deflec- 
t i o n .  
Effect o f  leading-edge d e f l e c t i o n  on l a t e r a l  c o n t r o l . -  C o n s i s t e n t  w i t h  the 
i n c r e a s e d  t r a i l i n g - e d g e  f l a p  e f f e c t i v e n e s s ,  f i g u r e  12 shows t h a t  leading-edge 
d e f l e c t i o n  a l s o  p r o v i d e s  a marked i n c r e a s e  i n  t h e  r o l l  c o n t r o l  provided by t h e  
outboard a i l e r o n s .  Owing t o  t h e  e x c e s s i v e l y  h i g h  l e v e l  o f  e f f e c t i v e  d i h e d r a l ,  
which accompanies h i g h l y  swept wings,  improved r o l l  c o n t r o l  is p a r t i c u l a r l y  
c r i t i c a l  for t h i s  class o f  v e h i c l e .  When c o n s i d e r i n g  t h e  c u r r e n t  30 knot  cross- 
wind l a n d i n g  c r i t e r i a ,  t h e  p r e s e n t  l e v e l  o f  e f f e c t i v e  d i h e d r a l  r e q u i r e s  t h a t  
t h e  c o n f i g u r a t i o n  a c h i e v e  a l a t e r a l - c o n t r o l  c a p a b i l i t y  on t h e  o r d e r  o f  Cz = 
0.04. It is a n t i c i p a t e d  t h a t  i n c r e a s e d  l a t e ra l  c o n t r o l  w i l l  r e s u l t  from a d d i -  
t i o n a l  s t u d i e s  in t ended  t o  f u r t h e r  improve t h e  flow ove r  t h e  outboard wing 
panel .  
Effect o f  Reynolds Number 
It should be no ted  t h a t  t h e  data p resen ted  i n  t h e  p reced ing  s e c t i o n  were 
ob ta ined  from tes ts  conducted f o r  v a l u e s  o f  
hence,  t h e  r e s u l t s  may n o t  be d i r e c t l y  a p p l i c a b l e  t o  a i rcraf t  concep t s  which 
o p e r a t e  a t  v a l u e s  of RN on t h e  o r d e r  o f  100 x l o 6 .  An i l l u s t r a t i o n  of 
R N  effects is provided by c o n s i d e r a t i o n  o f  t h e  p r e s s u r e  d i s t r i b u t i o n  over  t h e  
l e a d i n g  edge of t h e  70° swept g l o v e  o f  a n  F-111 a i r p l a n e .  
o b t a i n e d  d u r i n g  j o i n t  N A S A - A i r  Force f l i g h t  tests. F i g u r e  13 shows t h e  
a i r c ra f t  i n  f l i g h t  and i l l u s t r a t e s  t h e  c o n f i g u r a t i o n  c r o s s  s e c t i o n  a t  t h e  par- 
t i c u l a r  span s t a t i o n  o r  which t h e  data were measured. F i g u r e  1 4  p r e s e n t s  t h e  
expe r imen ta l  v a r i a t i o n  o f  Cp w i t h  t h e  nondimensional d i s t a n c e  from t h e  
l e a d i n g  edge S/c ,  a t  v a l u e s  o f  RN = 20 x l o6  and 40 x lo6 .  
a f t  o f  t he  l e a d i n g  edge. 
x lo6 are  i n d i c a t i v e  of a t t a c h e d  flow c o n d i t i o n s .  
t o  i l l u s t r a t e  t h e  need f o r  wind-tunnel tests conducted a t  r e p r e s e n t a t i v e  v a l u e s  
of f l i g h t  RN.  
R N  on t h e  o r d e r  o f  2.5 x l o 6 ;  
These data were 
Data ob ta ined  a t  
R N  = 20 x 10 6 i n d i c a t e  t h e  p re sence  o f  a v o r t e x  core p a s s i n g  abou t  3 p e r c e n t  
I n  c o n t r a s t  t o  t h i s  r e s u l t ,  data o b t a i n e d  a t  RN = 40 
The p reced ing  r e s u l t  s e r v e s  
A d d i t i o n a l  S t u d i e s  and F u t u r e  P l a n s  
Although t h e  development o f  leading-edge d e f l e c t i o n  concep t s  has been t h e  
r e c e n t  emphasis o f  t h e  subson ic  SCR e f f o r t ,  o t h e r  a s p e c t s  o f  t h e  concep tua l  
d e s i g n  are being a c t i v e l y  s t u d i e d  (see f ig .  2 ) .  These t h e o r e t i c a l  and/or  
expe r imen ta l  s t u d i e s ,  i n  c o n j u n c t i o n  w i t h  t h e  p r e v i o u s l y  d i s c u s s e d  leading-edge 
d e f l e c t i o n  s t u d i e s ,  form t h e  basis f o r  Langley 's  f u t u r e  subson ic  research 
e f f o r t .  T h i s  f u t u r e  research e f f o r t  is summarized i n  f i g u r e s  15 and 16. 
Highl ights  o f  v a r i o u s  isolated research e f f o r t s  are summarized i n  t h e  fol lowing 
d i s c u s s i o n .  
Leading-edge upwash.- A s  mentioned i n  a p rev ious  s e c t i o n ,  i n i t i a l  a t t e m p t s  
t o  q u a l i t a t i v e l y  e v a l u a t e  t h e  leading-edge upwash ( re f .  4 )  have shown t h a t  for 
h i g h l y  swept wings,  t h e o r e t i c a l  estimates o f  t h e  upwash are s i g n i f i c a n t l y  
greater than  e x p e r i m e n t a l l y  observed v a l u e s .  I n  o r d e r  t o  q u a n t a t i v e l y  d e f i n e  
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t he  leading-edge upwash, laser ve loc ime te r  t echn iques  w i l l  be  used t o  measure 
t h e  f low f i e l d .  It is a n t i c i p a t e d  t h a t  these s t u d i e s  w i l l  p rov ide  t h e  i n f o r -  
mat ion necessa ry  t o  develop optimum leading-edge d e f l e c t i o n  concepts .  
Inboard wing leading-edge sweep and h inge  l i n e . -  Low-speed exper imenta l  
s t u d i e s  (see,  f o r  example, refs. 4 and 6 )  have shown t h a t  f low s e p a r a t i o n  
o r i g i n a t e s  a t  t h e  mid-span wing crank.  These s t u d i e s  have shown t h a t ,  whi le  
postponed,  t h i s  s e p a r a t i o n  pheneomena p e r s i s t s  even w i t h  t h e  deflected leading-  
edge concepts  cons ide red  t o  date. I n  an  a t t e m p t  t o  q u a n t a t i v e l y  d e f i n e  t h e  
p o t e n t i a l  b e n e f i t s  o f  e l i m i n a t i n g  t h i s  inboard  sweep break,  exper imenta l  s t u d i e s  
w i l l  be  conducted w i t h  a c o n s t a n t  sweep inboard  l e a d i n g  edge, as sketched i n  
f i g u r e  16.  These s t u d i e s  w i l l  f u r t h e r  c o n s i d e r  a r e v i s e d  leading-edge h inge  
l i n e ,  a l s o  sketched i n  f i g u r e  16.  
i n  r e f e r e n c e  4, is in tended  t o  p rov ide  an  inc reased  leading-edge f l a p  chord 
outboard  (where i t  is most needed) w h i l e  r educ ing  t h e  chord inboa rd ,  where 
leading-edge d e f l e c t i o n  is less  c r i t i c a l .  
The r e v i s e d  h inge  l i n e ,  which i s  d i scussed  
Outboard p a n e l  t w i s t  and sweep.- As noted  i n  a p rev ious  s e c t i o n ,  p rov id ing  
attached f low on t h e  60° outboard  wing pane l  a t  moderate t o  h i g h  a n g l e s  of 
a t tack  remains a cha l l enge .  Consequent ly ,  tes ts  are planned t o  de te rmine  t h e  
e f fec t  of outboard  pane l  t w i s t  and sweep on low-speed performance, l o n g i t u d i n a l  
s t a b i l i t y ,  and la teral  c o n t r o l .  Inc reased  t w i s t  (washout)  o f  t h e  outboard  p a n e l  
would, o f  cour se ,  degrade t h e  span-load d i s t r i b u t i o n  and hence would have a 
d e t r i m e n t a l  e f fec t  on supe r son ic  performance. However, if a l l  movable wing t i p s  
a r e  cons ide red ,  i n c r e a s e d  washout may be a means for promoting a t t a c h e d  flow. 
Reduced sweep o f  t h e  outboard  pane l  ( i n  c o n t r a s t  t o  i n c r e a s e d  washout) may 
r e p r e s e n t  a more v i a b l e  s o l u t i o n  t o  t h e  problem. Recent in-house s t u d i e s  have 
i n d i c a t e d  t h a t  reduced outboard  pane l  sweep would n o t  s i g n i f i c a n t l y  degrade 
supe r son ic  performance. 
The i n t e n t  o f  t h e  above low-speed s tudy  is t o  de te rmine  t h e  t w i s t  and sweep 
o f  t h e  outboard  pane l  ( i n  con junc t ion  wi th  r e v i s e d  outboard  pane l  leading-edge 
t r ea tmen t )  r e q u i r e d  t o  p rov ide  attached flow and t o  de te rmine  t h e  magnitude o f  
t h e  r e s u l t i n g  improvements i n  t h e  low-speed aerodynamic charactersit ics so t h a t  
a detai led trade s t u d y  can  be  conducted. 
Outboard v e r t i c a l - f i n  p o s i t i o n  and o r i e n t a t i o n . -  A theoretical  s t u d y  pre-  
s e n t e d  i n  r e f e r e n c e  7 has  shown t h a t  i n c r e a s i n g  t h e  inwardly  directed load  on 
t h e  outboard  v e r t i c a l  f i n  r e s u l t s  i n  a n  improved span-load d i s t r i b u t i o n ,  and 
t h e r e f o r e ,  improved low-speed performance. The s t u d y  has  shown t h a t  such a n  
i n c r e a s e  i n  load  may be  accomplished by moving t h e  outboard  v e r t i c a l  f i n  fo r -  
ward o r  by t o e i n g  t h e  v e r t i c a l  f i n  inwardly.  Inasmuch as t h e  p r e s e n t  p o s i t i o n  
and o r i e n t a t i o n  of the  outboard  v e r t i c a l  f i n  is based on s u p e r s o n i c  performance 
c o n s i d e r a t i o n s ,  such  changes may be  i n a p p r o p r i a t e .  However, a n  a l t e r n a t e  means 
o f  i n c r e a s i n g  t h e  v e r t i c a l  f i n  load  would be  t o  produce a n  e f f e c t i v e  camber 
s u r f a c e  by i n t r o d u c i n g  a v e r t i c a l  f i n  rudder .  Such a system may a l s o  r e q u i r e  
some form o f  v e r t i c a l  f i n  leading-edge t r ea tmen t  t o  p reven t  f low s e p a r a t i o n .  
Wind-tunnel tes ts  are planned t o  de te rmine  i f  t h e  improvement i n  low-speed per-  
formance p r e d i c t e d  by t h e o r y  can be achieved .  
Geometric anhedra1.- As noted  i n  a p rev ious  s e c t i o n ,  t h e  e x c e s s i v e l y  h igh  
l e v e l  o f  e f f e c t i v e  d i h e d r a l ,  which is a s s o c i a t e d  w i t h  h i g h  wing sweep, is found 
t o  r e q u i r e  r e l a t i v e l y  h igh  l e v e l s  of l a te ra l  c o n t r o l  t o  meet t h e  c u r r e n t  30 
kno t  crosswind l a n d i n g  c r i t e r i a .  These v a l u e s  o f  C2 however, are based on 
tes t  data f o r  t h e  c r u i s e  shape  wing. Recent s t r u c t u r a l  a n a l y s i s  has  shown t h a t  
i n  t h e  l and ing  c o n d i t i o n  t h e  wing assumes a shape which is somewhat d i f f e r e n t  
from t h e  c r u i s e  shape.  
f i g u r a t i o n  having an  i n c r e a s e d  geometr ic  anhedra l  f o r  t h e  l a n d i n g  c o n d i t i o n .  
P '  
The d i f f e r e n c e  %- 'wing  shape  r e s u l t s  i n  t h e  con- 
Recent wind-tunnel tests (se*e ref.  6 )  have determined t h e  v a r i a t i o n  of  
C w i t h  r e s p e c t  t o  geometric a n h e d r a l  and have f u r t h e r  shown t h a t  t h e  inc re -  
ment i n  C due t o  a n h e d r a l  can  be approximated w i t h  t h e  u s e  o f  s i m p l e  
v o r t e x - l a t t i c e  theo ry  (see f ig .  17). Based on t h e  a n t i c i p a t e d  shape o f  t h e  
wing i n  t h e  l and ing  c o n d i t i o n ,  and t h e  r e s u l t s  ob ta ined  from r e f e r e n c e  5 ,  i t  is 
cons ide red  t h a t  t h e  v a l u e s  o f  
c r u i s e  shape wing) are about  10 p e r c e n t  high. T h i s  v a l u e  w i l l  be  r e f i n e d  w i t h  
subsequent  wind-tunnel tests of t h e  c o n f i g u r a t i o n  employing t h e  assumed l and ing  
geometry. 
Ct (as p r e d i c t e d  by wind-tunnel tes ts  o f  t h e  P 
Leading-edge o p t i m i z a t i o n  for h i g h - l i f t  condi t ion . -  As noted  p r e v i o u s l y ,  
t h e  NASA con t inuous ly  warped l e a d i n g  edge has provided  h i g h e r  l e v e l s  o f  
leading-edge s u c t i o n  than  t h e  o t h e r  concep t s  cons idered .  However, t h i s  concept  
was tested on a model which d i d  n o t  i n c o r p o r a t e  t r a i l i n g - e d g e  f l a p s ,  and hence,  
its h i g h - l i f t  characterist ics are n o t  well de f ined .  Experimental  s t u d i e s  w i l l  
be conducted f o r  t h e  con t inuous ly  warped l e a d i n g  edge i n  con junc t ion  w i t h  a 
t r a i l i n g - e d g e  f l a p  system. P re l imina ry  ev idence  i n d i c a t e s  t h a t  t h e  inc reased  
c i r c u l a t i o n  provided by t h e  t r a i l i n g - e d g e  f l a p  system may r e q u i r e  t h e  leading-  
edge d e f l e c t i o n  schedu le  t o  be opt imized  as a f u n c t i o n  o f  t r a i l i n g - e d g e  f l a p  
d e f l e c t i o n .  
Ground effects.- Recent s t u d i e s  o f  ground effects  ( re f .  51, conducted 
u s i n g  a v o r t e x - l a t t i c e  t h e o r e t i c a l  model ( w i t h  ground-plane image) and expe r i -  
men ta l ly  w i t h  a moving ground b e l t ,  have shown t h a t  t h e  c o n f i g u r a t i o n ,  as 
expec ted ,  expe r i ences  a n  i n c r e a s e  i n  l ift,  a r e d u c t i o n  i n  induced drag, and a n  
i n c r e a s e  i n  l o n g i t u d i n a l  s t a b i l i t y  when i n  ground effect  (see f ig .  18). The 
s t u d y  has shown t h a t  t h e  effects are g e n e r a l l y  more pronounced than  p rev ious  
estimates had i n d i c a t e d  and r e s u l t  i n  a greater r e d u c t i o n  i n  v e r t i c a l  descen t  
ra te  than  i n i t i a l l y  a n t i c i p a t e d .  The s t u d y ,  however, d i d  n o t  address t h e  
p o s s i b l e  power-induced effects and ,  as such ,  remains  incomplete .  Curren t  p l a n s  
i n c l u d e  a d d i t i o n a l  tes ts  t o  d e f i n e  t h e  i n f l u e n c e  of t h r u s t  on ground effects  
wh i l e  s imul taneous ly  e x p l o r i n g  t h e  magnitude and e x t e n t  of t h e  t r a i l i n g  v o r t e x  
phenomena as i t  e x i s t s  for t h e  p r e s e n t  SCR concept .  
Reynolds number effects.- Limited a v a i l a b l e  data i n d i c a t e  t h a t  s i g n i f i c a n t  
Reynolds number effects may ex is t  for h i g h l y  swept wing concep t s .  
Research Center  is, t h e r e f o r e ,  i n  t h e  p rocess  of d e f i n i n g  a h i g h l y  swept wing, 
g e n e r a l  research model c a p a b l e  o f  be ing  tested a t  v a l u e s  of RN on t h e  order 
o f  100 x lo6  and a co r re spond ing  Mach number of 0.3. 
p o s s i b l e  i n  t h e  Na t iona l  Transonic  F a c i l i t y  and are t e n t a t i v e l y  scheduled f o r  
1982. 
Langley 
These  tests w i l l  be  
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CONCLUDING REMARKS 
The present paper has been intended to briefly summarize recent advances 
achieved by the NASA Langley Research Center in the subsonic aerodynamics of 
low-aspect-ratio, highly swept-wing designs. The most significant of these 
advances has been the development of leading-edge deflection concepts which 
effectively reduce leading-edge flow separtion. The improved flow attachment 
results in substantial improvements in low-speed performance, significant delay 
of longitudinal pitch-up, increased trailing-edge flap effectiveness, and 
increased lateral-control capability. 
The paper also considers various additional theoretical and/or experimen- 
tal studies which, in conjunction with the continued leading-edge deflection 
studies, forms the basis for Langley's future subsonic research effort. 
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Figure 1.- Three-view sketch of Langley SCR baseline concept. 
OPPORTUNITIES FOR IMPROVEMENT 
RESEARCH AREAS 
LEADING-EDGE DEVICES 
- AllACHED FLOW 
- VORTEX FLAP CONCEPTS 
OUTBOARD PANEL TWIST AND 
SWEEP 
OUTBOARD VERTICAL F I N  POSITION 
AND OR IENVATION 
GEOMRR IC  ANHEDRAL 
GROUND EFFECTS 
- 
X 
X 
X 
X - 
- 
X 
X 
X - 
- 
X 
X 
- 
Figure 2.- Summary of the NASA-LRC subsonic SCR program. 
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Figure 3.- Drag polar for baseline configuration. 
Figure 4 . -  Photographs of models used in leading-edge deflection studies., 
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Figure 5,- Illustration of leading-edge suction determination. 
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BASED ON POLAR ENVELOPE s:i .7 6
L 
BOE ING VARIABLE 
CAMBER 
NASA UNIFORM 30' 
0 . 2  . 3  . 4  .5  .6 . 7  
cL 
Figure 8.- s versus CL for configuration with uniformly deflected 
leading edge and Boeing variable camber leading edge. 
26 
. 9 -  bf = 
bf = 
bf = . 8  
- 
S 
.7 - 
. 6  
L 1  I 1 I 1 I 
0 4  6 8 10 12 14 
a, deg 
. 9  
. 8  
S 
. 7  CAMBER LEADING EDGE 
0 4  6 a 10 12 14 
a'deg 
Figure 9.- Comparison of leading-edge suction for Boeing variable 
camber and NASA continuously warped leading edges. 
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Figure 11.- Effect of leading-edge deflection on trailing-edge 
flap effectiveness. 
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Figure  12.- E f f e c t  of leading-edge d e f l e c t i o n  on a i l e r o n  e f f e c t i v e n e s s .  
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Figure  13.-  F-111 dur ing  j o i n t  NASA-Air Force f l i g h t  tests, 
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Figure 14 . -  Influence of RN on leading-edge pressure distribution.  
DETERMINE LEADING EDGE UPWASH U S I N G  L.V. TECHNIQUES 
DETERMINE AERODYNAMIC IMPROVEMENTS WITH MODIFIED GEOMETRY 
O P T I M I Z E  LEADING EDGE FOR HIGH-LIFT CONDITION 
DETERMINE INFLUENCE OF THRUST ON GROUND EFFECTS 
DEFl NE TRA I LI  NG VORTEX PHENOMENON 
DETERMINE R N  EFFECTS 
Figure 15.-  Summary of NASA-LRC future subsonic research e f f o r t .  
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Figure 18.- Influence of ground effects on longitudinal aerodynamic 
characteristics. 6f = 20°; 6, = 30°. 
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, McDonnell Douglas Corporation 
L.P. Yip and L.P. Parlett 
Langley Research Center 
SUMMARY 
Results of a low-speed test conducted in the Full Scale Tunnel at NASA Langley 
using an advanced supersonic cruise vehicle configuration are presented. 
These tests were conducted using a ten-percent scale model of a configuration 
developed by McDonnell Douglas that had demonstrated high aerodynamic 
performance at Mach 2.2 during a previous test program. 
has leading- and trailing-edge flaps designed to improve low-speed lift-to- 
drag ratios at high lift and includes devices for longitudinal and lateral/ 
directional control. 
The results obtained during the low-speed test program have shown that full- 
span leading-edge flaps are required for maximum performance. The amount of 
deflection of the leading-edge flap must increase with CL to obtain the 
maximum benefit. 
The low-speed model 
Over eighty percent of full leading-edge suction was obtained 
UP to lift-off CL'S of 0.65. 
A mild pitch-up occurred at about 6' angle of attack with and without the 
leading-edge flap deflected. The pitch-up is controllable with the horizontal 
tail. 
speeds. The vertical tail maintained effectiveness up to the highest angle of 
attack tested but the tail-on directional stability deteriorated at high angles 
of attack. 
in a 15.4 m/sec (30 knot) crosswind. 
Spoilers were found to be preferable to spoiler/deflectors at low 
Lateral control was adequate for landing at 72 m/sec (140 knots) 
It is recommended that in the future the drag-due-to-lift characteristics be 
validated at higher Reynolds numbers. Also fuselage strakes to improve 
directional stability and leading-edge slats to improve low speed lift-to-drag 
ratios should be considered for future testing. The impact of recent wing 
modifications developed for high-speed drag improvement need to be assessed 
at low speed. 
INTRODUCTION 
McDonnell Douglas (MDC) and NASA have been working jointly on the development 
of technology for Advanced Supersonic Cruise vehicles over the past several 
years. As part of this development a 1.5-percent scale high-speed wind 
tunnel test program was run at the NASA Ames Research Center in 1975 (ref. 1) 
which demonstrated that, for the configuration designed by MDC, high aerodynamic 
performance levels were achieved. To supplement these high-speed data, a 
---------- 
*This work was performed under NASA Contract NAS1-14621 
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t en-percent  scale model of t h e  same c o n f i g u r a t i o n  f o r  test a t  low speed w a s  
c o n s t r u c t e d  by NASA u s i n g  i n p u t s  from MDC f o r  t h e  geometry o f  t h e  h i g h - l i f t  
and low-speed c o n t r o l  d e v i c e s .  
s u r f a c e  p r e s s u r e s  as i n  t h e  p r e v i o u s  h igh  speed tests, and would g i v e  a 
complete d a t a  b a s e  on one c o n f i g u r a t i o n  f o r  Mach numbers from n e a r  ze ro  
(0.09) t o  M = 2.4. 
These tests would measure f o r c e  d a t a  and 
This low speed ten-percent  scale model was t e s t e d  by NASA i n  t h e  
F u l l  S c a l e  Tunnel a t  t h e  Langley Research Cen te r .  
summary of t h e  c u r r e n t  s t a t u s  of t h e  a n a l y s i s  of t h e s e  test r e s u l t s .  
Th i s  pape r  p r e s e n t s  a 
SYMBOLS 
AR 
cD 
CDO 
CL 
cM 
Ac R 
cNB 
ACNv 
cP 
H i 
L/D 
MO 
S 
a o r  a l p h a  
B 
&a 
6F 
&LE 
rl 
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wing a s p e c t  r a t i o  
d r a g  c o e f f i c i e n t  
minimum c l e a n  (no l ead ing -  o r  t r a i l i n g - e d g e  d e f l e c t i o n )  
c o n f i g u r a t i o n  d rag  c o e f f i c i e n t  
l i f t  c o e f f i c i e n t  
p i t c h i n g  moment c o e f f i c i e n t  about  t h e  q u a r t e r  chord 
inc remen ta l  r o l l i n g  moment c o e f f i c i e n t  
v a r i a t i o n  of yawing moment c o e f f i c i e n t  w i t h  s i d e s l i p  a n g l e  
change i n  yawing moment c o e f f i c i e n t  due t o  vertical  t a i l  
p r e s s u r e  c o e f f i c i e n t  
i n c i d e n c e  of h o r i z o n t a l  t a i l  r e l a t i v e  t o  f u s e l a g e  r e f e r e n c e  
s y s  t e m ,  d e g r e e s  
l i f t - t o - d r a g  r a t i o  
f r e e  stream Mach number 
l e a d i n g  edge s u c t i o n  parameter  
f u s e l a g e  r e f e r e n c e  system a n g l e  of  a t t a c k ,  d e g r e e s  
a n g l e  of s i d e s l i p ,  deg rees  
a i l e r o n  d e f l e c t i o n  a n g l e ,  deg rees  
t r a i l i n g  edge f l a p  d e f l e c t i o n  a n g l e ,  deg rees  
l e a d i n g  edge f l a p  d e f l e c t i o n  a n g l e  normal t o  the l e a d i n g  edge, 
degrees  
p e r c e n t  wing semispan 
DESCRIPTION OF THE MODEL 
The dimensional characteristics of the ten-percent scale model are shown in 
figure 1. 
is shown in figure 2.  
aluminum frame and was essentially rigid for this test. 
A photograph of the model mounted in the Langley Full Scale Tunnel 
The model was constructed of fiberglass over an 
The wing consisted of an arrow planform with an inboard leading-edge sweep 
angle of 71 degrees and an outboard sweep angle of 57 degrees with a leading 
edge break at 63 percent of the semi-span. 
segments of leading-edge flaps inboard of the leading-edge break and two 
segments outboard of the leading-edge break. 
outboard single-slot trailing-edge flap system. The model had the inboard 
and mid slotted spoiler/deflectors installed on the right hand wing, and the 
outboard inverted spoiler/deflector installed on the left hand wing. They 
were only tested asymmetrically for their effect on roll control. The model 
was instrumented with 270 pressure orifices distributed among five spanwise 
rows over the wing. 
A schematic drawing of the leading- and trailing-edge flaps, and the 
spoiler/deFlector system, and the spanwise location of the pressure rows are 
shown on figure 3 and the variable geometry features of the model are 
illustrated in figure 4 .  
leading-edge flaps (measured normal to the leading edge) and the letter code 
designation of the combinations of deflections for which data are presented 
in this paper. 
The wing was constructed with four 
The wing had an inboard and 
The pressures were obtained using scanivalve transducers. 
Indicated are the available deflections of the 
TESTS AND CORRECTIONS 
Tests were made in the Langley Full Scale Tunnel at a freestream dynamic 
pressure of q = 575 Pa (12 psf or M, = 0.09). The tests were conducted over 
an angle of attack range from about -6 degrees to 23 degrees and over a 
sideslip range from -15 degrees to 20 degrees. The Reynolds number based on 
the mean aerodynamic chord of 1.975 m ( 6 . 4 8  ft) was 4.18 x lo6. 
The model was tested upright and inverted with a single dummy strut, (figure 5) 
to evaluate the flow angularity and strut tares which were applied to the 
data. Buoyancy corrections were computed and applied to the data. Blockage 
corrections were applied based on tunnel surveys from previous tests of 
similar size models. Wall corrections were not applied based on previous 
tests (ref. 2 and 3 ) .  
RESULTS 
WING-BODY LONGITUDINAL FORCE DATA 
Prior t o  obtaining the basic aerodynamic characteristics of the configuration, 
an initial study was conducted to determine the best leading-edge flap 
deflection. 
of the span is shown on figure 6. 
deflections over the inner, middle or outer wing panel produce higher drags at 
lift coefficients greater than 0.4 than full-span leading-edge deflections. 
No advantages were found in the lift or pitching moment to warrant part span 
leading-edge flap deflection, 
The effect of deflecting the leading-edge flaps over only part 
Selectively eliminating leading-edge 
I 
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The aerodynamic c h a r a c t e r i s t i c s  f o r  i n c r e a s i n g  amounts o f  f u l l - s p a n  leading-  
edge f l a p  d e f l e c t i o n  are shown i n  f i g u r e s  7 th rough 1 2  f o r  ze ro  and 30 degrees  
of t r a i l i n g - e d g e  f l a p s .  For t h e  case of ze ro  f l a p s ,  t h e  l i f t - c u r v e  b reak  a t  
about  5 degrees  (CL & 0.2) i n d i c a t e s  t h e  c o n d i t i o n  where a leading-edge v o r t e x  
beg ins  t o  form. The smallest a n g l e  of d e f l e c t i o n  f o r  t h e  leading-edge f l a p s  
t e s t e d  r e s u l t s  i n  a n e a r l y  l i n e a r  l i f t  curve  which i m p l i e s  e l i m i n a t i o n  of t h e  
leading-edge v o r t e x .  
t h i s  d e f l e c t i o n .  The i n c e p t i o n  of t h e  non- l inear  nose-up pitching-moment b reak  
a t  about  six degrees  a n g l e  of a t t a c k  i s  n o t  a f f e c t e d  by d e f l e c t i n g  t h e  lead ing-  
edge f l a p s ,  a l though  t h e  magnitude of  t h e  pitch-up is reduced. F u r t h e r  
d e f l e c t i o n  of t h e  leading-edge f l a p s  has  l i t t l e  e f f e c t  on t h e  d r a g  and l i f t  
w i t h  a small e f f e c t  on p i t c h i n g  moments. 
S i g n i f i c a n t  r e d u c t i o n s  i n  t h e  d r a g  are a l s o  o b t a i n e d  f o r  
With t h e  t r a i l i n g - e d g e  f l a p s  d e f l e c t e d ,  t h e  smallest leading-edge f l a p  
d e f l e c t i o n  a l s o  e l i m i n a t e s  t h e  b r e a k  i n  t h e  l i f t  cu rve  and leading-edge 
v o r t e x .  I n  t h i s  case, because  t h e  d e f l e c t i o n  of t r a i l i n g - e d g e  f l a p s  cause  
more leading-edge l o a d  f o r  a g iven  a n g l e  of a t t a c k ,  t h e  breakdown i n  t h e  l i f t  
curve  occur s  a t  two d e g r e e s  a n g l e  of a t t a c k .  However, because  of  t h e  l i f t  t h e  
f l a p  produces,  t h e  b r e a k  i n  t h e  l i f t  curve  occur s  a t  a CL of 0.3 i n s t e a d  of 
0.2 w i t h  t h e  f l a p s  up. With t h e  t r a i l i n g - e d g e  f l a p s  down t h e r e  is less e f f e c t  
of t h e  leading-edge f l a p  d e f l e c t i o n  on d rag  o r  p i t c h i n g  moments t h a n  w i t h  t h e  
f l a p s  up. 
Based on t h e  above r e s u l t s ,  t h e  l o n g i t u d i n a l ,  l a t e r a l - d i r e c t i o n a l  and t a i l  
e f f e c t i v e n e s s  c h a r a c t e r i s t i c s  were conducted w i t h  lead ing-edge  f l a p  d e f l e c t i o n  
R. 
The l i f t  and p i t c h i n g  moment c h a r a c t e r i s t i c s  f o r  t h e  c l e a n  c o n f i g u r a t i o n  
( leading-  and t r a i l i n g - e d g e  f l a p s  r e t r a c t e d )  are compared i n  f i g u r e s  13 and 
14  t o  t h e  Douglas 3-D Neumann P o t e n t i a l  Flow Program ( r e f .  4 )  r e s u l t s  run  a t  
M = 0 and t o  p rev ious  d a t a  o b t a i n e d  on a 1.5-percent scale high-speed 
mgdel ( r e f .  1 )  a t  Mo = 0.5. Adjustments t o  t h e  d a t a  have  n o t  been made t o  
c o r r e c t  f o r  t h e  Mach number d i f f e r e n c e  between t h e  two tests. The charac- 
terist ics of t h e  ten-percent  low-speed model l i f t  and p i t c h i n g  moment r e s u l t s  
a g r e e  ve ry  w e l l  w i t h  t h e  p rev ious  test r e s u l t s  excep t  f o r  a one degree  s h i f t  
i n  t h e  a n g l e  of a t t a c k  f o r  z e r o  l i f t .  
a g r e e s  w i t h  t h e  d a t a  p r i o r  t o  t h e  i n c e p t i o n  of v o r t e x  l i f t  b u t  t h e  a n g l e  of 
a t t a c k  f o r  ze ro  l i f t  i s  s h i f t e d  by about  two degrees .  
The 3-D Neumann l i f t - c u r v e  s l o p e  
The d r a g  r e s u l t s  are compared t o  f u l l  and ze ro  leading-edge s u c t i o n  c a l c u l a t i o n s  
i n  a d d i t i o n  t o  t h e  3-D Neumann r e s u l t s  (which have been s h i f t e d  t o  a g r e e  w i t h  
t h e  test d a t a  a t  minimum drag )  and t h e  p r e v i o u s  1 .5-percent  scale d a t a  i n  
f i g u r e  15 .  
is  ob ta ined  f o r  a CL r ange  of 0.2 t o  0.8. The Neumann r e s u l t s  are c l o s e  t o  
f u l l  leading-edge s u c t i o n  as expec ted  and do n o t  a g r e e  w e l l  w i t h  t h e  d a t a .  The 
prev ious  1 .5  p e r c e n t  scale r e s u l t s  were o b t a i n e d  a t  abou t  t h e  same Reynolds 
number based  on t h e  mean aerodynamic chord (4 x l o 6 )  and t h e  agreement w i t h  t h e  
low speed d a t a  is w i t h i n  a c c e p t a b l e  l i m i t s .  
The d a t a  show t h a t  60 t o  40 p e r c e n t  of f u l l  l e a d i n g  edge s u c t i o n  
The r e s u l t s  w i t h  d e f l e c t e d  leading-edge f l a p s  and z e r o  d e f l e c t i o n  of t h e  
t r a i l i n g - e d g e  f l a p s  are shown i n  f i g u r e s  1 6  through 18. 
a l s o  compared t o  t h e  Neumann and f u l l  and z e r o  leading-edge s u c t i o n .  
These r e s u l t s  are 
S i m i l a r  
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comments as b e f o r e  app ly  t o  t h e  l i f t  and moment comparison w i t h  t h e  Neumann 
results.  Drag r e s u l t s  i n d i c a t e  t h a t  l e a d i n g  edge s u c t i o n  i s  n e a r l y  100 per- 
c e n t  a t  l o w  C ' s  d imin i sh ing  t o  about 40 p e r c e n t  as t h e  C is  i n c r e a s e d .  L L 
Drag r e s u l t s  w i t h  t h e  l ead ing -  and t r a i l i n g - e d g e  f l a p s  d e f l e c t e d  are shown on 
f i g u r e  19.  The Neumann r e s u l t s  are n o t  y e t  a v a i l a b l e  f o r  t h i s  case. About 
80 p e r c e n t  of f u l l  leading-edge s u c t i o n  i s  o b t a i n e d  o v e r  a wide range  of CL'S. 
A summary of  t h e  leading-edge s u c t i o n  r e s u l t s  are shown on f i g u r e  20. 
t o  e igh ty -pe rcen t  f u l l  leading-edge s u c t i o n  is  o b t a i n e d  w i t h  t h e  t r a i l i n g - e d g e  
f l a p s  d e f l e c t e d  30 degrees  w i t h  o r  w i thou t  t h e  leading-edge f l a p s  d e f l e c t e d .  
For t h e  optimum t r a i l i n g - e d g e  f l a p  s e t t i n g  as a f u n c t i o n  of CL, leading-edge 
s u c t i o n  over  80 p e r c e n t  i s  achieved  up t o  t h e  l i f t - o f f  CL of  0.65. These 
d a t a  a l s o  i n d i c a t e  t h a t  h i g h e r  leading-edge f l a p  d e f l e c t i o n s  are r e q u i r e d  as 
t h e  CL i s  i n c r e a s e d .  Recent r e s u l t s  o b t a i n e d  by Coe ( r e f .  5) f o r  a wing w i t h  
h i g h e r  sweep and lower a s p e c t  r a t i o  (SCAT 15)  are s l i g h t l y  below t h e  c u r r e n t  
r e s u l t s .  Recent a d d i t i o n a l  d a t a  by Coe ( r e f .  6) have shown t h a t  f u r t h e r  
improvements are p o s s i b l e .  
Seventy- 
The untrimmed l i f t - t o - d r a g  (L/D) r a t i o  r e s u l t s  are shown on f i g u r e  2 1  f o r  
s e v e r a l  l ead ing -  and t r a i l i n g - e d g e  d e f l e c t i o n s .  These r e s u l t s  have been 
c o r r e c t e d  t o  t h e  f u l l  scale Reynolds number. 
ob ta ined  i n  t h e  CL r ange  f o r  climb-out (CL % 0.3) dropping  o f f  t o  abou t  5.5 a t  
t h e  l i f t - o f f  CL 'S  n e a r  0.65. 
h igh  speed model test d a t a ,  estimates made p r i o r  t o  t h e  test, and r e c e n t  test 
d a t a  from Coe ( r e f .  5 ) .  The 1.5 p e r c e n t  scale model r e s u l t s  show s l i g h t l y  
h ighe r  L / D ' s  t h a n  t h e  low speed model a t  CL'S i n  t h e  0.2 range  w i t h  t h e  agree- 
ment improving as t h e  CL i s  i n c r e a s e d ,  The r e l a t i v e l y  small d r a g  d i f f e r e n c e s  
shown ear l ier  ( f i g .  15)  produce t h i s  d i sc repency .  The p r e - t e s t  estimates, 
which are i n d i c a t i v e  of  t h e  l e v e l s  used t o  c a l c u l a t e  t h e  low-speed performance 
of t h e  a i r c r a f t ,  where made wi thou t  t h e  b e n e f i t  of any da ta -base  on l ead ing -  
edge d e v i c e s  of t h i s  t y p e  and are h i g h e r  than  t h e  measured v a l u e s .  Recent 
d a t a  from Coe ( r e f .  5 ) ,  had i t  been a v a i l a b l e ,  would have been v a l u a b l e  i n  
improving t h e s e  estimates. 
w i t h  t h e  cur rer i t  r e s u l t s  i f  a d j u s t e d  f o r  a s p e c t  r a t i o .  
L / D ' s  s l i g h t l y  ove r  t e n  were 
Also shown are t h e  p r e v i o u s  1 . 5  p e r c e n t  scale 
The c o n f i g u r a t i o n  LID o b t a i n e d  by Coe a g r e e s  
WING-BODY PRESSURE DATA 
The expe r imen ta l  upper s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  f o r  t h e  clean conf igu ra -  
t i o n  a t  t h r e e  a n g l e s  of  a t t a c k  are shown on f i g u r e  22. The i n c r e a s e  of t h e  
p r e s s u r e  peak n e a r  t h e  l e a d i n g  edge and t h e  shape  of t h e  p r e s s u r e  d i s t r i b u t i o n  
i l l u s t r a t e s  t h e  fo rma t ion  of t h e  leading-edge v o r t e x .  
v o r t e x  i s  e v i d e n t  a t  t h e  64 p e r c e n t  semi-span s t a t i o n  as t h e  n e g a t i v e  p r e s s u r e s  
move p r o g r e s s i v e l y  a f t  as t h e  a n g l e  of attack is i n c r e a s e d .  A t  13 degrees  
a n g l e  of a t t a c k ,  t h e r e  a p p e a r s  t o  be a second v o r t e x  p r e s e n t  as i l l u s t r a t e d  by 
t h e  second n e g a t i v e  p r e s s u r e  peak between 50 and 70 p e r c e n t  chord a t  t h e  
49 p e r c e n t  semi-span s t a t i o n .  
The a f t  movement of t h e  
The p r e s s u r e  peak on t h e  i n n e r  p a n e l  w i t h  i t s  
t o  increase w i t h  a n g l e  of a t t a c k .  
t o  0.75 a t  t h e  l e a d i n g  edge of t h e  o u t e r  p a n e l  a t  a l l  a n g l e s  s u g g e s t s  t h a t ,  
rounded l e a d i n g  edge c o n t i n u e s  
I n  c o n t r a s t ,  t h e  c o n s t a n t  Cp level of 0.5 
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because of  t h e  s h a r p  l e a d i n g  edge,  t h e  o u t e r  pane l  v o r t e x  forms a t  v e r y  low 
a n g l e s  of a t t a c k .  
The exper imenta l  p r e s s u r e  d i s t r i b u t i o n s  are compared t o  t h e  3-D Neumann 
r e s u l t s  a t  an a n g l e  of a t t a c k  of one degree  (CL % 0.05) p r i o r  t o  t h e  i n c e p t i o n  
of v o r t e x  l i f t  on f i g u r e  23. 
edge i n n e r  p a n e l  b u t  agreement d e t e r i o r a t e s  on t h e  s h a r p  l e a d i n g  edge o u t e r  
pane l s .  Th i s  conf i rms  t h e  f a c t  t h a t  t h e  s h a r p  o u t e r  p a n e l  l e a d i n g  edge cannot 
c a r r y  t h e  l o a d s  r e q u i r e d  t o  produce a p o t e n t i a l  f low,  i . e . ,  no v o r t e x ,  a t  
e s s e n t i a l l y  any CL. 
The agreement i s  r e a s o n a b l e  on t h e  rounded l e a d i n g  
Comparisons w i t h  and wi thou t  t h e  leading-edge f l a p s  d e f l e c t e d  are shown i n  
f i g u r e  24 a t  a h i g h e r  CL of 0.35 (a  = 9') a f t e r  t h e  i n c e p t i o n  of v o r t e x  l i f t .  
The g e n e r a l  c h a r a c t e r  of t h e  expe r imen ta l  p r e s s u r e  d i s t r i b u t i o n  is  r e p r e s e n t e d  
by t h e  theo ry  wi th  t h e  leading-edge f l a p s  d e f l e c t e d  b u t  t h e r e  is  some d i s a g r e e -  
ment i n  level. 
e f f e c t  of t h e  leading-edge v o r t e x  on t h e  p o t e n t i a l  p r e s s u r e s  w i t h o u t  l ead ing -  
edge. f l a p  d e f l e c t i o n .  
The d a t a  a t  49-percent semi-span s t a t i o n  i l l u s t r a t e s  t h e  
HORIZONTAL TAIL EFFECTIVENESS 
E f f e c t i v e n e s s  of t h e  h o r i z o n t a l  t a i l  f o r  t h e  l a n d i n g  c o n f i g u r a t i o n  i s  shown i n  
f i g u r e  25. A t  low a n g l e s  of  a t t a c k ,  (below 5 deg) t h e  t a i l  c o n t r i b u t e s  t o  t h e  
l o n g i t u d i n a l  s t a b i l i t y  of t h e  a i r p l a n e ,  s h i f t i n g  t h e  n e u t r a l  p o i n t  a f t  by 5% 
of t h e  MAC. A t  a n g l e s  of a t t a c k  above 5 d e g r e e s ,  t h e  a i r c r a f t  p i t c h e s  up and 
t h e  t a i l - o f f  n e u t r a l  p o i n t  s h i f t s  forward. The t a i l  c o n t r i b u t i o n  t o  l o n g i t u d i n a l  
s t a b i l i t y  i s  c l o s e  t o  ze ro  a t  a n g l e s  of a t t a c k  above 5 d e g r e e s .  T a i l  
e f f e c t i v e n e s s  f o r  p i t c h  c o n t r o l  i s  main ta ined  t o  t h e  h i g h e s t  a n g l e s  t e s t e d .  
The reduced s t a b i l i t y  c o n t r i b u t i o n  wi thou t  l o s s  of e f f e c t i v e n e s s  i s  a t t r i b u t e d  
t o  a s t r o n g  downwash g r a d i e n t  a t  t h e  l o c a t i o n  of t h e  h o r i z o n t a l  t a i l .  
DIRECTIONAL STABILITY AND VERTICAL TAIL EFFECTIVENESS 
D i r e c t i o n a l  s t a b i l i t y  o f  t h e  a i r c r a f t  t a i l - o n  and t a i l - o f f  i s  i l l u s t r a t e d  i n  
f i g u r e  26 and t h e  c o n t r i b u t i o n  of t h e  v e r t i c a l  t a i l  t o  d i r e c t i o n a l  s t a b i l i t y  
is shown i n  f i g u r e  27. 
f l a p s  d e f l e c t e d  i s  main ta ined  a t  a r easonab ly  c o n s t a n t  level a t  a n g l e s  of  
a t t a c k  up t o  about  12% degrees  ( f i g .  26) and i s  g r a d u a l l y  reduced a t  h i g h e r  
a n g l e s  u n t i l  n e u t r a l  s t a b i l i t y  is  reached a t  about  20 d e g r e e s .  The reduced 
s t a b i l i t y  a t  h i g h  a n g l e s  of a t t a c k  i s  due t o  a combination of reduced t a i l - o f f  
s t a b i l i t y  which b e g i n s  a t  12% degrees  and reduced t a i l  e f f e c t i v e n e s s  ( f i g .  27) 
which beg ins  a t  about  15 d e g r e e s .  
D i r e c t i o n a l  s t a b i l i t y  wi thou t  l e a d i n g -  o r  t r a i l i n g - e d g e  
I n  t h e  l and ing  c o n f i g u r a t i o n  t h e  t a i l - o f f  s t a b i l i t y  ( f i g .  26) i s  reduced a t  
lower a n g l e s  of a t t a c k  (5  deg rees )  w h i l e  t h e  t a i l  c o n t r i b u t i o n  is  main ta ined  
e f f e c t i v e  t o  h i g h e r  a n g l e s  (17% d e g r e e s ,  f i g .  27) .  The r e s u l t i n g  a i r p l a n e  
s t a b i l i t y  goes from an a c c e p t a b l e  level a t  5 degrees  a n g l e  of a t t a c k  t o  
n e u t r a l  s t a b i l i t y  a t  20 degrees  a n g l e  of a t t a c k .  
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LATERAL CONTROL SYSTEM EFFECTIVENESS 
E f f e c t i v e n e s s  of v a r i o u s  components of t h e  lateral  c o n t r o l  system i s  shown i n  
f i g u r e  28 f o r  bo th  clean and l and ing  c o n f i g u r a t i o n s .  
e f f e c t i v e n e s s  i s  shown f o r  a t y p i c a l  a n g l e  of attack of 5 degrees .  D e f l e c t i o n  
of t h e  inboard  s p o i l e r  produces a small p o s i t i v e  c o n t r i b u t i o n  t o  lateral  
c o n t r o l .  However no r o l l i n g  moment deve lops  when t h e  mid s p o i l e r  i s  d e f l e c t e d  
t o g e t h e r  w i t h  t h e  inboard  s p o i l e r ,  i n d i c a t i n g  a n e g a t i v e  c o n t r i b u t i o n  due t o  
t h e  mid s p o i l e r .  Reversed r o l l  e f f e c t i v e n e s s  of t h e  mid s p o i l e r  is  confirmed 
by t h e  i n c r e a s e  i n  t o t a l  l i f t  when t h e  s p o i l e r  is  extended ,  and by p r e s s u r e  
d a t a  which i n d i c a t e s  i n c r e a s e d  l i f t  . The outboard  i n v e r t e d  spoi le r /def  l e c t o r  
is  more e f f e c t i v e  t h a n  t h e  o t h e r  s p o i l e r s  and p r o v i d e s  r o l l  i n  t h e  p rope r  
d i r e c t i o n .  The d e f l e c t o r s  when used w i t h  t h e  mid and inboard  s p o i l e r s  cause  
i n c r e a s e d  r o l l  i n  t h e  wrong d i r e c t i o n .  
The c l e a n  a i rcraf t  c o n t r o l  
A i rp l ane  c o n t r o l  e f f e c t i v e n e s s  i n  t h e  l a n d i n g  c o n f i g u r a t i o n  is p r e s e n t e d  a t  a 
t y p i c a l  1 0  degrees  a n g l e  of  a t t a c k .  S p o i l e r  e f f e c t i v e n e s s  i s  s a t i s f a c t o r y  
w i t h  t h e  mid and inboard  s p o i l e r s  d e f l e c t e d .  The d e f l e c t o r s ,  which are 
des igned  t o  i n c r e a s e  s p o i l e r  e f f e c t i v e n e s s  a t  h i g h  speed,  have a s l i g h t  
n e g a t i v e  e f f e c t  when used w i t h  f l a p s  down. The ou tboa rd ,  i n v e r t e d  s p o i l e r  
d e f l e c t o r ,  a g a i n  in t ended  f o r  h igh  speed use ,  a l s o  has  a small n e g a t i v e  
c o n t r i b u t i o n  t o  r o l l i n g  moment. 
The a i l e r o n  e f f e c t i v e n e s s  is  c l o s e  t o  e s t i m a t e d  v a l u e s  f o r  bo th  t h e  c l e a n  
a i r p l a n e  and t h e  l a n d i n g  c o n f i g u r a t i o n .  
CROSSWIND LANDING CAPABILITY 
Crosswind l a n d i n g  c a p a b i l i t y  of t h e  p r e s e n t  c o n f i g u r a t i o n  a t  a g r o s s  weight of 
204,117 kg (450,000 pounds) is i l l u s t r a t e d  i n  f i g u r e  29. A t  a t y p i c a l  l and ing  
speed of 72 m/sec (140 k n o t s )  t h e  crosswind component is l i m i t e d  t o  15.4 m/sec 
(30 k n o t s )  by maximum r o l l  c o n t r o l .  
c e n t  of maximum r o l l  c o n t r o l  would s t i l l  a l low ove r  10.8 m/sec (21 k n o t s )  of 
crosswind component. 
A more c o n s e r v a t i v e  l i m i t a t i o n  of 75 per -  
CONCLUSIONS 
Based on t h e  r e s u l t s  o b t a i n e d  from t h e  test program t h e  f o l l o w i n g  conc lus ions  
are drawn. 
A f u l l - s p a n  leading-edge d e v i c e  is r e q u i r e d  t o  maximize performance 
80-percent leading-edge s u c t i o n  i s  o b t a i n e d  d u r i n g  climb-out a f t e r  
t a k e o f f  
t o  maximize leading-edge s u c t i o n  w i t h  i n c r e a s i n g  CL r e q u i r e s  
i n c r e a s i n g  leading-edge f l a p  d e f l e c t i o n .  
s p o i l e r s  are p r e f e r r e d  ove r  s p o i l e r / d e f  l e c t o r s  a t  low-speeds 
p i t c h i n g  moments are n o n l i n e a r  w i t h  a mi ld  p i tch-up  a t  6-degrees 
a n g l e  of at tack and are n o t  s i g n i f i c a n t l y  changed w i t h  leading-edge 
f l a p  d e f l e c t i o n  
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0 pitch-up is controllable with horizontal tail 
0 the vertical tail maintains effectiveness up to highest angle of 
attack tested (21 degrees) 
tail-on directional stability deteriorates at high angles of attack 
lateral control appears to be adequate for landing at 72 m/sec 
(140 knots) in a 15.4 m/sec (30 knot) crosswind. 
In addition the following low-speed testing requirements for technology 
readiness are recommended: 
0 
0 
0 validate drag-due-to-lift characteristics with a high Reynolds 
number test 
0 establish that fuselage strakes can improve directional stability 
0 evaluate suitability of leading-edge slats instead of leading-edge 
flaps 
0 evaluate effect on low-speed characteristics of latest configuration 
changes developed by MDC (increased outer panel sweep) 
REFERENCES 
1. 
2. 
3. 
4. 
5 .  
6 .  
Radkey, R.L., Welge, H.R., and Felix, J.E.: Aerodynamic Characteristics 
of a Mach 2.2 Advanced Supersonic Cruise Aircraft Configuration at Mach 
Numbers from 0.5 to 2.4. NASA CR-145094, 1977. 
Coe, P.L. and Graham, A.B.: Results of Recent NASA Research on Low- 
Speed Aerodynamic Characteristics of Supersonic Cruise Aircraft. 
Proceedings of the SCAR Conference, CP-001, 1977. 
Shivers, J.P., McLeneore, H.C., and Coe, P.L.: Low-Speed Wind-Tunnel 
Investigation of a Large-Scale Advanced Arrow Wing Supersonic Transport 
Configuration With Engines Mounted Above the Wing for Upper-Surface 
Blowing. NASA TN D-8350, 1976. 
Friedman, D.M.: 
McDonnell Douglas Report MDC 56182, 1974. 
A Three-Dimensional Lifting Potential Flow Program. 
Coe, P.L. and Weston, R.P.: Effects of Wing Leading-Edge Deflection 
on the Low-Speed Aerodynamic Characteristics of a Low-Aspect-Ratio 
Highly Swept Arrow-Wing Configuration. NASA TM 78787, 1978. 
Coe, P.L., Huffman, J.K.: Influence of Optimized Leading-Edge Deflection 
and Geometric Anhedral on the Low Speed Aerodynamic Characteristics of a 
Low-Aspect-Ratio Highly Swept Arrow-Wing Configuration. 
1979. 
NASA TM 80083, 
42 
Figur 
~f ,e11 u m m  I 
0 3 M I l 4 U I  WLOaO -0 115 14.521 
C - 
WL -0 on3 
1-3681 
Figure  1.- Three-view drawing of l / l 0 - s c a l e  model, 
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Figure  3.- Schematic drawings of  l ead ing -  and t r a i l i n g - e d g e  f l a p s ,  
s p o i l e r / d e f l e c t o r ,  and i n v e r t e d  s p o i l e r / d e f l e c t o r .  
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Figure  4 . -  V a r i a b l e  geometry f e a t u r e s  of l / l 0 - s c a l e  low-speed model. 
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Figure  5.- Inve r t ed  model i n s t a l l a t i o n  wi th  dummy s t r u t .  
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Figure 6 . -  Drag comparison of f u l l  and p a r t i a l  l ead ing  edge d e f l e c t i o n s .  
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Figure 7.- Leading edge flap effectiveness. 
Figure 8.- Leading edge flap effectiveness. 
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Figure 9.- Leading edge flap effectiveness. 
Figure 10.- Leading edge flap effectiveness. 
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Figure 11.- Leading edge f l a p  effectiveness. 
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Figure 12.- Leading edge f l a p  effectiveness. 
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Figure 13.- Comparison of clean wing lift characteristics. 
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Figure 14.- Comparison of clean wing pitching 
moment characteristics. 
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Figure 15.- Comparison of clean wing drag polars. 
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Figure 16.- Lift characteristics with leading edge deflected. 
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Figure  17.- P i t c h i n g  moments w i t h  l e a d i n g  edge d e f l e c t e d .  
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Figure  18.- Drag p o l a r s  w i t h  l e a d i n g  edge d e f l e c t e d .  
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Figure  19.- Drag p o l a r  w i t h  l e a d i n g  and t r a i l i n g  edge d e f l e c t e d .  
1.0 r 
0.8 
o.2 t 
/ TM7a7a7 
LEADING-EDGE SUCTION 
&E 6~ WITH OPTIMUM FLAP 
0 0 0  
A R O  
0 0 30 
0 R 30 
L I I I .A 
0 0.2 0.4 0.6 0.8 
0- 
0 0.2 0.4 0.6 0% 
LIFT COEFFICIENT, CL 
Figure  20.- Leading-edge s u c t i o n  c h a r a c t e r i s t i c s .  
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Figure  21.-  Low-speed L/D summary, untrimmed. 
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Figure  23. -  Comparison of expe r imen ta l  upper s u r f a c e  p r e s s u r e s  
w i t h  theo ry  . 
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Figure  24.- Comparison of Neumann p r e s s u r e  d i s t r i b u t i o n s  w i t h  d a t a ,  
w i t h  and wi thou t  l e a d i n g  edge d e f l e c t e d .  
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Figure  25.- Hor i zon ta l  t a i l  e f f e c t i v e n e s s .  
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Figure  26.- D i r e c t i o n a l  s t a b i l i t y .  
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Figure 27.- Vertical tail effectiveness. 
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Figure  29. -  Estimated cross-wind l a n d i n g  c a p a b i l i t y .  
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SUMMARY 
Wind-tunnel tests of an arrow-wing body configuration consisting of flat, 
twisted, and cambered-twisted wings have been conducted at Mach numbers from 
0.40 to 2.50 to provide an experimental data base for comparison with theoret- 
ical methods. A variety of leading- and trailing-edge control-surface deflec- 
tions were included in these tests, and in addition, the cambered-twisted wing 
was tested with an outboard vertical fin to determine its effect on wing and 
control-surface loads. Theory-to-experiment comparisons of detailed pressure 
distributions have been made using current state-of-the-art attached-flow 
methods, as well as newly developed attached- and separated-flow methods. The 
purpose of these comparisons was to delineate conditions under which these 
theories can provide accurate basic and incremental aeroelastic loads predic- 
tions. Special emphasis is given to a new procedure developed by Robert Kulfan 
which shows promise of being able to predict the onset of a leading-edge vortex 
on thick and/or warped wings. 
could be most valuable in conjunction with separated-flow methods to predict 
pressure distributions. 
Knowledge of the onset and position of vortices 
Theory-experiment comparisons show that current state-of-the-art linear and 
nonlinear attached-flow methods were adequate at small angles of attack typical 
of cruise conditions. The incremental effects of outboard fin, wing twist, and 
wing camber are most accurately predicted by the advanced-panel method PANAIR. 
Results of the advanced-panel separated-flow method, obtained with an early 
version of the program, show promise that accurate detailed pressure predictions 
may soon be possible for an aeroelastically deformed wing at high angles of 
attack. 
.......................... 
*This work was performed under contracts NAS1-12875, NAS1-14141, NAS1-14962, 
and NAS1-15678 for the NASA Langley Research Center; 
Boeing Commercial Airplane Company Independent Research and Development Program. 
and supplemented by the 
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INTRODUCTION 
A program has been under way for the past five years to examine the ability 
of state-of-the-art and advanced theoretical methods to predict aeroelastic 
loads on highly swept wings. A parallel objective has been to obtain an experi- 
mental data base of  the type best suited for such a task. Three wing models 
were chosen for the test program; all had the same planform and airfoil section 
but one was flat, one twisted, and one had both camber and twist. With this 
combination, the incremental effects of twist, camber, and camber-twist, as 
predicted by theory, could be correlated with experiment. Other geometric 
variables included in the program are wing leading-edge radius, leading- and 
trailing-edge control-surface deflections, and an outboard fin. Most of the 
data obtained has been at subsonic and transonic speeds in the Boeing Transonic 
Wind Tunnel; however, the flat and twisted wings were also tested in the 9 
by 7-foot supersonic portion of the Ames Unitary Wind Tunnel in order to fully 
examine existing and newly formulated panel methods, which apply for both 
subsonic and supersonic flows. 
wind-tunnel tests of the cambered-twisted wing and some new developments in 
separated-vortex methods and an attached-flow advanced-panel method. With the 
aid of the newly acquired data the incremental effects of twist, twist and 
camber, control-surface deflection, and outboard fin on wing pressure distri- 
butions may be illustrated. The improved separated-flow methodology permits 
some new insights into the conditions necessary for the formation of, and the 
prediction of the point of origin of, a leading-edge vortex. 
Results of the subsonic-transonic program for the flat and twisted wings 
are summarized in NASA SP-347 (ref. 1) and discussed in more detail in refer- 
ences 2 through 5. 
references 6 through 8. 
were obtained with the assistance of James L. Thomas of the NASA Langley Research 
Center and Forrester Johnson and Edward Tinoco of the Boeing Military Airplane 
Company . 
The present paper will concentrate mainly on the data obtained in recent 
The supersonic data for these two wings are available in 
?ANAIR advanced-panel attached-flow method calculations used in this paper 
SYMBOLS AND ABBREVIATIONS 
BL buttock line, cm 
b wingspan, cm 
vortex lift coefficient increment 
pitching moment coefficient (moments about 0.25;) 
normal force coefficient 
section normal force coefficient 
L,V 
C 
cM 
cN 
n 
P 
C 
C surface pressure coefficient 
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C 
- 
C 
C r 
L.E. 
M 
MS 
T.E. 
WRP 
a 
T.E. 6 
4 
lifting pressure coefficient 
suction force coefficient 
local chord length, cm 
mean aerodynamic chord, cm 
root chord, cm 
leading edge 
Mach number 
model station, cm 
trailing edge 
orthogonal coordinates 
wing reference plane 
angle of attack, deg 
trailing-edge control-surface deflection, deg 
velocity potential, cm/sec 
MODELS 
The wind-tunnel-model configuration selected for this study is a highly- 
0 swept ( 7 1 . 2  thin wing (3.36-percent maximum thickness) of aspect ratio 1.65, 
mounted on the bottom of a slender body. The planform and basic geometry of the 
model are shown in figure 1. Three complete wings were constructed: one with 
no camber or twist, one with no camber but a spanwise twist variation (fig. l), 
and one with both camber and twist. The twist of this third wing was the same 
as the plain twisted wing. The camber is a combination of a typical cruise 
airfoil camber and an estimate of the aeroelastic deformation at a moderate 
positive angle of attack. The resulting camber at the tip is approximately a 6 
arc of a circle with the leading and trailing edges up. Sections at the root, 
mid-span, and tip (fig. 2) show not only the camber but the position of the 
sections of the cambered-twisted wing and the twisted wing, relative to the wing 
reference plane (flat wing). 
0 
All wings were designed to permit deflection of either partial- or full- 
span, 25-percent chord, trailing-edge control surfaces, with brackets, to allow 
streamwise deflections of f4.1°, k8.3', +17.7', and k30.2', as well as 0'. In 
addition, the flat wing was provided with removable leading-edge segments that 
extended over 15 percent of the streamwise chord. These segments permitted 
testing of the leading edge drooped 5.1' and 12.8', as well as undeflected. To 
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examine the effects of leading-edge shape, a segment with a sharp leading edge 
was constructed for the flat wing. Figure 1 shows the basic rounded leading 
edge with the sharp leading edge superimposed. A streamwise fin located at 
72.5-percent semispan was provided for the cambered-twisted wing. The apex of 
the 71.2' sweep fin was located at 15-percent local chord of the wing (fig. 1) 
and has a 3-percent biconvex airfoil section. 
The capability to measure the detailed load distribution on the wing and 
body of this configuration was provided by distributing 300 pressure orifices 
on the model. Each wing had 217 pressure orifices, equally divided into 7 
streamwise sections on the left half. Pressure taps were located on both the 
top and bottom surfaces at the chordwise locations shown in figure 3. Pressure 
orifices we located on the body in 5 streamwise rows of 15 orifices each. An 
additional 8 orifices in the area of the wing-body junction made a total of 83 
orifices on the left side of the body. 
To ensure close control of the model dimensions, a computerized lofting 
program was used to provide data for machining the model components using 
numerically controlled operations. The model was constructed of steel to 
minimize aeroelastic deflections. 
WIND-TUNNEL TESTS 
The model was tested in the Boeing Transonic Wind Tunnel (BTWT) and in the 
supersonic 9- by 7-foot leg of the NASA Ames Unitary Wind Tunnel. The former 
is a continuous-flow, closed-circuit, atmospheric facility with a 12.5-percent 
porosity test section measuring 8 by 12 by 14.5 feet; the latter is a contin- 
uous-flow, closed-circuit, variable-density facility with a test section 
measuring 7 by 9 by 18 feet. Seven Mach numbers from 0.40 to 1.11 were tested 
in the BTWT, with angle of attack varying from -8' to +16 . 
ity, data were obtained primarily at Mach numbers of 1.7, 2.1, and 2.5. The 
major configurations tested are shown in tables I and 11. Photographs of the 
model installed in the test sections are shown in figures 4 through 7. 
0 In the Ames facil- 
FLOW PHENOMENA 
Before assessing the ability of theoretical methods to predict the experi- 
mental pressure distributions, it is useful to understand the characteristics 
of the experimental flow field. This can be facilitated by looking at some 
pressure distributions at Mach number 0.40 for the rounded-leading-edge flat 
wing shown in figures 8 and 9 .  It should be noted, in the figures of ressure 
distributions, that symbols were generally omitted for clarity. At 16 angle of 
attack, however, the symbols were included to show the density of the available 
experimental data. At the low angles of  attack, the flow is still attached, 
except for the station nearest the tip at 4 angle of attack. The fact that the 
vortex has started to form is indicated by the reduction in the peak pressure 
in the chordwise pressure distribution (fig. 81, and by the closeness of the 
constant-pressure lines in the isobars (fig. 9). The vortex is well developed 
g 
0 
on the outboard half of the wing at 8O, and by 10' the vortex flow i s  affecting 
the entire wing. 
The development of the vortex is modified by the shape of the leading edge 
as can be seen by comparing figures 8 and 9 with figures 10 and 11, which are 
for the sharp-leading-edge flat wing. The vortex develops much more rapidly for 
the sharp-leading-edge wing and is established over most of the wing at 4' angle 
of attack. At the higher an les of attack the leading-edge shape seems to lose 
importance as the flow at 16 is quite similar for both the sharp and rounded 
leading edges. 
% 
The effect of aeroelastic deformation is of prime interest in this study. 
Aeroelastic deformation is idealized in this study as a combination of pure 
twist and incremental camber. The camber that was used on this model is a 
combination of cruise camber and an aeroelastic camber, calculated for an arrow- 
wing similar to the one used in this study. The models with twist and camber- 
twist are assumed to be aeroelastically deformed versions of the flat wing. On 
the wing with twist only (figs. 12 and 1 3 ) ,  the vortex formation is delayed 
until 8 angle of attack and then develops rapidly. At 12' the vortex flow 
affects the entire wing just as on the flat wing. The twisted wing is washed 
out 4.5' at the tip so that the local angles of attack at the tip of the flat 
and twisted wings are similar when vortex flow starts. The available models do 
not have camber alone, so the effect seen in figures 14 and 15 is for the 
cambered-twisted wing. The camber is leading and trailing edges up, so that the 
local leading-edge angle of attack is more like the flat wing, even though the 
twist is the same as that of the twisted wing. The formation of the vortex flow 
indicates that the local leading-edge angle of attack is the controlling 
feature. 
Another geometric feature of interest for current low-aspect-ratio config- 
urations is a wing fin. Pressure distributions and isobars on the cambered- 
twisted wing with an outboard fin are shown in figures 16 and 17. The pressures 
seem little affected by the fin at 4' and 6' angle of attack, but at 8' the 
pressure just outboard of the fin indicates that the fin has reduced the influ- 
ence of the vortex off the wing apex in this area. There is some indication, 
however, that a second vortex is forming off the apex of the fin. This blocking 
effect is even more pronounced at the higher angles. Inboard of the fin the 
pressures are very similar to those with the fin off except at the station 
closest to the fin. Clearly,the effect of a fin needs to be studied in more 
detail to assess the effect of position and cant angle as well as whether the 
same interference effects are obtained on wings with different camber or twist. 
The trends shown here are typical of the higher Mach numbers as well. 
THEORETICAL METHODS 
Theoretical calculations carried out in this study for both attached and 
detached flows (table 111) are based on potential-flow theories. Results from 
three attached-flow panel methods which satisfy the classical Prandtl-Glauert 
equation for linearized compressible flow are presented. The first method uses 
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the constant-pressure-panel formulation, is valid for both supersonic and 
subsonic analysis, and satisfies only planar boundary conditions. The second 
method is a lower order panel method (constant strength sources and doublets) 
which is limited to subsonic flow but can satisfy boundary conditions on the 
exact configuration surface. The third-method is a higher order panel method 
using bi-quadratic doublet and bi-linear source panels, valid for both super- 
sonic and subsonic flow, and capable of satisfying exact boundary conditions. 
The separated-flow method is an extension of the third attached-flow 
theory, based on distributions of quadratically varying doublet and linearly 
varying source panels. Since this approach is still under development and only 
preliminary results are available, it must be considered an advanced rather than 
a state-of-the-art method. As the older separated-flow methods capable of 
giving detailed pressure distributions can handle only simple wing geometries 
(straight leading-edge deltas), theory-experiment comparisons for an arrow wing 
would be of limited usefulness. 
One of the most successful methods for the prediction of forces and moments 
produced by wings with leading edge separation is the Polhamus suction analogy. 
R. M. Kulfan's recent extensions to this method, to account for the effects of 
wing thickness and warp on the development of the vortex, are outlined. Addi- 
tional details of the analytical methods are discussed below. 
Attached-Flow Theories 
The primary analysis method used for pressure calculations in this study 
was the unified subsoniclsupersonic panel technique of FLEXSTAB, which was 
developed by Boeing under NASA Anes sponsorship (ref. 9 ) .  
of digital computer programs uses linear theory to evaluate the static and 
dynamic stability, the inertial and aerodynamic loading, and the resulting 
elastic deformations of aircraft configurations. The aerodynamic module con- 
tained in the FLEXSTAB system is based on the constant-pressure-panel method 
developed by Woodward (refs. 10 through 12) to solve the linearized potential- 
flow equations for supersonic and subsonic speeds with planar boundary condi- 
tions. The method can also produce answers for transonic speeds, although the 
nonlinear terms not accounted for become important as sonic speed is approached. 
The FLEXSTAB system 
Figure 18 shows the distribution of panels used in this analysis. Line 
sources and doublets are distributed along the longitudinal axis of the body to 
simulate its thickness and lifting effects. Similarly, source and vortex panels 
are placed in the plane of the wing to simulate its thickness and lifting 
effects. To account for the interference effects between the wing and body, 
constant-pressure vortex panels are placed on a shell around the body. This 
"interference" shell serves to cancel the normal velocity components on the body 
that are induced by the wing. 
At subsonic Mach numbers and the high supersonic Mach numbers, 50 line 
singularities, 168 interference panels, and 160 wing panels were used to 
represent the configuration. 
1.111, the number of interference panels had to be greatly increased (to 330) 
to overcome instabilities associated with the solution. The edges of the wing 
For the very low supersonic Mach numbers (1.05 and 
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panels were chosen t o  coincide with the control-surface hinge lines and break 
lines. Note on figure 18 that the panels are of nearly equal width and, in the 
chordwise direction, panel edges are at constant percent chord with closer 
spacing at the leading edge and the hinge lines. 
The second attached-flow method used was the general method of Rubbert and 
Saaris (refs. 13 through 15) for the numerical solution of nonplanar, three- 
dimensional boundary-value problems. The method solves the exact incompressible 
potential-flow equation (Laplace's equation), with compressibility effects 
incorporated via the Gothert rule. In contrast to FLEXSTAB, the Rubbert-Saaris 
solution (hereafter referred to as TEA-230) is not encumbered by the small per- 
turbation approximation and is capable of treating problems of far more detail 
and generality than the linearized theories. 
Figure 19 shows a typical paneling scheme used for the TEA-230 representa- 
tion of the arrow-wing body model. The source panels are placed on the configu- 
ration surface; consequently, new paneling was required for each configuration. 
The linearly varying internal and trailing vortex panel networks are not shown. 
The third and most recently developed attached-flow method is the higher- 
order panel method developed by Ehlers, Epton, Johnson, Magnus, and Rubbert 
(refs. 16 through 20) which uses bi-quadratic doublet and bi-linear source 
panels. This method, known as PANAIR (Panel Aerodynamics), is still under 
development; therefore, the current predictions were made using the pilot code. 
The method will solve a variety of boundary value problems in steady subsonic 
and supersonic inviscid flow. The solutions are governed by the classical 
Prandtl-Glauert equation for linearized compressible flow. Boundary conditions 
are satisfied on the configuration surface so that new paneling is required for 
each configuration. Figure 20 shows the paneling for the cambered-twisted wing 
with the fin attached. The wing was represented by 476 panels, the body by 232, 
and the fin by 60. In addition, wake networks shed from all trailing edges 
extend more than 56 meters behind the configuration, but for clarity are not 
shown. 
Detached-Flow Theory 
The method chosen to predict the effect on wing pressures of the leading- 
edge spiral vortex was that of Weber, Brune, Johnson, Lu, and Rubbert (refs. 
21 through 27). This leading-edge vortex (LEV) method is capable of predicting 
forces, moments, and detailed surface pressures on thin wings of arbitrary 
planform. The wing geometry is arbitrary in the sense that leading and trailing 
edges may be swept, as well as curved or kinked, provided that a single vortex 
describes the flow and the origin can be specified. The method does not repre- 
sent the secondary vortices that often form under the primary leading-edge 
vortex. 
The governing equations are the linear flow differential equation and 
nonlinear boundary conditions, which require that the flow be parallel to the 
wing surface and that the free vortex sheet, springing from the leading and 
trailing edges, be aligned with the local flow and support no pressure jump. 
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The Kutta condition is imposed and satisfied along all wing edges. This problem 
is solved numerically by an aerodynamic panel method. The configuration is 
represented by quadilateral panels on all surfaces, with quadratically varying 
doublet singularities distributed on the panels. The vortex core is modeled as 
a simple line vortex that receives vorticity from the free sheet through a 
connecting kinematic sheet. The set of nonlinear equations is solved by an 
iterative procedure, starting with an assumed initial geometry. 
The example calculations using this method were obtained with an early 
version of the program which handled only thin flat wings. Figure 21 shows the 
paneling arrangement used on the wing. Note that the leading and trailing edges 
are extended to a point, rather than chopped off to form a tip with a finite 
chord. This should have only a trivial effect on the answers obtained. The 
fuselage was not a part of the current model; instead, the wing external to the 
body was moved inboard to obtain a more realistic model of the wing alone. A 
total of 212 panels were used for this solution: 63 panels to describe the 
wing, 108 panels to describe-the rolled-up vortex, and 41 panels to describe the 
wake. This version of the program was restricted to incompressible flow. 
Although the geparated-flow computer program described above is still in 
development, the capability for handling wing thickness, camber, and twist, as 
well as a fuselage representation,have recently been added. In addition, the 
effects of compressibility, and many improvements on the numerics in order to 
facilitate convergence of the solution, have been incorporated since this 
prediction was made. 
Leading-Edge Suction Analogy 
The Polhamus leading-edge suction analogy, first published in 1966 (ref. 
281, was initially developed to predict lift and pitching moment on thin,sharp- 
leading-edge delta wings. Subsequent developments (refs. 29 through 35) have 
extended the method to more arbitrary thin wing planforms. The suction analogy 
does not predict pressure distributions, but has been shown to provide accurate 
estimates of lift and pitching moment for a wide range of thin sharp-leading- 
edge flat wing configurations. Because configurations of interest have pointed 
or rounded rather than shirp leading edges, have camber and twist, and also 
deform aeroelastically, the previously mentioned analogy does not apply as 
orginally formulated. R. M. Kulfan has developed extensions to the suction 
analogy which overcome these limitations (refs. 36 and 3 7 ) .  Kulfan has observed, 
as have many others, that wing thickness has a retarding effect on the growth 
of leading-edge vortices. The experimental results indicate that, because of 
thickness, the vortex forms at an angle of attack greater than zero degrees. 
The vortex then grows with reduced strength, relative to a very thin wing, at 
the same angles of attack. 
ness distribution, but also on whether the airfoil nose is pointed or rounded. 
The retarding effect depends not only on the thick- 
The formation of the leading-edge vortex is associated with the very high 
negative pressure and subsequent steep adverse pressure gradient near the 
leading edge of a highly swept wing at an angle of attack. 
pressure gradient can readily cause the three-dimensional boundary layer to 
The steep adverse 
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separate. When separation occurs, the boundary layer leaves the wing surface 
along the leading edge and rolls up into a region of concentrated vorticity. 
This is the leading-edge vortex. 
The basic features of the suction analogy are depicted in figure 22. The 
bottom left-hand side of the figure depicts the attached-flow situation where 
linear theory predicts a square root singularity in the pressure at the leading 
edge. This singularity in turn produces a suction force in the plane of the 
wing. In practice, the flow at moderate angles of attack becomes like that 
depicted on the right-hand panel of the wing in figure 22. The flow separates 
off the leading edge, a vortex forms above the wing, and the flow reattaches 
inboard of the leading edge. The suction analogy assumes that the force 
required to make the flow over the vortex attach on the upper surface is the 
same as the leading-edge suction force necessary to produce the attached-flow 
condition. For attached flow, the suction force acts in the chord plane of the 
wing. The suction force for vortex flow acts normal to the plane of the wing, 
producing vortex lift. 
The leading-edge vortex springs uniformly from the full leading edge of 
thin sharp-edge flat wings. Pointed- and rounded-nose airfoils, however, reduce 
the adverse pressure near the leading edge of highly swept wings. This effect 
is greatest over the inboard portion of the wing. Leading-edge separation in 
this case starts near the wing tip and moves progressively inboard with 
increasing angle of attack. 
The suction analogy, previously applied only to thin sharp-leading-edge 
wings, has been extended by Kulfan to account for the effects of wing airfoil 
shape and thickness on the progressive growth of leading-edge vortices on flat 
wings. The qualitative effects of pointed- and rounded-nose airfoil thickness 
on vortex lift can be understood by applying the suction analogy reasoning to 
these airfoils as shown in figure 23. On the pointed-nose airfoil, the flow 
forward of the lower surface dividing streamline has a smaller turn around the 
leading edge to the upper surface than on the thin sharp-leading-edge airfoil, 
and on the rounded-nose airfoil, a smaller, smoother turn. Hence, the net 
centrifugal force necessary to turn the attached flow is less than that required 
for a thin sharp-leading-edge wing. The assumption is now made that the 
pressure required to produce reattached vortex flow on the thick wing is again 
equal to that necessary to produce attached flows. This reduced force is called 
the effective suction force. The start of the vortex is delayed to a higher 
angle of attack for these 1eaiJ'ug edges. For the pointed nose, the angle at 
which vortex lift starts is related to the angle at which the upper surface 
attains a positive angle of attack. The vortex lift on the rounded nose airfoil 
starts when the suction coefficient becomes greater than the parabolic nose 
drag. The method to obtain the s u  tion force and the resulting vortex lift is 
described in reference 36 and includes many comparisons to experimental data. 
The elegance of the Polhamus suction analogy approach is that linear theory 
is used to succesvfully predict the nonlinear forces associated with leading- 
edge vortices. 
leading-edge suction depends on sin2U. An additional nonlinearity was intro- 
duced by the methods previously discussed, to account for the retarding effects 
The nonlinearity in the suction analogy occurs because the 
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of pointed-nose and rounded-nose airfoils on the progressive development of the 
leading-edge vortex. 
Since the essential element in this calculation is the linear theory 
calculation of the leading-edge suction, the method for predicting rounded-nose 
airfoil effects on vortex development can be extended readily to arbitrary 
highly-swept warped wings to account for the effects of camber, twist, control- 
surface deflections, or aeroelastic distortions. This extension is discussed in 
reference 37. 
THEORY-TO-EXPERIMENT COMPARISONS 
The usefulness of any aerodynamic theory is determined by its ability to 
accurately predict flight or wind-tunnel results. The predictive methods avail- 
able as production tools, as well as newly developed methods, must be tested 
against experimental data for those configurations and flight conditions which 
will figure in the design analysis. With this in mind, and recognizing the 
limited amount of detailed pressure data available for arrow-wing configurations 
over the entire subsonic-supersonic speed regimes, the present experimental and 
associated theoretical-methods evaluation were undertaken. 
Attached-Flow Methods 
Theory-to-experiment comparisons were made over a range of Mach numbers 
from 0.40 to 2.50 using the FLEXSTAB system, at Mach numbers of 0.40 and 0.85 
with the TEA-230 program, and at Mach numbers of 0.40, 0.85, and 1.05 using the 
PANAIR pilot code. All configurations (except the cambered-twisted wing with 
fin on), including deflected control surfaces, were analyzed with FLEXSTAB. 
flat and twisted wings, including some deflected control-surfaces, were analyzed 
using TEA-230. The three wings without deflected control-surfaces, but 
including the effect of the wing fin, were analyzed using PANAIR. The compar- 
isons discussed in this paper will be limited to configurations with the control 
surfaces undeflected, although experimental control surface data will be shown. 
The 
Initial trade studies in the process of designing aircraft are often 
limited to experimental force data only, if in fact any experimental data is 
available at this stage. Even with the availability of pressure data, force and 
moment data are required for performance and stability evaluations. Forces and 
moments presented in subsequent figures are obtained by integrating the pressure 
data. Figures 24 through 26 show comparisons of attached-flow method predic- 
tions of wing normal force and pitching moment coefficients to the experimental 
data for three Mach numbers. At low and moderate angles of attack the 
predictions are quite good. At the higher angles of attack, FLEXSTAB appears to 
be better than the other methods - TEA-230 and PANAIR both underpredict normal 
force - although as we have seen in figures 8 through 17 there is strong vortex 
flow at these angles and FLEXSTAB does not include this phenomena, This 
apparent agreement is fortuitous, and detailed comparisons of surface pressures 
are necessary to evaluate the adequacy of these theoretical solutions in 
describing the load distribution. 
A good test of a theoretical tool is whether or not the pressure change due 
to a change in twist and/or camber can be accurately predicted. Figures 27 
through 34 show comparisons of experimental data with results from the theo- 
retical methods at an angle of attack of 0' and Mach numbers of 0.40 and 1.05. 
The predictions for the flat wing (figs. 27 and 28) are quite good for all 
theories, although PANAIR is definitely better at the leading edge at Mach 1.05. 
Figures 29 and 30 show the twisted wing where it is clear that PANAIR (and 
TEA-230 at Mach 0.40) is much better than FLEXSTAB. 
fin off and on, are shown in figures 31 through 34. The predictions are again 
very good, except at the outboard station at Mach 1.05 where the pressures on 
the lower surface are overpredicted. It seems as if the change in pressures for 
this smooth continuous type of deformation are adequately predicted in the 
region where the flow is still attached. 
The cambered-twisted wing, 
Comparisons of experimental and theoretical surface pressure distributions 
at a Mach number of 0.40 and angle of attack of 4' are shown in figures 35 
through 38 for the four configurations. The predictions of all methods shown 
seem quite good, PANAIR and TEA-230 being somewhat better than FLEXZTAB at the 
leading edgk. Figures 39 through 42 show a similar comparison at 8 angle of 
attack. The comparison on the twisted wing is still quite good, although a 
vortex has started to form outboard of the last section shown. On the other 
wings the vortex is developed on the upper surface, so that the predictions are 
poor. The lower surface predictions, however, are still quite acceptable. 
Comparisons at a Mach number of 1.05 and an angle of attack of 4' are shown 
in figures 43 through46. Although the predictions are good inboard, there is 
vortex development outboard on all bur the twisted wing (fig. 44). It is inter- 
esting to note the difference in the vortex position at the tip section between 
the fin-off and fin-on data (figs. 45 and 46). With the fin off, the vortex is 
at mid chord, whereas with the fin on the vortex is near the leading edge. As 
the vortex moves inboard with increasing angle of attack, the predictions at 8 
(not shown) are not as good as at 4 . 
0 
0 
As attached-flow theories are inadequate to predict the pressure distribu- 
tions at moderate angles of attack, it is important to determine wb.ether theory 
could be used to predict the aeroelastic increment, to use in combination with 
rigid experimental data. Figures 47 through 58 show the incremental distri- 
butions due to change in shape at angles of attack of 0 
of  0.40 and 1.05. 
0 and 8' and Mach numbers 
The data for figures 47 through 50 were obtained by subtracting the flat 
wing data from the twisted wing data at each combination of angle of attack and 
Mach number. For this increment at M = 0.40, all three attached-flow theories 
can be evaluated. 
FLEXSTAB, being a line-- theory, predicts the same increment at all angles of 
attack, which is not the :? the experimental data, even on the lower 
surface. PANAIR and TEA-230, with their exact on-the-surface boundary condi- 
tions, predict the lower surface pressure increments quite well at all angles of 
attack shown. The difference in the position of the vortex on the upper surface 
of the two wing shapes is apparent in the incremental experimental data; none 
of the attached-flow theories predict this. 
At cx = 0' they all predict the increment very well. 
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The increment due to camber alone is obtained by subtracting the data for 
the twisted wing from that of the cambered-twisted wing. These data are shown 
in figures 51 through 54. FLEXSTAB and PANAIR predict the increment very well 
at a = Oo, as would be expected from examining figures 29 through 32 (data at 
a = 0'). 
in vortex position on the upper surface is not predicted. 
At a = 8O, although the lower surface predictions are good, the shift 
Figures 55 through 58 are the combined camber-twist increment (subtracting 
The predictions at a = 0' are flat wing data from cambered-twisted wing data). 
again good. The mid-span station at a = 8' tends to look a little better for 
the combined increment than it did for either twist or camber alone. This is 
because the position of the vortex on both the flat and cambered-twisted wings 
is more nearly the same, while the position on the twisted wing is shifted. 
In addition to the increments due to change in wing shape, the effect of 
adding a vertical fin to the cambered-twisted wing is shown in figures 59 
through 64. Theoretical predictions of the pressures with the fin on are 
limited to the PANAIR method. These figures show only the three outboard 
pressure stations; there is no change in pressure on the inboard portion of the 
wing due to adding ,the fin, either experimentally or as shown by PANAIR. 
the Mach number angle-of-attack combinations where the flow is still attached, 
PANAIR predicts the increment well. The fin, however, has a large effect on the 
position and strength of the vortex. It is evident from figure 61 (K = 0 . 4 0 ,  
a = 8O) and figure 6 3  (M = 1.05,a = 4 0 )  that the vortex has started and that the 
predictions would no longer be useful at these or larger angles of attack. 
For 
It is evident that the attached-flow methods are no better at predicting 
incremental pressures due to aeroelastic deformation when the flow is separated 
than they are in predicting the absolute pressure level. The use of attached- 
wing, where attached flow exists. 
'flow methods is clearly restricted to conditions, or at least regions of the 
Detached-Flow Method 
It is obvious that as a vortex forms at moderate angles of attack on this 
configuration, attached-flow theories deteriorate in their ability to predict 
detailed pressures. Unfortunately this type of flow may exist at various points 
in the flight envelope and must be assessed in structural design. The advanced- 
panel leading-edge vort?x method previously described is being developed to 
provide this capability. Results of this new procedure are shown in figure 65. 
These data are for 12' angle of attack and include a typical FLEXSTAB prediction 
for comparison. The LEV results are surprisingly good, especially considering 
the absence of the body in the theoretical model. The level of the peak lifting 
pressure is generally overpredicted, which at the apex may be because the vortex 
is actually further from the surface than the theory predicts, and for the 
outboard wing because there is a secondary vortex. Predictions for the other 
wings, for which experimental data are available, are planned for the near 
future. These solutions will also examine the effect of including the body and 
wing thickness in the model. 
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Leading-Edge Suction Analogy 
The Polhamus leading-edge-suction analogy, as expanded by Kulfan, still 
does not predict pressure distributions, but accounts for wing thickness and 
warp in predicting the region over which the vortex exists. The insert in 
figure 66 shows a typical plot of experimental net pressure coefficient as a 
function of angle of attack. The angle of attack at which the pressure 
coefficients deviate from a linear relationship is the start of vortex flow. In 
the composite plots in this figure, the linear part of the Cp net vs. a curve at 
each spanwise location (at x/c = 0.025) is shown by the open Squares; 
nonlinear, or separated portion, is shown by the filled-in squares. The start 
of vortex flow, as predicted by the Kulfan method, is indicated by the solid 
lines. Figure 6 6  also illustrates the effect of wing warp on the progressive 
development of the leading-edge vortex. For a sharp thin airfoil the vortex 
would start on the appropriate surface midway between the boundaries shown 
(at a = Oo for the flat wing). Using the information provided by the Kulfan 
method to predict the vortex location, the LEV code can be executed with the 
vortex restricted to that location. This procedure will be tried in the near 
future. If one's interest is only inboard of the vortex, the attached-flow 
theories can be used to predict pressures quite well, although, as can be seen 
i n  figure 6 6 ,  the LEV code also provides excellent agreement with the 
experimental data in this area. 
the 
EXPERIMENTAL EFFECTS OF CONTROL-SURFACE DEFLECTION AND FIN 
Experimental data were obtained for a wide range of configurations (see 
table I). One particularly interesting aspect is the effect of full- and 
partial-span trailing-edge control-surface deflections. Figure 67 shows span- 
load distributions on the flat wing at Mach 0.40.  At all three angles of attack 
shown, the effect on the inboard wing loads is almost all due to the deflection 
of the inboard portion of the control surface. On the outboard wing the incre- 
mental load i s  just as great, or greater, when only the inboard portion is 
deflected, as it is when only the outboard control surface is deflected. This 
effect is noticeably greater at 12' angle of attack. 
Similar data for the twisted wing are shown in figure 6 8 .  The increments 
are very similar, with only the total load level changiiig due to the locally 
lower angle of attack outboard and the resulting position of the vortex. 
Figures 69 and 7 0  show the effect of trailing-edge control surface deflection on 
the cambered-twisted wing with the fin off and fin on respectively. The incre- 
mental control-surface data for fin off are again very similar to the previous 
wings. Comparing the fin-on data (fig. 7 0 )  to the fin-off data (fig. 6 9 )  shows 
that although the increment for full-span deflection is much the same, the 
deflection of the outboard portion has a larger effect on the outboard wing with 
the fin on - both inboard and outboard of the fin (located at 2y/b = 0.725). 
The effect of angle of attack on the spanload distribution for both fin off 
and fin on is shown in figures 71 through 7 4  for the four deflected'trailing- 
edge control-surface configurations. Figure 7 1  is for the undeflected case. 
The spanwise loading at 4' angle of attack is the same for both fin off and fin 
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on, as is the loading on the inboard 70 percent of the wing at 8'. 
angles of attack, when the fin is off, the load on the outboard quarter of the 
wing remains the same as it was at 8 , while the load inboard increases. With 
the fin on, however, it ig only directly inboard of the fin (2y/b = 0.65) that 
the load remains at the 8 angle of attack level. The load increases as angle 
of attack increases on the rest of the wing. Figures 72, 73, and 74, which are 
respectively outboard only, inboard only, and full-span control-surface 
deflection, illustrate this same phenomena. The placement and orientation of 
the fin clearly needs further study to obtain the maximum benefit in a control 
effectiveness sense. 
At higher 
0 
Theoretical pressure predictions made for the configuration with deflected 
trailing edge are not shown here, but have been previously reported in detail 
(refs. 2 and 5 ) .  The pressures at the hinge line are typically overpredicted, 
especially by FLEXSTAB and to some degree by TEA-230. PANAIR has not been used 
on this configuration to predict pressures for the deflected trailing edge. 
CONCLUDING REMARKS 
The previous discussion has shown that the arrow-wing configuration of this 
study is dominated by leading-edge vortex flow at moderate and high angles of 
attack. Attached-flow methods are very good at low angles of attack typical of 
cruise conditions (load factor one). At critical structural and control design 
conditions, which involve large angles of attack and/or large control-surface 
deflections, the attached-flow theories are inadequate. Examination of the 
theoretical incremental load caused by a change in shape, shows that attached- 
flow theories can be used to provide an aeroelastic increment to the rigid 
experimental data only at small angles of attack. 
The one example of a separated flow method indicates much better agreement 
with experiment than do the attached-flow theories. If attempts to use it in 
conjunction with the Kulfan method to predict the location of the vortex are 
successful, an investigation must be made into the possibilities of including 
the aeroelastic effects in this procedure. At this time, this seems to be the 
best hope for predicting the aeroelastic loads on highly-swept, low-aspect- 
ratio, flexible airplanes with the accuracy required. 
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TABLE I.- SUMMARY OF C O N D I T I O N S  T E S T E D  I N  T H E  B O E I N G  T R A N S O N I C  
LEADING-EDGE 
DEFLECTION, 
EDGE DEGREES 
WING 
WIND TUNNEL 
TRAILING-EDGE 
DEFLECTION, 
DEGREES 
ROUNDED-LEADING-EDGE 
CAMBERED-TWISTED WING 
(VERTICAL FIN OFF AND ON) 
0. f 4.1, ? 8.3, 
f '17.7, f 30.2 
O., + 8.3 
+ 8.3 
0. PARTIAL SPAN 
CAMBERED- 
TWISTED 
+ 8.3. + 17.7 
* 8.3, f 17.7 
ROUNDED LEADING-EDGE 
FLAT WING 
5.1, 12.8 0.,+4.1,? 8.3.f 17.7 
TWISTED 0.,+4.1,?8.3,f17.7 
0. 
I SHARP-LEADING-EDGE I FLAT 
FLAT WING 
O.,+ 8.3 
O., +4.1, f 8.3, 
f 17.7, + 30.2 
PARTIAL SPAN 
0. ROUNDED-LEADING-EDGE TWISTED WING 
TABLE 11.- SUMMARY OF C O N D I T I O N S  T E S T E D  I N  T H E  NASA AMES U N I T A R Y  
WIND TUNNEL 
WING 
ROUND ED- LEAD IN G-EDG E 
FLAT WING 
SHARP- LEAD I NG-EDG E 
FLAT WING 
ROUNDED- LEADING-EDGE 
TWISTED WING 
TRAILING 
EDGE 
FLAT 
F L A 1  
TWISTED 
MACH NUMBERS: 1.70,2.10,2.50 
ANGLE OF ATTACK: -@TO + IP(PINCREMENTS) + 15O 
LEADING EDGE 
DEFLECTION, 
DEGREES 
0. 
TRAILING-EDGE 
D E  FLECTION, 
DEGREES 
O., ? 4.1, +8.3 
PARTIAL SPAN t+4.1. +8.3 
5.1 I 0. I 
0. 0. 
5.1 I 0. I 
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TABLE 111.- THEORETICAL PANEL METHODS 
I 
BOUNDARY CON DIT IONS COMMENTS 
I LINEARIZED 
'EXACT' ON THE SURFACE 
METHOD 
I 
'EXACT' ON THE SURFACE 
SATISFIES BOTH 
NONLINEAR AC, = 0 AND 
STREAM SURFACE CONDITIONS 
FLEXSTAB 
TEA-230 
PAN AIR 
LEADING-EDGE 
VORTEX (LEV) 
'EXACT' ON THE SURFACE 1 
ITERATIVE SOLUTION 
2y/b 
MSO.O MS 33.5 MS 227.9 
DIMENSIONS IN 
CENTIMETERS 
TAPER RATIO: 0.10 
WRP 
Figure 1.- General arrangement and c h a r a c t e r i s t i c s .  
WRP 
WRP 
WRP 
WBL 0.0 
WBL 25.4 
Figure  2.- Camb.ered-twisted wing s e c t i o n  geometry. 
BODY STATIONS (typical) 
PRESSURE STATIONS 
-L.E. HINGELINE -T. E. HINGELINE 
Figure 3. -  P r e s s u r e  o r i f i c e  l o c a t i o n s .  
F igure  4.- F l a t  wing i n  Boeing Transonic Wind Tunnel.' 
(a) F l a t  wing. 
(b) Twisted wing. 
F igure  5.- F l a t  and twis ted  wings i n  t h e  9- by 7-fOOt l e g  of t h e  
Ames Uni ta ry  Wind Tunnel. 
Figure 6.- Cambered-twisted wing without fin in the Boeing Transonic 
Wind Tunnel, 
Figure 7,- Cambered-twisted wing with fin in the Boeing Transonic 
Wind Tunnel, 
F i g u r e  8.- Upp’er s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  rounded-leading-edge 
f l a t  wing, M = 0.40. 
F i g u r e  9.- Upper s u r f a c e  i s o b a r s ,  rounded-leading-edge f l a t  wing, 
M = 0.40. 
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F i g u r e  10.- Upper s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  sharp- leading-edge  
f l a t  wing, M = 0.40. 
F i g u r e  11.- Upper s u r f a c e  i s o b a r s ,  sharp- leading-edge  f l a t  wing, 
M = 0.40. 
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Figure 12.- Upper surface pressure distributions, rounded-leading-edge 
twisted wing, M = 0.40. 
Figure 13.- Upper surface isobars, rounded-leading-edge twisted wing, 
M = 0.40. 
Figure 14.- Upper surface pressure distributions, rounded-leading-edge 
cambered-twisted wing, fin off, M = 0.40. 
Figure 15.- Upper surface isobars, .-ounded-leading-edge cambered-twisted 
wing, fin off, M = 0.40. 
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Figure  16.- Upper s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  rounded-leading-edge 
cambered-twisted wing, f i n  on, PI = 0.40. 
F i g u r e  17.- Upper s u r f a c e  i s o b a r s ,  rounded-leading-edge cambered-twisted 
wing, f i n  on, M = 0.40. 
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__ 
LINEARIZED BOUNDARY CONDITIONS 
6, 
BASIC INTERFERENCE SHELL PANELING INTERFERENCE SHELL PANELING 
USED FOR M = 1.05, 1.11 
Figure  18.- FLEXSTAB panel ing  scheme. 
\DEFLECTED FLAP 
Figure  19.- TEA-230 panel ing  scheme. 
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Figure  20.- PANAIR pane l ing  scheme. 
INCOMPRESSIBLE POTENTIAL FLOW 
ITERATIVE SOLUTION 
212PANELS 
RTEX PANELING 
DESIGN WAKE 
ACTUAL TIP 
Figure 21.- Leading edge vo r t ex  (LEV) program panel ing  scheme. 
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LEADING 
POTENTIAL 
FLOW 
-EDGE 
cs, 
POTENTIAL . . . SMOOTH TURN 
FLOW 
V O R T E X  L I F T  
0 VORTEX FORMS 
A T U = O ~  
V O R T E X  FLOW 
VORTEX FORMS 0 VORTEX FORMS AT a> Oo 
A T ~ > O O  0 REDUCED STRENGTH 
0 REDUCED STRENGTH 0 STARTS AT TIP. MOVES 
INBOARD 
I 
ATTACHED FLOW 
F i g u r e  22.- Leading edge s u c t i o n  ana logy  - t h i n ,  sharp-leading-edge wings. 
ROUNDED-NOSE 
AIRFOIL 
VE RY-TH IN SHARP-NOSE PO INTED-NOSE 
AIRFOIL AIRFOIL 
F i g u r e  23.- E f f e c t  of a i r f o i l  shape on t h e  v o r t e x  l i f t  of a highly-swept wing. 
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EXPERIMENT 
0 FLATWING 
0 TWISTED WING 
0 CAMBERED-TWISTED WING, FIN OFF 
A CAHBEREO-TWISTED WING, FlNON 
1.0, I ,  I I I 1  I I 1  
.8 
0 i 
- 
- 
O m e A  
-.6 2 t ' ~ ~ t 2 1  
-10 0 0 0 0 10 20 
a. DEGREES 
A CAMBERED-TWISTED WING, FIN ON 
l . o - l I I I , I , o -  
.6 
THEORY 
.... FLEXSTAB 
PANAIR PILOT CODE 
TEA-230 
- 
Figure 24.- Wing normal f o r c e  and p i t c h i n g  moment c o e f f i c i e n t s ,  
M = 0.40. 
A 
A 
* . * A  
-.6 I I 1 , L I I I  
-10 0 0 0 0  10 20 
a, DEGREES 
THEORY 
- PANAIR PILOT CODE 
.... FLEXSTAB 
TEA-230 
a 
Figure 25. -  Wing normal fo rce  and p i t ch ing  moment c o e f f i c i e n t s ,  
M = 0.85. 
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EXPERIMENT 
c’ FLATWING 
0 TWISTED WING 
0 CAMBERED-TWISTED WING FIN 
THEORY 
.... FLEXSTAB 
PANAIR PILOT CODE - 
I OFF 
A CAMBERED-TWISTED WING: FIN ON ‘ : : T i  .6 
A 
A 
?‘ 0 
q’ O‘ 0,’ A 
d 
P’ d I 
-.6 I 
-10 0 0 0 0  10 20 
a, DEGREES 
* m e A  
-.2 -.l 0 0 0 0 .1 .2  
CM 
Figure 2 6 . -  Wing normal f o r c e  and p i t c h i n g  moment c o e f f i c i e n t s ,  
M = 1.05. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE _.._. FLEXSTAB 
@ LOWER SURFACE TEA-230 
-1.2 
&/b = 0.20 
11111111111 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  27.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  f l a t  wing, 
M = 0.40, a = 0’. 
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EXPERIMENT - PANAIR PILOT CODE 
FLEXSTAB 0 UPPER SURFACE _ _ _ .  
8 LOWER SURFACE 
-1.8 
-1.2 
-.8 
cP 
-.4 
0 
I I I - U L I -  .4 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .d .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 28.-  Surface pressure distributions, flat wing, 
M = 1.05, a = 0'. 
EXPERIMENT -- PANAIR PILOT CODE 
0 UPPER SURFACE - - - - .  FLEXSTAB 
8 LOWER SURFACE TEA-230 
-.8 
CP 
-.4 
A 
zy/b - 0.60 
i 
A- -b " " " ' " l  
0 .2 .4 .6 .8 1.0 0 .2 .4 ,6 .0 1.0 0 .2 .4 .8 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 29.- Surface pressure distributions, twisted wing, 
M = 0.40, a = 0'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ._.. FLEXSTAB 
@ LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  30.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  t w i s t e d  wing, 
0 M = 1.05, a = 0 . 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE __.. FLEXSTAB 
@ LOWER SURFACE TEA-230 
-1.6 
-.8 
-.4 
cP 
.4 L l  
5 / b  = 0.80 rn 
0 .2 .4 .6 .8 1.0 0 .2 .4 $6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - XIC 
Figure  31.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  o f f ,  M = 0.40, 01 = 0'. 
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EXPERIMENT - PANAIR PILOT CODE 
FLEXSTAB ._._ 0 UPPER SURFACE 
0 LOWER SURFACE TEA-230 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .0 1.0 
FRACTION OF LOCAL CHORD - XIC c 
t 1 
I L i  2y/b = 0.80
uu 
0 .2 .4 .6. .8 1.0 
F i g u r e  32. -  S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  o f f ,  M = 1.05, a = Oo. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE 
Q LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - XIC 
F i g u r e  3 3 . -  S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  on ,  M = 0.40, a = 0'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE 
@ LOWER SURFACE 
.4 IIIIIIIIIIJ - 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
2ylb = 0.80 
0 L .2 .4 .6 .8 1.0 
Figure 3 4 . -  Surface pressure distributions, cambered-twisted wing, 
0 
fin on, If = 1.05, a = 0 . 
EXPERIMENT - PANAIR PILOT CODE 
_.... FLEXSTAB 0 UPPER SURFACE 
C, LOWER SURFACE TEA-230 
-1.6 2; 1-1 
-1.2 
Zylb = 0.20 
.4 
0 .2 ,rl .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
0 .2 .4 .6 .8 1.0 
Figure 35.- Surface pressure distributions, flat wing, 
M = 0.40, a = 4'. 
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PANAIR PILOT CODE EXPERIMENT - 
0 UPPER SURFACE . - _ _ _  FLEXSTAB 
@ LOWER SURFACE TEA-230 
-1.2 
-.E 
-16 7 - 1  
L - 
zvh = 0.20 
0 
r-- -r-T1-- 
I---. hl/b = 0.50 
.- 
0 .2 .4 .6 .E 1.0 0 .2 .4 .6 .E 1.0 
FRACTION OF LOCAL CHORD - X/C 
r - - - - i  
0 .2 .4 .6. .E 1.0 
F i g u r e  36 . -  S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  t w i s t e d  wing, 
t1 = 0.40, a = 4'. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE -.... FLEXSTAB 
0 LOWER SURFACE 
-.4 
cP 
F- ah = 0.50 
[ 1 
0 
I: I 
0 .2 .4 .6 .E 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - XIC 
F i g u r e  37.-  S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  o f f ,  M = 0.40, a = 4'. 
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PANAIR PILOT CODE EXPERIMENT - 
0 UPPER SURFACE 
0 LOWER SURFACE 
-7
cP -.4 .'I 
0 
7 a m -  0.80 
b .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .E 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure  38.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  on, M = 0.40, a = 4O.  
FRACTION OF LOCAL CHORD - XIC 
Figure  39.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  f l a t  wing, M = 0.40, 
a = 8'. 
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EXPERIMENT - PANAIR P ILOTCODE 
0 UPPER SURFACE _._.. FLEXSTAB 
@ LOWER SURFACE TEA-230 
t 1 t  1 
I -.E 
-.4 
cP 
0 
.4 
0 .2 .4 .6 .E 1.0 0 .2 .4 .6 .E 1.0 
FRACTION OF LOCAL CHORD - XIC 
0 .2 .4 .6 .E 1.0 
F i g u r e  40.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  t w i s t e d  wing, 
M = 0.40, a = 8'. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ..... F LEXSTAB 
@ LOWER SURFACE 
0 .Z .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  41.- S u r f a c e  p r e s s u r e  d i s t r i b u t i o n s ,  cambered-twisted wing, 
f i n  o f f ,  M = 0.40, a = 8'. 
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PANAIR PILOT CODE EXPERIMENT - 
0 UPPER SURFACE e LOWER SURFACE 
-1.6 l---l (,,,,,,,"1 t i t  1 
.4 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
u 
0 .2 .4 .6 .a 1.0 
Figure 42.- Surface pressure d i s t r ibut ions ,  cambered-twisted wing, 
f i n  on, M = 0.40, a = 8'. 
EXPERIMENT - PANAIR PILOT CODE 
FLEXSTAB 0 UPPER SURFACE -___.  
@ LOWER SURFACE 
-1-6 
-1.2 
-.8 
-.4 
cP 
0 
.4 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .E 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 4 3 . -  Surface pressure distrhbutions,  f l a t  wing, 
M = 1.05, a = 4 . 
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EXPERIMENT - PANAIR PILOT CODE 
FLEXSTAB 0 UPPER SURFACE ...__ 
0 LOWER SURFACE 
cP 
0 .2 .4 .6 .E 1.0 0 .2 .4 .6 .E 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 44.- Surface pressure distributions, twisted wing, 
M = 1.05, a = 4.5'. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ..... F LEXSTAB 
0 LOWER SURFACE 
-1.6 
-1.2 
-.a 
-.4 
cP 
0 
.4 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .E 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 45.- Surface pressure distributions, cambered-twisted wing, 
fin o f f ,  11 = 1.05, a = 4'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE 
@ LOWER SURFACE 
' 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
Figure 46.- Surface pressure distributions, cambered-twisted wing, 
0 fin on, M = 1.05, a = 4 . 
EXPERIMENT - PANAIR PILOT CODE 
FLEXSTAB 0 UPPER SURFACE ---- 
@ LOWER SURFACE --- TEA-230 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - xic 
Figure 47.- Incremental surface pressure distributions due. to twist, 
M = 0.40, a = 0'. 
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-1 .0 
-.6 
-.2 
CP 
.2 
.6 
1 .0 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ---- FLEXSTAB 
@ LOWER SURFACE --- TEA-230 
P- 2yh = 0.50 
t 
-'-1 2yb = 0.80 
.2 .4 .6 .8 1.0 0 .2 .4 .6 .8 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  48.- I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due  t o  t w i s t ,  
M = 0.40, cx = 8'. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ---- FLEXSTAB 
@ LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  49.- I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due  t o  t w i s t ,  
M = 1.05, ci = 0'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ---- FLEXSTAB 
@ LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  50 - I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due t o  t w i s t ,  
M = 1.05, a = 8'. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE --- FLEXSTAB 
@ LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  51.- I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due t o  camber, 
M = 0.40 ,  a = 0'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE ---- F LEXSTAB 
-1.0 
-.6 
-.2 
CP 
.2 
.6 
1 .o 
@ LOWER SURFACE 
----I7 
2ylb = 0.20 2yJb = 0.50 
I ti oo 
b- 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 
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F i g u r e  52.- I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due t o  camber, 
M = 0.40,  a = 8'. 
EXPERIMENT - PANAI R PI LOT CODE 
0 UPPER SURFACE ---- F LEXSTAB 
@I LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL CHORD - XJC 
F i g u r e  5 3 . -  I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due t o  camber, 
M = 1.05, a = 0'. 
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EXPERIMENT 
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Figure  54.- Incrementa l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due t o  camber, 
M = 1.05, a = 8'. 
F i g u r e  55.- I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due to camber 
and t w i s t ,  M = 0.40 ,  a = 0'. 
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FRACTION OF LOCAL CHORD - X/C 
Figure 56.- Incremental surface pressure distributions due to camber 
0 and twist, M = 0.40, ~1 = 8 
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FRACTION OF LOCAL CHORD - X/C 
Figure 57.- Incremental surface pressure distrigutions due to camber 
and twist, M = 1.05, a = 0 . 
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Figure 58.- Incremental surface pressure distributions due to camber 
0 and twist, M = 1.05, a = 8 . 
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Figure 59.- Incremental surface pressure distributions due to a wing 
f i n  on the cambered-twisted wing, M = 0.40, a = 0'. 
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Figure 60.- Incremental surface pressure distributions due to a wing 
fin on the cambered-twisted wing, M = 0.40, a = 4'. 
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Figure 61.- Incremental surface pressure distributions due to a wing 
fin on the cambered-twisted wing, M = 0.40, a = 8'. 
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EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE 
@ LOWER SURFACE 
1 -.2 
FRACTION OF LOCAL CHORD - X/C 
F i g u r e  6 2 . -  I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due  t o  a wing 
f i n  on t h e  cambered-twisted wing, M = 1.05, ct = Oo. 
EXPERIMENT - PANAIR PILOT CODE 
0 UPPER SURFACE 
@ LOWER SURFACE 
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0 
FRACTION OF LOCAL: CHORD - X/C 
F i g u r e  6 3 . -  I n c r e m e n t a l  s u r f a c e  p r e s s u r e  d i s t r i b u t i o n s  due 1.0 a wing 
f i n  on t h e  cambered-twisted wing, M = 1.05, a = 4 . 0 
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Figure 64.- Incremental surface pressure distributJons due to a wing 
fin on the cambered-twisted wing, M = 1.05, ~1 = 8 . 0 
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Figure 65.- Net pressure distributions, leading edge vortex (LEV) 
program, flat wing, a = 12O. 
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TEST DATA 
P R E S S U R ~ R E A K  
 FLAT ARROW  WING^ 
F i g u r e  66.- Comparisons of p r e d i c t e d  v o r t e x  development w i t h  e x p e r i m e n t a l  
leading-edge p r e s s u r e s .  
4- FULLSPAN 0.0' ~ - . -0- - - .  INBOARD 8.3' 
- . - -0.. - - OUTBOARD 8.3' -- FULLSPAN 8.3' 
F i g u r e  67.- Spanload d i s t r i b u t i o n s ,  e f f e c t  o f  t r a i l i n g - e d g e  c o n t r o l  
s u r f a c e  d e f l e c t i o n ,  f l a t  wing, M = 0.40. 
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Figure 68.- Spanload distributions, effect of trailing-edge control 
surface deflection, twisted wing, M = 0.40. 
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Figure 69.- Spanload distributions, effect of trailing-edge control 
surface deflection, cambered-twisted wing, fin off, M = 0.40. 
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FRACTION OF SEMISPAN - 2y/b 
F i g u r e  70.- Spanload d i s t r i b u t i o n s ,  e f f e c t  of t r a i l i n g - e d g e  c o n t r o l  
s u r f a c e  d e f l e c t i o n ,  cambered-twisted wing, f i n  on, M = 0.40. 
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F i g u r e  71.- Spanload d i s t r i b u t i o n s ,  e f f e c t  o f  f i n ,  cambered-twisted 
wing; T. E. d e f l e c t i o n ,  f u l l  span = 0.0'; M = 0.40. 
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F i g u r e  72.-  Spanload d i s t r i b u t i o n s ,  e f f e c t  of f i n ,  cambered-twisted wing; 
T. E. d e f l e c t i o n ,  inboard  = O.Oo, outboard  = 8.30;  M = 0 .40 .  
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F i g u r e  73.-  Spanload d i s t r i b u t i o n s ,  e f f e c t  of f i n ,  cambered-twisted wing; 
T .  E .  d e f l e c t i o n ,  inboard  = 8.3', outboard  = O.Oo; M = 0 .40 .  
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F i g u r e  74.- Spanload d i s t r i b u t i o n s ,  e f f e c t  o f  f h n ,  cambered-twisted wing; 
T. E. d e f l e c t i o n ,  f u l l  span = 8 . 3  ; M = 0.40. 
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EXPLORATORY SUBSONIC INVESTIGATION OF VORTEX-FLAP CONCEPT 
ON ARROW WING CONFIGURATION 
* 
Dhanvada M.  Rao 
Old Dominion Un ive r s i ty  Research Foundation 
SUMMARY 
The drag-reduct ion p o t e n t i a l  of a vor tex- f lap  concept ,  u t i l i z i n g  t h e  t h r u s t  
c o n t r i b u t i o n  of s e p a r a t i o n  v o r t i c e s  maintained over leading-edge f l a p  s u r f a c e s ,  
has  been explored i n  subsonic  wind tunne l  t es t s  on a h igh ly  swept arrow wing 
conf igu ra t ion .  
v ious  s tudy  on t h e  same model wi th  lead ing  edges drooped f o r  a t tached  flow. 
The most promising vo r t ex - f l ap  arrangements produced drag r educ t ions  comparable 
wi th  leading-edge droop over a range of l i f t  c o e f f i c i e n t s  from 0 .3  t o  0.6 
(untrimmed), and a l s o  ind ica t ed  b e n e f i c i a l  e f f e c t s  i n  t h e  l o n g i t u d i n a l  and 
la teral  s t a t i c  s t a b i l i t y  c h a r a c t e r i s t i c s .  
Seve ra l  f l a p  geometr ies  were t e s t e d  i n  comparison wi th  a pre- 
INTRODUCTION 
The low-speed aerodynamics of h ighly  swept, s l ende r  wings favored f o r  
supersonic  c r u i s e  a i r c r a f t  cont inues  t o  r e c e i v e  a t t e n t i o n  on account of its 
s e r i o u s  performance, s t a b i l i t y  and c o n t r o l  d e f i c i e n c i e s .  Leading-edge flow 
s e p a r a t i o n  and r e s u l t i n g  v o r t i c e s  are  known t o  be  t h e  primary cause of drag 
and l o n g i t u d i n a l  i n s t a b i l i t y  problems encountered on such conf igu ra t ions  a t  
ang le s  of a t t a c k .  Cont ro l  of s e p a r a t i o n  a t  h igh ly  swept lead ing  edges there-  
f o r e  has  a t t r a c t e d  much in te res t  and remains a r e s e a r c h  and engineer ing problem 
wi th  high pay-off p o t e n t i a l .  
An obvious approach t o  t h e  problem i s  t h e  u s e  of leading-edge droop, which 
p a s t  experience has  shown t o  be an  e f f e c t i v e  means to raise the  ang le  of a t t a c k  
l i m i t  f o r  a t t a c h e d  f low and thus  de lay  t h e  drag  i n c r e a s e  t o  a h igher  l i f t  coef- 
f i c i e n t .  
of 70' or  g r e a t e r )  where t h e  c i rcu la t ion- induced  upwash normal t o  t h e  lead ing  
edges grows r a p i d l y  no t  on ly  wi th  a n g l e  of a t t a c k  bu t  a l s o  i n  a spanwise d i r ec -  
t i o n .  A highly  warped l ead ing  edge wi th  pronounced droop ang le s  w i l l  t h e r e f o r e  
be needed f o r  f u l l y  a t t a c h e d  flow subsonica l ly .  S ince  t h e  drag  pena l ty  of such 
a leading  edge could not  be t o l e r a t e d  i n  supersonic  c r u i s e ,  an  a r t i c u l a t e d  and 
It has  l i m i t a t i o n s  however on h igh ly  swept wings (leading-edge sweep 
* Research Supported by NASA Grant no. NSG-1315 
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mechanically complex leading-edge des ign  wi th  a s s o c i a t e d  weight p e n a l t i e s  ap- 
pea r s  i n e v i t a b l e .  Also,  t h e  p o s s i b i l i t y  of s e p a r a t i o n  inboard along the  h ighly  
curved knee-l ine ( f i g .  1, C) may l i m i t  t h e  advantage of a t t a c h e d  leading-edge 
flow. While t h e  aerodynamic p o t e n t i a l  of op t imal ly  t a i l o r e d  droop on h ighly  
swept wings has been demonstrated ( r e f .  11, t h e  ques t ion  remains as t o  t h e  
f e a s i b i l i t y  of i t s  r e a l i z a t i o n  i n  p r a c t i c e .  
The vor tex- f lap  concept i s  a n  a l t e r n a t i v e  approach t o  swept leading-edge 
flow management wi th  a view t o  r e t a i n  e f f e c t i v e  leading-edge s u c t i o n  beyond 
t h e  normal a t tached-f low a n g l e  of a t t a c k  regime. It  i s  based on c o n t r o l l e '  
s e p a r a t i o n  t o  produce c o i l e d  v o r t i c e s  whose s u c t i o n  e f f e c t  over  i n c l i n e d  lead- 
ing-edge s u r f a c e s  i s  u t i l i z e d  t o  gene ra t e  a t h r u s t  component. Although uncon- 
ven t iona l ,  t h i s  approach i s  based on flow mechanisms t h a t  are p h y s i c a l l y  w e l l  
understood v i z .  streamwise v o r t i c e s  a r i s i n g  from swept-edge s e p a r a t i o n s  and 
t h e i r  powerful i n t e r a c t i o n  w i t h  t h e  i n v i s c i d  flow f i e l d .  
The vo r t ex - f l ap  device  i s  conceived he re  as a s u r f a c e  hinged j u s t  under 
t h e  lead ing  edge and r e t r a c t e d  f l u s h  wi th  the  wing undersur face  when inope ra t ive  
( f i g .  1, D),. 
less than  t h e  l o c a l  upwash, f o r c i n g  s e p a r a t i o n  and a r e s u l t a n t  c o i l e d  vo r t ex  
c l o s e  t o  i t s  upper su r face .  
s t a b i l i t y  and p e r s i s t e n c e  of t h e  vo r t ex  down t h e  l e n g t h  of t h e  f l a p .  For most 
e f f i c i e n t  u t i l i z a t i o n  of t h e  f l a p  s u r f a c e  under the  v o r t e x  s u c t i o n  and a l s o  f o r  
smooth e n t r y  t o  t h e  wing, t h e  vortex-induced reat tachment  should occur  j u s t  a t  
t h e  wing l ead ing  edge as  ind ica t ed  i n  f i g u r e  1, D.  
To  deploy t h e  f l a p ,  i t  is  r o t a t e d  forward and set a t  a n  angle  
The h igh  degree of leading-edge sweep promotes 
Proof-of concept tests w e r e  conducted a t  NASA Langley on a 74' d e l t a  wing 
r e sea rch  model f o r  a n  i n i t i a l  assessment of t h e  vo r t ex - f l ap  p o t e n t i a l  and t o  
o b t a i n  a g e n e r a l  understanding of t h e  f l a p  geometry v a r i a b l e s  of importance 
( r e f .  2 ) .  
f u r t h e r  s t u d i e s  us ing  a supe r son ic  c r u i s e  conf igu ra t ion  on which a n  ex tens ive  
d a t a  base  a l r e a d y  e x i s t e d ,  p a r t i c u l a r l y  wi th  regard t o  leading-edge droop 
e f f e c t s .  Se lec ted  r e s u l t s  of t h e s e  explora tory  i n v e s t i g a t i o n s  are presented  
i n  t h i s  paper t o  provide  a n  i n d i c a t i o n  of t h e  drag-reduct ion p o t e n t i a l  of t h e  
vor tex- f lap  concept relative t o  drooped leading  edges and i t s  impact on o t h e r  
low-speed aerodynamic c h a r a c t e r i s t i c s  of a real is t ic  a i r p l a n e  conf igu ra t ion .  
The r e s u l t s  of t h e s e  t r i a l s  were s u f f i c i e n t l y  encouraging t o  prompt 
SYMBOLS 
l i f t  c o e f f i c i e n t  
drag c o e f f i c i e n t  
p i t c h i n g  moment c o e f f i c i e n t  
l i f t - t o -d rag  r a t i o  
ang le  of a t  t a c k  (deg . ) 
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SYMBOLS (concluded) 
B ang le  of s i d e s l i p  (deg . ) 
body-axis d i r e c t i o n a l  s t a t i c  s t a b i l i t y  d e  i v a t i v e  (per  deg:)  
B 
'n 
body-axis la teral  s t a t i c  s t a b i l i t y  d e r i v a t i v e  (per deg.)  
clB 
PRELIMINARY VORTEX-FLAP EXPERIMENTS ON A DELTA W I N G  
The i n i t i a l  t r ia ls  of t he  lead ing  edge vo r t ex - f l ap  (LEVF) concept w e r e  
conducted on a f l a t - p l a t e  t y p e  74O d e l t a  wing model 
t o  a cons t an t  r a d i u s  semi-c i rcu lar  s e c t i o n ,  i n  t h e  NASA Langley 7x10 f t .  h igh  
speed tunne l  a t  a nominal Mach number of 0 .2  (Reynolds number = 2.7 x l o 6  based 
on mean aerodynamic chord) .  The d e t a i l s  of t h i s  test program and the  r e s u l t s  
are repor t ed  i n  r e f e r e n c e  2.  A series of sys temat ica l ly-var ied  LEYF geometr ies  
w e r e  i n v e s t i g a t e d ,  inc luding  cons tan t  chord f u l l - l e n g t h  and par t - length  f l a p s  
and inverse- taper  f l a p s ,  a t  two d e f l e c t i o n  ang le s  (30' and 45' normal t o  the  
l ead ing  edge) .  
15% of t h e  b a s i c  wing area through success ive  geometr ic  re f inements  f o r  improv- 
ing  t h e  drag-reduct ion e f f e c t i v e n e s s .  
wi th  l ead ing  edges modified 
The f l a p  area w a s  p rog res s ive ly  reduced from over  25% t o  about 
A t y p i c a l  set of d a t a  p e r t a i n i n g  t o  t h e  f i n a l  LEVF conf igu ra t ion  of t h i s  
test  series i s  presented  i n  f i g u r e  2.  
l ead ing  edge d a t a  p rev ious ly  obtained on t h e  same w i n g  ( s ee  NASA TN D-6344) 
which correspond t o  ze ro  leading-edge suc t ion ,  as w e l l  as a c a l c u l a t e d  100% 
s u c t i o n  curve f o r  t h e  b lun t  lead ing  edge. These comparisons serve t o  i n d i c a t e  
t h e  l i f t / d r a g  r a t i o  b e n e f i t s  obtained l a r g e l y  as a r e s u l t  of l i f t -dependent  
drag  r educ t ions  r e l a t i v e  t o  t h e  b a s i c  wing. 
improvement i s  due t o  t h e  e x t r a  l i f t  from t h e  planform area a d d i t i o n  of t h e  
f l a p s ,  which of cour se  i s  i n t e g r a l  t o  t h e  p re sen t  LEVF concept.  
t h a t  t h e  b e n e f i c i a l  e f f e c t  of LEVF i s  sus t a ined  t o  t h e  h ighes t  l i f t  c o e f f i c i e n t  
(1.0) of t h e  test  range. The p i t c h i n g  moment c h a r a c t e r i s t i c s  w i t h  LEVF a l s o  
shown i n  f i g u r e  2 remain l i n e a r  i n  t h e  
r educ t ion  i n  p i t c h  s t a b i l i t y .  
Also shown f o r  comparison are t h e  sharp 
A small p a r t  of t h e  ind ica t ed  
It is  noteworthy 
CL range of i n t e r e s t  w i t h  only  a s m a l l  
VORTEX-FLAP STUDIES ON SWAT CONFIGURATION 
A s  p a r t  of a r e s e a r c h  program aimed a t  advancing t h e  subsonic  l i m i t a t i o n s  
i n  swept wing aerodynamic technology (SWAT), t h e  p o t e n t i a l  of leading-edge droop 
has  been t h e  s u b j e c t  of r e c e n t  wind tunne l  i n v e s t i g a t i o n s  a t  Langley on an  arrow 
wing supersonic  c r u i s e  a i r c r a f t  con f igu ra t ion .  The SWAT model d e t a i l s  and an- 
a l y s i s  of d a t a  are presented  i n  r e f e r e n c e  1. 
r e f e r e n c e  f o r  a s s e s s i n g  LEVF arrangements s tud ied  i n  follow-on tests wi th  t h e  
These d a t a  were used t o  provide a 
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same model i n  t h e  Langley 7x10 f t .  h igh speed t u n n e l .  S e l e c t e d  r e s u l t s  from 
t h e s e  tests are p r e s e n t e d  and d i s c u s s e d  below ( t e s t  c o n d i t i o n s :  Mach no. = 
0.14, Reynolds no. = 2 . 8 ~ 1 0 ~  based on mean aerodynamic c h o r d ) .  
Vor t ex-Flap D e  t a i l s  
The two f i n a l  LEVF g e o m e t r i e s  of t h e  p r e s e n t  tes t  ser ies  are  shown i n  
f i g u r e  3.  The segmented arrangement  of t h e s e  LEVF d e s i g n s  d i s t i n g u i s h e s  them 
from t h e  one-piece f l a p s  earlier t e s t e d  on t h e  74' d e l t a  wing r e s e a r c h  model. 
A t  least  two f lap-segments  (LEVF # 9 )  w e r e  n e c e s s i t a t e d  because  of a break  
i n  t h e  leading-edge sweep a n g l e  a t  about  50% semi-span l o c a t i o n  on t h e  p r e s e n t  
c o n f i g u r a t i o n .  A four-segment v a r i a t i o n  (LEVF #8) w a s  a l s o  t e s t e d  f o r  a f i r s t  
look  a t  multi-segment LEVF ar rangements  which permi t  spanwise t a i l o r i n g  of 
d e f l e c t i o n  a n g l e  t o  maximize d r a g - r e d u c t i o n  and possib1.y f o r  some p i t c h i n g -  
moment c o n t r o l  f o r  t r i m ;  t h e y  may a l s o  b e  c o n s i d e r e d  more p r a c t i c a l  t h a n  one- 
p i e c e  f l a p s  on l a r g e  v e h i c l e s .  The l i m i t e d  scope  of  t h i s  s t u d y  however covered 
o n l y  one d e f l e c t i o n  s c h e d u l e  f o r  each LEVF arrangement  as i n d i c a t e d  i n  f i g u r e  
3 ( n o t e  t h a t  t h e  t i p  p a n e l  leading-edge f l a p  w a s  a lways d e f l e c t e d  down 50' 
u n l e s s  o t h e r w i s e  s t a t e d ,  as t h i s  w a s  found b e n e f i c i a l  f o r  d r a g  a t  t h e  h i g h e r  
a n g l e s  of a t t a c k ) .  
The t o t a l  area of t h e  four-segment f l a p  arrangement  w a s  a b o u t  two- th i rds  
t h e  two-segment LEVF and amounted t o  10.5% of t h e  wing r e f e r e n c e  area. The 
m a x i m u m  f l a p  chord (normal t o  h i n g e  l i n e )  w a s  7.5% of t h e  mean aerodynamic 
chord i n  b o t h  t h e  LEVF c o n f i g u r a t i o n s .  The f l a p  e lements  were c u t  from 1 . 6  rnm 
t h i c k  aluminum s h e e t ,  b e n t  as  r e q u i r e d  and secured  w i t h  screws under  t h e  lead-: 
i n g  edges which were i n  t h e  undrooped p o s i t i o n .  
t h e  s t e p s  and o t h e r  p r o t r u s i o n s  r e s u l t i n g  from t h i s  somewhat c r u d e  a t t a c h m e n t  
method, and i t  is  probably  f a i r  t o  assume t h a t  t h e  LEVF i n s t a l l a t i o n  d r a g  w a s  
r e l a t i v e l y  much more on the wind t u n n e l  model t h a n  w i l l  b e  i n c u r r e d  on  a f l i g h t  
v e h i c l e .  
No a t t e m p t  w a s  made t o  f a i r - i n  
L i f t  and Drag C h a r a c t e r i s t i c s  
The l i f t  and d r a g  measurements w i t h  LEVF (symbols) are  compared w i t h  t h e  
d a t a  of r e f e r e n c e  1 ( c u r v e s )  i n  f i g u r e  4. I n  a d d i t i o n  t o  undrooped l e a d i n g  
edge, d a t a  f o r  two leading-edge droop c o n f i g u r a t i o n s  are a v a i l a b l e ,  one  w i t h  
c o n s t a n t  30' droop and t h e  o t h e r  w i t h  droop a n g l e  i n c r e a s i n g  c o n t i n u o u s l y  from 
16' a t  t h e  f u s e l a g e  j u n c t i o n  t o  50' a t  t h e  t i p .  The e f f e c t i v e n e s s  of droop may 
b e  judged by t h e  e l i m i n a t i o n  of a d i s t i n c t i v e  upward b r e a k  i n  t h e  l i f t - c u r v e  
s l o p e  found on t h e  undrooped wing. However, e l i m i n a t i o n  of v o r t i c e s  r e s u l t s  i n  
a l i f t  l o s s  of as much as 1 7 %  a t  8" a n g l e  of a t t a c k .  
a r rangements  a re  p r a c t i c a l l y ' l i n e a r  i n  t h e  a n g l e  of a t t a c k  r a n g e  and i n d i c a t e  a 
much smaller l i f t  l o s s .  
The l i f t  d a t a  w i t h  LEVF 
1 2 0  
The drag d a t a  (p lo t t ed  ve r sus  C 2, i n  f i g u r e  4 show t h a t  LEVF 119 equals  
t he  drag-reduct ion c a p a b i l i t y  of t h e  96O-50' droop conf igu ra t ion  which probably 
r e p r e s e n t s  t h e  b e s t  a t tached-f low performance. The four-segment f l a p  (LEVF #8) 
with  30% less f l a p  area comes q u i t e  c l o s e  t o  t h e  performance of LEVF #9.  These 
t r ends  are f u r t h e r  i l l u s t r a t e d  i n  terms of l i f t - t o -d rag  r a t i o  i n  f i g u r e  5. 
0 
The above LEVF d a t a  correspond t o  t h e  + i p  panel lead:ng--edgc f l a p  a t  50 . 
Comparison with d a t a  f o r  u n d e f l e c t e d  I+c?tl i i , ~  t j r ' t  1' 6 TI10  t - ' ,a t  R 
s i g n i f i c a n t  L/D ga in  r e s u l t s  from t h i s  r e l a t i v e l y  s imple t i p -pane l  lr h g  
edge device.  Although they  have only 7 .5% of t h e  t o t a l  wing area, t h e  t i p  
pane ls  comprise 30% of t h e  exposed span and t h e r e f o r e  t h e  e f f e c t  of l o s s  of 
leading-edge s u c t i o n  a t  t h e  t i p  pane ls  i s  s u b s t a n t i a l .  
ope ra t e  i n  a r eg ion  of high induced upwash even a t  moderate l i f t  c o e f f i c i e n t s  
and so are prone t o  e a r l y  s ta l l .  The d a t a  of f i g u r e  6 are i n d i c a t i v e  of t h e  
importance of f low management i n  t h i s  area not  only f o r  drag  minimizat ion,  bu t  
a l s o  wi th  regard t o  l o n g i t u d i n a l  s t a b i l i t y  as w i l l  be  found i n  the  fol lowing 
sec t ion .  
The wing t i p s  ev iden t ly  
Longi tudinal  S t a b i l i t y  
The p i t ch ing  moment c h a r a c t e r i s t i c s  with LEVF are compared wi th  the  r e s u l t s  
from re fe rence  1 i n  f i g u r e  7 (note  t h a t  t hese  d a t a  p e r t a i n  t o  ' t a i l  o f f '  condi- 
t i o n  since t h e  a f t  fu se l age  and t h e  empennage were not  represented  on the  SWAT 
model). The undrooped l ead ing  edge d a t a  i n d i c a t e  a pitch-up a t  about 
which could be caused by wing leading-edge s e p a r a t i o n  o r  t ip -panel  s t a l l ,  o r  
both.  With droop, t h i s  adverse  f e a t u r e  i s  moderated. The p i t c h i n g  moment 
measurements wi th  LEVF ( taken about t h e  same center -of -gravi ty  p o s i t i o n  and 
t h e r e f o r e  showing a p o s i t i v e  s lope )  are  l i n e a r  up t o  
up appears;  however t h e  re la t ive  change of t h e  moment-curve s lope  a t  pitch-up 
i s  only 20% of t h a t  on t h e  undrooped wing, r ep resen t ing  a cons ide rab le  allevia- 
t i o n  of t h e  pitch-up i n t e n s i t y .  
CL = 0.35, 
CL = 0.45 befo re  a p i tch-  
Addi t iona l  tests wi th  t h e  t i p  pane ls  removed were c a r r i e d  out  i n  an  a t t e m p t  
t o  s e p a r a t e  out  t h e  t ip -panel  s t a l l  and leading-edge s e p a r a t i o n  e f f e c t s  on t h e  
pitch-up behavior .  With undrooped leading  edge the  d a t a  show t h a t  removing 
the  t i p  pane ls  does no t  e s s e n t i a l l y  a l te r  the  pitch-up a n g l e  of a t t a c k ,  bu t  t h e  
pitch-up i n t e n s i t y  is  much reduced ( f i g .  8 ) .  This  r e s u l t  would i n d i c a t e  t h a t  
leading-edge s e p a r a t i o n  and t i p  s t a l l  both t ake  p l a c e  a t  t h e  same t%e produc- 
ing t h e  s t rong  pitch-up found wi th  undrooped l ead ing  edges. 
t i p  pane ls  of f  t h e  pitch-up i s  e l imina ted .  
With 30 droop and 
The LEVF e f f e c t  on p i t ch ing  moment without  t he  ti8 pane l s  i s  shown i n  
f i g u r e  9. Not on ly  i s  t h e  pitch-up d e l a y e d - t o  about 8 a n g l e  of a t t a c k  but 
a l s o  t h e  pitch-up i n t e n s i t y  i s  much sof tened .  
f l a p s  act  p a r t l y  as droop i n  a l l e v i a t i n g  the  vo r t ex  s t r e n g t h  over t he  wing. 
It would appear t h a t  t h e  vortex-  
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L a t e r a l / D i r e c t i o n a l  S t a b i l i t y  
The t a i l - o f f  d i r e c t i o n a l  and la teral  s t a t i c  s t a b i l i t y  d e r i v a t i v e s  f o r  
LEVF #8 obta ined  from tests a t  
undrooped and 30' droop d a t a  i n  T igure  10. A r a p i d  rise i n  d i r e c t i o n a l  sta- 
b i l i t y  of t h e  undrooped wing s t a r t i n g  a t  a l i f t  c o e f f i c i e n t  corresponding t o  
v o r t e x  onse t  sugges ts  t h a t  i t  i s  r e l a t e d  t o  t h e  f avorab le  asymmetry i n  t h e  
vo r t ex  p a i r  found on s l e n d e r  l i f t i n g  bodies  of o b l a t e  c ros s - sec t ions  a t  s ide-  
s l i p ,  which gene ra t e  upwind s u c t i o n  and corresponding r e s t o r i n g  yawing moments 
( r e f .  3 ) .  
where the v o r t i c e s  have been suppressed,  and a l s o  w i t h  LEVF. Th i s  l o s s  of 
vo r t ex - re l a t ed  d i r e c t i o n a l  s t a b i l i t y  i s  no t  n e c e s s a r i l y  a bad f e a t u r e  s i n c e  
r e s t o r i n g  s ide - fo rces  t h a t  o r i g i n a t e  forward of t h e  center -of -gravi ty  a l s o  
reduce yaw damping; i t  i s  t h e r e f o r e  p r e f e r a b l e  t o  seek  d i r e c t i o n a l  s t a b i l i t y  
by t h e  use  of convent iona l  a f t  v e r t i c a l  su r f aces .  
t5' s ides l ip  angle  are compared wi th  t h e  
Th i s  f e a t u r e  is  notab ly  absent  i n  t h e  d i r e c t i o n a l  d a t a  f o r  30' droop 
The combined e f f e c t  of h igh  sweep allgle and low aspec t  r a t i o  i s  t o  produce 
a h igh  l e v e l  of l a te ra l  s t a t i c  s t a b i l i t y  on t h e  p re sen t  arrow-wing conf igu ra t ion ,  
as ind ica t ed  by t h e  d a t a  f o r  undrooped leading  edges i n  f i g u r e  10. 
edge droop does l i t t l e  t o  change t h i s  f e a t u r e  i n  t h e  
Because of l i m i t e d  r o l l  c o n t r o l  c a p a b i l i t y  t y p i c a l  of such conf igu ra t ions ,  t h e  
h igh  lateral  s t a b i l i t y  compromises cross-wind approach and landing  ope ra t ions .  
I n  t h i s  con tex t ,  t h e  l a t e ra l  d e r i v a t i v e  d a t a  wi th  LEVF shown i n  f i g u r e  10  are 
of p a r t i c u l a r  i n t e r e s t .  They i n d i c a t e  a 20% lower dCla /dCL compared t o  t h e  
undrooped wing, r e s u l t i n g  i n  a 25% reduc t ion  i n  CIB a t  a l i f t  c o e f f i c i e n t  
of 0.4.  I f  t h i s  were a s t ra ight - forward  anhedra l  e f I e c t ,  a change i n  t h e  
g r a d i e n t  dC1 /dCL would no t  be expected.  The A C l  due t o  vo r t ex - f l ap  i n  
t h i s  i n s t a n c e  i s  of t h e  same orde r  as  demonstrated ifi r e f e r e n c e  1 by the  u s e  of 
geometr ic  anhedra l  on t h e  same model; however t h e  degree  of anhedra l  needed 
may exceed t h e  t i p  c l ea rance  c o n s t r a i n t s  wi th  a normal landing  gear length .  
Th i s  f avorab le  LEVF e f f e c t  on l a t e ra l  s t a b i l i t y  ind ica t ed  by .-- presen t  l i m i t e d  
d a t a  appears  s u f f i c i e n t l y  promising t o  merit f u r t h e r  i n v e s t i g a t i o n .  
Leading- 
CL range  of i n t e r e s t .  
B 
Flow V i s u a l i z a t i o n  
Smoke v i s u a l i z a t i o n  experiments w e r e  conducted a t  a v e r y  low speed (about 
3 m/sec.> i n  an a t tempt  t o  observe t h e  q u a l i t a t i v e  n a t u r e  of t h e  f low over lead-  
i n g  edge vo r t ex - f l aps .  A t h i n  p lane  of l i g h t  i l l umina ted  a chosen cross-f low 
s e c t i o n  of t h e  model. A smoke-generating wand w a s  he ld  upstream of t h e  model 
whi le  photographs of t h e  smoke p a t t e r n  were taken  from a downstream p o s i t i o n  a t  
v a r i o u s  a n g l e s  of a t t a c k .  The l i g h t  p lane  w a s  moved t o  d i f f e r e n t  areas of t h e  
f l a p s  t o  observe t h e  o r i g i n  and development of t h e  v o r t i c e s .  A t  ang le s  of 
a t t a c k  of about  10' and g r e a t e r ,  well-defined vo r t ex  c o r e s  could be seen  over  
t h e  f l a p  segments. A t y p i c a l  v i s u a l i z a t i o n  photograph i s  presented  i n  f i g u r e  11. 
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CONCLUSIONS 
The p o t e n t i a l  of leading. edge vor tex- f laps  (LEVF) i n  reducing t h e  subsonic 
l i f t -dependent  drag of a r e p r e s e n t a t i v e  supersonic  c r u i s e  a i r c r a f t  conf igura t ion  
w a s  explored through wind tunne l  t e s t s .  Two d i f f e r e n t  LEVF ar r ranganents  (a 
two-segment and a four-segment) were assessed  by comparison wi th  r e s u l t s  from 
a previous  test on the  same model wi th  t h e  lead ing  edges drooped f o r  a t tached  
flow. The main r e s u l t s  of t h i s  s tudy may be summarized as fo l lows:  
1. The two-segment vo r t ex - f l aps  (14.8% of t h e  wing a r e a )  produced drag reduc- 
t i o n s  equal  t o  t h a t  obtained by opt imal ly  drooped l ead ing  edges a t  l i f t  
c o e f f i c i e n t s  g r e a t e r  t han  0 . 4 .  
2. The four-segment vor tex- f laps  (10.5% of wing a r e a )  performed as w e l l  as t h e  
cons tan t  30' droop conf igura t ion .  
3. The vor t ex - f l aps  r a i s e d  t h e  pitch-up ang le  of a t t a c k  from 5' t o  8' and a l s o  
a l l ayed  i t s  s e v e r i t y .  
4. The vor tex- f laps  had the  same e f f e c t  as leading-edge droop i n  e l imina t ing  
t h e  vor tex- re la ted  d i r e c t i o n a l  s t a b i l i t y  a t  h igher  ang le s  of a t t a c k .  
5. A 20% reduc t ion  i n  la teral  s t a b i l i t y  w a s  achieved a t  l i f t  c o e f f i c i e n t s  up 
t o  0.5, i n d i c a t i n g  t h a t  vo r t ex - f l aps  can c o n t r i b u t e  s i g n i f i c a n t l y  towards 
improving cross-wind landing performance i n  a d d i t i o n  t o  reducing drag.  
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ATTACHEU FLOW 
(FULL SUCTION) 
/ 
L. E. DROOP FOR 
ATTACHED FLOW 
Figure 1.- Leading-edge flows over h igh ly  swept wing (viewed i n  
cross-flow p lane) .  
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Figure 2.- Vortex-flap tes t  r e s u l t s  on 74' d e l t a  wing. 
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LEVF # 8 
AREA 10.5% 
Figure 3.- Vortex-flap configurations on SWAT model. 
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Figure 4.- Lift and drag comparison of vortex-flaps with leading-edge droop. 
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Figure 5.- Liftldrag ratio comparison of vortex-flaps with leading-edge droop. 
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Figure 6.- Effect of tip-panel leading-edge flap deflection on liftldrag ratio. 
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Figure 7.- Pitching moment comparison of vortex-flaps with leading edge droop. 
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Figure 8.- Effects of leading-edge droop and tip panel on pitch-up. 
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Figure 9.- Vortex-flap effect on longitudinal stability (tip-panels off). 
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Figure 10.- Vortex-flap effects on directional and lateral stability. 
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LEVF CONFIG.# 8, 
ANGLE OF ATTACK 12'. 
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Figure 11.- Smoke f l o w  visualization on vortex-flap. 
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W I N D  TUNNEL TEST RESULTS OF A N E W  
LEADING EDGE FLAP DESIGN FOR HIGHLY 
SWEPT WINGS - A VORTEX FLAP 
L. James Runyan, Wilbur D .  Middleton, and John A. Paulson,  
Boeing Commercial Airplane Company 
SUMMARY 
A new leading  edge f l a p  design f o r  h ighly  swep t  wings, c a l l e d  a vo r t ex  
f l a p ,  has  been t e s t e d  on an arrow wing model i n  a low speed wind tunnel .  A 
vor tex  f l a p  d i f f e r s  from a convent ional  p l a i n  f l a p  i n  t h a t  it has a leading  
edge tab  which i s  coun te rde f l ec t ed  from t h e  main p o r t i o n  of t h e  f l a p .  This  
r e s u l t s  i n  i n t e n t i o n a l  s epa ra t ion  a t  the f l a p  leading  edge, causing a vo r t ex  to\ 
form and l i e  on t h e  f l a p .  By " t rapping" t h i s  vo r t ex ,  t he  vo r t ex  f l a p  can 
r e s u l t  i n  s i g n i f i c a n t l y  improved wing flow c h a r a c t e r i s t i c s  r e l a t i v e  t o  
convent ional  f l a p s  a t  moderate t o  high angles  of a t t a c k ,  as demonstrated by 
t h e  flow v i s u a l i z a t i o n  r e s u l t s  of t h i s  t e s t .  
INTRODUCTION 
A t  h igh  angles  of a t t a c k ,  h ighly  swept, low aspect r a t i o  wings develop a 
s t rong  l ead ing  edge sepa ra t ion  vor tex  ( r e f s .  1-3). 
a t t a c k ,  t h i s  vo r t ex  r e s u l t s  i n  an increase  i n  l i f t ,  but  an even l a r g e r  
i nc rease  i n  drag ,  thereby reducing L/D.  Pi tchup r e s u l t s  due t o  t h e  s h i f t  of 
l i f t  inboard and toward the  leading edge ( r e f . 4 ) .  
A t  a g iven  angle  of 
The usual  method of prevent ing o r  de lay ing  l ead ing  edge sepa ra t ion  i s  t o  
employ leading  edge f l a p s ,  hinged panels  d e f l e c t e d  downward ( r e f s .  5 and 6 ) .  
A proposed a l t e r n a t e  s o l u t i o n  ( s e e  f i g u r e  1) i s  t o  induce and c o n t r o l  
s epa ra t ion  on t h e  d e f l e c t e d  leading  edge f l a p  by use of a counterdef lec ted  
vor tex  f l a p  extending from the  leading  edge of t h e  main f l a p .  
"dog-leg" type f l a p  on which a vo r t ex  i s  t rapped.  The low p res su res  
a s soc ia t ed  wi th  t h i s  t rapped vo r t ex  a c t  on the  forward f ac ing  su r face  of the 
main f l a p ,  r e s u l t i n g  i n  a t h r u s t  and, thereby ,  reducing drag.  I n  add i t ion ,  
the  t rapped vo r t ex  g i v e s  the  appearance of a l a rge - rad ius  l ead ing  edge t o  t h e  
o u t e r  flow. This  makes i t  e a s i e r  f o r  t he  o u t e r  flow t o  a t t a c h  a t  t he  knee of 
t he  f l a p  and over t he  remainder of the  wing, he lp ing  t o  reduce drag  and 
c o n t r o l  pi tchup.  
The r e s u l t  is  a 
I n  t h i s  paper t h e  r e s u l t s  of a flow v i s u a l i z a t i o n  t e s t  of t h e  vo r t ex  f l a p  
on an arrow wing model a r e  presented.  
conf igu ra t ions  were t e s t e d  a t  angles  of a t t a c k  ranging from 0' t o  20'. 
The flow v i s u a l i z a t i o n  techniques included f luo rescen t  o i l ,  t u f t s ,  and a 
photographic wake p res su re  survey.  The vo r t ex  f l a p  resu l t s  are compared t o  
those of the  b a s i c  arrow wing without f l a p s  and t o  those  with p l a i n  f l a p s .  
Severa l  d i f f e r e n t  vo r t ex  f l a p  
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SYMBOLS 
b wing span  
CP p r e s s u r e  c o e f f i c i e n t  
L l e n g t h  
MS model s t a t i o n  
P p r e s  s u r e  
q dynamic v e l o c i t y  
WBL wing b u t t o c k  l i n e  
V v e l o c i t y  
Y d i s t a n c e  a long  t h e  span 
01 a n g l e  of a t t a c k  
6 d e f l e c t i o n  a n g l e  
77 normalized d i s t a n c e  a l o n g  span ( y / b / 2 )  
S u b s c r i p t s :  
F f l a p  
LE l e a d i n g  edge 
T t a b  
0 t o t a l  
00 remote,  u n d i s t u r b e d  c o n d i t i o n s  
I normal t o  wing l e a d i n g  edge 
W I N D  TUNNEL DESCRIPTION AND MODEL GEOMETRY 
Wind Tunnel 
T h i s  t e s t  w a s  performed i n  a Boeing low speed c l o s e d - c i r c u i t  wind t u n n e l  
having  a t e s t  s e c t i o n  s i z e  of 36.6 c m  by 45 .7  cm. The Reynolds number f o r  
t h i s  test w a s  about  2 X lo5 based on t h e  average model chord of 1 5 . 2  cm.  
The low Reynolds number should  n o t  have a s i g n i f i c a n t  e f f e c t  on t h e  v o r t e x  
1 3 2  
f l a p  r e s u l t s ,  because i n  a l l  cases  the  l ead ing  edge of t h e  f l a p  i s  sharp ,  
causing f l o w  s e p a r a t i o n  a t  t h a t  po in t .  A l s o ,  based on r e s u l t s  f o r  s i m i l a r  
f l a p s  a t  h ighe r  Reynolds numbers ( r e f .  5 ) ,  the  p l a i n  f l a p  r e s u l t s  would no t  
be expected t o  change s i g n i f i c a n t l y  a t  h igher  Reynolds numbers. 
Model and F laps  
The arrow wing h a l f  model t e s t e d  i s  shown i n  f i g u r e  2 .  It has  a l ead ing  
edge sweep of 6 7 . 2 O  and c o n s i s t s  of a f l a t  p l a t e  wi th  sharpened leading  and 
t r a i l i n g  edges.  A fence on t h e  inboard po r t ion  of t he  model near  the  wal l  
prevented wind tunnel  boundary l aye r  a i r  from being drawn onto the  wing. 
Angle of a t t a c k  was va r i ed  from 00 t o  200.  
Figure  3 shows the  l ead ing  edge f l a p  c o n f i g u r a t i o n s  t e s t e d .  One p l a i n  
f l a p ,  two vor t ex  f l a p s ,  a hybrid f l a p  ( p l a i n  f l a p  inboard,  vo r t ex  f l a p  
outboard) ,  and a l ead ing  edge s p l i t  f l a p  were t e s t e d .  
Flow Visua l i za t ion  Techniques 
The v i s u a l  f low techniques used i n  t h i s  t e s t  were: f l u o r e s c e n t  o i l  and 
min i - tu f t s  t o  d e f i n e  t h e  s u r f a c e  flow c h a r a c t e r i s t i c s ,  streamers and smoke t o  
r evea l  the  flow f i e l d  around the  wing, and a wake survey technique  which 
photographica l ly  maps the  wake pressure  j u s t  downstream of t h e  wing. 
Surface flow c h a r a c t e r i s t i c s  were made ev ident  u s ing  f l u o r e s c e n t  o i l  and 
t u f t s  on s e p a r a t e  runs.  The t u f t s  were very f i n e  (0.0018 c m  monofilament 
nylon) ,  trimmed t o  a l e n g t h  of about 0.64 cm. Streamers 10 t o  25 cm i n  
l eng th ,  of t h e  same th read  used f o r  t u f t s ,  were a l s o  f ixed  i n  t h e  incoming 
flow nea r  t he  l ead ing  edge. Since the  aerodynamic fo rces  on these  s t reamers  
are very  low, s t r eaml ines  can be approximated where t h e  flow i s  s teady .  Smoke 
generated by h e a t i n g  kerosene was introduced i n  t h e  wind tunnel  i n l e t  and 
i l l umina ted  as it  passed over  t he  model us ing  a s l i t  of l i g h t .  With separa ted  
flow, t h e  s e p a r a t i o n  boundaries  can be deEined wi th  t h i s  technique.  Streamers 
caught i n  a v o r t e x  w i l l  a l s o  fol low the  s e p a r a t i o n  boundary i f  p roper ly  
pos i t ioned .  
The wake p res su res  downstream of t h e  model were mapped photographica l ly ,  
us ing  the  t e s t  appara tus  i l l u s t r a t e d  i n  f i g u r e  4 .  
mounted on t h e  end of an arm which al lows both v e r t i c a l  and r a d i a l  motion i n  a 
plane approximately 1 cm downstream of t h e  most a f t  po in t  of t he  wing t r a i l i n g  
edge. The p i t o t  tube i s  t r ave r sed  through the  wing flow f i e l d  i n  a s e r i e s  of 
r a d i a l  a r c s ,  each having a small  v e r t i c a l  displacement  from the  preceding 
one. P res su re  measured by t h e  p i t o t  tube ,  which i s  re ferenced  to  f rees t ream 
s t a t i c  p re s su re ,  i s  sensed by a t ransducer ,  and t h e  output  from t h e  t ransducer  
i s  fed through a vo l t age  a m p l i f i e r  and f i l t e r  i n t o  a s i g n a l  s p l i t t e r ,  which 
has  s e v e r a l  output  c i r c u i t s .  Only one output  c i r c u i t  i s  a c t i v a t e d  a t  any 
given i n s t a n t ,  corresponding t o  a s p e c i f i c  vo l t age  range on t h e  incoming 
s i g n a l .  The l i m i t s  of each range can be ad jus t ed ,  wi th  no over lap .  Two 
d iodes ,  r e d  and green ,  mounted on t h e  t r a v e r s i n g  a r m ,  each respond t o  one of 
these  c i r c u i t s .  I n  the  present  t e s t ,  t he  c i r c u i t  t o  which t h e  green diode was 
A t o t a l  p re s su re  tube i s  
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connected was set  t o  a c t i v a t e  over  t h e  p re s su re  range (Po - P,> from 50% t o  
90% of f rees t ream q. A camera placed i n  f r o n t  of t he  d iodes  wi th  the  l e n s  i n  
t h e  open p o s i t i o n  recorded an inve r t ed  p i c t u r e  of  t h e  wing wake, as shown i n  
t h e  l e f t  hand s i d e  of f i g u r e  5 .  A t y p i c a l  vo r t ex  has  a green o u t e r  band, a 
red  inne r  band, and a "black hole"  i n  t h e  c e n t e r  of t h e  r ed  band. Yellow 
bands occur i n  r eg ions  of h igh  turbulence  near  t h e  cross-over  p re s su re  l e v e l  
which r e s u l t  i n  r a p i d  f l i c k e r i n g  of t h e  red  and green  d iodes ,  which t h e  camera 
superimposes and sees  as yellow. The amount of yel low i n  t h e  p i c t u r e s  can be 
c o n t r o l l e d ,  t o  a l a r g e  e x t e n t ,  by f i l t e r i n g  out  t h e  h igh  frequency components 
of t he  s i g n a l .  
LEADING EDGE VORTEX CHARACTERISTICS 
To a s s i s t  i n  t h e  i n t e r p r e t a t i o n  of t h e  o i l  f low photographs,  t h e  fol lowing 
d e s c r i p t i o n  of l ead ing  edge vo r t ex  c h a r a c t e r i s t i c s  i s  given.  
A t  angle  of a t t a c k  t h e  flow sepa ra t e s  from t h e  l ead ing  edge of s l ende r  
wings, c r e a t i n g  v o r t e x  s h e e t s  which r o l l  up t o  form a primary vo r t ex  on t h e  
suc t ion  s i d e  of t h e  wing, as shown i n  f i g u r e  6a. The primary v o r t e x  r o l l s  up 
above t h e  wing and e n t r a i n s  a d d i t i o n a l  a i r f l o w  over t h e  l ead ing  edge ahead of 
t h e  a f t  at tachment l i n e .  Inboard of t h i s  a t tachment  l i n e  t h e  upper s u r f a c e  
flow i s  p r i n c i p a l l y  streamwise, a s  shown i n  f i g u r e  6b. 
Under t h e  primary vo r t ex ,  t he  flow i s  a c c e l e r a t e d  s t r o n g l y  toward t h e  
lead ing  edge u n t i l  i t  passes  under t h e  vo r t ex  co re ,  a f t e r  which i t  
recompresses and s e p a r a t e s  ( a long  t h e  secondary s e p a r a t i o n  l i n e ) .  I n  t h e  o i l  
flow photographs,  t h i s  a r e a  i s  seen a s  a s e r i e s  of scrubbed l i n e s  on tke wing 
su r face ,  which t u r n  spanwise a long  t h e  secondary s e p a r a t i o n  l i n e .  
Forward of t h e  secondary s e p a r a t i o n  l i n e ,  i n  t h e  case  of f u l l y  developed 
vo r t ex  flow, a secondary vo r t ex  i s  formed, r o t a t i n g  counter  t o  t h e  primary 
vor tex .  The secondary vo r t ex ,  which i s  approximately 20 pe rcen t  a s  s t rong  as 
the  primary vor tex ,  looks l i k e  a zone of t h i c k  boundary l a y e r  i n  the  
photographs because it  accumulates o i l .  Flow pass ing  over  t h e  secondary 
vo r t ex  r e a t t a c h e s  forward of t he  secondary vo r t ex  and con t inues  t o  t h e  l ead ing  
edge where i t  s e p a r a t e s  aga in  t o  j o i n  t h e  primary vor tex .  
When t h e  primary vo r t ex  moves o f f  t h e  wing t r a i l i n g  edge, t h e  secondary 
vo r t ex  c o l l a p s e s  t o  t h e  t r a i l i n g  edge a t  t h e  l i n e  of secondary sepa ra t ion .  
The wing t i p  flow outboard then c o n s i s t s  of inboard r e a t t a c h e d  flow expanding 
t o  f i l l  i n  under a "roof" formed by t h e  lower l a y e r  of outboard wing leading  
edge sepa ra t ion .  
r e s u l t a n t  recompression, t h e  wing t i p  flow may remain a t t ached  or  i t  may 
separa te .  
Depending upon the  degree of expansion r e q u i r e d  and 
Figure  6c shows t y p i c a l  t o t a l  p re s su re  i soba r  p a t t e r n s  i n  t h e  wake 
downstream of a h i g h l y  swept wing wi th  l ead ing  edge v o r t i c e s .  
r e s u l t  i n  roughly c i r c u l a r  low p res su re  i soba r  p a t t e r n s  above t h e  outboard 
reg ions  of t h e  wing. 
The v o r t i c e s  
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RESULTS AND DISCUSSION 
Basic Arrow Wing 
The flow c h a r a c t e r i s t i c s  of the  b a s i c  arrow wing with no f l a p s  are shown 
i n  f i g u r e  7. 
So, loo,  and 1 5 O  are shown, A t  a =  5O, t h e r e  i s  a small vo r t ex  t h a t  
can be seen i n  t h e  o i l  f low t o  o r i g i n a t e  a t  about 70 percent  span. 
wake pressure  survey t h i s  shows up as a s m a l l  red area a t  the  t i p .  
O i l  flow and wake survey photographs a t  angles  of a t t a c k  of 
I n  the  
The o i l  flow photograph a t  a = lo0 shows t h a t  t he  primary vo r t ex  has 
increased  i n  s i z e  and moved inboard. 
outboard of t h e  primary vor tex .  
the primary vo r t ex  as t h e  l a r g e  red  area near  t h e  t i p  surrounded by the  green 
and yellow band. The secondary vor tex  is t he  smaller red c i r c u l a r  reg ion  j u s t  
outboard of t he  primary vor tex .  The t h i r d  (and s m a l l e s t )  red  area nea res t  the  
wing t i p  i s  t h e  t i p  vor tex .  
A secondary vo r t ex  can a l s o  be seen j u s t  
The wake pressure  survey a t  C y =  100 shows 
At ( Y =  15O t h e  o i l  flow photo shows t h a t  t he  primary and secondary 
v o r t i c e s  now dominate the  outboard h a l f  of t he  wing. 
shows t h a t ,  downstream of t h e  wing t r a i l i n g  edge, t h e  primary and secondary 
v o r t i c e s  have begun t o  merge. 
The wake pressure  survey 
P l a i n  500 Flap  
O i l  flow r e s u l t s  on t h e  upper su r face  of t h e  arrow wing with a 50' 
l ead ing  edge p l a i n  f l a p  are shown i n  f i g u r e  8. A v o r t e x  begins  t o  develop a t  
Q =  5O, becoming l a r g e r  and moving inboard as angle  of a t t a c k  is increased.  
The sepa ra t ion  ev ident  a t  t he  f l a p  shoulder a t  t h i s  low Reynolds number would 
probably no t  change by a s i g n i f i c a n t  amount a t  h ighe r  Reynolds numbers. 
Smoke flow was used to i l l umina te  the d iv id ing  s t r eaml ine  c h a r a c t e r i s t i c s  
A s l i t  of l i g h t  from a source mounted o u t s i d e  a window i n  the  s i d e  of t he  
of t h e  p l a i n  f l a p ,  us ing  t h e  wind tunnel  ins t rumenta t ion  i l l u s t r a t e d  i n  f igu re  
9. 
t e s t  s e c t i o n  impinges on smoke flowing over the  wing leading  edge, which i s  
then photographed t o  produce a c ross -sec t iona l  view of the  flow. 
The d iv id ing  s t r eaml ine  c h a r a c t e r i s t i c s  of t he  p l a i n  f l a p  a t  a [ =  loo, as  
I f  t h e  smoke plume i s  moved 
shown by smoke flow photographs, are shown i n  f i g u r e  10. 
ahead of t he  wing r evea l s  t he  e x t e r i o r  flow. 
inboard,  the  smoke i s  e n t r a i n e d  i n s i d e  the  sepa ra t ion  vor tex .  I n  both cases ,  
t h e  boundary between e x t e r i o r  flow and the  i n t e r i o r  ( s epa ra t ed  vor tex)  flow i s  
def ined.  A t  V = .80 the  flow can be seen t o  sepa ra t e  a t  t he  knee of t he  f l a p  
and r e a t t a c h  a s h o r t  d i s t a n c e  downsteam. A t  V =  .98 the  chordwise e x t e n t  of 
s epa ra t ion  i s  l a r g e r  than a t  V = . 8 0 .  
Smoke introduced 
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50° Vortex Flap 
o i l  flow photograph shows t h e  flow t o  be a t t ached  over most of t h e  wing upper 
su r face ,  a l though t h e  flow i n  t h e  boundary l a y e r  i s  l a r g e l y  spanwise. A weak 
primary vo r t ex  subtends the  f l a p  from l ead ing  edge t o  t h e  f lap/wing corner ,  
becoming s t ronge r  near  t h e  wing t i p .  The wake survey photos  show both t h i s  
p r i m a r y  vo r t ex  and a sma l l e r  vo r t ex  outboard r e s u l t i n g  from t h e  merging of 
t h e  secondary and t i p  v o r t i c e s .  The improved f low over  the  s u r f a c e  and t h e  
reduced vo r t ex  s i z e  i n d i c a t e  a lower drag f o r  t h i s  c o n f i g u r a t i o n  than f o r  t he  
b a s i c  arrow wing with no f l a p s .  Thus, i t  appears  t h a t  t h e  50° vor t ex  f l a p  
i s  performing w e l l  a t  CY = 100. 
Figure  11 shows the  r e s u l t s  f o r  t he  500 vor t ex  f l a p .  A t  (Y = 100 t he  
A t  01 = 150, t h e  500 vor t ex  f l a p  r e s u l t s  i n  a s m a l l  r educ t ion  i n  t h e  
The secondary s i z e  of t he  primary vo r t ex  (compared t o  the  b a s i c  wing). 
s epa ra t ion  l i n e  inboard l i e s  near  t he  lead ing  edge wing l f l ap  break,  t r a i l i n g  
back behind t h e  f l a p  a t  about 40 percent  span. Outboard, t h e  secondary vo r t ex  
(which i s  s e p a r a t e  from t h e  primary i n  t h e  wake photograph) moves from the  
f l a p  onto the  wing su r face  and t h e  flow separates from t h e  f l a p  a t  about 90% 
span. The vo r t ex  f l a p  may s t i l l  be somewhat e f f e c t i v e  a t  reducing drag a t  
t h i s  cond i t ion .  
The upper su r face  flow c h a r a c t e r i s t i c s  a t  100 ang le  of a t t a c k  of t h e  
b a s i c  wing, t h e  500 p l a i n  f l a p ,  and t h e  50° vor t ex  f l a p  are compared i n  
f i g u r e  1 2 .  It  can be seen  t h a t  only t h e  500 vor t ex  f l a p  shows no s ign  of a 
vor tex  on t h e  wing. 
Smoke p a t t e r n s  f o r  t h e  50° vor t ex  f l a p ,  shown i n  f i g u r e  13, show t h a t  
t h e  t rapped vo r t ex  on t h e  vo r t ex  f l a p  g i v e s  t h e  wing t h e  appearance of having 
a l a r g e  leading-edge r a d i u s  wi th  a t t ached  upper s u r f a c e  flow, except  f o r  t he  
t i p  reg ion .  A t  77 = .80, i t  can be seen t h a t  t he  vo r t ex  f l a p  i s  success fu l  i n  
prevent ing s e p a r a t i o n  a t  t h e  wing-flap junc t ion .  A r e l a t i v e l y  t h i c k  boundary 
l a y e r  appears  t o  remain, however. 
shown i n  two views i n  f i g u r e  14. The s t reamer was loca ted  as c l o s e  t o  the  
wing su r face  as p o s s i b l e  f o r  s t a b i l i t y .  Note the  s t r o n g  shear  i nd ica t ed  by 
d i r e c t i o n  of t h e  t u f t s  compared t o  t h e  s t reamer .  The s t reamer could no t  be 
loca t ed  t h i s  c l o s e  t o  t h e  wing with p l a i n  f l a p s .  
Th i s  i s  f u r t h e r  i l l u s t r a t e d  by the  streamer 
Var i ab le  Def l ec t ion  Vortex F lap  
A v a r i a b l e  d e f l e c t i o n  vo r t ex  f l a p  was designed so  t h a t  t h e  l o c a l  
d e f l e c t i o n  ang le  of t h e  main f l a p  would nominally match t h e  l o c a l  ang le  of 
a t t a c k  f o r  a wing angle  of a t t a c k  of 8'. 
v a r i e d  from 16' a t  t h e  r o o t  t o  76' a t  t h e  t i p ,  wi th  t h e  tab  bent  back 
para l le l  t o  t h e  wing p lane .  
The r e s u l t i n g  d e f l e c t i o n  ang le  
R e s u l t s  f o r  t he  v a r i a b l e  d e f l e c t i o n  vor tex  f l a p  are shown i n  f i g u r e  15. 
A t  01 = 5O, a primary vo r t ex  appears  t o  subtend t h e  f l a p  out  t o  approximately 
60 percent  span, wi th  t h e  a f t  a t tachment  l i n e  nea r  t h e  f lap/wing corner .  
f l a p  appears  i n e f f e c t i v e  a t  a = 10' and g r e a t e r .  
looks  much l i k e  t h e  50' vor t ex  f l a p  a t  (lr = 15'. 
The 
The flow a t  (Y = 10' 
A t  01 = 15O, t h e  flow 
outboard of approximately 40 percent  span i s  sepa ra t ed  and eddying with a 
secondary vo r t ex  nea r  t h e  secondary sepa ra t ion  l i n e  on t h e  main wing sur face .  
The vo r t ex  s i z e  i n  t h e  wake photographs i s  approximately t h e  same as f o r  t h e  
b a s i c  wing. (The ex tens ive  reg ions  of yellow c o l o r a t i o n  i n  f i g u r e  15 r e s u l t e d  
from t h e  use of a d i f f e r e n t  t ransducer  s i g n a l  f i l t e r  s e t t i n g  than was used f o r  
f i g u r e s  7 and 11. The o v e r a l l  s i z e  of t h e  vo r t ex  as seen by the  camera i s  no t  
apprec iab ly  a f f e c t e d  by the  f i l t e r  s e t t i n g ,  however. ) 
Hybrid F lap  
Another a l t e r n a t i v e  t o  the  50° vor t ex  f l a p  was a hybr id  arrangment, 
c o n s i s t i n g  of a 30° p l a i n  f l a p  on the  inboard 25% of t h e  wing span, a vo r t ex  
f l a p  having a d e f l e c t i o n  angle  varying from 30° inboard t o  50° outboard 
extending from 25% span t o  50% span, and a 50° vor t ex  f l a p  on t h e  outboard 
50% of the  wing. The philosophy of t he  p l a i n  f l a p  inboard w a s  t o  postpone 
i n t e n t i o n a l  t r i p p i n g  of t he  vor tex  t o  a more outboard l o c a t i o n ,  thereby 
r e s u l t i n g  i n  a weaker primary vor tex  a t  t he  t i p .  The o i l  f low photo a t  
C Y =  loo i n  f i g u r e  16 shows a small s e p a r a t i o n  bubble  a t  t h e  hinge of t he  
300 p l a i n  f l a p ,  with subsequent flow reat tachment .  
near t h e  wing t i p  a t  Cy = l o o  i s  about t h e  same as t h a t  of t h e  50° vor t ex  
f l ap .  
t r a i l  back from t h e  junc t ions  of t he  f l a p  segments. 
c h a r a c t e r i s t i c s  f o r  t he  hybrid f l a p  a r e  very s imilar  t o  t h e  50° vor t ex  f l a p ,  
The s i z e  of t he  vor tex  
There a r e  a l s o  two s m a l l  v o r t i c e s  near  t h e  mid-span l o c a t i o n  which 
A t  C Y =  1 5 O ,  t h e  flow 
Leading Edge S p l i t  F l ap  
The leading  edge s p l i t  f l a p  had a cons tan t  d e f l e c t i o n  of 45' along t h e  
e n t i r e  span and an increased  f l a p  chord (1.8 cm). 
and f l a p  was 0.5 cm behind t h e  rounded leading  edge. The flow c h a r a c t e r i s t i c s  
r e s u l t i n g  from t h i s  f l a p  conf igu ra t ion ,  as shown i n  f i g u r e  17, e x h i b i t  s t r o n g  
secondary vo r t ex  flow. 
vor tex  than a l l  o t h e r s  t e s t e d .  
design which works w e l l  on the  arrow wing a t  CY = 15O, f u r t h e r  i n v e s t i g a t i o n  
of the  l ead ing  edge s p l i t  f l a p  concept i s  planned. 
The j u n c t i o n  of t he  wing 
A t  a = 1 5 O ,  it has  a s i g n i f i c a n t l y  smaller primary 
Since i t  i s  a des ign  goa l  t o  have a f l a p  
CONCLUDING REMARKS 
Flow v i s u a l i z a t i o n  tes ts  of an arrow wing model i n  a Boeing low speed wind 
tunnel  have shown promising r e s u l t s  f o r  vo r t ex  f l a p s .  These r e s u l t s  i n d i c a t e  
t h a t  ,the vo r t ex  f l a p  i s  ab le  t o  " t rap" the  l ead ing  edge s e p a r a t i o n  vo r t ex  on 
i t s  su r face  a t  angles  of a t t a c k  up t o  10'. 
appearance of a l a r g e  r a d i u s  lead ing  edge t o  the  ou te r  flow. A s  a r e s u l t ,  no 
flow s e p a r a t i o n  a t  t he  wing-flap junc t ion  w a s  observed f o r  angles  of a t t a c k  up 
t o  10'. 
a vo r t ex  f l a p  outboard was a l s o  success fu l  i n  improving the upper su r face  flow 
c h a r a c t e r i s t i c s  a t  a =loo. 
parameters should r e s u l t  i n  a d d i t i o n a l  improvements i n  the  performance of t h e  
vo r t ex  f l a p .  
The "trapped" vo r t ex  gives  t h e  
A hybr id  f l a p  conf igu ra t ion  c o n s i s t i n g  of a p l a i n  f l a p  inboard and 
Optimizat ion of t h e  vo r t ex  f l a p  geometry 
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LEADING-EDGE SEGMENTS 
ATTACH ED KNEE 7 
SEPARATION CONT OLLED f l k  
/ ’  &‘- SUPPRESSED SEPARATION -2- 
Figure  1.-  Vortex c o n t r o l  f l a p s .  
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Figure  2.- Arrow wing model geometry. 
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Figure 3 . -  Flap geometry. 
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Figure 4.- Wake pressure survey apparatus. 
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DIODE 
PATHS 
PRESSURE SEEN BY CAMERA 
DISTANCE OF DIODES 
FROM PIVOT CHANGES 
AT SAME RATE AS 
THAT OF PITOT TUBE 
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WAKE PRESSURE IMAGE 
Figure 5.- Wake pressure survey technique. 
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LEADING-EDGE VORTEX FORMATION 
ON AN 80-deg DELTA WING 
Figure 6 . -  Vortex f l o w  character is t ics .  
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a = 5deg (Y = 10deg a = 15deg 
Figure 7.- O i l  flow and wake survey of b a s i c  arrow wing. 
a =Odeg a = 5 des 
a = 10deg a = 15deg 
Figure 8,- O i l  f low f o r  50° p l a i n  f l a p .  
S 
S 
Figure 9.- Wind tunnel instrumentation €or dividing streamline photographs, 
6 F = 50 deg 
EXTERIOR FLOW 
77 = 0.98 
FLOW 
77 = 0.80 __IIc 
Figure 10 .- Dividing streakline characteristics for 50° plain flap 
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oi =5deg a! =lOdeg 
Figure 11.- O i l  flow and wake survey f o r  50° 
BASIC WING 
a! = 10deg 
PLAIN FLAP 
a! = 15deg 
v o r t e x  f l a p .  
50-deg VORTEX FLAP 
Figure  12.- Comparison of b a s i c  wing, p l a i n  f l a p ,  and 50° v o r t e x  f l a p .  
1 
q = 0.80 
q = 0.80 q = 0.9% 
Figure  13.- Dividing streamline c h a r a c t e r i s t i c s  f o r  50° v o r t e x  f l a p .  
01 = 10deg q = 0.80 
Figure  14,-  Streamer above arrow wing wi th  50° v o r t e x  f l a p .  
a =5deg 
Figure 15.- O i l  f low 
oi = 10deg 01 = 15deg 
and wake survey f o r  va ry ing  d e f l e c t i o n  v o r t e x  f l a p .  
(Y =5deg 
Figure  16 .- O i l  
01 =lOdeg 
flow and wake survey 
a = 15deg 
f o r  hybr id  f l a p .  
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01 = 5deg 01 = 10deg 01 = 15deg 
Figure  17 . -  Oil flow and wake survey f o r  450 leading-edge s p l i t  f l a p .  
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A STUDY OF W I N G  BODY BLENDING FOR AN 
ADVANCED SUPERSONIC TRANSPORT* 
T.P. Goebel,  E .  Bonner, and D . A .  Robinson 
North American A i r c r a f t  D i v i s i o n  
Rockwell I n t e r n a t i o n a l  
SUMMARY 
I n c r e a s e s  i n  s u p e r s o n i c  c r u i s e  l i f t - d r a g  r a t i o  were sought  a t  Mach numbers 
2.2 and 2.7 u s i n g  wing-body planform and t h i c k n e s s  b lending .  Cons t ra ined  t w i s t  
and camber o p t i m i z a t i o n  w a s  performed i n  t h e  p r e s e n c e  of n a c e l l e s .  Wing and 
r u s e l a g e  t h i c k n e s s  d i s t r i b u t i o n s  were opt imized f o r  e i t h e r  minimum volume wave 
d r a g  o r  minimum t o t a l  p r e s s u r e  wave d r a g .  The z e r o  l e a d i n g  edge s u c t i o n  l i f t  
d r a g  r a t i o s  w e r e  determined f o r  t h r e e  wing p lanforms.  The magnitude of t h e  
e f f e c t  of l e a d i n g  edge s u c t i o n  on a t t a i n a b l e  l i f t  d r a g  r a t i o  w a s  d e f i n e d  on 
one planform and an  e s t i m a t i o n  of a v a i l a b l e  l e a d i n g  edge s u c t i o n  was made. 
I N T  ROOUCT I ON 
A v a r i e t y  of c o n f i g u r a t i o n  arrangements  have been c o n s i d e r e d  f o r  l a r g e  
s u p e r s o n i c  c r u i s i n g  a i r c r a f t  i n  p a s t  NASA and i n d u s t r y  s t u d i e s .  Many e a r l y  
arrangements  are  d e s c r i b e d  i n  a 1967 NASA summary and index  of exper imenta l  
c h a r a c t e r i s t i c s  ( r e f .  1 ) .  One promising c o n f i g u r a t i o n  h a s  been used a s  a f o c u s  
f o r  r e c e n t  AST-100, 105-1, and 200 s t u d i e s  ( r e f s .  2-4). T h i s  arrangement 
employs a h i g h l y  swept wing of moderate  taper r a t i o ,  unders lung  n a c e l l e s ,  a n  
af t - fuselage-mounted h o r i z o n t a l  t a i l  s u r f a c e  and fuselage-and-wing-mounted 
v e r t i c a l  s u r f a c e s .  The p r e s e n t  s tudy  u s e s  t h i s  arrangement  as  a s t a r t i n g  
p o i n t  and d e f i n e s  improvements due  t o  wing-body b lending .  
d e s i g n a t e d  t h e  AST-102, w a s  s e l e c t e d  as t h e  Mach 2.7 b a s e l i n e  c o n f i g u r a t i o n .  
The o b j e c t i v e  of t h e  p r e s e n t  s t u d y  i s  t o  e v a l u a t e  t h e  e f f e c t  of wing-body 
b lending  ofi t h e  performance of a s u p e r s o n i c  c r u i s i n g  a i r c r a f t .  The approach,  
as shown on f i g u r e  1, emphasizes t h e  aerodynamic d e s i g n  t o o l s  a v a i l a b l e  a t  
Rockwell and which d i f f e r  from t h o s e  a v a i l a b l e  e l sewhere  i n  t h e  i n d u s t r y .  
A r e s i z e d  AST-100, 
*Wcrk performed under  C o n t r a c t  NAS1-15720 
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SYMBOLS 
C chord ,  m 
CD d r a g  c o e f f i c i e n t  
CL l i f t  c o e f f i c i e n t  
D 
L 
4 
d r a g ,  N 
l i f t ,  N 
2 dynamic p r e s s u r e ,  N / m  
S l e a d i n g  edge s u c t i o n  parameter  
Sw o r  SREF 
2 
r e f e r e n c e  wing area, m 
t t h i c k n e s s ,  m 
X S Y 9 Z  C a r t e s i a n  c o o r d i n a t e s ,  m 
B 
rl nond imens i o n a l  spanwise c o o r d i n a t e  
sweepback a n g l e ,  deg 
r o l l  a n g l e ,  deg 
S u b s c r i p t  s : 
c .g .  c e n t e r  of g r a v i t y  
C.P. c e n t e r  of p r e s s u r e  
F f r i c t i o n  
L l i f t i n g  
LE l e a d i n g  edge 
TE t r a i l i n g  edge 
W wave d r a g  
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PLANFORM SELECTION 
The AST-102 l ead ing  edge has  t h r e e  s t r a i g h t  l i n e  segments w i t h  sweepback 
ang le s  of 7 4 ,  7 1  and 60 degrees .  The Rockwell blended RB-1 l ead ing  edge has ,  
except  f o r  an inboard mod i f i ca t ion ,  two s t r a i g h t  l i n e  segments w i t h  sweepback 
ang le s  of 74 and 68.5 degrees ,  f i g u r e  2. 
w a s  made t o  f a c i l i t a t e  blending.  
used t o  achieve  a h igher  supersonic  c r u i s e  l i f t - t o - d r a g  (L/D) r a t i o  and is  
c o n s i s t e n t  w i th  an earlier des ign  i n t e g r a t i o n  s tudy  ( r e f .  5 ) .  An outboard 
l ead ing  edge sweep of 68.5 degrees  w a s  s e l e c t e d  as t h e  h ighes t  f o r  which 
accep tab le  low speed c h a r a c t e r i s t i c s  could be expected a t  landing  ang le s  up t o  
8 t o  10 degrees .  A l ead ing  edge sweep i n c r e a s e  t o  72.3 degrees  would be 
requi red  a t  M = 2.7 t o  s a t i s f y  t h e  r e c e n t l y  developed Carlson suc t ion  c r i t e r i a  
c o t  ALE 2 0.8. The inboard t r a i l i n g  edge w a s  kept  i d e n t i c a l  t o  t h e  AST-102 
because good l o w  speed f l a p  e f f e c t i v e n e s s  r e q u i r e s  low t r a i l i n g  edge sweep. 
The outboard t r a i l i n g  edge sweep was inc reased ,  however, from 41.5 degrees  on 
t h e  AST-102 t o  45.4 degrees  on t h e  FU3-1 t o  a l low s u f f i c i e n t  outboard chord f o r  
l ead ing  and t r a i l i n g  edge devices .  With t h e s e  planform modi f i ca t ions  and a f t e r  
a p p l i c a t i o n  of t h e  aerodynamic des ign  codes,  t h e  blended conf igu ra t ion  
ind ica t ed  on f i g u r e  3 evolved. 
The inboard leading-edge mod i f i ca t ion  
Increased  outboard leading-edge sweep w a s  
TWIST AND CAMBER OPTIMIZATION 
Two l i n e a r  op t imize r s  are a v a i l a b l e  f o r  u s e  w i t h  a swept pane l  a n a l y s i s  
program ( r e f .  6 ) .  A l l  t h r e e  s o l v e r s  can treat  t h e  wing, f u s e l a g e ,  and 
hor izonta l  nd v e r t i c a l  s u r f a c e s  as  tw i s t ed  and cambered s u r f a c e s  wi th in  t h e  
fraI A u ~ ~  of l i n e a r i z e d  f low theory.  The a n a l y s i s  program can r ep resen t  
s e v e r a l  f u s e l a g e  and n a c e l l e  shaped bodies  as s l e n d e r  bodies ,  
12 spanwise and 10 chordwise wing pane l s  and 1 spanwise and 20 chordwise 
f u s e l a g e  pane l s  w e r e  used i n  a l l  t h r e e  programs. I n  t h e  a n a l y s i s  program, 
r ec t angu la r  s h e l l s  were placed around c i r c u l a r  slender-body nacelles, f i g u r e  
4 .  10  chordwise and 4 wrap-around pane l s  were used on t h e  r ec t angu la r  s h e l l s .  
The func t ion  of t h e  s h e l l s  i s  t o  provide  s u r f a c e s  f o r  matching boundary 
cond i t ions  between t h e  s l e n d e r  body n a c e l l e  s o l u t i o n s  and cambered and tw i s t ed  
s u r f a c e  s o l u t i o n s .  
Due t o  d i f f e r i n g  c a p a b i l i t i e s  of t h e  a v a i l a b l e  computer programs, t h e  
t w i s t  and camber des ign  c y c l e  r equ i r ed  s e v e r a l  s t e p s ,  f i g u r e  5. I n  s t e p  A t h e  
wing i s  represented  as a t h i n  cambered and tw i s t ed  s u r f a c e  and t h e  fuse l age  
as  a cambered p l a t e .  
camber of t h e  wing and f u s e l a g e  f o r  a s p e c i f i c  l i f t  and moment c o n s t r a i n t .  
The b a s i c  des ign  program produces t h e  optimum t w i s t  and 
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I n  s t e p  B t h i s  t w i s t  and camber are eva lua ted  i n  t h e  a n a l y s i s  program w i t h  
n a c e l l e s  p re sen t .  I n  s t e p  C t h e  des ign  is  r e f i n e d  w i t h  t h e  n a c e l l e  upwash from 
s t e p  B added a t  t h e  c o n t r o l  p o i n t s  of t hose  wing pane l s  in f luenced  by t h e  
n a c e l l e s .  I n  s t e p  D t h e  a n a l y s i s  program w a s  used t o  e v a l u a t e ' t h e  r ev i sed  
optimum t w i s t  and camber w i t h  n a c e l l e s  on. I n  s t e p  E t h e  a u x i l i a r y  des ign  
program w a s  used t o  e s t a b l i s h  t h e  changes i n  t w i s t  and camber t o  cance l  t h e  
wing p res su re  d i f f e r e n c e s  between s t e p s  C and D.  The blended wing-body-nacelle 
des ign  achieved a l i f t i n g  e f f i c i e n c y  l e v e l  w i th in  2% of t h e  wing a lone  case  and 
i s  equiva len t  t o  an arrow wing of t h e  same sweep and a s p e c t  r a t i o  wi th  a notch  
r a t i o  of 0.4 ( s e e  f i g u r e  14  of r e fe rence  5) .  The f i n a l  t w i s t  and camber 
d i s t r i b u t i o n  w a s  eva lua ted  i n  t h e  a n a l y s i s  program a c r o s s  t h e  Mach number range 
t o  o b t a i n  trimmed drag  due t o  l i f t  f o r  0% and 100% lead ing  edge suc t ion  
(L.E.S.) condi t ion .  The M = 2 . 7  des ign  t w i s t  and camber f o r  t h e  blended plan- 
form a t  CL = 0.1 i s  presented  on f i g u r e s  6 through 9. 
WING-FUSELAGE VOLUME OPTIMIZATION 
An a n a l y s i s  program is  a v a i l a b l e  t o  c a l c u l a t e  supersonic  volume and l i f t -  
volume wave drag.  The s p a t i a l  s i n g u l a r i t i e s  which are s o l u t i o n s  t o  t h e  
l i n e a r i z e d  equa t ions  of motion a re  reduced t o  a series of equ iva len t  l i n e a l  
d i s t r i b u t i o n s  by a p p l i c a t i o n  of t h e  c u t t i n g  (obl ique)  p lane  concept .  The drag 
is  c a l c u l a t e d  us ing  s l e n d e r  body theory  ( r e f s .  7 and 8 ) .  The-Total  wave drag  
inc ludes  volume, ang le  of a t t a c k ,  t w i s t  and camber, and l i f t -vo lume i n t e r -  
f e rence  e f f e c t s .  I n  t h e  a n a l y s i s  mode, t h e  wave drag  i s  eva lua ted  us ing  1 3  
r o l l  ang le s  and 50 l o n g i t u d i n a l  c u t s .  
For wing and f u s e l a g e  th i ckness  op t imiza t ion ,  a des ign  s o l v e r  i s  used t o  
minimize e i t h e r  volume wave drag  o r  t o t a l  wave drag  s u b j e c t  t o  s p e c i f i c  volume 
and l o c a l  t h i ckness  c o n s t r a i n t s .  The phys ica l  geometry i s  per turbed  by a set 
of harmonic func t ions .  
i s  app l i ed  t o  t h e  express ion  f o r  wave drag .  A se t  of l i n e a r  equa t ions  i s  
solved f o r  t h e  p e r t u r b a t i o n  c o e f f i c i e n t s  t h a t  minimize t h e  drag.  I n  t h e  des ign  
mode, t h e  wave drag i s  eva lua ted  us ing  5 r o l l  ang le s  and 50 l o n g i t u d i n a l  c u t s .  
Lagrange's method f o r  extrema1 problems wi th  c o n s t r a i n t s  
I n  an a p p l i c a t i o n  of t h e  volume wave drag op t ion  wi th  a f i x e d  wing-body 
volume of 1139.5 m3, t h e  volume wave drag  (5 r o l l  ang le s )  w a s  reduced from 
D / q  = 1.501 t o  1.370 m2,  f i g u r e  10. I n  t h i s  ca se ,  13 t h i c k n e s s  c o n s t r a i n t s  
were used. The r e s u l t i n g  f u s e l a g e  and wing s e c t i o n s  are  shown on f i g u r e  11 
and t h e  volume wave drag  v e r s u s  Mach number on f i g u r e  12 .  The wing and 
f u s e l a g e  were t r e a t e d  as a s i n g l e  wing-like component. When t h e  components 
were t r e a t e d  s e p a r a t e l y ,  t h e  lowest  (2% va lue  obta ined  by success ive  
op t imiza t ions  of t h e  f u s e l a g e  and wing was 0.002044 compared t o  t h e  0.001765 
va lue  of f i g u r e  10. 
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I n  an a p p l i c a t i o n  of t h e  t o t a l  wave drag  op t ion  w i t h  a f i x e d  wing body 
volume of 1009.9 m3, t h e  t o t a l  p re s su re  wave drag  (5 0)  w a s  reduced a t  CL = 
0.1  from D/q = 2.652 t o  2.521 m2,  f i g u r e  13.  
c o n s t r a i n t s  were used f o r  t h i s  case. 
are shown on f i g u r e  14. With e i t h e r  op t ion ,  t h e  op t imize r  reduced t h e  th i ck -  
n e s s  r a t i o  of wing s e c t i o n s  t o  t h e  minimum allowed (0.025) j u s t  outboard of 
t h e  wing f u s e l a g e  j u n c t u r e  a t  r) = 0.0835. 
Fourteen (14) th i ckness  
The r e s u l t i n g  f u s e l a g e  and wing s e c t i o n s  
LOWER BOUND DRAG 
The 100% lead ing  edge s u c t i o n  a i r p l a n e  drag  is obta ined  from p r e d i c t i o n s  
of wave drag due t o  volume and l i f t ,  and vo r t ex  drag. The 100% suc t ion  drag  
due t o  l i f t  i s  eva lua ted  from t h i s  information as fo l lows  
An a l t e r n a t i v e  e s t ima t ion  procedure i s  t o  e v a l u a t e  t h e  s t r e n g t h  of t h e  l ead ing  
edge s i n g u l a r i t y  from c a l c u l a t e d  chordwise n e t  p r e s s u r e  d i s t r i b u t i o n s .  
independent p r e d i c t i o n s  of drag-due-to- l i f t  are  compared on f i g u r e  15. 
a n a l y s i s  program c a l c u l a t i o n  of t h e  0% LES drag  due t o  l i f t  i s  considered more 
a c c u r a t e  due t o  i n c l u s i o n  of n a c e l l e  e f f e c t s .  The f a r  f i e l d  eva lua t ion  of t h e  
100% suc t ion  drag due t o  l i f t  is  regarded as more a c c u r a t e  based on comparison 
w i t h  exac t  c o n i c a l  s o l u t i o n  f o r  d e l t a  wings. 
These 
The 
LEADING EDGE SUCTION ESTIMATION 
A c o r r e l a t i o n  w a s  made of a v a i l a b l e  low speed supersonic  t r a n s p o r t  d a t a  on 
leading  edge suc t ion .  The framework f o r  t h e  c o r r e l a t i o n  used 0% and 100% LES 
curves  f o r  a cambered and tw i s t ed  p l a t e  c a l c u l a t e d  by a v a r i a n t  of t h e  a n a l y s i s  
program discussed  earlier ( r e f .  6) .  The l ead ing  edge s u c t i o n  parameter S has  
t h e  va lue  0.0 a t  0% LES and 1 . 0  a t  100% LES. With l ead ing  and t r a i l i n g  edge 
f l a p s  undef lec ted  and based on wind tunne l  d a t a  i n  t h e  f r ees t r eam Reynolds 
number (Re,-) range 2.5 x l o 6  t o  13.6 x 106, c o r r e l a t e d  S va lues  of 0.3 t o  0.4 
were ,obta ined .  With l ead ing  edge f l a p s  d e f l e c t e d  and based on d a t a  i n  the 
f r ees t r eam Reynolds number range 2.5 x l o 6  t o  6.0 x 10  6 , c o r r e l a t e d  S va lues  
approaching 0.9 w e r e  ob ta ined .  The low speed S v a l u e  v a r i a t i o n  wi th  CL i s  
ind ica t ed  by t h e  symbols a t  Mach number 0.2 on f i g u r e  16. F u l l  scale f rees t ream 
Reynolds number based on c' is  1.3 x lo8 a t  Mach number 0.2, 
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E x p l o r a t o r y  c a l c u l a t i o n s  w e r e  made a t  h i g h e r  s p e e d s  u s i n g  t h e  Car l son-  
Mack LES c o r r e l a t i o n  ( r e f .  9) and l e a d i n g  edge r a d i i  a t  span s t a t i o n s  q = 0.15 
and 0.70 on t h e  RB-1 wing f o r  l i f t  c o e f f i c i e n t s  of 0 .1  and 0.25. T h i s  
c o r r e l a t i o n  u s e s  c h o r d s  and l e a d i n g  edge r a d i i  on s e c t i o n s  normal t o  t h e  l e a d -  
i n g  edge. C o r r e l a t e d  d a t a  shown ( r e f .  9) are i n  t h e  normal Reynolds number 
(Recn) range  0.4 x l o 6  t o  6.0 x 106, 
u n d e f l e c t e d ,  S v a l u e s  are shown on f i g u r e  1 6  f o r  CL = 0.25 a t  Mach number 0.9 
and 2.7 and f o r  CL = 0.1 a t  Mach number 2.7. These p o i n t  v a l u e s  f a l l  above 
and below t h e  i n t e g r a t e d  c o r r e l a t e d  curves .  F u l l  scale normal Reynolds 
numbers are i n  t h e  range  0.6 t o  2.6 x lo8.  
With l e a d i n g  and t r a i l i n g  edge f l a p s  
I n  e i t h e r  of t h e s e  c o r r e l a t i o n s ,  t h e  e x t r a p o l a t i o n  w i t h  Reynolds numbers 
from t h e  wind t u n n e l  d a t a  b a s e  t o  f u l l  scale i s  from 106 t o  lo8  o r  two o r d e r s  
of magnitude. 
Es t imated  S v a l u e s  based on t h e s e  c o r r e l a t i o n s  are shown as s o l i d  l i n e s  
on f i g u r e  1 6  and were used t o  o b t a i n  t h e  e s t i m a t e d  d r a g  due t o  l i f t  c u r v e s  
shown as dashed c u r v e s  on f i g u r e s  1 7 ,  18, and 1 9  and v e r s u s  Mach number on 
f i g u r e  20. 
DESIGN STATUS 
Nacelles were i n t e g r a t e d  i n t o  t h e  RB-1 c o n f i g u r a t i o n  w i t h  a d r a g  p e n a l t y  
of roughly  77% of t h e  n a c e l l e  s k i n  f r i c t i o n  d r a g ,  f i g u r e  21. 
S e v e r a l  d i f f e r e n t  0% LES comparisons have been made w i t h  t h e  AST-102 base- 
l i n e ,  f i g u r e  22. I n  t h e  f i r s t ,  t h e  geometry w a s  p rovided  by NASA and t h e  
AST-102 w a s  ana lyzed  by Rockwell a n a l y s i s  codes.  R e s u l t s  a re  t h e  f i r s t  l i n e  
of numbers shown on f i g u r e  22. The d r a g  due t o  l i f t  v a l u e  CDL i s  s u s p e c t  
s i n c e  t h e  a n a l y s i s  program does  n o t  reproduce  d e s i g n  r e s u l t s  when geometry i s  
t r a n s f e r r e d  as  o r d i n a t e s  r a t h e r  t h a n  s l o p e s .  The t w i s t  c o n s t r a i n e d  b a s i c  
d e s i g n  program w a s  r u n  on t h e  AST-102 planform t o  o b t a i n  CDL = 0.004202, 
s t e p  A on f i g u r e  5. The d i f f e r e n c e  between s t e p s  A and F w a s  added t o  g i v e  an  
approximate n a c e l l e  i n t e g r a t i o n  p e n a l t y .  R e s u l t s  are t h e  second l i n e  of 
numbers on f i g u r e  22. An NASAILangley AST-102 a n a l y s i s  w a s  o b t a i n e d  a t  
M = 2.62 and w a s  a d j u s t e d  t o  M = 2.7. R e s u l t s  are  t h e  t h i r d  l i n e  of numbers 
on f i g u r e  22. The f a i r e s t  comparison t o  show t h e  e f f e c t  of b lending  is  
cons idered  t o  b e  between 0% LES LID v a l u e s  of 9.614 and 9.234 o r  a b e n e f i t  of 
0.380 over  t h e  AST-102 b a s e l i n e .  
The 07% and 100% LES d e s i g n  s t a t u s  i s  summarized on f i g u r e  23. The 0% LES 
wing body w a s  op t imized  f o r  minimum volume wave drag .  
w a s  opt imized f o r  minimum l i f t - v o l u m e  wave drag .  Based on a n  e s t i m a t e d  LES 
The 100% LES wing body 
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a t t a i n a b l e  of 66%, a n  L/D of 10.20 i s  i n d i c a t e d  a t  t h e  d e s i g n  p o i n t ,  
cor responding  complete  trimmed d r a g  p o l a r  i s  p r e s e n t e d  on f i g u r e  24. 
The 
P a r t  of t h e  s t u d y  w a s  a t a s k  t o  d e s i g n  a Mach number 2.2 c o n f i g u r a t i o n .  
Rela ted  t o  t h i s  t a s k  0% LES a n a l y s e s  were c a r r i e d  through a t  Mach number 2.2 
on t h r e e  planforms,  f i g u r e  25. 0% LES comparisons are summarized on f i g u r e  26. 
Geometry and d a t a  t o  o b t a i n  CDL f o r  t h e  D-77 b a s e l i n e  w e r e  t a k e n  from a wind 
t u n n e l  d a t a  r e p o r t  ( r e f .  l o ) .  Rockwell a n a l y s i s  codes gave t h e  r e s u l t s  shown 
on t h e  f i r s t  l i n e  of numbers on f i g u r e  26. The t w i s t  c o n s t r a i n e d  b a s i c  d e s i g n  
program was run on t h e  D-77 planform t o  o b t a i n  CDL = 0.003943 a t  M = 2.2, 
s t e p  A on f i g u r e  5. The d i f f e r e n c e  between s t e p  A and F f o r  a M = 2.2 a n a l y s i s  
on t h e  RB-1 was added t o  g i v e  a n  approximate n a c e l l e  i n t e g r a t i o n  p e n a l t y  on 
t h e  D-77. The wing body volume w a s  r e d i s t r i b u t e d  s u b j e c t  t o  t h i c k n e s s  
c o n s t r a i n t s  t o  minimize volume wave drag .  R e s u l t s  are  t h e  second l i n e  of 
numbers on f i g u r e  26. The t w i s t  c o n s t r a i n e d  b a s i c  d e s i g n  program w a s ,  a g a i n ,  
r e r u n  on t h e  AST-102 planform t o  o b t a i n  CDL = 0 . 0 0 3 2 7 6  a t  PI = 2 .2 .  Again the 
d i f f e r e n c e  between s t e p s  A and F f o r  a n  M = 2.2 RB-1 w a s  added t o  g i v e  a n  
approximate n a c e l l e  i n t e g r a t i o n  increment .  The e f f e c t s  of b lending  a t  M = 2.2 
were a n  0 , 3 2 6  i n c r e a s e  i n  0% LES L/D over  t h e  AST-102 b a s e l i n e  and a 1.186 
i n c r e a s e  over  t h e  D-77 b a s e l i n e .  
CONCLUSIONS 
1 )  Although planform compromises t o  i n s u r e  good low speed c h a r a c t e r i s t i c s  
tend  t o  make achievement of h i g h  s u p e r s o n i c  e f f i c i e n c y  d i f f i c u l t ,  c r u i s e  L/D 
r a t i o s  of approximate ly  10.0 appear  p o s s i b l e  a t  a Mach number of 2.7 f o r  a 
blended c o n f i g u r a t i o n .  
camber, wing f u s e l a g e  t h i c k n e s s  d i s t r i b u t i o n s ,  n a c e l l e  i n t e g r a t i o n s ,  and wing 
l e a d i n g  edge s u c t i o n  a t t a i n m e n t .  
C a r e f u l  a t t e n t i o n  must b e  g i v e n  t o  wing t w i s t  and 
2)  Improved d e t e r m i n a t i o n  of l e a d i n g  edge s u c t i o n  a t t a i n a b l e  a t  Reynolds 
numbers two o r d e r s  of magnitude h i g h e r  t h a n  covered i n  a v a i l a b l e  p u b l i s h e d  
d a t a  would reduce  t h e  u n c e r t a i n t y  of s u p e r s o n i c  LID estimates. 
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0 OBJECTIVE 
30 
m 
DI 
- I M P R O V E  SUPERSON I C  C R U l  SE PERFORMANCE 
A LE ATE 
.------- AST-102 74, 71, 60" 0, 15, 41.5 
RE-1 74.0, 68.5" 0, 15, 45.4 
- 
ATE 
0 A P P R O A C H  
- L INEAR A E R O D Y N A M I C  O P T I M I Z A T I O N S  A T  M = 2.7 AND C L  0.10 
DRAG DUE TO LIFT AND CAMBER 
ROCKWELL DESIGN CODE BASED ON WOODWARD 
F I N I T E  ELEMENT 
VOLUME WAVE DRAG AND TOTAL PRESSURE DRAG 
ROCKWELL M O D A L  DESIGN CODES 
Figure  1.- Blended wing body s tudy.  
F igure  2.- Planform comparison. 
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\- I 
F i g u r e  3.- Blended c o n f i g u r a t i o n  - RB-1. 
-el 
NACELLE SHELLS 
W I N G  PANELS 
F i g u r e  4.- T w i s t  and camber t h e o r e t i c a l  models. 
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AC * 
DL 
A BASIC DESIGN PROGRAM (NACELLES OFF) 
TW IST CONSTRAINED NEAR PLANFORM DISCONTINUITY 0.004066 
0.004276 B ANALYSIS PROGRAM (NACELLES ON) 
C AUXIL IARY DESIGN PROGRAM (NACELLES OFF) 
NACELE UPWASH FROM 6 0.004080 
D ANALYSIS PROGRAM (NACELLES ON) 0.004300 
E INCREMENT IN TWIST AND CAMBER TO CANCEL PRESSURE 
DIFFERENCE BEMlEEN C AND D 
F ANALYSIS PROGRAM (NACELLES ON) 0.004146 
*ZERO SUCTION, SREF = 784.8 m 2 
F i g u r e  5.- T w i s t  and camber des ign  c y c l e  s t e p s  - M  = 2.7, CL = 0.1. 
TWIST 
DEGREES 
0 
F i g u r e  6 . -  Design t w i s t  - M = 2.7, CL = 0.1. 
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x IC 
Figure 7 . -  Design camber - M = 2.7 ,  CL = 0.1. 
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x IC 
F i g u r e  9.- Design camber -11 = 2.7, CL = 0.1. 
CONSTRAINTS 
11 
0.0000 
0.0405 
0.0788 
0.0835 
0.1538 
0.2308 
0.3077 
0.4615 
0.5385 
0.6154 
0.6923 
0.8462 
1 .oooo 
x/c 
0.2.0.8 
0.4 
0.4.0.8 
0.4 
0 A 
0.4 
0.4 
0.4 
0.4 
0.4 
0.4 
DIQ M2 
1.501 
OPT DIQ M2 ACDw 
1.370 15 (9) 0.001 745 
1.385 (13 Ell 0.001765 
F i g u r e  10.- Wave d r a g  o p t i m i z a t i o n  - M  = 2.7, VOLWB = 1139.5 m 3 . 
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:: I) = 0.0 TIC = .OS8 
0.0024 
0.0020 
0.0016 
0.0012 
0.m 
o.ooo4 
0, 
q =. 1538 T/C = .026 
- 
- 
A 
- 
- 
sW 
2 - m 
A 650.3 
o 784.8 
- 929.0 
I I 1 1 1 I 1 I 
P =  .0405 TIC = .071 ? =  .4615 TIC = .026 
c - 
I)= .0788 TIC = .ON 
II = 8462 TIC = .025 
- 
I)= .0835 TIC = .025 
F i g u r e  11.- S e c t i o n s  f o r  minimum wave drag .  
AC 
DW 
5 
F i g u r e  12.- Blended wing body wave drag.  
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CONSTRAINTS 
rl XIC 
0.0000 0.4 
0.0405 
0.0788 0.4 
0.0835 0.4.0.8 
0.1538 0.4 
0.2308 0.4 
0.3077 0.4 
0.4615 0.4 
0.5385 0.4 
0.6154 0.4 
0.6923 0.4 
0.8462 0.4 
I .oooo 0.4.0.8 
DIQ Mz OPT DI(1 Mz AcDw 
2.652 2.521 (5 0 )  0.00321 2 
2.409 (13 @ I  0.003070 
F i g u r e  13.- Wave d r a g  o p t i m i z a t i o n  - P I  = 2 .7 ,  CL = 0.1,  
VOLWB = 1009.9 m 3 . 
33 11 = 0 0 TIC = .065 
n = . I 5 3 8  TIC = .026 
:
q =  . M 0 5  TIC = .044 
c 
1- .4615 TIC = .026 
1 = 0788 TIC = .065 - 
q = .8464 TIC = .026 
!
q = .0835 TIC = .025 
F i g u r e  14.- S e c t i o n s  for minimum wave d r a g  - CL = 0.1, 
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C 
OL 
F i g u r e  15.- Trimmed d r a g  due t o  l i f t  - M = 2.7. 
5 0.6 I CAR1 SON MACK CORRELATION - . . . . - - - . . . . .. . - . - 
ROCKWELL a -0.15 c =0 .1  
CORRELATION 0 = 0.70 L 
0.15 cL I 0.25 * - = 0.70 cL 
A 0.2 0 
0.2 0 0.3 
0 0.4 
v 0.5 
01 I I I I I I I 
0 0.4 0.8 1.2 1.6 2.0 2.4 2.8 
M 
F i g u r e  16.- Leading edge s u c t i o n  parameter .  
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C 
DL 
F i g u r e  17.- Trimmed d r a g  due t o  l i f t  - M = 0.2. 
0 0.01 0.02 0.03 0.04 0.05 0.06 0.07 0.08 0.09 0.10 
C 
Dl 
F i g u r e  18.- Trimmed d r a g  due t o  l i f t  - M = 0.9. 
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0.021 
0.01c 
cL 
0.08 
C 
0.7 
0.6 
0.5 
AcD 0 . 4 ,  
(ACL) 2 
0.3 
0.2.  
0.1 
O-- 
C 
DL 
- 
I I 1 1 I I 
F i g u r e  19.- Trimmed d r a g  due t o  l i f t  - M = 2.7. 
MACH NO. 
2 
F i g u r e  20.- Trimmed ACD/(AC,) vs. Mach number. 
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AC 
DF 
DW 
AC 
AST 102 
RB-1 
BLENDED 
WING BODY 
AC 
DL 
.004440(l) .002108(’) .004968(1) ,000 8.684 
.004440(l) .002108(1) .004282(2) .OOO 9.234 
.0O4358t3) .002038(3) .004138(3) .000261(3) 9.263 
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F i g u r e  21.- Nacelle drag  increments  - CL = 0.1. 
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(1) ROCKWELL ANALYSIS 
  ROCKWE WELL TWIST AND CAMBER DESIGN 
WLTV ANALYSIS ADJUSTED TO M = 2.7 
F i g u r e  22.- Zero s u c t i o n  blended wing body d e s i g n  s t a t u s  - M = 2.7, 
CL = 0.1, VOLm = 1139.5 m3. 
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F i g u r e  23.- Blended wing body d e s i g n  s t a t u s  - M  = 2 . 7 ,  CL = 0.1, 
VOLWB = 1009.1 m3.  
c D  
F i g u r e  24.- Trimmed d r a g  p o l a r s  -11 = 2 .7 .  
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Figure  25.-  Planform comparison - M = 2.2.  
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Figure  26.- Zero s u c t i o n  blended wing body s t a t u s  - M = 2.2, 
CL = 0.1. 
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PREDICTION OF NACELLE AERODYNAMIC INTERFERENCE 
EFFECTS AT LOW SUPERSONIC MACH NUMBERS 
Robert  M. K u l f a n  
Boeing Commercial A i r p l a n e  Company 
SUMMARY 
A l i m i t e d  s tudy  i s  c u r r e n t l y  underway t o  assess t h e  accuracy o f  a n a l y t i c a l  
p r e d i c t i o n s  o f  nacel  l e  aerodynamic i n t e r f e r e n c e  e f f e c t s  a t  low supersonic 
speeds b y  means o f  t e s t  versus theory  comparisons. T h i s  paper p resents  a 
s t a t u s  r e p o r t  o f  t h e  study. 
Comparisons shown i n c l u d e :  
. I s o l a t e d  wing-body l i f t, drag, and p i t c h i n g  moments 
. I s o l a t e d  n a c e l l e  drag and pressure d i s t r i b u t i o n s  
. N a c e l l e  i n t e r f e r e n c e  shock-wave p a t t e r n s  and pressure  d i s t r i b u t i o n s  on 
t h e  wing lower  s u r f a c e  
. N a c e l l e  i n t e r f e r e n c e  e f f e c t s  on wing-body l i f t, drag, and p i t c h i n g  
moments 
. T o t a l  i n s t a l l e d  n a c e l l e  i n t e r f e r e n c e  e f f e c t s  on lift, drag and 
p i t c h i n g  moment. 
The comparisons a l s o  i l l u s t r a t e  e f f e c t s  of n a c e l l e  l o c a t i o n ,  n a c e l l e  
s p i l l a g e ,  angle o f  a t t a c k  and Mach number on t h e  aerodynamic i n t e r f e r e n c e .  
The i n i t i a l  r e s u l t s  seem t o  i n d i c a t e  t h a t  t h e  methods can s a t i s f a c t o r i l y  
p r e d i c t  l i f t ,  drag, p i t c h i n g  moment and pressure  d i s t r i b u t i o n s  o f  i n s t a l  l e d  
engine n a c e l l e s  a t  low supersonic  Mach numbers w i t h  mass f low r a t i o s  f rom 0.7 
t o  1 .O f o r  c o n f i g u r a t i o n s  t y p i c a l  o f  e f f i c i e n t  supersonic  c r u i  se a i rp lanes .  
1.0 INTRODUCTION 
Mutual  i n t e r f e r e n c e  between engine n a c e l l e s  and t h e  a i r f r a m e  can have an 
A number o f  sys temat ic  a n a l y t i c  s t u d i e s  have been made t o  o b t a i n  an 
i m p o r t a n t  e f f e c t  on t h e  aerodynamic e f f i c i e n c y  o f  a supersonic  a i r c r a f t .  
A n a l y t i c a l  methods e x i s t  t h a t  a1 low p r e d i c t o n  o f  these mutual  i n t e r f e r e n c e  
e f f e c t s .  
understanding o f  t h e  des ign c o n s i d e r a t i o n s  necessary t o  o p t i m i z e  t h e  f a v o r a b l e  
aerodynamic i n t e r f e r e n c e  e f f e c t s ,  ( r e f s .  1, 2 ,  3, 4, 5 ) .  
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The validation of the necessary design "tools" by means of test-theory 
Additionally, engine spillage effects on 
comparisons is rather limited (e.g. refs. 3, 4). 
for the low supersonic speed regime. 
aerodynamic interference are relatively unknown. 
This is particularly true 
The National Aeronautics and Space Administration conducted an extensive 
wind tunnel test program to evaluate aerodynamic performance penalties 
associated with the propulsion system installation and operation at subsonic 
through low supersonic speeds. 
t o  provide an experimental data base of detailed force and pressure 
measurements for use in systematic evaluations of analytical prediction 
methods. 
references 6 through 8. 
A parallel objective of this test program was 
The results of the NASA experimental test program are reported in 
A limited study is currently underway to assess the accuracy of the 
theoretical predictions of supersonic engine-airframe interference effects. 
The objective of this paper is to present the initial results of this study. 
The NASA wind tunnel model geometry and test conditions are summarized 
A brief description of wing-nacelle aerodynamic 
in Section 2.0. 
discussed in Section 3.0. 
interactions is given in Section 4.0. 
The prediction methods being evaluated in this study are 
Isolated wing plus body comparisons and isolated nacelle test versus 
theory comparisons are presented in Sections 5.0 and 6.0, respectively. 
Nacelle interference pressures acting on the wing lower surface are shown 
in Section 7.0. Section 8.0 contains interference lift, drag and pitching 
momen t c ompar i sons . 
The procedure that was used to calculate spillage effects on nacelle 
interference is described in Section 9.0. 
aerodynamic effects are presented in Section 10.0. 
Comparisons of predicted spillage 
2.0 MODEL GEOMETRY AND TEST CONDITIONS 
The NASA experimental program was conducted in the Ames 1'1- by 11-foot 
The wing-body was sting mounted with a six-coJmonent internal 
wind tunnel. The basic features of the nacelle-airframe interference model are 
shown in figure 1. 
1971 SST. 
strain-gage balance. The left-hand wing had 126 static pressure orifices - 95 
on the lower surface and 31 on the upper surface. 
shown in figure 2. One set of 
nacelles had sharp inlets. 
inlet lip shape. 
sharp lip nacelles. 
The wing-body configuration is a .024 scale model of the 
The orifice locations are 
The investigations reported in this paper concern only the 
Two different nacelle geometries were tested. 
The second set of nacelles had a slightly blunt 
The tested nacelle shape is a simplified and slightly oversize 
representation of a typical supersonic nacelle installation, as shown in 
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figure 3. 
the wing chord plane. 
wing lower surface that does not exist in an actual nacelle/airframe 
instal lat ion. 
The nacelles were located approximately 1.2 inlet diameters below 
This resulted in a gap between the nacelles and the 
The four individual nacelles were supported below the wing-body model on 
individual f low-through-stings. The two left-hand side nacelles (looking 
upstream) were pressure instrumented. The two right-hand side nacelles were 
mounted individual ly on separate six-component internal strain-gage balances. 
The pressure instrumented nacelles had 40 static-pressure orifices as shown in 
figure 2. 
The six-component force balances used to support the right-hand nacelles 
were housed in the thickness of each nacelle. A two-shell flow-through 
balance located in each nacelle used four instrumented flexures located 
90 deg. apart at two axial locations. The nacelle balances measured the 
aerodynamic forces on the external surface of the nacelle, plus the forces on 
a small portion of the internal duct near the inlet. The wind tunnel data 
corrections included removal of the estimated skin friction drag on this 
internal duct area. 
The nacelle support system provided the flexibility of positioning the 
nacelles vertical, streamwise, and spanwise, relative to the wing-body 
combination and to each other. The range of achievable nacelle locations is 
indicated in figure 1. 
control and measurement of mass flow through each nacelle by means of a 
mass-flow control plug and appropriate pressure instrumentation. 
The support system also provided for independent 
The test configurations included: 
. Is01 ated wing-body 
. Four nacelles in various relative positions 
. Wing-body plus nacelles in various locations 
Is01 ated nacelle 
The test data included: 
. 
. Wing pressure measurements 
. Lift, drag and pitching moment measurements of 
Wing-body lift (CL), drag (CD) and pitching 
moment (CM)  data 
the individual inboard and'outboard nacelles 
. Nacelle surface pressures 
These tested configurations provided the fol low 
Isolated wing-body data -- measurements on 
nacelles present. 
isolated and interference data: 
ng measurements of 
wing-body without the 
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I s o l a t e d  n a c e l l e  data -- measurements on a s i n g l y  t e s t e d  nacel le .  
. Mutual n a c e l l e  i n te r fe rence  -- d i f f e r e n c e  i n  n a c e l l e  measurements 
w i t h  and w i thout  t he  o ther  nace l les  present.  
Nace l le  i n te r fe rence  on wing-body -- d i f f e r e n c e  i n  wing-body 
measurements w i t h  and w i thout  t he  o ther  nace l les  present.  
Wing-body i n te r fe rence  on the  nace l les  -- d i f f e r e n c e  i n  n a c e l l e  
measurements w i t h  and w i thout  the  wing-body present.  
To ta l  wing-body p l u s  nace l l e  data -- sum o f  wing-body data p l u s  
nace l l e  data. 
Sp i l l age  in te r fe rence -- d i f f e r e n c e  i n  measurements on i d e n t i c a l  
con f i gu ra t i ons  w i t h  the  nace l les  s p i l l i n g  according t o  a s p e c i f i c  
c o n t r o l  l e d  mass f low r a t i o  (MFR), and the  corresponding data obtained 
w i thout  s p i l l a g e .  
The t e s t  cond i t i ons  included: 
Mach Number: 0.90, 0.98, 1.1, 1.15, 1.2, 1.3, 1.4 
Angle o f  At tack:  a = 0 t o  6 deg. 
Mass f l o w  r a t i o :  MFR = 0.6 t o  1.0 
A l l  con f i gu ra t i ons  were t e s t e d  a t  the  pr imary Mach numbers o f  0.9, 1.15, 
Some selected con f igu ra t i ons  were a lso  tes ted  a t  the  remaining Mach 1.4. 
numbers. 
than zero. 
a t tack.  
Only a few con f igu ra t i ons  were t e s t e d  a t  angles o f  a t tack  d i f f e r e n t  
Conf igura t ions  w i t h  s p i l l a g e  were tes ted  o n l y  a t  zero angle o f  
The model angle of a t tack  was measured r e l a t i v e  t o  a wing re fe rence 
plane. A t  zero angle o f  a t tack,  the  model a c t u a l l y  experiences s i g n i f i c a n t  
'negative l i f t. 
Staggered and non-staggered arrangements were t e s t e d  a t  s i x  d i f f e r e n t  
nace l l e  s t a t i o n s  and th ree  d i f f e r e n t  spanwise l oca t i ons  as shown i n  f i g u r e  4. 
I n  t h i s  paper on l y  the  "no-stagger" c o n f i g u r a t i o n  r e s u l t s  are presented as the  
staggered nace l l e  analyses are on ly  c u r r e n t l y  underway. 
Complete desc r ip t i ons  o f  t h e  wind tunnel  model, t e s t  cond i t i ons  and 
a v a i l a b l e  t e s t  data a re  g iven i n  re fe rence 8. 
3.0 P R E D I C T I O N  METHODS 
The aerodynamic f o r c e  and moment p r e d i c t i o n s  f o r  t he  s tudy repor ted  he re in  
have been made us ing t h e  system of aerodynamic design and ana lys i s  programs 
descr ibed i n  re fe rence 9. 
c o n f i g u r a t i o n  are b u i l t  up through superposi t ion.  
The aerodynamic f o r c e  c o e f f i c i e n t s  f o r  a s p e c i f i e d  
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The drag p r e d i c t i o n ,  as summarized i n  f i g u r e  5 ,  i nc ludes :  
. Skin f r i c t i o n  drag, CDF, c a l c u l a t e d  us ing  f l a t  p l a t e  t u r b u l e n t  
f l o w  theory.  
Volume wave drag, CD,, -- c a l c u l a t e d  e i t h e r  by a f a r - f i e l d  wave 
drag program (supersonic  area r u l e )  o r  by  a n e a r - f i e l d  ( su r face  
. 
pres  sur e i n t eg r a t  i on method ) program. 
Drag-due-to-1 ift, CDL, which inc ludes  
wave-drag-due- to- l i f t  -- c a l c u l a t e d  by  
The n e a r - f i e l d  f o r c e  c a l c u l a t i o n s  are ob ta i i  
sur face  Dressures (volume o r  1 i f t i n q  Pressures) 
nduced drag as w e l l  as 
a n e a r - f i e l d  ana lys i s  program. 
ed by i n t e g r a t i o n  o f  t he  
over each component o f  t he  
c o n f i g u r a t i o n  being analyzed. 
component pressures p l u s  the  i n t e r f e r e n c e  pressures a c t i n g  on each component 
due t o  t h e  o the r  components o f  t he  con f igu ra t i on .  
The sur face  pressures i n c l u d e  t h e  i s o l a t e d  
The n a c e l l e  pressure f i e l d s  imposed on the  sur face  o f  t he  wing can be 
c a l c u l a t e d  by e i t h e r  t h e  ''wrap" method o r  t h e  "glance" method summarized i n  
f i g u r e  6. 
I n  t h e  ''wrap" method, t h e  n a c e l l e  pressure f i e l d s  and accompanying shock 
waves "wrap" around adjacent  nacel les.  I n  app l i ca t i on ,  t h e  pressure f i e l d  
generated by  one n a c e l l e  i s  al lowed t o  pass through another n a c e l l e  as i f  i t  
were t ransparent .  Th i s  i s  a l s o  t h e  approach inhe ren t  i n  the  f a r - f i e l d  wave 
drag c a1 cu 1 a t  ions. 
I n  the  "glance" method the  pressure f i e l d s  generated by one nace l l e  
"glance" away from the  wing when encounter ing adjacent  nace l les .  I n  
app l i ca t i on ,  t h e  n a c e l l e  generated f l o w  f i e l d  i s  te rmina ted  on encounter ing 
another nacel  1 e. 
One o f  t h e  o b j e c t i v e s  o f  t h e  c u r r e n t  s tudy i s  t o  determine which o f  these 
methods i s  more n e a r l y  co r rec t .  
4.0 WING-BODY AND NACELLE INTERACTIONS 
A t  supersonic speeds, t he  mutual i n t e r a c t i o n s  o f  t h e  wing-body and t h e  
nace l l es  can produce s i g n i f i c a n t  i n t e r f e r e n c e  e f f e c t s .  The n a c e l l e  i n s t a l l e d  
drag i s  u s u a l l y  de f i ned  t o  i nc lude  the  drag o f  t he  i s o l a t e d  nace l l es  p l u s  ne t  
e f f e c t s  o f  t h e  n a c e l l e  pressure f i e l d  a c t i n g  on t h e  wing-body as w e l l  as the  
e f f e c t  o f  the  wing-body pressure f i e l d  a c t i n g  on t h e  nace l les .  
Typ ica l l y ,  t h e  n a c e l l e  i n s t a l l e d  drag, as shown i n  f i g u r e  7, i s  ca l cu la ted  
as the  sum o f  t h e  f r i c t i o n  drag o f  t he  nacel les,  t h e  n e t  wave drag, and the  
1 ift i n t e r f e r e n c e  e f f e c t s .  
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The net nacelle wave drag includes: 
. Nacelle pressure drag 
. Nacelle pressures acting on the wing-body volume 
or thickness 
The wing-body thickness pressures acting on the 
nacelles 
. Mutual nacelle interference 
The mutual nacelle interference consists of the effect of the pressure 
field of a nacelle acting directly on the other nacelles plus the effect of 
the pressure field reflecting off the wing surface back onto the nacelles. 
The lift interference consists of three items: 
. The nacelle pressures reflecting off the wing produce an interference 
lift, ACL. 
incidence required to produce a specified total lift is reduced. 
This results in a reduction in the wing-body drag due t o  lift. 
Because of the interference lift, the wing-body 
The nacelle pressures acting on mean lifting surface produce a drag 
or thrust force. 
. The wing lifting pressures produce a buoyancy force on the nacelles. 
The net nacelle drag is therefore dependent not only on flight conditions 
and the shape of the nacelles but also on the shape and location of adjacent 
components of the airplane. 
The near field methods described in the previous section calculate each 
of these contributions to the total nacelle installed drag. The NASA 
nacel le/airframe interference test described in Section 2 provides an 
extensive data base of experimentally determined measurements of these 
contributions to the total nacelle installed drag. 
In the sections that follow, test versus theory comparisons provide an 
indication of the accuracy of the theoretical predictions of the various lift, 
drag, and pitching moment components with and without spillage. 
5.0 ISOLATED WING-BODY COMPARISONS 
Figures 8 through 14 contain comparisons of the predicted aerodynamic 
characteristics of the isolated wing-body configuration. 
Drag predictions at zero-lift were made using both the far-field 
(area-rule) and near-field methods. The drag predictions for this wing-body 
configuration using the far-field theory wave drag estimates agree very well 
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w i t h  t h e  t e s t  data. 
the  wing-body z e r o - l i f t  wave drag. 
The n e a r - f i e l d  theory appears t o  s l i g h t l y  overest imate 
The p r e d i c t e d  drag p o l a r s  are shown i n  f i g u r e s  9 and 10 f o r  Mach 1.4 and 
1.15, respec t i ve l y .  
these p red ic t i ons .  The main d i f f e r e n c e  between t h e  t h e o r e t i c a l  and 
exper imental  drag po la rs  i s  t he  overest imated drag a t  zero  l i f t .  
p red ic ted  and exper imental  p o l a r  shapes are n e a r l y  t h e  same. 
The n e a r - f i e l d  z e r o - l i f t  wave drag est imates were used i n  
The 
The t h e o r e t i c a l  l i f t  and p i t c h i n g  moment curves are  compared w i t h  t e s t  
da ta  i n  f i g u r e s  11 and 12. 
t he  t e s t  data. 
The t h e o r e t i c a l  l i f t  curves agree very w e l l  w i t h  
The z e r o - l i f t  p i t c h i n g  moment p r e d i c t i o n s  agree f a i r l y  w e l l  w i t h  the  t e s t  
data. The d i f f e r e n c e s  i n  the  slopes o f  t he  p i t c h i n g  moment curves i n d i c a t e  
t h a t  theory p r e d i c t s  t h e  aerodynamic center  t o o  f a r  a f t .  
F igures 13 and 14 summarize the  wing-body l i f t  and p i t c h i n g  moment 
c h a r a c t e r i s t i c s  f rom subsonic through low supersonic Mach numbers. 
f i g u r e s  a l s o  con ta in  t e s t  data obta ined by  Boeing on the  same model p r i o r  t o  
t h e  NASA nacel  l e -a i r f rame in te r fe rence  t e s t  program. 
shown i n  the  f i g u r e s  were obta ined by  a Boeing in-house aerodynamic in f luence 
c o e f f i c i e n t  method. 
These 
The subsonic p r e d i c t i o n s  
The good agreement between t h e  t h e o r e t i c a l  and exper imental  drag po la rs  
and l i f t  curves i n d i c a t e s  t h a t  t he  theory  should p r e d i c t  t he  r-cductions i n  
wing-body drag-due-to-1 i f t associated w i t h  t h e  n a c e l l e  i n t e r f e r e n c e  1 i f t  
(descr ibed i n  sec t i on  4.0). 
6.0 ISOLATED NACELLE COMPARISONS 
Theore t ica l  p r e d i c t i o n s  o f  t he  sur face pressure d i s t r i b u t i o n s  and 
z e r o - l i f t  drag o f  t h e  i s o l a t e d  n a c e l l e  are compared w i t h  t h e  t e s t  data shown 
i n  f i g u r e  15. 
Nacel le  wave drag est imates were made us ing  both t h e  f a r - f i e l d  and 
n e a r - f i e l d  methods. 
a t  Mach 1.3 and 1.4. 
f a r - f i e l d  est imates.  
below. 
The t h e o r e t i c a l  p r e d i c t i o n s  agree w i t h  the  t e s t  r e s u l t s  
The n e a r - f i e l d  est imates are s l i g h t l y  b e t t e r  than t h e  
Theory overest imates the  n a c e l l e  drag a t  Mach 1.2 and 
The n a c e l l e  pressure d i s t r i b u t i o n  shown i n  f i g u r e  15 a t  Mach 1.4 c l o s e l y  
matches t h e  t e s t  data. A t  Mach 1.15, theory  overest imates the  expansion 
( i .  e., negat ive)  pressures on t h e  nacel  l e .  b o a t t a i  1. 
overest imat ion o f  drag a t  t he  lower supersonic Mach numbers. 
t h e  f i r s t  s t a t i o n  a t  both Mach numbers i s  l ess  than theory.  
due t o  nace l l es  a c t u a l l y  s p i l l i n g  a smal l  amount o f  f l o w  a t  t h e ' t e s t  
condi t ions.  
Th is  leads t o  t h e  
The pressure a t  
Th is  i s  probably  
The n e a r - f i e l d  method has been used f o r  wave drag p r e d i c t i o n s  i n  t h e  
remainder o f  t h e  analyses presented i n  t h i s  paper. 
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7.0 NACELLE INTERFERENCE PRESSURES ON THE WING 
Theore t ica l  n a c e l l e  shock wave pa t te rns  and in te r fe rence  pressures on the  
wing are compared w i t h  t e s t  data f o r  one o f  t he  a f t  nace l l e  l oca t i ons  i n  
F igures 16 and 17. 
The exper imental  i n te r fe rence  pressures were obta ined as the  d i f f e rence  i n  
the  wing lower sur face pressures w i t h  and w i thout  t he  nace l l es  present. 
The in te r fe rence  pressures were ca l cu la ted  by both t h e  ''wrap" method and 
"glance" method descr ibed i n  sec t ion  3.0. 
The p red ic ted  n a c e l l e  bow shock l oca t i ons  agree w e l l  w i t h  the  experimental 
shock l oca t i ons  as i nd i ca ted  by  a sudden Iljump" i n  i n te r fe rence  pressures, 
CPI, from zero t o  some la rge  p o s i t i v e  value. 
The in te r fe rence  pressures p red ic ted  by  the  "glance" method agree 
reasonably w e l l  w i t h  the  exper imental  data. The t h e o r e t i c a l  bow shock 
s t reng th  i s  l a r g e r  than ind i ca ted  by  the t e s t  data. This  may be the  r e s u l t  of 
a shock-boundary l aye r  i n t e r a c t i o n  so f ten ing  t h i s  i n i t i a l  sudden pressure r i s e .  
The a d d i t i o n a l  pressure peaks p red ic ted  by  the  llwrap" method are no t  
ev ident  i n  the  t e s t  data i n  e i t h e r  f i g u r e s  16 o r  17. 
r e s u l t s  obtained, w i t h  the  nace l les  loca ted  i n  d i f f e r e n t  streamwise l o c a t i o n s  
below t h e  wing, i n d i c a t e  t h a t  t he  "glance" method o f  nace l l e  pressure f i e l d  
superpos i t ion  i s  more r e a l i s t i c  than the "wrap" method. Consequently, a l l  o f  
t he  remaining r e s u l t s  t o  be shown i n  t h i s  paper were obta ined by the  "glance" 
method. 
These and s i m i l a r  
F igures 18 and 19 conta in  comparisons o f  p red ic ted  shock wave pa t te rns  and 
in te r fe rence  pressure f i e l d s  w i t h  t e s t  data f o r  a forward n a c e l l e  l o c a t i o n  i n  
which t h e  outboard n a c e l l e  i s  near t h e  wing leading edge. I n  t h i s  nace l l e  
arrangement, the wing experiences no t  on ly  the  bow shocks from the  nacel les,  
b u t  a l so  a f t  shocks. The a f t  shocks a r i s e  from the  f low compression a t  the 
a f t  end o f  the  nace l l e  where the f low- through-st ing en ters  the  n a c e l l e  she l l .  
The p red ic ted  and measured in te r fe rence  pressures fo r  t h i s  wing-body- 
nace l l e  arrangement agree q u i t e  w e l l  except i n  l o c a l  areas near the  a f t  shock 
and a l so  a t  t he  most outboard s ta t i on .  
I n  Reference 10 i t  i s  shown t h a t  f l o w  across a g lanc ing  shock wave, i n  
which the  f l o w  i s  de f l ec ted  i n  t h e  plane o f  t h e  wing, w i l l  separate i f  the  
pressure r i s e  across the  shock wave exceeds 50%. Furthermore, i t  i s  shown 
t h a t  a l o c a l  negat ive pressure f i e l d  on t h e  wing can amp l i f y  t h e  pressure r i s e  
across a shock wave. 
The ca l cu la ted  pressure r i s e s  across t h e  n a c e l l e  bow shocks shown i n  
F igures 18 and 19 are i n  the  order  o f  25 t o  30 percent.  
separat ion.  
s epar a t  ion. 
This  should no t  cause 
Indeed, t h e  exper imental  bow shock data g i ve  no i n d i c a t i o n  o f  
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The aft shock waves from the nacelle are much stronger because of 
the large boattail angle at the aft end of the nacelle. Furthermore, the 
nacelle area reduction along the boattai 1 produces theoretically large 
negative expansion pressure just upstream of the aft shock waves. 
negative pressure field further amplifies the strength of the already strong 
aft shocks. Consequently, the pressure rise across the aft shocks varies from 
60 percent to 100 percent across the wing. Thus, boundary layer separation is 
most certain to occur in the area of the aft shocks. The differences in the 
experimental and theoretical pressures near the aft shocks is probably due to 
shock induced boundary 1 ayer separation. 
This local 
These results demonstrate the importance of limitinq the strength of 
nacelle-created shock waves likely to interact with a wing, particularly in 
areas o f  local negative pressures. 
8.0 INTERFERENCE LIFT, DRAG, AND PITCHING MOMENT 
Comparisons are made in Figures 20 and 21 between calculated nacelle 
contributions to lift, drag, and pitching moment with the corresponding test 
data. 
The drag comparisons include the nacelle interference on the wing-body as 
well as the total nacelle installed drag. 
agree well with the test data. The nacelle interference on the wing-body is 
favorable and increases with lift coefficient. This is primarily due to the 
reduction in wing-body drag-due-to-1 ift associated with the nacelle 
interference lift.' 
The theoretical drag predictions 
Theoretical interference lift and pitching moment increments are 
calculated from the nacelle interference pressure fields (discussed in the 
previous section) acting on the wing lower surface. The experimental lift and 
pitching moment data indicate that the nacelles also experience a change in 
lift and hence pitching moment when located in the wing lower surface pressure 
field. The effect of wing-body pressures on nacelle lift is not considered in 
the theoretical calculations. 
The measured interference lift increment increases with angle of attack. 
The theoretical interference lift calculations shown in Figures 20 and 21 were 
made at a constant local Mach number equal to the free-stream Mach number. 
Slender body theory estimates were subsequently made to explore the effect of 
local Mach number on interference lift. The results of these slender body 
theory estimates are shown in Figure 22. 
A negative pressure field in the area of the nacelles, corresponding to 
a local Mach number greater than free stream, reduces the interference lift. 
Conversely, a positive pressure field, or lower local Mach number, enhances 
the interference lift. 
interference lift is seen to De greatest at the very low supersonic Mach 
numbers. 
are consistent with the experimental results shown in Figures 20 and 21. 
The effect of the local pressure field on the 
The calculated effects of local pressure field on ,interference lift 
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As a result of the favorable interference effects, the total nacelle drag 
is less than friction drag at the higher lift coefficients for the analyzed 
configuration arrangement. 
The effect of nacelle location on aerodynamic interference is shown in 
Figures 23 and 24. Nacelle location is seen to have a powerful effect on the 
nacelle interference. At the aft nacelle locations, both the interference of 
the nacelles on the wing-body and the wing-body on the nacelles are 
favorable. The nacelles in the aft locations produce a substantial level of 
favorable interference. As the nacelles are moved forward, both of these 
interference components become unfavorable. This results in considerable net 
unfavorable interference. 
well with the test data, but become less accurate at the most forward 
location, where the outboard nacelle moves in front of the wing leading edge. 
The predicted interference effects agree reasonably 
9.0 SPILLAGE INTERFERENCE CALCULATION PROCEDURE 
The results that have been presented in the sections thus far correspond 
to engine operation without spillage (i.e., mass flow = 1.0). 
nacelle spillage (mass flow ratios as low as 0.7) on the interference forces 
were also investigated in the NASA nacel le-airframe interference test 
program. Experimental measurements, however, were only obtained at zero angle 
of attack. As previously mentioned, the wing-body produces considerable 
negative lift at this attitude. 
The effects of 
The mass flow through each nacelle was varied by a control plug in the 
corresponding f low-through-sting. At supersonic speeds a normal shock forms 
in front of the nacelle and moves progressively upstream as the mass-flow 
ratio through the nacelle is reduced. 
To calculate spillage effects on the nacelle pressure distribution, the 
capture streamtube that separates the flow into the inlet from the flow that 
spills around the inlet is replaced by a solid surface in the mathematical 
analyses. A simple approach was used in this study to calculate the inlet 
streamtube shape for spillage behind a normal shock. The method developed by 
Moeckel (Ref. 11) was used to calculate both the distance of the normal shock 
forward of the spilling nacelle and the capture streamtube radius at the 
normal shock. 
shown in Figure 25 by a simple polynomial equation. 
shape grows with zero initial slope (dr/dx = 0) at the normal shock to match 
the inlet radius at the nose of the nacelle. 
The shape o f  the capture streamtube was then represented as 
The calculated streamtube 
The presence of the capture streamtube changes the pressure distribution 
over the nacelle. 
occurs at the lip of the nacelle due to the capture streamtube shape at the 
inlet. 
reducing the isolated nacelle drag. The isolated nacelle drag reduction is 
typically called "1 ip suction". 
Relative to a non-spilling nacelle, a large expansion 
This decreases the pressure near the front of the nacelle, thereby 
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The presence o f  t h e  capture  streamtube changes t h e  i n t e r f e r e n c e  e f f e c t s  
associated w i t h  t h e  n a c e l l e  pressures a c t i n g  on t h e  wing-body, as w e l l  as on 
t h e  i s o l a t e d  n a c e l l e  and t h e  ad jacent  nace l les .  The c a p t u r e  streamtube does 
n o t  suppor t  a f o r c e  across i t s  surface. Consequently, i n  t h e  analyses, o n l y  
t h e  pressures a c t i n g  on t h e  n a c e l l e  sur face  c o n t r i b u t e  d i r e c t l y  t o  drag on t h e  
n a c e l l e .  Hence, t h e  wing-body i n t e r f e r e n c e  a c t i n g  on t h e  n a c e l l e s  i s  
unchanged b y  s p i  11 age. 
10 SPILLAGE EFFECTS ON AERODYNAMIC INTERFERENCE 
Streamtube shapes c a l c u l a t e d  by t h e  method descr ibed i n  t h e  p r e v i o u s  
s e c t i o n  a r e  shown i n  f i g u r e s  26 and 27 f o r  a range o f  mass f l o w  r a t i o s  a t  Mach 
1.4 and 1.15, r e s p e c t i v e l y .  The c a l c u l a t e d  shapes i n d i c a t e  r a t h e r  l a r g e  
changes i n  t h e  streamtube area occur over  s h o r t  d i s t a n c e s  r e l a t i v e  t o  t h e  
smooth shape o f  t h e  nace l le .  
F igures  28 and 29 c o n t a i n  comparisons o f  p r e d i c t e d  and measured i s o l a t e d  
n a c e l l e  p ressure  d i s t r i b u t i o n s  f o r  d i f f e r e n t  amounts o f  s p i l l a g e .  Reduct ions 
i n  mass f l o w  r a t i o  cause a decrease i n  l o c a l  p ressures  on t h e  forward s e c t i o n  
o f  t h e  n a c e l l e .  
b y  t h e  t h e o r y  p a r t i c u l a r l y  a t  t h e  lowest  mass f l o w  r a t i o  (i.e., g r e a t e s t  
s p i l l a g e ) .  T h i s  i s  p r o b a b l y  because t h e  t h e o r e t i c a l  a n a l y s i s  t r e a t s  t h e  
c a p t u r e  streamtube as a s o l i d  shape i n  a supersonic  f l o w  f i e l d ,  whereas t h e  
a c t u a l  n a c e l l e  exper iences a compl ica ted  mixed subsonic-supersonic  f l o w  f i e l d .  
The exper imenta l  p ressure  r e d u c t i o n  i s  g r e a t e r  than p r e d i c t e d  
The exper imenta l  d a t a  i n  F i g u r e  30 show l a r g e  r e d u c t i o n s  i n  i s o l a t e d  
n a c e l l e  drag assoc ia ted  w i t h  t h e  reduced nose pressures.  
Slender body t h e o r y  es t imates  o f  t h e  e f f e c t  o f  s p i l l a g e  on i n t e r f e r e n c e  
l i f t  a r e  shown i n  F i g u r e  31. 
i n t e r f e r e n c e  l i f t  depend o n l y  on t h e  n e t  area change o f  t h e  c a p t u r e  streamtube 
and n o t  t h e  shape. 
agree w e l l  w i t h  t h e  t e s t  data.  
The s lender  body t h e o r y  c a l c u l a t i o n s  of 
The t r e n d s  p r e d i c t e d  b y  t h e  s lender  body t h e o r y  est imates 
C a l c u l a t e d  shock wave p a t t e r n s  and n a c e l l e  p r e s s u r e  d i s t r i b u t i o n s  on t h e  
wing a r e  compared w i t h  t e s t  d a t a  f o r  t h e  n a c e l l e s  w i t h  and w i t h o u t  s p i l l a g e  a t  
Mach 1.4 and 1.15 i n  F i g u r e s  32 and 33, r e s p e c t i v e l y .  These c a l c u l a t i o n s  were 
made w i t h  t h e  streamtube geometr ies shown i n  F i g u r e  26. 
The p r e d i c t e d  e f f e c t  o f  s p i l l a g e  on n a c e l l e  bow-shock l o c a t i o n s  agrees 
w i t h  t h e  t e s t  data. The p r e d i c t e d  e f f e c t s  o f  s p i l l a g e  on t h e  i n t e r f e r e n c e  
pressures on t h e  wing a r e  i n  f a i r  agreement w i t h  t h e  t e s t  r e s u l t s .  
corresponding i n t e r f e r e n c e  l i f t  and p i t c h i n g  moment d a t a  a r e  shown i n  
F i g u r e  34. 
1 i ft. 
The 
S p i l l a g e  i s  seen t o  have a r a t h e r  l a r g e  e f f e c t  on t h e  i n t e r f e r e n c e  
F i g u r e  35 c o n t a i n s  comparisons o f  c a l c u l a t e d  n a c e l l e  i n t e r f e r e n c e  drag 
w i t h  t e s t  d a t a  f o r  d i f f e r e n t  mass f l o w  r a t i o s  ( i .e. ,  amounts o f  s p i l l a g e ) .  
The drag o f  t h e  i s o l a t e d  n a c e l l e ,  measured a t  t h e  average mass f l o w  f o r  t h e  
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nace l les  a t  each nominal t e s t  cond i t ion ,  was removed f rom t h e  corresponding 
measured t o t a l  wing-body-nacelle drag. S i m i l a r l y  the  t h e o r e t i c a l  i n te r fe rence  
drag p r e d i c t i o n s  do no t  i nc lude  the  ca l cu la ted  i s o l a t e d  n a c e l l e  drag. 
The in te r fe rence  o f  the  nace l l e  pressure f i e l d  a c t i n g  on the  wing-body 
produces near l y  a l l  o f  t h e  l a r g e  favorab le  i n t e r f e r e n c e  f o r  t h i s  con f igu ra t i on  
arrangement. 
mass f low, has o n l y  a smal l  e f f e c t  on t h e  n e t  i n t e r f e r e n c e  drag a t  a f i x e d  
angle o f  a t tack.  For example, a more favorab le  i n te r fe rence  drag increment o f  
2 counts (ACD = -.0002) i s  i n d i c a t e d  r e l a t i v e  t o  the  n o - s p i l l i n g  c o n d i t i o n  
f o r  a mass f l o w  r a t i o  o f  0.6. 
i n te r fe rence  on the  wing-body, agree q u i t e  w e l l  w i t h  the  p red ic t i ons .  
Increased n a c e l l e  sp i  1 lage, which corresponds t o  reduced engine 
The t e s t  data, which inc ludes  o n l y  the  nace l l e  
As p rev ious l y  mentioned, nace l l e  s p i l l a g e  has a r a t h e r  l a r g e  e f f e c t  on the  
i n t e r f e r e n c e  l i f t .  Hence, the  e f f e c t s  o f  s p i l l a g e  on n e t  wing-body p l u s  
nace l l e  i n te r fe rence  should become more s i g n i f i c a n t  when comparisons are  made 
a t  constant  t o t a l  l i f t .  
p l u s  nace l l e  i n te r fe rence  v a r i a t i o n s  w i t h  l i f t  c o e f f i c i e n t  f o r  d i f f e r e n t  
amounts o f  sp i l l age .  
l i f t  i s  increased. 
a re  p red ic ted  t o  produce a favorab le  i n te r fe rence  drag increment o f  
approximately 7 courl'ts (ACg = -.0007) r e l a t i v e  t o  t h e  nace l l es  w i thout  
s p i l l a g e  a t  a l i f t  c o e f f i c i e n t  o f  0.2. 
cond i t i ons  (Fig.  35) p l u s  reduced i s o l a t e d  nace l l e  drag (Fig.  30) can r e s u l t  
i n  a t o t a l  n a c e l l e  i n s t a l l e d  drag l ess  than zero. Th is  occurs, f o r  example, 
f o r  l i f t  c o e f f i c i e n t s  g rea ter  than 0.12 f o r  an engine mass f l o w  r a t i o  o f  0.6 
(i.e., 40% s p i l l a g e )  a t  Mach 1.4. 
a supersonic i n l e t  (Mach 2.4 t o  2.7) operat ing a t  t ranson ic  speeds. 
F igure  35 conta ins p r e d i c t i o n s  o f  t he  ne t  wing-body 
The favorab le  i n te r fe rence  indeed becomes grea ter  as 
For example, the  nace l les  w i t h  a mass f low r a t i o  o f  0.6 
The combined e f f e c t s  o f  t h e  increased favo rab le  i n t e r f e r e n c e  a t  l i f t i n g  
This  i s  t h e  approximate mass f l o w  r a t i o  o f  
11.0 CONCLUDING REMARKS 
"No-Spil lage" Conclusions: 
. F a r - f i e l d  and n e a r - f i e l d  methods adequately p r e d i c t  wing p l u s  body 
aero dyn ami c c h a r  ac t e r  i s t i c s . 
F a r - f i e l d  and n e a r - f i e l d  p r e d i c t i o n s  o f  t he  i s o l a t e d  n a c e l l e  drag are 
good a t  Mach 1.4. 
t h e  t e s t  r e s u l t s  because o f  an overest imate o f  t h e  n a c e l l e  b o a t t a i l  
pressures. 
. 
The drag p r e d i c t i o n s  a t  Mach 1.15 a re  h igher  than 
. The "glance" method o f  nace l l e  pressure f i e l d  superpos i t ion  i s  more 
accurate than the  "wrap" method. 
. The l o c a t i o n s  o f  nace l l e  shocks are p red ic ted  accura te ly  by t he  
theory. 
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Predictions of nacelle interference pressures on the wing are good 
except in local areas near strong shocks where separation occurs. 
Predictions of Mach number, nacelle location and angle of attack on 
nacelle aerodynamic interference are good, but become less accurate 
as the nacelles are moved forward of the wing leading edge. 
. With the nacelles located aft near the wing trailing edge, the 
favorable interference effects of the nacelle on the wing-body become 
increasingly large as CL increases. 
measured and calculated, was less than skin friction drag. 
The net installed drag, both 
"With Spillage" - Conclusions 
. The analysis method developed in the study does not properly account 
for spillage effects on the isolated nacelle pressure distribution 
near the lip. Consequently, the method overpredicts the drag of the 
isolated nacelle with spillage. 
The method predicts the forward movement of the nacelle bow shocks on 
the wing due to spillage. 
The method adequately predicted spillage interference effects on 
Sift, drag and pitching moment at zero angle of attack and Mach = 1.4. 
The predicted spillage interference effects are favorable and improve 
with lift coefficient. With spillage, the nacelle installed drag can 
be less than zero due to the reduction in isolated nacelle drag, plus 
the increased favorable lift interference. 
These initial results seem to indicate that satisfactory methods are 
available to predict interference lift, drag, pitching moment and pressure 
distributions of intalled engine nacelles at Mach 1.15 and 1.4 with mass flow 
ratios from 0.7 to 1.0 for configurations typical of efficient supersonic 
cruise airplanes. 
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SUPERSONIC CRUISE AIRCRAFT BASED ON 
WIND TUNNEL DATA* 
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Douglas A i r c r a f t  Company 
McDonnell Douglas Corporation 
SUMMARY 
Data obtained from t h e  MDC/NASA coopera t ive  wind tunne l  program w e r e  used t o  
develop empir ica l  c o r r e c t i o n s  t o  theory.  These methods were then  used t o  
develop a 2.2M Supersonic Cruise  A i r c r a f t  Conf igura t ion  w i t h  a c r u i s e  trimmed 
maximum L/D of 10.2. The empir ica l  c o r r e c t i o n s  t o  t h e  theory  are reviewed, and 
the  conf igu ra t ion  a l t e r n a t i v e s  examined i n  the  development of t h e  conf igura t ion  
a r e  presented.  The b e n e f i t s  of designing f o r  optimum trimmed performance, 
inc luding  t h e  e f f e c t s  of t h e  n a c e l l e s ,  are discussed.  
INTRODUCTION 
A coopera t ive  MDC/NASA wind tunne l  test  program f o r  an MDC designed 
supersonic  c r u i s e  a i r c r a f t  conf igura t ion  w a s  conducted i n  1975. Tes t ing  w a s  
conducted i n  t h e  NASA Ames Research Center 9- by 7-foot supersonic  wind 
tunnel  a t  Mach numbers from 1 .6  t o  2.4, and i n  t h e  Ames 11- by 11-foot 
t r anson ic  wind tunnel  a t  Mach numbers from 0.5 t o  1 . 3 .  A complete descr ip-  
t i o n  of t h e  t es t  i s  presented  i n  re ference  1. 
The conf igura t ion  f o r  t he  MDC/NASA tests w a s  t h e  McDonnell Douglas 
D3230-2.2-5E advanced supersonic  t r anspor t  conf igu ra t ion  shown i n  f i g u r e s  
l ( a )  and l ( b ) .  The conf igu ra t ion  employs a modified arrow wing wi th  71-degrees 
leading-edge sweep inboard and 57 degrees  leading-edge sweep outboard.  The 
design c r u i s e  po in t  i s  2.2M. 
SUMMARY OF PREVIOUS WIND TUNNEL TEST 
The da ta  from t h e  9- by 7-fOOt tunne1 ,shownin  f i g u r e s  2 ,  3, and 4 ,  w e r e  
presented a t  t h e  1976 SCAR Conference ( r e fe rence  2 ) .  The estimates shown 
were based on Woodward l i f t i n g  su r face  theory ( r e fe rence  3 ) ,  combined wi th  
wave drag from a supersonic  area r u l e  theory ( r e fe rence  4 ) ,  and s k i n  
f r i c t i o n  drag  estimates. Exce l len t  agreement i s  shown between t h e  est imated 
and experimental  minimum drag  i n  f i g u r e  2 f o r  a l l  Mach numbers. The es t i -  
mated and experimental  d rag  p o l a r  shapes d i f f e r ,  causing t h e  wing body drag-due- 
t o - l i f t  t o  be overpredic ted  below 2.OM, underpredicted above 2.OM and t o  
agree  a t  2.OM. Agreement i n  l i f t  curve s lopes ,  as shown i n  f i g u r e  3 ,  is 
- - - - - _  
*This work w a s  performed under NASA Contract  NAS1-14621 
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excellent at the lower Mach numbers, but the agreement decreases at the 
higher Mach numbers. The estimated and experimental pitching moments shown 
in figure 4 agree well considering the difficulty of predicting pitch- 
ing moments for cambered, three-dimensional configurations. This character- 
istic of Woodward-calculated pitching moments is observed for other slender 
configurations. 
The results of the MDC/NASA test justified the basic design and analysis of 
the MDC supersonic transport configuration. Although some discrepancy exists 
in the drag-due-to-lift, the overall data agreement was excellent and the 
test served as a good base for the methods and configuration development 
detailed in this paper. 
DEVELOPMENT OF IMPROVED ANALYSIS METHODS 
DRAG-DUE-TO-LIFT 
When compared to the wind tunnel data, the basic Woodward theory underpre- 
dicts the drag-due-to-lift at Mach numbers greater than 2.0 as seen in 
figure 2. The comparison of data to theory also shows that the theory does 
not accurately predict the lift-curve slope at Mach numbers greater than 2.0 
as seen in figure 3. The discrepancy in lift curve slope is also seen to 
increase with increasing Mach number. 
drag was developed based on the error in predicted lift curve slope and 
assuming no leading-edge suction. From the discrepancy in estimated and 
experimental lift curve slopes, a difference in angle-of-attack at constant 
CL can be calculated. 
equation 1. 
A correction to the Woodward-theory 
The change in angle-of-attack, Aa, is calculated by 
EXP . THEORY 
The supersonic flat plate (no leading-edge suction) drag term based on the 
angle shift, from equation 2, is then applied to the Woodward drag estimates 
as shown in figure 5. 
AC D = CL2(e) 
Analysis of three additional wing planforms for which experimental data were 
available (references 5 and 6 )  showed similar trends in lift-curve-slope 
and drag estimates. 
was determined and the results are shown in figure 6 .  The correction term 
is a function of the Mach number normal to a nominal leading-edge sweep, AED, 
which was chosen to represent a multi-segment leading edge by a single 
leading-edge sweep value. This correction to the Woodward drag estimates, 
the transonic leading edge (TLE) correction, shows excellent agreement with 
the experimental data as shown in figure 7. 
A generalized correction factor, Acx/CL (equation (l)), 
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NACELLE-WING INTEGRATION 
The Woodward program d i d  n o t  a c c u r a t e l y  p r e d i c t  t h e  changes i n  drag-due-to- 
l i f t  and p i t c h i n g  moment due t o  n a c e l l e  a d d i t i o n .  The problem w a s  i n  t h e  
i n a b i l i t y  of t h e  Woodward program t o  model t h e  f low d i v e r t e r  (pylon)  and t h e  
i n t e r a c t i o n  between the nace l le -shock  and t h e  wing-boundary-layer.  A s  a 
r e s u l t ,  t h e  Woodward program d i d  n o t  a c c u r a t e l y  p r e d i c t  t h e  nacelle-on-wing 
i n t e r f e r e n c e  p r e s s u r e s .  The measured nacelle-on-wing i n t e r f e r e n c e  p r e s s u r e s  
are i l l u s t r a t e d  i n  f i g u r e  8. To c o r r e c t  t h e  Woodward a n a l y s i s ,  t h e  program 
w a s  modif ied t o  a l l o w  t h e  i n c l u s i o n  of t h e  e x p e r i m e n t a l  i n t e r f e r e n c e  p r e s s u r e s  
on t h e  wing. The a b i l i t y  o f  t h e  program t o  p r e d i c t  p i t c h i n g  moments and 
induced d r a g  w a s  s i g n i f i c a n t l y  improved, as s e e n  i n  f i g u r e s  9 and 10.  
DEVELOPMENT OF AN IMPROVED PERFORMANCE W I N G  
WING PLANFORM STUDY 
A wing planform s t u d y  w a s  conducted u s i n g  t h e  improved methods developed 
above. The a n a l y s i s  of  c a n d i d a t e  planforms w a s  conducted under  t h e  f o l l o w i n g  
c o n s t r a i n t s :  
(1) Constant  d i n g  Area 
( 2 )  Constant  Aspect R a t i o  
(3) Constant  Tip Chord 
( 4 )  Constant  t / c  D i s t r i b u t i o n  
(5) Constant  Design CL 
(6)  Nacelle Induced Drag Not Inc luded  
(7)  0 d e g r e e  t r a i l i n g - e d g e  sweep inboard  of 31% semi-span 
The wing camber s u r f a c e  w a s  des igned  u s i n g  t h e  Woodward program o p t i m i z a t i o n  
of  a n  i s o l a t e d  wing. The wing w a s  t h e n  i n t e g r a t e d  t o  t h e  f u s e l a g e  by modi- 
f y i n g  t h e  r o o t  a i r f o i l  i n c i d e n c e .  A f o u r  d e g r e e  r o o t  i n c i d e n c e  w a s  used f o r  
a l l  cases. The wing-body combinat ion w a s  ana lyzed  f o r  l i f t i n g  e f f e c t s  u s i n g  
t h e  Woodward program and i n c o r p o r a t i n g  t h e  TLE , c o r r e c t i o n  d e r i v e d  above. Each 
c o n f i g u r a t i o n  w a s  op t imized  f o r  minimum zero-l i f t -wave-drag u s i n g  t h e  
A r b i t r a r y  Body program ( r e f e r e n c e  4 ) .  The c o n f i g u r a t i o n s  w e r e  trimmed at 
t h e  c.g. l o c a t i o n  f o r  maximum trimmed L/D.  
The planform s t u d y  i n c l u d e d  v a r i a t i o n s  i n  geometr ic  p lanform and wing camber. 
The geometry of  t h e  planforms is  shown i n  t a b l e  1. Although wings W38 and 
W40 had good L / D ' s ,  as s e e n  i n  t a b l e  2 ,  t h e y  w e r e  dropped from t h e  a n a l y s i s  
because of e x c e s s i v e  wing l e n g t h  which r e s u l t e d  i n  t h e  wing o v e r l a p p i n g  t h e  
h o r i z o n t a l  t a i l .  Wings W36 and W37 w e r e  n o t  r e t a i n e d  f o r  t h e  f u l l  a n a l y s i s  
due t o  t h e i r  l o w  L/D v a l u e s .  The d a t a  i n  t a b l e  2 p r e s e n t s  t h e  L/D v a l u e s  f o r  
several s t e p s  i n  t h e  a n a l y s i s  p r o c e s s  t o  show t h e  t r a d e s  f o r  v a r i o u s  wings.  
The g r o s s  wing L/D v a l u e  i s  o b t a i n e d  from t h e  wing-alone induced d r a g  d a t a ,  
as produced by t h e  opt imized  wing camber. A r e p r e s e n t a t i v e  l i f t - i n d e p e n d e n t  
drag ,  as p r e v i o u s l y  e s t i m a t e d  f o r  t h e  b a s e l i n e  a i r c r a f t ,  i s  added t o  a d j u s t  
t h e  d a t a  t o  t h e  p r o p e r  L/D range  f o r  c o r r e l a t i o n  w i t h  t h e  complete  a i r c r a f t  
performance d a t a .  The wing-body induced d r a g  d a t a  i n c l u d e  t h e  e f f e c t s  of  
r o t a t i n g  t h e  wing-root i n c i d e n c e  t o  f o u r  d e g r e e s  and adding  t h e  f u s e l a g e .  
The r e p r e s e n t a t i v e  l i f t - i n d e p e n d e n t  d r a g  used above i s  r e t a i n e d .  The wing- 
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body, trimmed L/D inco rpora t e s  t h e  e f f e c t  of t r i m  d rag  on t h e  wing-body 
d a t a  wi th  t h e  c.g.  l o c a t e d  t o  achieve t h e  maximum L/D, w h i l e  main ta in ing  t h e  
r e fe rence  l i f t - i ndependen t  drag.  A t  t h e  optimum c.g.  l o c a t i o n ,  t h e  t a i l  load  
i s  up, so t h e  trimmed L/D i s  g r e a t e r  than t h e  wing-body L/D (CD, o f  t h e  t a i l  
is  included i n  t h e  r e f e r e n c e  l i f t - independent  d rag ) .  The complete a i r c r a f t  L /D 
c o r r e c t s  t h e  wing-body trimmed L/D f o r  t h e  d i f f e r e n c e s  i n  the s k i n  f r i c t i o n  
and zero  l i f t  wave drag  of t h e  a c t u a l  a i r c r a f t  con f igu ra t ion .  
The planform s tudy ,  us ing  t h e  complete conf igu ra t ion ,  showed a r e l a t i o n  of 
both drag-due-to- l i f t  and conf igu ra t ion  wave-drag-due-to-volume t o  t h e  wing 
trail ing-edge-sweep (notch r a t i o ) ,  wi th  t h e  wave drag  bounding t h e  optimiza- 
t i o n  process .  When t h e  t r a i l i n g  edge sweep a n g l e a p p r o a c h e s t h e  Mach angle ,  
t h e  wing area d i s t r i b u t i o n ,  c a l c u l a t e d  by t h e  Mach c u t t i n g  p l anes ,  experiences 
r ap id  changes i n  c ros s - sec t iona l  area. A s  a r e s u l t ,  t h e  conf igu ra t ion  wave 
drag-due-to-volume i n c r e a s e s  a t  h igh  t r a i l i ng -edge  sweep ang le s ,  cance l ing  
t h e  drag-due-to- l i f t  b e n e f i t s  a s soc ia t ed  wi th  h igh  t r a i l i ng -edge  sweeps (o r  
l a r g e  notch r a t i o s ) .  This  produces an "optimum" t r a i l i ng -edge  sweep a t  
approximately one-half of t h e  Mach cone ang le  as seen  i n  f i g u r e  11. 
e f f e c t  made t h e  h igh  t r a i l i n g  edge sweep of wing W33 and W39 less b e n e f i c i a l  
than t h e  gross  wing d a t a  of t a b l e  2 ind ica t ed ,  showing t h e  importance of 
ana lyz ing  t h e  complete a i r c r a f t  when s e l e c t i n g  t h e  optimum wing planform. 
This  
The fou r  most promising wings from t h e  planform s tudy  are shown i n  f i g u r e  1 2 .  
Based on t h e  c r u i s e  L/D and cons ide ra t ion  of s t r u c t u r a l  weight ,  t r a i l i n g  edge 
f l a p s ,  and a i l e r o n  e f f e c t i v e n e s s ,  wing W35 w a s  chosen f o r  f u r t h e r  a n a l y s i s .  
WING ASPECT RATIO STUDY 
An a spec t  r a t i o  s tudy  w a s  conducted based on t h e  wing W35 planform. 
a l t e r n a t e  methods f o r  vary ing  t h e  a spec t  r a t i o  were i n v e s t i g a t e d .  They were: 
(1) cons tan t  t r a i l i ng -edge  sweep o r  notch r a t i o  ( inboard panel  L.E. sweep 
is  allowed t o  v a r y ) ;  (2)  cons t an t  leading-edge sweep (T.E. sweep i s  allowed 
t o  va ry ) ;  (3) cons t an t  leading-  and t r a i l i ng -edge  sweeps ( t i p  chord i s  
allowed t o  vary) .  The geometry of t h e  s tudy  wings i s  given i n  t a b l e  3. The 
r e s u l t a n t  L/D's  f o r  each approach, summarized i n  f i g u r e  13 ,  are presented  
below f o r  each type  of planform c o n s t r a i n t .  
Three 
(1) Trail ing-Edge Sweep Constant:  A s  t r a i l i ng -edge  sweep w a s  t h e  key 
parameter f o r  drag  as shown i n  f i g u r e  11, an  a spec t  r a t i o  s tudy  w a s  conducted 
a t  cons tan t  t r a i l i ng -edge  sweep. 
AR COMMENTS 
1 .70  9.25 increased  induced drag  
1.84 9.60 base  case 
2.08 9.05 wave drag  and induced d rag  pena l ty  
due t o  decreased L.E. sweep. 
(2) Leading-Eage Sweep Constant:  
aspec t  r a t i o  wing w i t h  f i x e d  t r a i l i ng -edge  sweep, t h e  a n a l y s i s  w a s  repea ted  
f o r  cons tan t  leading-edge sweep: 
To eva lua te  t h e p e n a l t y  shown f o r  t h e  h igh  
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AR 
1.84 
2.08 
COMMENTS 
base case 
40 degrees trailing edge sweep 
may cause degraded flap and aileron 
authority, additional low speed 
analysis required 
( 3 )  Leading-Edge Sweep Constant and Trailing-Edge Sweep Constant: Due to 
the strong impact of both leading- and trailing-edge sweeps in.theprevious 
analysis, a case was run holding all sweeps constant: 
AR L/DTRIMMED COMMENTS 
1.61 9.27 increased induced drag 
1.84 9.60 base case 
2.09 9.47 wave drag penalty due to wing 
volume and induced drag penalty 
due to ' short tip chords. 
The base case aspect ratio was near the optimum in all three studies, so the 
base aspect ratio of 1.84 was retained for the subsequent analyses. 
WINGNACELLE INTEGRATION STUDY 
The classical approach to nacelle integration (reference 7) for supersonic 
aircraft is to reflex the wing trailing edge in the region of influence of 
the nacelle interference pressures as shown in figure 14. 
designed to cancel the change in wing loading generated by the nacelle-on- 
wing interference pressure. 
in drag-due-to-lift produced by the nacelle interference, but did not fully 
consider that there may be a benefit in the trimmed configuration performance 
due to the change in pitching moment produced by the nacelle installation. 
Results of the 1975 MOC/NASA wind tunnel test (ref. 1) showed the reflex tested 
did not produce a favorable nacelle interference for the trimmed aircraft 
configuration. The loss in pitching moment with the nacelles installed 
created a signficicant loss in trimmed L/D for the design c.g. location. An 
improved wing-nacelle integration procedure was developed which includes the 
effect of the nacelle installation on the configuration pitching moment in 
addition to the effect on drag-due-to-lift. 
The reflex is 
This approach attempted to eliminate the change 
The current procedure for wing-nacelle integration is based on the selection 
of the wing camber which will produce the maximum trimmed L/D for a specified 
c.g. location. The relation of maximum trimmed L/D to wing camber (referenced 
by the zero-lift pitching moment coefficient) and c.g. location is shown in 
figure 15. In figure 15, the maximum trimmed L/D attainable for a given c.g. 
location is shown by the envelope curve created from the plots of trimmed 
L/D as a function of c.g. location for the individual pitch-constrained wings. 
Each point on the envelope is a specific pitch-constrained wing. Therefore, 
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f o r  any des ign  c .g .  l o c a t i o n  a wing can be def ined  which produces t h e  maximum 
trimmed L/D. 
The e f f e c t  of n a c e l l e  a d d i t i o n  on a f ixed  geometry wing is  shown i n  f i g u r e  16 .  
It i s  seen t h a t  i f  t h e  des ign  c.g.  l o c a t i o n  i s  near  t h e  c.g.  l o c a t i o n  f o r  
maximum trimmed L / D  f o r  a s p e c i f i e d  wing geometry, a f avorab le  n a c e l l e  
i n t e r f e r e n c e  i s  obta ined .  I f  t h e  design c.g.  is s u f f i c i e n t l y  forward of t h e  
optimum c.g.  l o c a t i o n ,  a n a c e l l e  i n s t a l l a t i o n  pena l ty  may occur .  
For cases  where t h e  des ign  c.g.  is  forward of t h e  optimum c .g .  f o r  t h e  L/D 
envelope, shown i n  f i g u r e  15, a l o c a l  wing r e f l e x  can be  added which w i l l  
r e s u l t  i n  a trimmed L/D g r e a t e r  than t h a t  f o r  t h e  non-ref lexed wing. 
seen i n  f i g u r e  1 7 ,  a g r e a t e r  amount of r e f l e x  is  d e s i r e d  as t h e  c.g. l o c a t i o n  
i s  moved f a r t h e r  forward. The r e f l e x e s  shown on f i g u r e  1 7  are s imple 
geometric r e f l e x e s  ( see  i n s e t ,  f i g u r e  1 4 )  t h a t  cance l  approximately 50 percent  
and 100 percent  of t h e  n a c e l l e  induced wing loading.  
A s  
The combination of re-camber and/or  r e f l e x  r e s u l t s  i n  t h e  maximum L/D 
envelopes shown i n  f i g u r e  18. The amount of r e f l e x  used f o r  t h e  r e f l e x e d  
wing envelope i n c r e a s e s  as t h e  c.g.  moves forward u n t i l  100 pe rcen t  a l levi-  
a t i o n  of t h e  n a c e l l e  induced load i s  achieved. Note t h a t  i f  t h e  des ign  c.g.  
l o c a t i o n  i s  no t  cons t r a ined  t o  be  forward of t h e  c.g.  l o c a t i o n  f o r  maximum 
L/D of t h e  re-cambered wing envelope, then t h e r e  is  no i n c r e a s e  i n  L/D 
a v a i l a b l e  f o r  a r e f l exed  and re-cambered wing. S ince  f u e l  pumping can b e  
used f o r  c.g.  c o n t r o l ,  t h e  re-cambered wing without  r e f l e x  w a s  s e l e c t e d  f o r  
t h e  a i r c r a f t .  The r e s u l t a n t  c.g.  l o c a t i o n  a t  37 percent  MAC is  equ iva len t  
t o  ze ro  s t a t i c  margin f o r  t h e  r i g i d  wing. 
HORIZONTAL TAIL OPTIMIZATION 
Since t h e  MDC AST conf igu ra t ion  uses  a t a i l  upload f o r  t r i m  t o  o b t a i n  a 
f avorab le  t r i m  d rag ,  i t  i s  appropr i a t e  t o  cons ider  op t imiz ing  t h e  h o r i z o n t a l  
t a i l  f o r  i t s  t r i m  loading.  
test w a s  f l a t  (no camber o r  t w i s t )  wi th  a biconvex a i r f o i l  s e c t i o n  and, as 
such,was no t  optimized f o r  minimum drag-due-to- l i f t  a t  i t s  t r i m  CL. 
experimental  t a i l - o n  d a t a  are shown i n  f i g u r e  19. The experimental  t a i l  drag  
p o l a r s  (with c o e f f i c i e n t s  based on wing a r e a )  f o r  t h r e e  a i r p l a n e  angles  of 
a t t a c k  are shown i n  f i g u r e  20. (The est imated p o l a r  w a s  c a l c u l a t e d  f o r  t h e  
uncambered t a i l  without  t h e  wing induced f l o w f i e l d . )  A s  shown, t h e  es t imated  
and experimental  p o l a r  shapes are i n  good agreement. 
C L ~ ,  shows a s h i f t  i n  t h e  experimental  p o l a r  re la t ive  t o  t h e  estimate. 
s h i f t  i n  CL 
an adverse,  non-uniform onse t  f low a t  t h e  t a i l .  
of t he  experimental  d a t a  has  an adverse e f f e c t  on trimmed L/D. 
The h o r i z o n t a l  t a i l  used i n  t h e  1975 MDC/NASA 
The 
The CL f o r  minimum drag ,  
The 
i s  due t o  t h e  presence of  a wing-induced f l o w f i e l d  which c rea t ed  
0 The r e s u l t i n g  nega t ive  CL 
0 
The L/D p o t e n t i a l  f o r  an optimum t a i l  was ,assessed  by a n a l y s i s  of a series of  
t a i l s  wi th  v a r i e d  CL An approximation 
of t h e  camber drag  expected f o r  t h e  t a i l  w a s  included.  The a n a l y s i s  showed a 
0.2 improvement i n  trimmed L/D f o r  t h e  optimum t a i l ,  as shown i p i  f i g u r e  21. 
An optimum t a i l  has  no t  been designed due t o  t h e  i n a b i l i t y  of t h e  Woodward 
program t o  adequately analyze a t a i l  i n  t h e  presence of t h e  wing f lowf ie ld .  
va lues  i n  a l i n e a r  t r i m  drag program. 
0 
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CONCLUSION 
Resul t s  of  t h e  des ign  s t u d i e s  descr ibed above, summarized i n  f i g u r e  22,  have 
been used t o  develop a r e f i n e d  AST conf igu ra t ion  w i t h  an  es t imated  L/D of 10.18. 
The changes incorpora ted  i n  t h e  r e f ined  conf igu ra t ion  are i l l u s t r a t e d  i n  f i g u r e  
23 ,  a long with t h e  1975 MDC/NASA test conf igura t ion .  The r e f i n e d  conf igu ra t ion  
is  designated as  t h e  model D3232-2.2-3 and is  shown i n  f i g u r e  24. 
A coopera t ive  MDC/NASA wind tunnel  test i s  c u r r e n t l y  being planned t o  v e r i f y  
t h e  performance est imated f o r  t h e  r e f ined  conf igu ra t ion  descr ibed  above. The 
e x i s t i n g  model fuse l age  and t a i l s  w i l l  be  r e t a i n e d ,  so  t h e  e f f e c t s  of fu se l age  
shaping and t h e  optimum t a i l  design w i l l  not be v e r i f i e d .  The primary 
o b j e c t i v e s  of t h e  t es t  are: 
o Verify TLE c o r r e c t i o n  
o Confirm performance improvements f o r  W35 
o Val ida te  new n a c e l l e  i n s t a l l a t i o n  procedure 
o 
o 
Obtain expanded nacelle-on-wing i n t e r f e r e n c e  p res su re  d a t a  base  
f o r  use  i n  developing a n a l y t i c a l  p r e d i c t i o n  methods 
Obtain expand,ed h o r i z o n t a l  t a i l  drag  d a t a  base  t o  v a l i d a t e  f u t u r e  
wing-body-tail a n a l y s i s  and design methods 
The tes t  is  expected t o  be conducted i n  a NASA f a c i l i t y  i n  1980. 
SYMBOLS AND ABBREVIATIONS 
a angle  of  a t t a c k  
Aa - c o r r e l a t i o n  f a c t o r  f o r  t h e  TLE c o r r e c t i o n  
rl span f r a c t i o n  
A sweep ang le  
cL 
AED 
ALE 
'TE 
equiva len t  der ived  sweep angle  
l ead ing  edge sweep ang le  
t r a i l i n g  edge sweep ang le  
4 angular  change i n  s l o p e  of t h e  wing camber s u r f a c e  
AR wing aspect r a t i o  
AST Advanced Supersonic Transport  
d rag  c o e f f i c i e n t  cD 
DO 
cL 
L a  
L O  
C l i f t  independent drag  c o e f f i c i e n t  
l i f t  c o e f f i c i e n t  
C l i f t  curve s l o p e  
C l i f t  c o e f f i c i e n t  f o r  minimum drag  
Cm p i t c h i n g  moment c o e f f i c i e n t  
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%I 
c.g. 
dz 
dx 
iH 
L.E. 
L I D  
M 
-
MO 
MAC 
MDC 
t l c  
T.E. 
TLE 
zero l i f t  p i t c h i n g  moment c o e f f i c i e n t  
c e n t e r  of g r a v i t y  
wing camber s u r f a c e  s l o p e  i n  t h e  f rees t ream d i r e c t i o n  
h o r i z o n t a l  t a i l  inc idence  
leading-edge 
l i f t  t o  drag r a t i o  
Mach number 
f rees t ream Mach number 
mean aerodynamic chord 
McDonnell Douglas Corporat ion 
th ickness  t o  chord r a t i o  
t ra i l ing-edge  
t r anson ic  l ead ing  edge 
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TABLE 1.- WING PLANFORM GEONETRY SUIIMARY 
~ 
PLANFORM 
REFERENCE 
NUMBER 
w33 
w34* 
w35 
W36 
w37 
W38 
w39 
W40 
A INBOARD 
(DEGREES) 
71 
71 
71 
61 
65 
74 
74 
74 
LEADING EDGE 
y BREAK 
(% SEMISPAN) 
NONE 
63.6 
70 
NONE 
NONE 
NONE 
70 
55 
A OUTBOARD 
(DEGREES) 
N/A 
57 
61.5 
N/A 
N/A 
N/A 
62 
62 
TRAlLlf 
y BREAK 
(W SEMISPAN) 
30 
30 
30 
NONE 
30 
30 
30 
30 
TABLE 2.- WING PLANFORM PERFORMANCE SUMMARY 
PLANFORM 
REFERENCE 
NUMBER 
w33 
W34" 
w35 
W36 
w37 
W38 
w39 
W40 
s 
GROSS WING 
L/ D 
9.75 
8.69 
9.09 
8.32 
8.61 
10.50** 
9.64 
9.18*'k 
DATA USING BASELINE" AIRCRAFT 
IN FRICTION AND 
WING/ BODY 
L/ D 
9.91 
8.76 
9.25 
8.39 
9.60 
AVE DRAG 
WING BODY, TRIMMED 
L/ D 
10.10 
9.10 
9.64 
8.66 
9.80 
EDGE 
A OUTBOARD 
(DEGREES) 
46 
17 
31 
0 
18 
62 
43 
25 
COMPLETE 
AIRCRAFT 
L/ D 
9.75 
9.10 
9.60 
9.75 
*BASELINE 
**DROPPED DUE TO STRUCTURAL LIMITATIONS 
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TABLE 
LEADING EDGE 
A INBOARD I LEADING EDGE BREAK I AOUTBOARD 
TRAILING EDGE 
A OUTBOARD 
1.- WING PLANFORMS FOR ASPECT RATIO STUDY 
PLANFORM 
REFERENCE 
NUMBER 
w35 
W41 
W42 
w44 
w45 
w47 
ASPECT 
RATIO 
1.84 
2.08 
2.08 
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(a) Conf i.guration details. 
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(b) High-speed wind tunnel model details. 
Figure 1.- McDonnell Douglas D3230-2.2-5 configuration and model details. 
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Figure 2.- Comparison of estimated and experimental drag polars 
for B1W2, Mach 1.6 to 2.4. 
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Figure 3.- Comparison of estimated and experimental lift curves 
for B1W2, Mach 1.6 to 2.4. 
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Figure 4 . -  Experimental and estimated supersonic pitching 
moments for B1W2. 
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Figure 5.- Derivation of the transonic leading edge correction; 2.2 M. 
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Figure 6 . -  Transonic leading edge (TLE) correction. (Semi-empirical 
correction of Woodward for improved drag prediction.) 
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Figure 7.- Effect of TLE correction on estimated drag polars 
for B1W2, Mach 2.0 to 2.4. 
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Figure 8.- Pictorial representation of nacelle-on-wing 
interference pressures. 
Figure 9.- Comparison of Woodward with nacelle interference modifications 
and experimental pitching moments; tail off, 2.2 M. 
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Figure  10.- Comparison of Woodward wi th  n a c e l l e  i n t e r f e r e n c e  mod i f i ca t ions  
and exper imenta l  d rag  p o l a r s ;  2.2 M. 
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Figure  11.- E f f e c t  of t r a i l i ng -edge  sweep on induced drag and wave drag. 
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BASIC ANALYSIS 9.45 9.80 9.75 9.70 
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Figure  12.- Wing planform s tudy ,  summary of s e l e c t e d  wings; 2.2 M. 
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Figure  13.- L/D v a r i a t i o n s  w i t h  a spec t  r a t i o ;  2.2 M. 
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Figure 14.- Reflex i n  reg ion  of n a c e l l e  i n t e r f e r e n c e .  
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Figure 15.- Se lec t ion  of wing p i t ch ing  moment f o r  optimum 
trimmed L/D; 2.2 M, n a c e l l e s  o f f .  
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Figure 16.- E f f e c t  of n a c e l l e  a d d i t i o n  on a p i t c h  
cons t ra ined  wing; 2 . 2  M. 
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Figure 17.- E f fec t  of r e f l e x  f o r  n a c e l l e s  on a p i t c h  
cons t ra ined  wing; 2.2 M ,  n a c e l l e s  on. 
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Figure 18.- Design LID envelopes f o r  n a c e l l e  a d d i t i o n  wi th  wing r e f l e x  
and recamber; 2 . 2  M. 
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9.- Experimental t a i l  on and o f f  drag p o l a r s ;  2 . 2  M. 
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F i g u r e  20.- H o r i z o n t a l  t a i l  drag  p o l a r s ;  2.2 M, c o e f f i c i e n t s  
based on wing area. 
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F i g u r e  21.- E f f e c t  of opt imized t a i l  on d e s i g n  L/D envelopes ;  
2.2 PZ. 
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TLE CORRECTION USED TO IMPROVE WOODWARD 
WING W35 SELECTED AS NEW PLANFORM 
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Figure  22.- Conclusions.  
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Figure  23.-  Refined aerodynamic conf igu ra t ion ;  MDC/NASA test 
c o n f i g u r a t i o n  compared wi th  c u r r e n t  r e f e r e n c e  conf igu ra t ion .  
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Figure  24.- Details of McDonnell Douglas D3232-2.2-3 c o n f i g u r a t i o n .  
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SUPERSONIC WINGS WITH SIGNIFICANT LEADING-EDGE THRUST AT CRUISE 
A. Warner Robins, Harry W. Car lson,  and Rober5 J .  Mack 
Langley Research Center 
SUMMARY 
Ekperimental/theoretical c o r r e l a t i o n s  are presented  which show t h a t  s ign i f -  
i c a n t  levels of  leading-edge t h r u s t  are p o s s i b l e  a t  supersonic  speeds f o r  
c e r t a i n  planforms which match t h e  t h e o r e t i c a l  t h r u s t - d i s t r i b u t i o n  p o t e n t i a l  
with t h e  support ing a i r f o i l  geometry. The new a n a l y t i c a l  process  employed 
provides  not on ly  t h e  leve l  of leading-edge t h r u s t  a t t a i n a b l e  bu t  a l s o  t h e  
spanwise d i s t r i b u t i o n  of both it and/or t h a t  component o f  f u l l  t h e o r e t i c a l  
t h r u s t  which a c t s  as vor t ex  l i f t .  
ance i n  t h e  moderate supersonic  speed regime i s  ind ica t ed .  
S i g n i f i c a n t l y  improved aerodynamic perform- 
INTRODU CT’I ON 
Aerodynamicists have long known of t h e  importance of  leading-edge t h r u s t  
t o  t h e  performance of subsonic  a i r c r a f t .  These f o r c e s ,  which a r i se  from t h e  
very  l o w  p re s su res  induced by t h e  h igh  v e l o c i t i e s  o f  t h e  flow around t h e  lead-  
ing  edge from a s t agna t ion  po in t  beneath t h e  wing, l a r g e l y  counterac t  t h e  
drag  from t h e  remainder of  t h e  a i r f o i l  i n  high-aspect-rat io  wings a t  low speeds. 
V e r y  high aerodynamic e f f i c i e n c y  f o r  such wings i s  t h e  result .  The e f f o r t s  t o  
extend t h e s e  b e n e f i t s  t o  t h e  h ighe r  speeds have l e d  t o  t h e  swept wings commonly 
seen i n  present-day, long-range a i r c r a f t .  Indeed, according t o  theory ,  should 
wing l ead ing  edges be swept s u f f i c i e n t l y  behind t h e  Mach angle ,  t h e r e  i s  
p o t e n t i a l  f o r  leading-edge t h r u s t  a t  supersonic  speeds.  U n t i l  very  r e c e n t l y  
(refs.  1 and 2 ) ,  however, t h e  p o t e n t i a l  f o r  leading-edge t h r u s t  a t  c r u i s e  i n  
conf igu ra t ions  s u i t a b l e  f o r  extended supersonic  c r u i s i n g  w a s  gene ra l ly  thought 
t o  be neg l ig ib l e .  It i s  t h e  purpose of t h i s  paper t o  show t h a t  such i s  not  t h e  
case ,  t h a t  c e r t a i n  planforms favor  supersonic  leading-edge t h r u s t ,  and t h a t  
wi th  a new method f o r  p r e d i c t i n g  t h e  degree t o  which it e x i s t s  as w e l l  as 
p r e d i c t i n g  i t s  spanwise d i s t r i b u t i o n ,  t h e r e  ex i s t s  some r a t i o n a l e  f o r  t h e  
e x p l o i t a t i o n  t h e r e o f .  
SYMBOLS 
b wing span 
C wing chord l eng th  
C mean aerodynamic chord 
drag c o e f f i c i e n t  
- 
cD 
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lift c o e f f i c i e n t  a t  maximum l i f t - d r a g  r a t i o  
p i t c h i n g  moment c o e f f i c i e n t  
a x i a l  o r  chord f o r c e  c o e f f i c i e n t  
cL , opt  
cm 
cA 
Ct 
cT 
C p re s su re  c o e f f i c i e n t  
P 
l o c a l  t h r u s t  c o e f f i c i e n t  
t o t a l  t h r u s t  c o e f f i c i e n t ,  
0 
cL’cD l i f t - t o - d r a g  r a t i o ,  
M f ree-s t ream Mach number 
RN f ree-s t ream Reynolds number 
s f c  s p e c i f i c  f u e l  consumption 
t maximum th i ckness  of l o c a l  wing chord 
X l o n g i t u d i n a l  d i s t a n c e  t o  l o c a l  wing l ead ing  edge 
Y spanwise d i s t a n c e  from re fe rence  a x i s  
c i  angle  of  a t t a c k ,  deg 
P = J T r i  
A leading-edge sweep angle  
Subscr ip t :  
C re fe renced  t o  mean aerodynamic chord 
- 
1 denotes l i m i t i n g  condi t ion  
n q u a n t i t i e s  p e r t a i n i n g  t o  a wing s e c t i o n  normal t o  l e a d i n g  edge 
max denotes m a x i m u m  va lue  
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DISCUSSION 
Experimental/Theoretical Considerations 
An experimental/theoretical comparison of the drag polars of three slender 
supersonic-cruise configurations is shown in figure 1. The two on the left 
which were tested at Mach number 2.7 were the last competing pair in the national 
SST program. The configuration on the right,which is an NASA concept (ref, 3) 
of essentially the same vintage, was tested at Mach number 2.6. All were tested 
in the NASA Langley Unitary Plan wind tunnel at a Reynolds number, based on mean 
aerodynamic chord, of approximately 5 million. 
All three configurations have subsonic leading edges over much of the wing 
span (that is; local leading edge swept behind the Mach line), and the left- 
most concept has blunt airfoil sections; conditions conducive to leading-edge 
thrust. The generally good agreement between experiment a,nd calculation 
(refs. 4, 5, 6) in which measured drag generally exceeds theory by small amounts, 
if any, would suggest some validity in the generally accepted assumption of no 
leading-edge thrust in the calculation methods. These data seem characteristic 
of supersonic drag polars at design speed, generally. Thus, supersonic design 
and evaluation methods have generally (and, perphaps, conveniently) neglected 
leading-edge thrust. 
Some insight into the lack of evidence of supersonic leading-edge thrust, 
may be gained from figure 2. Here theoretical maximum thrust and bluntness or 
thickness comparisons are shown (with thickness somewhat exaggerated for clar- 
ity) for two planforms having predominantly subsonic leading edges. In the 
case of the more conventional straight-leading-edge wing where there is poten- 
tial for thrust, there is littJe thickness or bluntness for it to act upon. 
The complex-leading-edge wing, however, with its higher inboard sweep (reaching 
almost 80 degrees) and fuller inboard thickness shows a sianificant thrust 
potential where the geometry favors its attainment. Put another way, there 
is upwash where there is thickness. 
static longitudinal aerodynamic characteristics of a wing model having the plan- 
form of this complex wing will subsequently be shown. The model (ref. 1) had 
a design Mach number of 1.8, a design lift coefficient of 0.07, and NACA 65AOO4 
airfoil sections 
housing mounted essentially symmetrically about the camber plane and faired 
smoothly into the forward surfaces of the wing. A s  shown in figure 3, tests 
were conducted at the design Mach number of 1.8 and at a Reynolds number,based 
on mean aerodynamic chord,of about 2 million. Compare first the experimental 
data with the no-leading-edge-thrust linear theory (refs. 7 ,  8, 9)  without 
pressure-coefficient limiting or consideration of vortex lift (refs. 10 and 11). , 
The experimental nonlinearities in the lift curve and in the pitching moment, 
in particular, are not represented by theory, nor is there adequate representa- 
tion of lift-drag ratio at optimum lift (that is; lift coefficient for maximum 
lift-drag ratio). Arbitrarily limiting the linear-theory press'ure coefficients 
(which might otherwise be below vacuum) to 314 vacuum results in the dashed 
curves. Breaks are now seen in the theory curves which would seem to result frm 
significant and progressive lift losses from the tip region inboard, indicated 
by the severity of the pitching moment nonlinearity, 
Experimental/theoretical comparisons of 
and was essentially a wing alone, having a small balance 
Thus it would seem that 
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theory without pressure constraint calls for potential-flow pressures which 
physically cannot be achieved. Some other flow mechanism must therefore have 
existed, Assuming that,when potential flow cannot be fully maintained, the 
Polhamus vortex-lift analogy (ref. 10) applies, normal force increments rep- 
resenting the effects of separated vorticity were then applied to the limited 
linear theory values. These lift increments were obtained by a new method 
(ref. 12) which provides the necessary theoretical full leading-edge-thrust 
values for the arbitrary planform. The resulting theoretical values are seen 
(fig. 3 )  as the dot-dash curve. These curves of limited linear theory with 
vortex lift, all parameters considered, are certainly an improvement, but there 
remains a large discrepancy in maximum lift-drag ratio. 
On the assumption that,prior to manifesting itself as vortex lift, some 
leading-edge thrust might, indeed, have occurred, the final curve showing the 
pressure-coefficient-limited linear theory without vortex lift but with full 
theoretical thrust is presented. Agreement at maximum lift-drag ratio is much 
improved. There remains, however, a problem beyond predicting leading-edge 
thrust or vortex lift at supersonic speeds, and that is the analytical repre-. 
sentation of the transition from the thrusting mode to the vortex-lift mode. 
New Analytical Method 
A new method (ref. 13) for estimation of attainable thrust has been devel- 
oped and the key features thereof are presented in figure 4. 
simple sweep theory to wings of arbitrary planform, permitting two-dimensional 
analysis. A comprehensive survey of two-dimensional data is correlated to pro- 
vide limiting-pressure restraints as a function of these normal Mach and Reyn- 
olds numbers. Correlation equations derived from theoretical two-dimensional 
data then provide thrust-coefficient limitation as a function of theoretical 
thrust, limiting pressure, and airfoil section parameters. With these relation- 
ships programmed as a subroutine in existing lifting-surface programs, spanwise 
distribution of attainable thrust is directly available for use in lift and drag 
estimation. These lift and drag relationships are compatible with the Polhamus 
leading-edge-suction analogy for fully detached leading-edge flow when the 
analogy is taken to be the limiting case of a gradual rotation of the full 
suction vector as leading-edge thrust is lost. Thus the method does provide 
a rational analytical means for making the transition from the thrust mode to 
that of vortex lift. 
The method applies 
In figure 5, experimental axial-force coefficient--a parameter sensitive 
to leading-edge thrust--is compared over the lift range to theoretical values 
for full leading-ledge thrust and for no leading-edge thrust, as well as for 
the attainable-thrust values from the new method. Not only is a significant 
amount of experimental leading-edge thrust indicated, but a reasonably good 
representation of experiment by the new attainable-thrust method is obtained 
in the positive-lift range up to lift coefficients of 0.3 or so. 
Returning via figure 6 to the lift-drag ratio comparisons between theory 
and experiment, the attainable curve is seen to agree with the full-thrust values 
in a very limited low-lift range. From the low-lift-coefficient values of such 
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agreement t o  t h e  h ighes t  va lues  shown, t h e  new method provides  t h a t  less and 
less of t h e  leading-edge f o r c e  be manifested as t h r u s t ,  and more and more be 
manifested as vor t ex  lift. The i n s e t  f low-visua l iza t ion  photographs, t aken  a t  
t h e  condi t ions  r ep resen ted  by t h e  darkened symbols, are included t o  provide an 
understanding of  t h e  flow physics  a t  those  po in t s .  The upper p a i r  of photo- 
graphs are of t h e  upper su r faces  of t h e  model with a f luo rescen t  o i l  coa t ing ,  
which, under t h e  a c t i o n  o f  t h e  flow, has  e s s e n t i a l l y  s t a b i l i z e d  a t  each of t h e  
two condi t ions .  The p i c t u r e  a t  t h e  r i g h t  i s  taken  from above t h e  r i g h t  rear 
quadrant of  t h e  model as it i s  immersed i n  humid, p a r t i a l l y  condensed flow 
and i l l umina ted  by a t h i n  f a n  of  i n t e n s e  l i g h t  pos i t i oned  normal t o  t h e  flow. 
Strong v o r t i c e s  appear a t  t h i s  h i g h - l i f t  cond i t ion  as t h e  p a i r  of dark c i r c l e s  
l oca t ed  above t h e  wing sur face  about midway between t h e  wing l ead ing  edges and 
t h e  model p l aneof  symmetry. Thus t h e  upper-surface flow appears  t o  vary from 
t h e  c l a s s i c  po ten t ia l - f low condi t ion  a t  t h e  l i f t  c o e f f i c i e n t  f o r  which t h e  
wing camber w a s  designed, through a condi t ion  i n  which t h e r e  i s  a mixed flow 
inc luding  some v o r t i c i t y ,  t o  t h e  condi t ion  a t  h igh  l i f t s  i n  which t h e r e  i s  
s t r o n g , f u l l y  sepa ra t ed  v o r t i c i t y  loca t ed  w e l l  inboard of t h e  l ead ing  edge. 
I n  any event ,  t h e  modified l i n e a r  theory  method, which a t tempts  t o  account 
f o r  t h e s e  nonl inear  t ypes  of  flow, provides ,  i n  a d d i t i o n  t o  an  i n d i c a t i o n  of 
s i g n i f i c a n t  amounts of  leading-edge t h r u s t ,  a s u b s t a n t i a l l y  improved represen- 
t a t i o n  of t h e  experimental  r e su l t s .  Note f o r  fu ture  r e fe rence  t h a t  angles  of 
a t t a c k  of 2 and 4 degrees  f a l l  j u s t  below and above t h a t  f o r  maximum l i f t - d r a g  
rat i o .  
Spanwise D i s t r i b u t i o n  of Thrust  
With supersonic  t h r u s t  d i s t r i b u t i o n  being so c r i t i c a l l y  dependent upon t h e  
degree t o  which t h e  l ead ing  edge i s  swept behind t h e  Mach l i n e ,  cons idera t ion  
of t h e  spanwise d i s t r i b u t i o n  of t h r u s t  i n  f i g u r e  7 begins  wi th  t h e  spanwise 
d i s t r i b u t i o n  of a parameter,  1 / ( B  co t  A ) ,  which i s  t h e  r a t i o  of t h e  tangent  of  
t h e  leading-edge sweep t o  t h e  tangent  of  t h e  sweep of t h e  Mach l i n e .  Thus, t h e  
higher  t h e  va lues  of l/(B co t  A ) ,  t h e  more subsonic t h e  l ead ing  edge, w i th  
t h e  va lue  of u n i t y  r ep resen t ing  a sonic  l ead ing  edge, and lesser values cor- 
responding t o  a supersonic  l ead ing  edge. The c a l c u l a t e d  va lues  of  l o c a l  t h r u s t  
c o e f f i c i e n t  f o r  t h e  experimental  conf igura t ion  a t  t e s t  Reynolds number (2.07 
x lo6) and at  design Mach number (1.8) This i s  a 
convenient way t o  express  l o c a l  t h r u s t ,  s i n c e  t h e o r e t i c a l  maximum t h r u s t  coef- 
f i c i e n t  i s  a d i r e c t  func t ion  of and t h e  a i m  he re  i s  t o  show t h a t  as angle  
of a t t a c k  i s  increased  t h e  por t ion  of maximum t h e o r e t i c a l  t h r u s t  which appears  
t o  be a t t a i n a b l e  becomes smal le r .  
assumes t h a t  a t t a i n a b l e  t h r u s t  i s  t h a t  component o f  maximum t h e o r e t i c a l  t h r u s t  
which mani fes t s  i t s e l f  as t h r u s t ,  while t h e  normal component of  t h a t  t h e o r e t i -  
c a l  m a x i m u m  manifests  i t s e l f  as vo r t ex  l i f t ,  with t h e  d i f f e r e n c e  between t h e  
curves de f in ing  t h e  l o c a t i o n  and i n t e n s i t y  o f  t h e  la t ter .  't ,max 
Thus, t h e o r e t i c a l l y ,  t h e  loss  of  t h r u s t  and t h e  a t t endan t  development o f  vo r t ex  
lift begins  outboard and moves p rogres s ive ly  inboard as ang le  of a t t a c k  i s  
increased.  This  a n a l y t i c a l  degradat ion i n  percent  of  maximum t h e o r e t i c a l  
t h r u s t  and t h e  corresponding inc rease  i n  vo r t ex  l i f t , a s  ang le  of  a t t a c k  i s  
increased  from 2 t o  4 degrees i n  t h i s  f i g u r e ,  correspond t o - t h e  l i f t -d rag -  
r a t i o  decrements between f u l l  and a t t a i n a b l e  t h r u s t  a t  t h e s e  two angles  i n  
are shown d iv ided  by a 2 .  
ci2 
It should be r e c a l l e d  t h a t  t h e  theory  
and Ct 
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f i g u r e  6 .  The c a l c u l a t e d  va lues  o f  both f i g u r e s  6 and 7 i n d i c a t e  t h e  e f f e c t  
of cons iderable  v o r t i c i t y  a t  t h e  h igher  angle  ( b o ) ,  w i th  t h e  former ( f i g u r e  6 )  
providing s t r o n g  experimental  evidence i n  t h e  corresponding o i l - f low photo- 
graph. 
Lest it be assumed t h a t  a t t a i n a b l e  t h r u s t  decreases  wi th  inc reas ing  ang le  
o f  a t t a c k ,  t h e  remaining t h r u s t - d i s t r i b u t i o n  f i g u r e s ,  beginning wi th  f i g u r e  8, 
w i l l  dea l  i n  abso lu t e  va lues  of  l o c a l  t h r u s t  c o e f f i c i e n t  a t  t h e  two angles  of  
a t t a c k  of  2 and 4 degrees.  I n  f a c t ,  t hey  w i l l  show t h a t  c a l c u l a t e d  a t t a i n a b l e  
t h r u s t  a t  4 degrees  exceeds,  i n  most cases ,  t h e  t h e o r e t i c a l  maximum t h r u s t  a t  
2 degrees angle  of  a t t a c k .  
The c a l c u l a t e d  va lues  of  abso lu t e  l o c a l  t h r u s t  c o e f f i c i e n t s  i n  f i g u r e  8 
a r e  f o r  t h e  same cond i t ions  as i n  t h e  previous f i g u r e ,  except t h a t  va lues  f o r  
a f u l l - s c a l e  Reynolds number of  128 m i l l i o n  (corresponding t o  c = 25.3 meters 
and an a l t i t u d e  of  17400 
which i s  twice  t h e  i n t e g r a l  o f  t h e  l o c a l  of t o t a l  t h r u s t  c o e f f i c i e n t  
c o e f f i c i e n t s ,  i s  shown f o r  each Reynolds number. A t  an ang le  of a t t a c k  of 
two degrees ,  t h r u s t  l o s s  begins  near  midsemispan 
o r  so d i f f e r e n c e  i n  t h e  t o t a l  t h r u s t  c o e f f i c i e n t  between Reynolds numbers of 
2.07 m i l l i o n  and 128 m i l l i o n ,  wi th  t h e  va lue  f o r  128 m i l l i o n  be ing  about two 
counts less  than  t h e  t h e o r e t i c a l  maximum value  ( R N  = ) .  A t  fou r  degrees  
however, t h e r e  i s  an apprec i ab le  d i f f e r e n c e  i n  l o c a t i o n  of  t h r u s t  loss and 
nea r ly  f ive  counts d i f f e rence  between tunne l  and f u l l - s c a l e  Reynolds number, 
with t h a t  f o r  t h e  l a t t e r  being approximately h a l f  t h e  34-count t h e o r e t i c a l  
maximum value.  I n  t h i s  ca se ,  t h e  e f f e c t s  of  Reynolds number on t h r u s t  are 
seen t o  he important ,  bu t  c e r t a i n l y  not  c r i t i c a l .  
meters) have been added. For convenience, t h e  va lue  
cT , 
and t h e r e  i s  a count (0.0001) 
The l o c a l  t h r u s t  c o e f f i c i e n t  va lues  of  f i g u r e  9 are f o r  t h e  same b a s i c  
conf igura t ion  a t  a Reynolds number o f  128 m i l l i o n ,  bu t  wi th  another  Mach num- 
b e r ,  1 . 4 ,  as w e l l  as t h e  o r i g i n a l  1.8. While t h e  spanwise l o c a t i o n  of t h r u s t  
l o s s  here  does not  appear t o  be s t r o n g l y  Mach-number dependent, both t h e  
a t t a i n a b l e  and t h e o r e t i c a l  maximum values  of  t o t a l  t h r u s t  appear t o  be very 
much so. A t  bo th  ang le s  of a t t a c k ,  a t t a i n a b l e  t h r u s t  a t  Mach number 1 . 4  i s  
about double t h a t  a t  Mach number 1.8, wi th  some 35-1/2 counts  appearing t o  be 
a t t a i n a b l e  out  of  t h e  65 counts  of  t h e o r e t i c a l  maximum t h r u s t  a t  M = 1 .4 .  
The f a c t  t h a t ,  a t  bo th  two and f o u r  degrees ,  t h e  c a l c u l a t i o n s  show f u l l  t h r u s t  
t o  extend somewhat f u r t h e r  ou t  on t h e  wing semispan a t  Mach number 1 . 4  than  a t  
1.8 i s  s u r p r i s i n g ,  s i n c e  t h e  inboard l ead ing  edge con ta ins  a s i g n i f i c a n t  por- 
t i o n  swept a t  79-1/2 degrees--a very  subsonic segment wi th  a normal Mach num- 
b e r  of 0.255. 
s i g n i f i c a n t l y  increased  over t hose  of t h e  present  wing a t  Mach number 1.8. 
This sugges ts  t h a t  design va lues  of 1 / ( B  c o t  A )  might be  
I n  f i g u r e  10 ,  c a l c u l a t e d  l o c a l  t h r u s t  c o e f f i c i e n t s  f o r  a Mach number of  
1 .8  and a Reynolds number of 128  m i l l i o n  are shown f o r  t h e  b a s i c  conf igura t ion  
with i t s  4-percent-thick wing, and f o r  v a r i a t i o n s  i n  wing th i ckness  t o  3 and 
5 percent .  Q u a l i t a t i v e l y * t h e  inboard progression of  t h r u s t  l o s s  wi th  decreas- 
i ng  th i ckness  i s  as would be expected,  A s  w a s  t h e  case  f o r  Reynolds-number 
v a r i a t i o n  i n  f i g u r e  8. t h e  e f f e c t  o f  t h e  present  variable ( t / c )  i s  seen,  w i th in  
t h e  range shown (0.03 t o  0 . 0 5 ) ,  t o  be  important t o  leading-ledge t h r u s t ,  bu t  
c e r t a i n l y  not  c r i t i c a l .  
Thrust-Dependent Lift-Drag Ratio 
The previous thrust-distribution figures (8, 9 ,  and 10) have shown, for 
the basic study configuration and variations thereof, the dependence of leading- 
edge thrust on Reynolds number, Mach number, and thickness ratio. Figure 11 
addresses the effects of these same three variables (RN, M y  and t/c) on maximum 
lift-drag ratio, including leading-edge thrust effects. In each case, the the- 
oretical curves for full leading-edge thrust, no leading-edge thrust, and 
attainable thrust are shown. Where available, the appropriate experimental 
points are presented. 
is 1.8 and thickness ratio is 0.04. 
Unless otherwise indicated on an abscissa, Mach number 
The large effect on maximum lift-drag ratio of the variation of Reynolds 
number is almost entirely that due to the change in viscous drag. Calculated 
attainable thrust is seen to vary from about half the increment between no 
thrust and f u l l  thrust at the lowest Reynolds number to about 60 percent at 
the highest--a small amount compared to that due to the viscous-drag change. 
The agreement between experiment and calculation seems reasonably good. 
The effect on maximum lift-drag ratio of varying Mach number over the 
range shown is particularly large for the full-thrust case at both the test 
and full-scale Reynolds numbers, with the attainable-thrust curve showing a 
similarly large variation at the high Reynolds number. 
attainable-thrust variation at test Reynolds number (2.07 million) falls about 
midway between the full-thrust values and those for the relatively insensitive 
no-thrust curve. This greater thrust dependency on Mach number certainly sug- 
gests that the extrapolations of such wind-tunnel data to full-scale conditions 
take careful account of leading-edge thrust. Again, agreement between experi- 
ment and calculation is reasonably good, but particularly significant to the 
designer is that agreement at the M'= 1.5 condition, for it suggests that very 
high values of l/(p cot A) (or very low Mach-number components normal to the 
wing leading edge) may be tolerated. 
In contrast, the 
The sharp variations of maximum lift-drag ratio with thickness ratio is 
again seen to be an effect on mimimum drag, Here, it is a large variation of 
zero-lift wave drag with thickness. The steeper variation at the full-scale 
Reynolds number is due to the combining of the additional viscous-drag decre- 
ment with the sharply changing wave drag to produce, as thickness is reduced, 
very low values of minimum drag An 
interesting additional point is that, at full-scale Reynolds number, values of 
maximum lift-drag ratio corresponding tc, the attainable-thrust, curve did not 
fall off toward the no-thrust curve as thickness decreased. 
and consequently high lift-drag ratios. 
It is to be noted that supersonic-cruise designs have generally been based 
on analytical methods which excluded leading-edge thrust, corresponding to the 
dashed-curve values of figure 11. In the light of the experiment.ally and 
analytically indicated high tolerance to high values of 1/(B cot'fl) (lower 
Mach numbers, here) and the calculatively indicated insensitivity of thrust to 
thickness (for moderate changes in thickness), very high levels of supersonic 
aerodynamic performance seem possible. 
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Returning via f i g u r e  1 2  t o  t h e  spanwise v a r i a t i o n  o f  t h e  design parameter,  
1/(@ co t  A ) ,  upon which leading-edge t h r u s t  i s  so dependent,  an a d d i t i o n a l  curve 
(beyond t h a t  shown i n  f i g u r e  7 )  corresponding t o  t h e  b a s i c  conf igu ra t ion  a t  a 
Mach number of  1 . 5  has been added as t h e  dashed l i n e .  It i s  t h i s  much more 
subsonic l ead ing  edge which appears  t o  have worked w e l l  a t  M = 1 . 5 .  
l ead ing  
Same spanwise schedule of 1/( @ co t  A )  as t h e  o r i g i n a l  wing @ a t  Mach number 
1 . 5 ,  i s  def ined  by t h e  i n d i c a t e d  i n t e g r a t i o n  of  t h e  dashed curve.  Requiring, 
i n  add i t ion ,  t h e  same t i p  chord, t h e  same chord as a t  t h e  t r a i l i ng -edge  break,  
and t h e  same wing area as @ r e s u l t s  i n  t h e  new wing @ . Calcula ted  maxi- 
mum l i f t - d r a g  r a t i o  and t h e  product of it and Mach number are shown f o r  4-per- 
cent- thick ve r s ions  of  bo th  wings fi] and @ a t  Mach numbers 1 .5  and 1.8 and a t  
t e s t  and f u l l - s c a l e  Reynolds numbers i n  f i g u r e  13. The a v a i l a b l e  corresponding 
experimental  va lues  are a l s o  shown as t h e  c i r c l e  symbols. An i n t e r e s t i n g  result 
shown i n  t h i s  f i g u r e  i s  t h a t ,  bo th  maximum L/D 
and M*L/D are h igher  f o r  wing & a t  M = 1.8 than  f o r  wing @ at  e i t h e r  Mach 
number, From t h i s  p o i n t ,  a des igner  might p r o f i t a b l y  trade toward lower out-  
board panel  sweep without  s i g n i f i c a n t  performance loss  and then  t r a d e  toward a 
th i ckness  s u b s t a n t i a l l y  less than  t h e  present  4 percent  so as t o  produce ex t ra -  
o r d i n a r i l y  h igh  l e v e l s  o f  aerodynamic performance. 
The 
edge of a new wine: wi th  a desinn Mach number of  1.8, b u t  with t h e  
f u l l - s c a l e  Reynolds number 
Addi t iona l  Design Considerat ions 
Taking a broader  view of wings designed t o  ope ra t e  a t  c r u i s e  wi th  a s ig-  
n i f i c a n t  amount of leading-edge t h r u s t ,  s e v e r a l  design-oriented observa t ions  
can be  made wi th  t h e  a i d  of  f i g u r e  14. Here t h e  planform of t h e  p re sen t  
s tudy i s  shown shaded and superimposed on t h e  conta in ing  d e l t a  planform. 
Recognizing t h e  seeming i n e v i t a b l e  shr inkage i n  wing s i z e  ( t o  reduce wet ted 
area and weight)  i n  t h e  success ive  s t a g e s  of  design cyc l ing  from t h e  i n i t i a l  
concept,  t h e  lower ha l f  of t h e  planform f i g u r e  w a s  prepared t o  show t h e  con- 
t a i n i n g  d e l t a  and a shrunken ve r s ion  thereof  having the same p lan  area as 
shaded above. Immediately apparent  i s  i t s  much-reduced e f f e c t i v e  l i f t i n g  
l eng th  and s h o r t e r  span compared t o  t h e  i n i t i a l  shaded planform. Considering 
t h a t  supersonic  drag  due t o  l i f t  i s  an inve r se  func t ion  of t h e  combination 
of  t h e  square of t h e  l i f t i n g  l e n g t h  and t h e  square of t h e  span, it i s  c r i t i -  
. c a l l y  important t o  aerodynamic performance t o  be  p a r t i c u l a r l y  s e l e c t i v e  i n  
reducing wing a rea .  The shaded planform reduces wing area bu t  preserves  
t h e  o v e r a l l  l eng th  and span, and t h u s  should t end  t o  r e t a i n  t h e  aerodynamic 
e f f i c i e n c y  of t h e  l a r g e r  conta in ing  d e l t a .  Another p o i n t  regard ing  t h e  
shaded planform i s  t h a t  s t r u c t u r a l l y  it should t end  t o  resemble a wing having 
t h e  planform represented  by t h e  shaded area rearward of  t h e  short-dash l i n e ,  
b u t  t o  which has been added a forward s t r a k e .  
A f i n a l  po in t  t o  be made through t h i s  f i g u r e  i s  i n  r ega rd  t o  t rea tment  of 
t h e  planform at t h e  wing t i p .  It i s  suggested t h a t  t h e  wing t i p  be t a i l o r e d  
t o  provide t h a t  t h e  t i p  vo r t ex  i n i t i a t e  inboard along t h e  l ead ing  edge so as 
t o  p l ace  not  only i t s  s u c t i o n  e f f e c t  on t h e  upper s u r f a c e  bu t  i t s  pumping o r  
scavenging e f f e c t  over  t h e  t i p  area which might otherwise experience flow 
sepa ra t ion  as i n  t h e  i n s e t  ske tch  below. 
CONCLUDING REMARKS 
There are several observations growing out of the present study which 
should be of interest to the designer of supersonic-cruise vehicles. 
most is that experimental results indicate the presence of significant amounts 
of leading-edge thrust at supersonic speeds. Furthermore, there is a new 
methodology for the prediction of attainable leading-edge thrust and/or that 
component of thrust which acts as vortex lift. There is, as well, a new 
class of supersonic wings which matches the theoretical thrust-distribution 
potential with supporting airfoil geometry (that is, which places upwash 
where there is bluntness). 
ratios at higher lift coefficients. Noting that with the attainment of sub- 
stantial amounts of leading-edge thrust at supersonic speeds increasing with 
diminishing Mach numbers, efforts to significantly improve range factor 
(M.L/D i sfc) should give rise to serious consideration of lower supersonic- 
cruise speeds (of the order of Mach number 2 or less). 
will certainly offer more speed-compatible airframes and propulsion systems. 
Fore- 
These should lead to higher maximum lift-drag 
These lower speeds 
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Figure 1.- Experimental/theoretical drag polars of models of supersonic- 
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Figure 2.- Thurst and thickness comparisons near wing leading edge. 
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Figure 4 . -  Key features of attainable-thrust prediction method. 
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Figure 6 . -  Comparison of t h e o r i e s  wi th  both  q u a l i t a t i v e  and q u a n t i t a t i v e  
experimental  d a t a .  
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INTRODUCTORY REMARKS 
Seth  B. Anderson 
NASA Ames Research Center  
The 1976 SCAR conference  p o i n t e d  o u t  t h a t  t h e  aerodynamic c o n f i g u r a t i o n  
r e q u i r e d  f o r  performance c o n s i d e r a t i o n s  of s u p e r s o n i c  cruise a i r c r a f t  (SCA) 
a d v e r s e l y  a f f e c t e d  s t a b i l i t y  and c o n t r o l  p a r t i c u l a r l y  a t  low speeds .  More so 
than  f o r  c o n v e n t i o n a l  ( s u b s o n i c )  t r a n s p o r t  a i r c r a f t ,  t h e r e  are more complex 
i n t e r d i s c i p l i n a r y  r e l a t i o n s h i p s  i n  t h e  d e s i g n  of SCA c o n f i g u r a t i o n s .  I n  addi- 
t i o n  t o  t h e  t r a d i t i o n a l  d i s c i p l i n e s  such as aerodynamics,  p r o p u l s i o n ,  and struc- 
t u r e ,  i n c r e a s e d  demand f o r  improved e f f i c i e n c y  h a s  made t h e  obtainment  of s a t i s -  
f a c t o r y  s t a b i l i t y  and c o n t r o l  c h a r a c t e r i s t i c s  even more of  a c h a l l e n g e .  I n  
a d d i t i o n ,  o n l y  a r e l a t i v e l y  small d a t a  base  on handl ing  q u a l i t i e s  c r i t e r i a  
e x i s t s  to  a i d  t h e  c e r t i f i c a t i o n  process f o r  advanced SCA t r a n s p o r t s .  
The purpose of t h e  s t a b i l i t y  and c o n t r o l  s e s s i o n  is t o  rev iew r e s u l t s  o f  
r e c e n t  r e s e a r c h  ;elated t o  s t a b i l i t y  and  c o n t r o l  problems p e c u l i a r  t o  SCA con- 
f i g u r a t i o n s .  For example, t h e  long ,  s l e n d e r  f u s e l a g e  required f o r  low d r a g  
p l a c e s  t h e  cockpit f a r  ahead o f  t h e  C. G. r e s u l t i n g  i n  g r e a t e r  d i f f i c u l t y  f o r  
t h e  p i lo t  t o  make precise f l i g h t  p a t h  a d j u s t m e n t s  i n  l a n d i n g  approach.  The 
f i r s t  paper i n  t h i s  s e s s i o n  describes t h e  format  used f o r  t h e  d e s i g n  c r i t e r i a  
f o r  handl ing qua l i t i e s  which address s p e c i f i c  f a i l u r e s ,  approach  to dangerous 
f l i g h t  c o n d i t i o n s ,  f l i g h t  a t  high a n g l e s  of a t tack,  l o n g i t u d i n a l  and l a t e r a l  
d i r e c t i o n a l  s t a b i l i t y  and c o n t r o l  requi rements ,  and t h e  pr imary  and secondary  
f l i g h t  c o n t r o l  system f a i l u r e  s ta tes .  The e f f e c t  of t h e  l a r g e  forward  placement 
of t h e  crew is brought  o u t  by examples of t h e  d e s i g n  c r i t e r i a  f o r  l a t e r a l  accel- 
e r a t i o n s  a t  t h e  cockpit d u r i n g  r o l l i n g  maneuvers, r o l l  c o n t r o l  e f f e c t i v e n e s s ,  
and e f f e c t i v e  time d e l a y  i n  t h e  p i l o t ' s  command channel .  
I t  i s  w e l l  known t h a t  more e f f i c i e n t  f l i g h t  can be achieved  f o r  SCA by f l y -  
i n g  wi th  n e u t r a l  or u n s t a b l e  l o n g i t u d i n a l  s t a b i l i t y  c o n d i t i o n s .  T h i s  r e q u i r e s ,  
however, a s t a b i l i t y  augmentat ion c o n t r o l  system to  ease t h e  p i lo t ' s  workload. 
The second paper examines c o n t r o l  system d e s i g n  features i n c l u d i n g  t h e  t y p e  of 
system used to  h a n d l e  non-l inear  c o n d i t i o n s ,  t h e  adequacy o f  t h e  augmentat ion 
g a i n s ,  and how t h e  q u a n t i z a t i o n  l e v e l s  and f i l t e r  u p d a t e  rates a f f e c t  c o n t r o l  
system performance. These s t u d i e s  were carried o u t  for t h e  l a n d i n g  approach 
t a s k  u s i n g  a f i x e d  base, real  t i m e  simulator set-up. 
The arrow wing SCA has long  been c o n s i d e r e d  a promis ing  concept  for achiev- 
i n g  s u p e r i o r  h i g h  Mach number cruise performance; however, some s a c r i f i c e  i n  low 
speed,  high a n g l e  of attack s t a b i l i t y  and  c o n t r o l  can occur. T y p i c a l  problem 
areas i n c l u d e  s t a t i c  and dynamic l o n g i t u d i n a l  i n s t a b i l i t y ,  s l u g g i s h  p i t c h  
response ,  e x c e s s i v e  positive d i h e d r a l  e f f e c t ,  law a t t a i n a b l e  ro l l  c o n t r o l  pwer,  
poor t u r n  e n t r y  c h a r a c t e r i s t i c s ,  l o w  Dutch r o l l  damping, and non- l inear ,  reduced 
d i r e c t i o n a l  s t a b i l i t y .  The t h i r d  paper g i v e s  an e v a l u a t i o n  of an arrow wing 
d e s i g n  i n  l a n d i n g  approach u s i n g  a p i l o t e d  moving base s i m u l a t o r  wi th  p a r t i c u l a r  
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re ference  c o n t r o l  system design concepts  to  improve t h e  i n h e r e n t l y  poor s t a b i l -  
i t y  and c o n t r o l  f e a t u r e s  of t h i s  conf igura t ion .  
F i n a l l y ,  airport and community no i se  e n t e r s  i n t o  t h e  s t a b i l i t y  and c o n t r o l  
requirements because of t h e  in f luence  of t h e  propuls ion  system on f l i g h t  pa th  
con t ro l .  The l a s t  paper of t h i s  s e s s i o n  examines the  d i f f i c u l t y  of f l y i n g  
"ideal" f l i g h t  prof i les  for canrmunity noise  abatement, the  degree of s t a b i l i t y  
augmentation requi red ,  and t h e  need f o r  p i lot  information d i s p l a y s  to  provide 
t r ack ing  guidance. These results were obta ined  i n  piloted s imula t ion  s t u d i e s  
during take-off and landings.  
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FLYING QUALITIES DESIGN C R I T E R I A  APPLICABLE TO 
SUPERSOPJIC CRUISE AIRCRAFT* 
Charles  R. Chalk 
Calspan Advanced Technology Center  
SUMMARY 
A comprehensive s e t  of  f l y i n g  q u a l i t i e s  design c r i te r ia  has been pre-  
pared f o r  use  i n  t h e  NASA Supersonic Cruise  Research Program. 
f o r  s t a t i n g  t h e  des ign  cr i ter ia  i s  e s t a b l i s h e d  and des ign  c r i te r ia  a r e  in -  
cluded which address  s p e c i f i c  f a i l u r e s ,  approach t o  dangerous f l i g h t  condi- 
t i o n s ,  f l i g h t  a t  high angle  of  a t t a c k ,  l ong i tud ina l  and l a t e r a l - d i r e c t i o n a l  
s t a b i l i t y  and con t ro l ,  t h e  primary f l i g h t  c o n t r o l  system and secondary f l i g h t  
con t ro l s .  In t h i s  paper ,  examples a r e  given of  l a t e r a l - d i r e c t i o n a l  design 
cr i ter ia  l i m i t i n g  la te ra l  a c c e l e r a t i o n s  a t  t h e  cockpi t ,  time t o  r o l l  through 
30' of bank and time de lay  i n  t h e  p i l o t ' s  command path.  
t h e  Concorde c e r t i f i c a t i o n  program a r e  used t o  s u b s t a n t i a t e  a number o f  t h e  
proposed design c r i t e r i a .  
The framework 
F l i g h t  test  d a t a  from 
INTRODUCTION 
NASA/Langley Research Center  and t h e  t h r e e  system :jtudy con t r ac to r s  are 
beginning t o  perform a n a l y s i s  and s imula t ion  s t u d i e s  t o  de f ine  t h e  f l y i n g  
q u a l i t i e s ,  r i d e  q u a l i t i e s  and f l i g h t  con t ro l  c h a r a c t e r i s t i c s  of t h e  l a r g e  
f l e x i b l e  a i rcraf t  which are t y p i c a l  of supersonic  c r u i s e  aircraft  concepts. 
To f ac i l i t a t e  comparison of t h e  f l y i n g  q u a l i t i e s  c h a r a c t e r i s t i c s  of t h e  air-  
craf t  concepts be ing  s t u d i e d  by t h e  system s tudy  con t r ac to r s  and t o  a i d  
NASA/LRC i n  d i r e c t i n g  f l y i n g  q u a l i t i e s  r e sea rch  a c t i v i t i e s ,  a comprehensive 
se t  of  f l y i n g  q u a l i t i e s  des ign  cr i ter ia  have been prepared by Calspan Corpor- 
a t i o n  (Ref. 1 )  under NASA/LRC sponsorship.  These des ign  c r i t e r i a  are not  i n -  
tended t o  r ep lace  t h e  Federal  Aviation Regulat ions,  FAR, i n  any formal 
o r  l e g a l  sense.  The proposed design c r i t e r i a  are more q u a n t i t a t i v e  than t h e  
FAR'S and are more similar t o  t h e  requirements of t h e  m i l i t a r y  s p e c i f i c a t i o n  
f o r  f l y i n g  q u a l i t i e s ,  MIL-F-8785B(ASG). The design cr i ter ia  are intended t o  
a i d  t h e  system s tudy  con t r ac to r s  and t o  provide NASA with a common b a s i s  f o r  
comparison of  design concepts  f o r  supersonic  c r u i s e  aircraft. 
*The r e sea rch  r epor t ed  upon i n  t h i s  paper was performed under U.S. A i r  Force 
Contract  F33615-78-C-3602 and funded by t h e  Langley Research Center  of t h e  
National Aeronautics and Space Adminis t ra t ion.  
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FORMAT OF DESIGN C R I T E R I A  DOCUMENT 
The general  format o f  t h e  design c r i t e r i a  document i s  similar t o  MIL-F- 
8785B(ASG), however, t h e  s t r u c t u r e  i s  s i m p l i f i e d  because only one class of air- 
c r a f t  is being addressed.  The concepts o f  F l i g h t  Phases and Levels o f  f l y i n g  
q u a l i t i e s  a r e  employed t o  permit  t a i l o r i n g  t h e  design c r i t e r i a  t o  t h e  t a s k  and 
t o  i n d i c a t e  how much degradat ion i n  t h e  s t a b i l i t y  and con t ro l  c h a r a c t e r i s t i c s  
can be t o l e r a t e d  i n  p a r t i c u l a r  circumstances.  
def ine  a i r p l a n e  normal s ta tes  ( i . e . ,  conbinat ions of weight,  c e n t e r  of grav- 
i t y ,  moments and products  o f  i n e r t i a ,  and conf igu ra t ion ) ,  f a i l u r e  states, op- 
e r a t i o n a l  f l i g h t  envelopes and s e r v i c e  f l i g h t  envelopes f o r  t h e  a i rc raf t  and 
i t s  ope ra t iona l  r o l e .  
The des igne r  is  r equ i r ed  t o  
The p o s s i b i l i t y  t h a t  t h e  a i r p l a n e  may be r equ i r ed  t o  ope ra t e  under ab- 
normal condi t ions  i s  recognized and a degraded Level of f l y i n g  q u a l i t i e s  i s  
permit ted f o r  f l i g h t  o u t s i d e  t h e  ope ra t iona l  envelope, f o r  f a i l u r e  of a i r -  
p lane  components and f o r  combinations o f  t h e s e  circumstances.  The design pro- 
cedure f o r  determining t h e o r e t i c a l  compliance wi th  a i r p l a n e  f a i l u r e  s t a t e  re- 
quirements i s  adopted from MIL-F-B785B(ASG). This  procedure i s  i l l u s t r a t e d  i n  
Figure 1. (This f i g u r e  i s  taken  from Ref. 2 which con ta ins  a comprehensive 
review of t h e  methods used, i n  var ious  c i v i l  and m i l i t a r y  f l y i n g  q u a l i t i e s  
documents, t o  dea l  wi th  system f a i l u r e s  t h a t  degrade f l y i n g  q u a l i t i e s . )  The 
p r o b a b i l i s t i c  approach t o  t h e  t rea tment  of f a i l u r e  effects i l l u s t r a t e d  i n  
Figure 1 i s  supplemented i n  Ref. 1 by inc lus ion  o f  des ign  Criteria f o r  spec- 
i f i c  f a i l u r e  cases which must be considered r e g a r d l e s s  of t h e  p r o b a b i l i t y  of 
occurrence. 
The genera l  conten t  and organiza t ion  of Ref. 1 is  ind ica t ed  by t h e  out-  
l i n e  of major s e c t i o n s  i l l u s t r a t e d  i n  Figure 2 .  
t e r i a  paragraphs contained i n  Ref. 1 p r o h i b i t s  p re sen t ing  a d e t a i l  review of 
t h e  c r i t e r i a  i n  t h i s  paper;  however, t h r e e  des ign  c r i te r ia  r e l a t i n g  
l a t e r a l - d i r e c t i o n a l  responses  t o  p i l o t  r o l l  c o n t r o l l e r  commands are pre-  
sented and d iscussed  i n  a fol lowing sec t ion .  
t e r ia ,  t h e  au thor  has drawn on previous  work performed by Calspan during de- 
velopment of MIL-F-8785B(ASG), MIL-F-83300 and t h e  s tudy  t o  r e v i s e  MIL-F- 
8785B(ASG) repor ted  i n  Ref. 3.  In  add i t ion ,  f l y i n g  q u a l i t i e s  s p e c i a l  condi- 
t i o n s  developed by t h e  FAA f o r  c e r t i f i c a t i o n  of  t h e  Concorde were reviewed 
as were t h e  TSS s tandards  developed by t h e  French and B r i t i s h  c e r t i f i c a t i o n  
a u t h o r i t i e s  f o r  a p p l i c a t i o n  t o  t h e  Concorde. 
experiments such as those  repor ted  i n  Refs. 4 and 5 have a l s o  been used t o  
formulate  and t o  s u b s t a n t i a t e  t h e  des ign  c r i te r ia .  
The number of design c r i -  
I n  p repa r ing  t h e  des ign  c r i -  
The r e s u l t s  of f l y i n g  q u a l i t i e s  
With permission from B r i t i s h  Aerospace, Inc. and Aerospa t ia le ,  t h e  
f l i g h t  test  d a t a ,  Ref. 6 ,  used f o r  c e r t i f i c a t i o n  of  t h e  Concorde by t h e  B r i -  
t i s h ,  French and U.S. a u t h o r i t i e s  was made a v a i l a b l e  t o  Calspan and has been 
used where appropr i a t e  t o  s u b s t a n t i a t e  t h e  proposed des ign  Cri ter ia .  
t i o n a l  Concorde f l i g h t  test d a t a  taken by FAA test teams is  contained i n  
Ref. 7. 
Addi- 
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Since MIL-F-8785B(ASG) was adopted i n  1969, t h e  A i r  Force has  sponsored 
a number of s t u d i e s  t o  compare t h e  c h a r a c t e r i s t i c s  o f  e x i s t i n g  a i r c r a f t  wi th  
the  f l y i n g  q u a l i t i e s  requirements of  t h a t  s p e c i f i c a t i o n .  Ref. 8 documents 
t h e  comparison of t h e  C-SA a i rc raf t  with MIL-F-8785B(ASG) requirements .  
F l i g h t  t es t  d a t a  i n  Ref. 8 were a l s o  used t o  s u b s t a n t i a t e  t h e  proposed design 
c r i t e r i a .  
EXAMPLES OF DESIGN CRITERIA 
Lateral Acce lera t ion  a t  t h e  Cockpit During Rol l ing  Maneuvers 
In 1977, Calspan performed i n - f l i g h t  s imula t ion  tes ts ,  Ref. 9 ,  of a 
supersonic  c r u i s e  aircraft  equipped with a f l i g h t  c o n t r o l  system designed by 
NASA/LRC engineers .  Although t h i s  conf igu ra t ion  had been given s a t i s f a c t o r y  
p i l o t  r a t i n g s ,  Ref. 10, when eva lua ted  on t h e  NASA/LRC f i x e d  base s imula tor ,  
it was r a t e d  unacceptable  when evaluated i n  t h e  TIFS i n - f l i g h t  s imula tor .  
Figure 3 .  This conf igura t ion  was rated unacceptable  even though i t  s a t i s f i e d  
t h e  l a t e r a l - d i r e c t i o n a l  f l y i n g  q u a l i t i e s  requirements of  MIL-F-8785B(ASG) and 
t h e  rev ised  ve r s ions  of  t h e s e  requirements recommended i n  Ref. 3. 
reason f o r  t h e  unacceptable  p i l o t  r a t i n g s  was t h e  lateral  a c c e l e r a t i o n  re- 
sponse a t  t h e  p i l o t ' s  s t a t i o n  during r o l l i n g  and t u r n i n g  maneuvers. The con- 
f i g u r a t i o n  being eva lua ted  had t h e  p i l o t  l oca t ed  4 4 . 2  m ahead of  t h e  C.G. and 
11 m above t h e  x s t a b i l i t y  a x i s .  Thus, angu la r  a c c e l e r a t i o n s  i n  r o l l  and yaw 
fol lowing an abrupt  r o l l  c o n t r o l l e r  i npu t  caused la te ra l  a c c e l e r a t i o n  a t  t h e  
p i l o t ' s  s t a t i o n ,  This  problem was ameliorated by redes ign  of  t h e  f l i g h t  con- 
t r o l  system t o  reduce proverse  yaw due t o  a i l e r o n  and by f i l t e r i n g  t h e  p i l o t ' s  
r o l l  commands wi th  a low-pass f i r s t - o r d e r  f i l t e r , t o  reduce t h e  r o l l  acce l e r -  
a t ion .  
quirements and t ends  t o  in t roduce  phase s h i f t  and e f f e c t i v e  t ine  de lay  i n  t h e  
p i l o t ' s  r o l l  command channel. 
The major 
This  s o l u t i o n  makes it more d i f f i c u l t  t o  meet r o l l  performance re- 
In 1978 a second i n - f l i g h t  s imula t ion  program was performed i n  t h e  TIFS 
a i r p l a n e  t o  ob ta in  d a t a  which could be used t o  d r a f t  a des ign  c r i t e r i o n  t o  
l i m i t  t h e  magnitude of t h e  lateral  a c c e l e r a t i o n  a t  t h e  p i l o t ' s  s t a t i o n ,  which 
occurs  when t h e  p i l o t  performs r o l l i n g  and t u r n i n g  maneuvers. Configurat ions 
evaluated i n  t h i s  experiment included a s imula t ion  of  t h e  l a t e r a l - d i r e c t i o n a l  
dynamics and cockpi t  l o c a t i o n  of t h e  Boeing 747,but most ly  t h e  conf igu ra t ions  
were based on a supersonic  cruise aircraft  def ined  by NASA/LRC and v a r i a t i o n s  
of  t h e  l a t e r a l - d i r e c t i o n a l  s t a b i l i t y  and c o n t r o l  augmentation system. One 
vers ion  of  t h e  f l i g h t  c o n t r o l  system produced an a i r p l a n e  t h a t  could be man- 
euvered, i n  r o l l  and t u r n i n g  maneuvers, wi th  t h e  r o l l  c o n t r o l l e r  without pro- 
ducing any s i d e s l i p .  
and q u i t e  high r o l l  damping al though t h e  Dutch r o l l  mode was low frequency and 
no t  very heav i ly  damped. 
of  l o c a t i n g  t h e  p i l o t ' s  s t a t i o n  a t  va r ious  p o s i t i o n s  i n  t h e  r i g i d  body. 
Th i s  conf igura t ion  had t h e  s p i r a l  r o o t  a t  t h e  o r i g i n  
This  conf igura t ion  was used t o  explore  t h e  effects 
The 
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following coord ina te  l o c a t i o n s  i n  t h e  s t a b i l i t y  axis  system were simulated.  
X 
S 
44.2 
44.2 
0 
0 
2 
S 
-11 Nominal p i l o t  location 
0 On xs s t a b i l i t y  axis 
-11 Above C.G. 
0 A t  C.G. 
Thus, t h e  a i r p l a n e  dynamics and convent ional  f l y i n g  q u a l i t i e s  parameters  were 
i d e n t i c a l  f o r  t h e s e  fou r  conf igura t ions ,but  t h e  l i n e a r  a c c e l e r a t i o n s  exper- 
ienced by t h e  p i l o t  were d i f f e r e n t .  The s imula t ion  concept i s  i l l u s t r a t e d  
by t h e  p r o f i l e  drawing o f  F igure  4. This  type  of  s imula t ion  i s  p o s s i b l e  i n  
t h e  TIFS a i r p l a n e  because i t  i s  equipped wi th  s i x  independent f o r c e  and mo- 
ment c o n t r o l s  which permit  f o r c i n g  t h e  eva lua t ion  cockp i t  t o  fo l low t h e  mo- 
t i o n s  of any des igna ted  po in t  i n  t h e  model a x i s  system. 
The lateral  a c c e l e r a t i o n  response t o  a s t e p  r o l l  c o n t r o l l e r  command, 
f o r  each o f  t h e  s imulated cockpi t  l oca t ions ,  i s  i l l u s t r a t e d  i n  F igure  5. 
r o l l  rate response,  which i s  common t o  a l l  of t h e  conf igu ra t ions ,  i s  a l s o  
shown i n  Figure 5. 
The 
The two sets of r o l l  rate and lateral a c c e l e r a t i o n  time h i s t o r i e s  shown 
i n  Figure 6 i l l u s t r a t e  t h e  effect  of adding a f i r s t - o r d e r  low-pass f i l t e r  i n  
t h e  p i l o t ' s  r o l l  command channel.  
i n i t i a l  lateral  a c c e l e r a t i o n  t r a n s i e n t , b u t  it a l s o  slows t h e  development of 
maximum r o l l  ra te  which i n c r e a s e s  t h e  t i m e  requi red  t o  change bank angle  by 
30'. Also, t h e  f i l t e r  causes an effective time de lay ,  which, depending on t h e  
magnitude of t h e  t o t a l  time de lay  i n  t h e  r o l l  channel ,  may cause degraded f l y -  
i ng  q u a l i t i e s .  
The f i l t e r  i s  e f f e c t i v e  i n  reducing t h e  
The p i l o t  r a t i n g s  from t h i s  TIFS experiment were c o r r e l a t e d  with a param- 
e t e r  der ived  from t h e  r o l l  ra te  and t h e  s i d e  a c c e l e r a t i o n  (at t h e  p i l o t )  time 
h i s t o r i e s  r e s u l t i n g  from a s t e p  r o l l  
pmax  
The i n t e n t  i s  t o  l i m i t  t h e  magnitude 
c o n t r o l l e r  i n p u t  
step input 
t 4 2 see 
of  t h e  l a te ra l  a c c e l e r a t i o n  a t  t h e  p i l o t  
l oca t ion  r e s u l t i n g  from p i l o t  r o l l  commands. 
u r e  is  d iv ided  by t h e  r o l l  rate measure as a somewhat a r b i t r a r y  technique f o r  
normalizing t h e  parameter f o r  va r ious  magnitude c o n t r o l  commands. 
r a t i n g  d a t a  are p l o t t e d  i n  F igure  7 and l i n e s  are sketched on t h e  f i g u r e  t o  
i l l u s t r a t e  t h e  i n t e r p r e t a t i o n  of t h e  d a t a  t h a t  were employed t o  e s t a b l i s h  t h e  
fol lowing design c r i t e r i a :  
The lateral a c c e l e r a t i o n  &as- 
The p i l o t  
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Leve 2 
n 
g p i  Zotmm 
step i npu t  
t 6 2.5 see 
1 ,012 g/deg/sec 
2 .035 g/deg/sec 
3 .058 g/deg/sec 
This des ign  c r i t e r i a  should in f luence  t h e  a i rcraf t  and con t ro l  system 
design as fol lows:  
0 Avoid e x c i t a t i o n  of Dutch r o l l  by r o l l  c o n t r o l l e r  commands. 
0 
0 L i m i t  t h e  r o l l  a c c e l e r a t i o n  r e s u l t i n g  from p i l o t  commands. 
0 
0 Locate t h e  p i l o t  near  t h e  x s t a b i l i t y  a x i s ,  i .e . ,  keep t h e  fuse lage  
Avoid proverse  yaw due t o  r o l l  c o n t r o l l e r  commands. 
Locate t h e  p i l o t  near  t h e  C.G.. 
a t  low ang le  of a t t ack .  
Rol l  Control E f fec t iveness  
Included i n  t h e  des ign  cri teria of Ref. 1 i s  one which liniits t h e  ti'me 
requi red  t o  change bank angle  by 30'. This  design c r i t e r i a  i s  analogous t o  
t h e  r o l l  perforniance requirement of MIL-F-8785B(ASG) except  t h e  a p p l i c a t i o n  
t o  F l i g h t  Phases i s  d i f f e r e n t ,  i . e . ,  t akeof f  i s  grouped with nonterminal 
F l i g h t  Phases and t h e  va lues  of  t he  time permi t ted  t o  change bank angle  by 
30' are l a r g e r .  
ducing t h e  requi red  r o l l  performance r e l a t i v e  t o  t h a t  s p e c i f i e d  i n  MIL-F- 
8785B(ASG) is  f i r s t l y ,  t h a t  t h e  r o l l  performance r equ i r ed  by MIL-F-8785B(ASG) 
was not  well s u b s t a n t i a t e d  by d a t a  s p e c i f i c  t o  l a r g e  a i r c r a f t ;  secondly,  
f l i g h t  test  d a t a  f o r  t h e  C-SA and the  Concorde aircraft  are now a v a i l a b l e ,  
Figures  8, 9, 10 and 11, which do not  s u b s t a n t i a t e  t h e  Class I11 r o l l  per- 
formance requirements o f  MIL-F-8785B(ASG) and, t h i r d l y ,  f l i g h t  experiments 
have been perforned i n  which t h e  r o l l  con t ro l  power used by t h e  p i l o t  during 
landing was measured. 
p rog res s ive ly  l i m i t e d  t o  smaller va lues  i n  subsequent eva lua t ions  u n t i l  t h e  
p i l o t  r a t i n g s  were degraded beyond t h e  6.5 boundary, see Ref. 11. These t es t s  
included t h e  effects of crosswinds i n  t h e  range 20-30 k t s .  
from Ref. 11 t h a t  i s  most typical of supersonic  c r u i s e  a i r c r a f t  i n  t h e  landing 
F l i g h t  Phase is  presented  i n  Figure 12.  
va lues  g ives  t h e  fo l lowing  
The j u s t i f i c a t i o n  f o r  i nc reas ing  t h e  tZ0 values ,  i .e.,  re- 
The r o l l  con t ro l  power a v a i l a b l e  t o  t h e  p i l o t  was then  
The d a t a  set 
Trans l a t ion  o f  t h i s  d a t a  i n t o  t30 
t30 
3.5 3.27 
6.5 4.80 
8.5 6.80 
P i l o t  Rating 
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where an increment At = 0.3 see has been included t o  account f o r  t h e  time re- 
30 
qui red  f o r  t h e  c o n t r o l  i npu t  t o  reach 50% of  f i n a l  amplitude.  
values  do not  s u b s t a n t i a t e  t h e  r o l l  performance va lues  f o r  Class I11 a i r p l a n e s  
i n  t h e  Landing F l i g h t  Phase requi red  by MIL-F-8785B(ASG) which are: Level 1, 
t JO = 2.5; Level 2 ,  t30 = 3.2; Level 3, t30 = 4.0. 
may cause des igners  t o  l i m i t  t h e  r o l l  a c c e l e r a t i o n  t h a t  t h e  p i l o t  can command, 
which may degrade t h e  r o l l  performance, it i s  considered necessary  t o  de f ine  
minimum r o l l  performance des ign  cr i ter ia .  Therefore ,  t h e  pre l iminary  d r a f t  of 
Ref. 1 inc ludes  t h e  fo l lowing  l i m i t s  on t30. 
These t 
Because t h e  s i d e  a c c e l e r a t i o n  problem descr ibed  i n  t h e  previous s e c t i o n  
Takeoff and 
Leve Z Landing nontermina 1 
1 
2 
3 
t30 6 3.2 see 
t30 3 4.0 
t30 < 5.0 
t30 i 4.0 see 
tZ0 ,< 5.0 
t30 ,< 6.0 
These are pre l iminary  va lues  which may be changed af ter  f u r t h e r  review of sub- 
s t a n t i a t i o n  data .  
EFFECTIVE TIME DELAY I N  COMMAND PATH 
F l i g h t  experiments performed by Calspan i n  v a r i a b l e  s t a b i l i t y  a i rc raf t  
(NT-33, B-26 and C-131H) have shown t h a t  phase s h i f t  and t r a n s p o r t  time de lay  
i n  t h e  p i l o t ' s  command channel has a very  degrading effect on t h e  closed-loop 
p i l o t - a i r p l a n e  dynamic system. See f o r  example Refs. 1 2  and 13. S imi l a r  
r e s u l t s  have been r epor t ed  i n  Ref. 14 from experiments performed i n  t h e  Prince-  
ton  Univers i ty  v a r i a b l e  s t a b i l i t y  Navion. Examples o f  t h e  degradat ion i n  
p i l o t  r a t i n g  t h a t  r e s u l t e d  from i n t r o d u c t i o n  of  t r a n s p o r t  time de lay  i n  t h e  
p i l o t ' s  p i t c h  and r o l l  command p a t h s  are i l l u s t r a t e d  i n  F igures  13 and 14 
which are taken from Ref. 13. 
f i l t e r  i n  t h e  r o l l  command pa th  was a l s o  eva lua ted  i n  Ref. 13  and t h e  r e s u l t s  
are shown i n  Figure 15. 
sample ra te  of a zero-order  sample and hold device  i n  t h e  p i l o t ' s  conmand 
channel. 
t i n e  de lay  can cause degraded f l y i n g  q u a l i t i e s .  
The effect  on p i l o t  r a t i n g  of  a f i r s t - o r d e r  
Ref. 14 conta ins  d a t a  on t h e  effects  of varying t h e  
A l l  o f  t h e s e  experiments demonstrate t h a t  phase s h i f t  and t r a n s p o r t  
Phase s h i f t  and t r a n s p o r t  t i m e  de lay  can r e s u l t  from cascading dynamic 
elements i n  t h e  command p a t h  such as a feel system, l inkage  boos t  se rvos ,  
sur face  a c t u a t o r s ,  and shaping networks o r  p r e f i l t e r s .  
t r o l  hardware such as A/D and D/A conver te rs ,  sample and hold,  computer i t e r -  
a t i o n  cyc le ,  e t c .  can a l s o  in t roduce  phase s h i f t  and t r a n s p o r t  time de lay  i n  
t h e  command path.  A s  was i n d i c a t e d  i n  t h e  d i scuss ion  of l a te ra l  a c c e l e r a t i o n  
Disital  f l i g h t  con- 
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a t  t h e  p i l o t ' s  s t a t i o n ,  l i m i t i n g  the  p i l o t ' s  a b i l i t y  t o  command r o l l  accelera- 
t i o n  by inc luding  a f i l t e r  i n  h i s  command pa th  i s  e f f e c t i v e  i n  amel iora t ing  
t h e  l a te ra l  a c c e l e r a t i o n  but  i t  tends t o  inc rease  phase s h i f t  and time de lay  
i n  t h e  command path.  Also, i n  l a rge  f l e x i b l e  a i r c ra f t ,  t h e  des igner  may in -  
c lude a f i l t e r  on t h e  p i l o t ' s  commands t o  prevent  e x c i t a t i o n  o f  s t r u c t u r a l  
modes. 
Thus, t h e r e  are design p res su res  which may tend  t o  cause h igher  than  de- 
s i r e d  m o u n t s  of phase s h i f t  o r  t r a n s p o r t  time de lay  i n  t h e  command pa ths  and 
because t h e  degrading effects o f  having too  much are s o  severe, it i s  h ighly  
important t h a t  t h e  f l y i n g  q u a l i t i e s  design guide inc lude  des ign  c r i te r ia  t o  
address  t h i s  p o t e n t i a l  problem. 
The f l i g h t  experiments of Refs. 1 2 ,  13,  and 14 demonstrate t h a t  t h e  amount 
of phase s h i f t  and time de lay  t h a t  can be t o l e r a t e d  i s  h igh ly  t a s k  dependent, 
i.e., tasks r e q u i r i n g  t i g h t  closed-loop con t ro l  are most s e n s i t i v e .  Also, 
t h e  tests i n d i c a t e  t h a t  t h e  effects of low sample ra te ,  pure  t r a n s p o r t  de l ay  
o r  cascaded dynamic elements may not  be equiva len t  and, t h e r e f o r e ,  s p e c i f i c  
a n a l y s i s  and s imula t ion  may be necessary t o  eva lua te  a given case. 
\ 
The design guidance contained i n  Ref. 1 i s  s t a t e d  as fol lows:  In  gen- 
eral ,  t h e  des igne r  should make every e f f o r t  t o  provide  a l i n e a r  o r  smoothly 
varying response t o  cockpi t  c o n t r o l l e r  displacement and t o  c o n t r o l  f o r c e  f o r  
a l l  amplitudes of  c o n t r o l  i npu t ,  inc luding  va lues  of  s t i c k  f o r c e  wi th in  the  
range of a l lowable breakout fo rces .  In  p a r t i c u l a r ,  t h e  phase l a g  and t r a n s -  
p o r t  time de lay  i n  t h e  p i l o t ' s  p i t ch ,  r o l l  and yaw command channels  s h a l l  be 
kept t o  a minimum t o  avoid p i lo t - induced  o s c i l l a t i o n s  and degradat ion o f  t h e  
dynamic con t ro l  c a p a b i l i t y  with t h e  p i l o t  i n  t h e  loop. 
I t  i s  d e s i r a b l e  t o  inc lude  command channel dynamic e f f e c t s  i n  an o v e r a l l  
design cr i ter ia ,  such as paragraph 3 .5 .6  "Pi tch Dynamics wi th  t h e  P i l o t  i n  t h e  
Loop"; however, l i m i t  va lues  of e f f e c t i v e  time de lay  i n  t h e  pitch, r o l l  and 
yaw command channels are s e p a r a t e l y  s t a t e d  as fol lows:  
tl - E f f e c t i v e  Time Delay i n  Command Path 
Leve 1 P i t c h  Rol l  and Y a w  
1 
2 
3 
.14 s e c  
.19 sec 
.22 s e c  
.20 sec 
.28 sec 
. 33  sec 
These time de lay  va lues  are maximums found t o l e r a b l e  i n  combination with good 
a i r p l a n e  dynamics. 
requi red  t o  real ize  accep tab le  f l y i n g  q u a l i t i e s  i n  s p e c i f i c  cases .  
S i g n i f i c a n t l y  smaller command p a t h  time de lays  may be 
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CONCLUDING REMARKS 
This paper has  b r i e f l y  descr ibed  t h e  work performed by Calspan during 
the  f irst  phase of  a con t r ac t ed  e f f o r t  with NASA/LRC which has  d e a l t  p r imar i ly  
with f l y i n g  q u a l i t i e s  o f  t h e  r i g i d  a i r c r a f t .  The next  phase o f  t h e  e f f o r t  
w i l l  be concerned with mathematical models used f o r  r e p r e s e n t a t i o n  of  a i r -  
frame s t r u c t u r a l  modes and t h e  effects  of  airframe f l e x i b i l i t y  on f l y i n g  
q u a l i t i e s ,  r i d e  q u a l i t i e s  and f l i g h t  con t ro l  system des ign .  
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Figure 4 . -  Cockpit  l o c a t i o n s  s i m u l a t e d  i n  TIFS experiment .  
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ADVANCED SUPERSONIC TRANSPORT FIXED-BASE 
SIMULATOR EVALUATIONS AT LANDING APPROACH 
John B. Feather 
Douglas Aircraft Company 
SUMMARY 
Equations of motion simulating the landing approach case for the super- 
sonic cruise vehicle have been programmed and exercised using a fixed-base 
simulation facility. The objectives of the study are to provide unaugmented 
and augmented system comparfsons using this facilitv, and to make refinements 
as necessary for system performance improvement. 
The unaugmented longitudinal responses to elevator commands are slow and 
sluggish, requirin? augmentation to increase the speed of the response. In the 
lateral-directional case, the Dutch roll is highly underdamped and requires an 
augmentation system to increase this damping and provide satisfactory flving 
qualities. The status of this fixed-base study is that the longitudinal 
equations, updated with recent wind tunnel data, have been evaluated on 
the simulator and the system found to be satisfactorv. The lateral-axis 
equations are linearized and have not yet been updated to large excursion 
capability; consequently, only limited, preliminary findings on this system 
are available. 
The basic results so far indicate augmentation systems are required to 
provide a satisfactzry longitudinal system, and that additional study and eval- 
uation of the lateral-directional case are necessary before a more complete 
assessment can be made. 
INTRODUCTION 
Development of augmentation systems for flving qualities imnrovement was 
begun under previous NASA contracts (references 1 and 2) using linear svstem 
theory and modern control techniques. The longitudinal and lateral control 
systems were analyzed separately and the results assessed using reference 3 
criteria to provide Level 1 flying qualities (pilot ratings of 3.5 or less). 
Results from these tasks were then used to develop a full six degree of freedom, 
non-linear simulation for real-time pilot in the loop evaluation. 
of this paper is a review of this augmentation system development, a discussion 
of recent results, and a brief description of the on-going and planned simu- 
lator studies. 
The subject 
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The unaugmented responses of the airplane in landing approach are accept- 
able in the pitch axis and unacceptable in the lateral directional axis. The 
longitudinal short period responses are sluggish, whereas the lateral Dutch 
roll is highly underdamped. Consequentlv, the augmentation systems for these 
two axes have rather diverse jobs t o  perform. The task, then, is to reshape 
the airplane responses so they are satisfactory, i.e., that thev exhibit Level 
1 flying qualities. 
Analytical results stemming from past mechanization efforts to fulfill 
this stated task have been successful in providing Level 1 svstems. These 
results are based on linear svstem techniques and criteria taken from MIL-F- 
8785B (ref 3) specifications for transport aircraft. The main objectives of 
the simulator studies to be discussed are the'augmentation system evaluation 
using a pilot in the loop, and refinements to these svstems as a result of 
these evaluations. 
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SYMBOLS 
2 2 normal acceleration, d s e c  (ft/sec 
lateral acceleration, m/sec2 (ft/sec ) 
f 
2 
feedforward gain values 
feedback gain values 
HSAS acceleration gain, deg per m/sec (deg per ft/sec ) 2 2 
roll rate gain to aileron, deg per deg/sec 
r o l l  rate gain to rudder, deg per deg/sec 
sideslip gain, deg per deg 
yaw rate gain, deg per deglsec 
time to double amplitude, sec 
forward velocity, m/sec (ft/sec> 
sideslip angle, deg 
commanded aileron angle, deg 
feedback aileron signal, deg 
column deflection, deg 
elevator deflection, deg 
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6 
6 
5 
DR 
PH 
SP 
8 
R 7 
4 
9 
DR 
PH 
SP 
w 
A /D 
D /A 
e l e v a t o r  feedback s i g n a l ,  deg 
e l e v a t o r  feedfoxward s i g n a l ,  deg 
rudder  p e d a l  d e f l e c t i o n ,  c m  ( in . )  
rudder  d e f l e c t i o n ,  deg 
commanded r u d d e r  a n g l e ,  deg 
rudder  feedback s i g n a l ,  deg 
t h r o t t l e  
t h r o t t l e  
t h r o t t l e  
t h r o t t l e  
s e r v o  p o s i t i o n ,  deg 
s e t t i n g ,  deg 
feedback s i g n a l ,  deg 
feedforward s i g n a l ,  deg 
wheel p o s i t i o n ,  deg 
outDut of yaw rate  washout,  deg 
Dutch r o l l  damping r a t i o  
phugoid damping r a t i o  
s h o r t  p e r i o d  damping r a t i o  
p i t c h  a t t i t u d e  a n g l e ,  deg 
r o l l  t i m e  c o n s t a n t ,  deg 
r o l l  a t t i t u d e  a n g l e ,  deg 
yaw a t t i t u d e  a n g l e ,  deg 
Dutch r o l l  n a t u r a l  f requencv ,  r a d / s e c  
phugoid n a t u r a l  f requency ,  rad/sec 
s h o r t  p e r i o d  n a t u r a l  f requencv,  r a d / s e c  
ABBREVIATIONS AND SPECIAL SYMBOLS 
Analog-to-Digi ta l  Conver te r  
Digi ta l - to-Analog Conver te r  
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DETAC D i g i t a l  Equipment Technology Analysis  Center  
MAC Mean Aerodynamic Chord 
HSAS Hard S t a b i l i t y  Augmentation System 
ILS Instrument Landing Svstem 
0 T i m e  Der iva t ive  
(k) sampled s i g n a l  a t  kth i t e r a t i o n  
(h) estimate o r  r econs t ruc t ed  s i g n a l  
UNAUGMENTED AIRCRAFT DESCRIPTION 
A t h r e e  view of t h e  MDC Supersonic  Cruise  Vehicle  i s  shown i n  F igure  1. 
This  273 passenger  a i r c r a f t  is  designed f o r  ranges i n  excess  of  8300 km 
(4500 n.  m i . )  a t  3. t a k e o f f  g r o s s  weight  of 340,194 kg (750 ,000  l b ) .  It 
f e a t u r e s  a 925, m 2  (10,000 f t 2 )  arrow-type wing designed f o r  a c r u i s e  Mach 
number of 2 .2  w i th  t h e  planform based on t h e  NASA SCAT-15F concept ,  a conven- 
t i o n a l  h o r i z o n t a l  t a i l ,  a s i n g l e  fuselage-mounted v e r t i c a l  t a i l ,  and fou r  en- 
g ines  mounted i n  axisymmetric n a c e l l e s .  The inboard l ead ing  edge of t he  win? 
has  a sweep of 7 1  d e g r e e s ,  w i t h  t h e  sweep reduced t o  57 d e g r e e s  outboard  of t h e  
l ead ing  edge break. The average th i ckness  r a t i o  of t h e  wing i s  s l i g h t l y  less 
than t h r e e  percent .  The th i ckness  r a t i o  i s  equa l  t o  2.25 pe rcen t  of t h e  chord 
a t  t h e  wing roo t  and is  cons t an t  a t  t h r e e  percent  of t h e  chord from t h e  t r a i l i n e  
edge break t o  t h e  wing t i p .  
Pe r tu rba t ion  equat ions  of motion f o r  t h e  landing  approach f l i g h t  cond i t ion  
have been developed f o r  t h i s  conf igu ra t ion .  These equa t ions  are documented f o r  
t h e  l o n g i t u d i n a l  a x i s  i n  Reference 1 and €or  t h e  l a t e ra l  a x i s  i n  Reference 2. 
In s t ead  of l i s t i n g  t h e  d e t a i l e d  sets of equat ions  f o r  t h i s  a i r c r a f t  h e r e ,  only 
t h e  important c h a r a c t e r i s t i c s  t h a t  have l e d  t o  the  d e c i s i o n  t h a t  augmentation 
systems a r e  r equ i r ed  f o r  f l y i n g  qual i t ies  improvement will be given.  Longi- 
t u d i n a l l y ,  t h e  p i t c h  response t o  an e l e v a t o r  input  i s  slow and does not  e x h i b i t  
Level 1 f l y i n p  q u a l i t i e s .  Decreased dampinp i n  p i t c h ,  t h e r e f o r e ,  is requi red  
of t he  l o n g i t u d i n a l  augmentation svstem. I n  t h e  l a t e ra l  d i r e c t i o n a l  ca se ,  t h e  
Dutch r o l l  damping of t h e  a i r p l a n e  is  ve rv  low and an augmentation svstem t o  
inc rease  t h i s  damping is  requ i r ed .  These two cond i t ions  are t h e  reasons  augmen- 
t a t i o n  systems are necessary  i n  both axes.  In  f a c t ,  i n  t h e  l a t e r a l  case ,  t h e r e  
i s  a tendency toward i n s t a b i l i t y  wi th  a p i l o t  i n  t he  loop f o r  any inDuts except 
those  of very small magnitudes. This  f a c t  has  l e d  t o  development of a hard 
s t a b i l i t y  augmentation system (HSAS) i n  t h e  l a t e ra l  a x i s  t h a t  p rovides  Level 2 
f l y i n g  q u a l i t i e s .  Th i s  HSAS con ta ins  fewer feedbacks and senso r s  than  t h e  f u l l -  
up system and would o p e r a t e  i n  a back-up mode i n  case  of primarv augmentation 
system f a i l u r e .  
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SIMULATION FACILITIES 
The Digital Equipment Technologv Analysis Center (DETAC) is a technologv 
investigation facility at Douglas used for conducting studies and broviding 
hands-on*experience with digital equipment. This facilitv generallv fulfills 
a requirement to upgrade the existing electronic system studv capabilities, 
particularly in the area of aircraft digital svstems, inclusive of flight 
control computers and advanced display systems. 
specifically to study the landing approach tasks of the stinersanic cruise 
vehicle in real time with a pilot in the loop. 
The DETAC has been used 
Figure 2 shows the general view of the facility, and Figrire 3 is an in- 
terior view of the "soft cockpit." The controls available to the pilot here 
are side and center stick controllers, throttle, and flap setting controls. 
No rudder pedals are provided, but the software does have rudder pedal effec- 
tiveness coefficients included in it (which can be used by the augmentation 
systems as 'required). A CRT provides an Electronic Attitude Director Indicator 
(EADI) display that can be used in a heads-down configuration or projected on a 
TV screen. Figure 4 is a typical EADI format with the various displav quanti- 
ties as noted. The pilots' landing task using this tvpe of EADI is to keep the 
aircraft symbol centered in the ILS box (marked with a + svmbol). 
Wind shear, gust inputs, and initial condition changes are options that 
can be input through the interactive CRT display. 
will be discussed later that have exercised these options. 
Several simulation outputs 
AUGMENTATION SYSTEM DEVELOPMENT 
Full Augmentation Svstem 
Both the longitudinal and lateral augmentation systems were developed 
using perturbation equations of motion and linear system theory. The main 
objective was to provide a control svstem configuration that could be in- 
corporated into a six degree-of-freedom, non-linear simulation to verify 
the performance under real-time operating conditions. 
Modern control theorv was used in the longitudinal case to define 
the feedback and feedforward gains via implicit model following. The 
model used was selected to represent an airplane whose flying qualities 
were all Level 1. 
to the degree the two controls (elevator and throttle) permit. In the lateral 
case, it was found that classical root locus techniques could be used to 
determine the gains that produced a Level 1 augmented system. .'Yaw and roll rate 
gyro feedbacks were employed, plus a gain on sideslip angle p (reconstructed 
from measurable signals). The block diagrams in Figures 5 and 6 show the de- 
tails of both augmentation svstems. Digital implementation of the required cal- 
culations for augmentation purposes will be made f o r  both of these systems. 
The resultins augmentgtion svstem anproximates the model 
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Table 1 compares some of the basic parameters of the system with the 
criteria specified in MIL-F-8785R. Note that the unaugmented short period 
roots are both real in contrast to the usual comnlex conjugate pair, In 
the lateral axis, the Dutch roll roots have a damping ratio of only 0,074. 
This fact, coupled with the marginal roll time constant, produces a poorlv 
resnonding system. The augmented svstem provides values for the indicated 
parameters that are within the Level 1 requirements, and it is this system 
that will be incorporated into the real-time simulation for evaluation. 
Hard Stabilitv Augmentation Svstem 
A much simplified augmentation system has been devised that would serve as 
a back-up system. This HSAS is depicted in Figures 7 and 8 for each axis. The 
lonRitudinal system is simplv an accelerometer feeding back to the elevator ac- 
tuator. The dynamic responses of this system are better than no augmentation 
but do not Dossess the Level 1 flving qualities of the fully augmented system. 
This accelerometer loop provides approximately a 0.7 damping ratio on the short 
period roots. The lateral system of Figure 8 is similar to the complete svstem 
except the sideslip feedback has been removed. This simplification allows only 
rate sensors to be y e d  and eliminates the digital feedback filter for recon- 
structing p . 
assessed bv reference 3 criteria. 
The resultin? system exhibits Level 2 flying qualities'when 
Simulation Checkout 
The simulation program containing linear aerodynamic data was checked 
against the perturbation results previously obtained for both axes. Non- 
linear coefficients were then included in the longitudinal equations as 
obtained from recent wind tunnel data. (Time considerations prevented 
the lateral equations to reflect the tunnel data, and the results to be 
presented are based on simplified, linear lateral equations.) 
STUDY RESULTS 
The results to be presented are based on pilot-in-the-loop evaluations 
of the longitudinal and lateral systems. The evaluations to be discussed 
include pilot assessments obtained from the fixed-base simulator utilizing 
its capabilities and the various types of visual presentations available. 
Since these visual displays are limited in their data presentation and no 
motion is brovided to the pilot, the results are used basically to compare 
the various augmentation systems. 
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Longitudinal Axis 
Pilot evaluations have led to modifying the previously developed augmenta- 
tion system gains for the longitudinal case. 
First, the cross feed from throttle to elevator servo caused an unwanted pitch 
command when the throttle settings were changed. 
reduced to zero and improved responses resulted. Second, the gain from accel- 
erometer to elevator servo, fx12, was increased by a factor of two in order to 
provide better handling as noted by pilot comments during the augmentation sys- 
tem evaluation. 
Two specific points were noted. 
The gain f612 of Figure 5 was 
A shift in center-of-gravity from the nominal 24% MAC was made and the 
pilot was given pitch tracking tasks under these conditions. Even though the 
augmentation svstem was developed for a 24% cg location, other aft cg locations 
(which would otherwise be unstable) were stabilized by the svstem. 
shift to 36% MAC, the pilot could still maintain control, but this was the 
limit for aft cg locations based on pilot comments. 
response in pitch to a step elevator input with the augmentation on at a 
cg location of 36%. This response shows convergence of response for this 
condition. 
For a cg 
Figure 9 shows the 
Only preliminary simulator data on evaluating: the HSAS svstem have been 
taken so far. 
(Level 2) in the pitch axis. 
planned ’ on the simulator. 
It appears that the flying qualities can he made accentable 
Additional evaluation of the HSAS svstem is 
Lateral Axis 
As noted previously, the Dutch roll damping is very low and leads to large 
oscillations in roll rate for aileron inputs. The linear system technique used 
to define the lateral augmentation system gains and comnensation networks was 
successful in providing a Level 1 system. The linear svstem roots were shifted 
to the Level 1 region, and the response as assessed by the roll rate oscillation 
criterion was improved by the addition of the augmentation svstem. The system 
was determined to be satisfactory based on the criteria of reference 3; conse- 
quently, this augmentation system was included in the six degree-of-freedom 
equations programmed on the fixed base simulator. Pilot-in-the-loop evalua- 
tions of the unaugmented airplane confirmed its uncontrollahilitv in the lateral 
case. The current simulaticn effort is a continuing evaluation of the augmented 
airplane with a pilot in the loop. 
are not complete, but the indication is that adjustment of the previously devel- 
oped gains and/or addition of compensation networks will be necessary to provide 
a satisfactorv svstem when the oilot is included in the loop. 
The results are of a preliminary nature and 
Responses of the airplane degrees of freedom to gust inputs for the lateral 
axis with augmentation are lower than without augmentation because the natural 
frequencv of the Dutch roll roots has been decreased. 
system roll response, 8 , with and without augmentation for a gust input level 
of 1 kt RMS. 
sistent with the improvement in flyinp qualities as in Table 1, and follows from 
Figure 10 comDares the 
The pilot controls were fixed during this run. This result is  con- 
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the increase in Dutch roll damping. 
Step response results also show improvement in the lateral case with the 
augmentation svstem engaged. Figure 11 is a comparison of roll rate 
transients to a step wheel command with and without augmentation. %The’ 
decreased damping is evident in this comparison, and the system is augmented 
to Level 1 when assessed bv the criterion of MIL-F-8785R. 
CONCLUDING REMARKS 
The simulator evaluations of the augmentation system in the longitudinal 
case have allowed imnrovements as a result of the real-time analvses. Specif- 
icallv, gain redefinition has yielded a better responding svstem when evaluated 
by piloted simulation runs. More detailed studies involvinn the longitudinal 
axis (especially the HSAS svstem) need to be undertaken. 
The lateral-directional case reauires refinement in its augmentation svs- 
Additiin of a pilot in the loop 
When a pilot was included in the loop, the 
tem in order to improve the flvinp qualities. 
has changed the flving qualities rating as comnared to the analvtical resylts 
obtained via linear system theorv. 
lateral augmentation system was not determined to be Level 1 as it was using 
reference 3 criteria with no pilot. The reasons for this problem, and the 
corrections to it, will be the subject of future studies. 
Generally, using the fixed-base simulator for augmentation svstem verifi- 
cation has proved very useful. It has identified several areas in which im- 
provement was made to the longitudinal svstem and has shown the need for some 
type of compensation to the lateral case. Additional simulation activities 
will include implementation on a moving base simulator to fully assess the 
handling qualities of the airplane at landing apnroach in both axes. 
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TABLE 1 
COMPARISON OF DYNAXIC CNARACTER I S T I C S  WITH AMI WITHOIJT AUGMENTATION ENGAGED 
PARAMETER 
~- 
U NAUGMENT E n  AUGMENTED MIL-F-8785R 
(LEVEL 1 CRTTERIA) 
SHORT PERIOD : Real Soots: 
(RAD/SEC) -0.650 0.840 
-0.258 0. m a  I W sr c SP 
PHUCx)IT) : 
PH (RAD/ s EC ) 0.119 0.209 
PH 0.149 0.082 
2 0.8  
z 0 .35  
-- 
E 0 . 0 4  
ROLL : 
T R  (SEC) 1.35  
~~ 
0.495 5 1 . 4  
SPIRAL : 
t 2  (SEC) a0 
DUTCH ROLL: 
0 DR (RAD/SEC) 0.797 
c DR 0.074 
(RAD/SEC) 0. os9 
WDRCDR 
35.5 
0 .583 
0.307 
0.179 
2 20.0 
E 0 . 4  
E 0 . m *  
1 0 .15  
*For uDR > 1 . 8 8  RAD/SEC, this requirement supersedes the w DR E,, product 
requirement. 
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Figure  1.- MDC supersonic  c r u i s e  v e h i c l e  used f o r  active c o n t r o l s  
s imula t ion  purposes. 
Figure 2.- DETAC s imula t ion  f a c i l i t y .  
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Figure  3 . -  Cockpit mockup. 
Figure 4 . -  EADI used f o r  d i s p l a y  t o  p i l o t .  
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Figure 5.- Longitudinal augmentation system. 
Figure 6.- Lateral augmentation system. 
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Figure 7.- Hard stability augmentation system for longitudinal axis. 
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Figure 8.- Hard stability augmentation system for lateral axis. 
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Figure 9.- Pitch rate response to a 1.0-degree step column command. 
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Figure 10.- Augmentation system reduction of wind gust inputs. 
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Figure 11.- Roll response to a 1.0-degree 
step wheel command. 
283 

SIMULATOR INVESTIGATION OF ARROW-WING LOW-SPEED HANDLING QUALITIES 
Ben T. Averett 
Lockheed Aircraf t  C o r p o r a t i o n  
SUMMARY 
Low speed h a n d l i n g  q u a l i t i e s  of arrow wings were i n v e s t i g a t e d  w i t h  a 
p i l o t e d  s i m u l a t o r .  E x i s t i n g  aerodynamic d a t a  were used from NASA SCAT 15F 
t u n n e l  tests augmented w i t h  new Lockheed low speed wind t u n n e l  test d a t a .  
Two arrow wing planforms were chosen f o r  t h e  s i m u l a t i o n  e f f o r t  - a Mach 2.0 
d e s i g n  and a Mach 2.7 d e s i g n .  These d e s i g n s  a r e  i n  t h e  SCAT 15F Mach 2.7 
des ign  f a m i l y ,  having  t h e  same PAR and pcot  A. 
P i l o t e d  s i m u l a t i o n  r e s u l t s  i n d i c a t e  t h a t  b o t h  t h e  Mach 2.0 and Mach 2.7 
planforms have s a t i s f a c t o r y .  l o n g i t u d i n a l  f l y i n g  q u a l i t i e s .  However, i n  t h e  
c o n t r o l  of bank a n g l e  t h e  Mach 2.0 planform demonst ra tes  s a t i s f a c t o r y  handl ing  
q u a l i t i e s  w h i l e  t h e  Mach 2.7 planform i s  unacceptab le .  T h i s  s i t u a t i o n  a p p l i e s  
f o r  crosswind l a n d i n g s  a t  FAA l i m i t s  and f o r  l i n e u p  i n  heavy t u r b u l e n c e .  The 
low-speed s u p e r i o r i t y  of t h e  Mach 2 planform w i t h  i t s  lower sweep and h i g h e r  
a s p e c t  r a t i o  i s  a l s o  shown by i t s  a b i l i t y  t o  approach a t  l eas t  8 m / s  (15 k n o t s )  
s lower t h a n  t h e  Mach 2.7 planform w i t h o u t  d e g r a d a t i o n  i n  h a n d l i n g  q u a l i t i e s .  
INTRODUCTION 
S ince  t h e  development of  t h e  SCAT-15F arrow-wing a i r c r a f t  c o n f i g u r a t i o n  
by NASA i n  t h e  mid 1960s, s u p e r s o n i c  c r u i s e  a i r c r a f t  r e s e a r c h  h a s  c e n t e r e d  
around a d e s i g n  c r u i s e  Mach number of 2 . 7 .  Recent Lockheed s t u d i e s  on t h e  
i n f l u e n c e  of d e s i g n  c r u i s e  Mach number on a i r l i n e  u t i l i z a t i o n ,  passenger  
acceptance ,  a i r c r a f t  complexi ty ,  and o p e r a t i n g  c o s t s  have r e v e a l e d  t h a t  c r u i s e  
Mach numbers as low as M = 2.0 may be compet i t ive .  An a d d i t i o n a l  f a c t o r ,  n o t  
inc luded  i n  t h e s e  s t u d i e s ,  is t h e  i n f l u e n c e  of  d e s i g n  Mach number on low-speed 
f l y i n g  q u a l i t i e s  and a i r p o r t  performance. The a v a i l a b l e  low-speed f l y i n g  qual-  
i t i es  d a t a  p o i n t  o u t  two p o t e n t i a l  problem areas f o r  a i r c r a f t  des igned  f o r  
M = 2.7. The h i g h l y  swept,  low-aspect-rat io  wing, which i s  cambered and 
t w i s t e d  f o r  b e s t  c r u i s e  performance,  does n o t  deve lop  a d e q u a t e  l i f t  even w i t h  
f l a p s  extended t o  permi t  use  of approach speeds  comparable t o  c u r r e n t  subsonic  
j e t s .  This  problem i s  f u r t h e r  aggrava ted  by approach a t t i t u d e  r e s t r i c t i o n s  
imposed by v i s i b i l i t y  r e q u i r e m e n t s  and low t a i l - s c r a p e  a n g l e s  r e s u l t i n g  from 
t h e  long  f u s e l a g e  i n h e r e n t  i n  t h i s  t y p e  of des ign .  I n  a d d i t i o n ,  t h e  h igh  r o l l -  
i n g  moments g e n e r a t e d  by a h i g h l y  swept wing i n  s i d e s l i p  and t h e  s e v e r e l y  
l i m i t e d  r o l l  c o n t r o l  a v a i l a b l e  from t h i s  wing planform r e s t r i c t  t h e  crosswind 
l a n d i n g  c a p a b i l i t y .  
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The pr imary e f f e c t s  o f  reduced d e s i g n  Mach number on t h e  a i r c r a f t  a r e  t o  
i n c r e a s e  t h e  wing a s p e c t  r a t i o  and reduce t h e  wing leading-edge sweep a n g l e .  
These parameters  improve t h e  l i f t  c a p a b i l i t y  of t h e  wing by i n c r e a s i n g  t h e  
l i f t - c u r v e  s l o p e  and f l a p  e f f e c t i v e n e s s .  R o l l  c o n t r o l  is  improved by reduced 
a i l e r o n  sweep a n g l e ,  h i g h e r  wing a s p e c t  r a t i o ,  and t h e  lower r o l l i n g  moments 
induced by s i d e s l i p .  
These e f f e c t s  may be computed a d e q u a t e l y  i f  good aerodynamic d a t a  a r e  
a v a i l a b l e  f o r  u s e  i n  t h e  a n a l y s i s ,  b u t  t h e  s i g n i f i c a n c e  of t h e  f l y i n g  q u a l i t i e s  
parameters  t o  a p i l o t  a t t e m p t i n g  t o  l a n d  t h e  a i r c r a f t  is  d i f f i c u l t  t o  e v a l u a t e  
us ing  c o n v e n t i o n a l  a n a l y s i s  methods. The o b j e c t i v e s  of t h i s  f l i g h t  s i m u l a t i o n  
program were t o  o b t a i n  tes t  d a t a  on t h e  magnitude of t h e  low-speed improvements 
o f f e r e d  by a r e d u c t i o n  i n  d e s i g n  Mach number from 2 . 7  t o  2.0, and t o  q u a l i t a -  
t i v e l y  e v a l u a t e  t h e  s i g n i f i c a n c e  of t h e s e  improvements t o  a p i l o t  a t t e m p t i n g  
t o  land  a s imula ted  a i r c r a f t  i n  v a r i o u s  levels of a i r  t u r b u l e n c e  and crosswind. 
STUDY APPROACH 
The approach taken  d u r i n g  t h e  f l i g h t  s i m u l a t i o n  program w a s  t o  c o l l e c t  a l l  
a v a i l a b l e  d a t a  on low-speed f l y i n g  q u a l i t i e s  f o r  arrow-wing planforms and t o  
supplement t h e s e  d a t a  where n e c e s s a r y  w i t h  wind t u n n e l  d a t a  and a n a l y s i s .  Pre- 
v i o u s  wind t u n n e l  t e s t i n g  of v a r i o u s  SCR c o n f i g u r a t i o n s  by Lockheed, t o g e t h e r  
w i t h  NASA tes ts  of c o n t r o l  system e f f e c t i v e n e s s  and b a s i c  planform c h a r a c t e r -  
i s t i c s  were accumulated and used as a d a t a  base  f o r  t h e  M = 2 . 7  c o n f i g u r a t i o n .  
These d a t a  were p r i m a r i l y  f o r  t h e  NASA SCAT-15F c o n f i g u r a t i o n  o r  f o r  s l i g h t  
v a r i a t i o n s  of t h a t  planform. Because t h e r e  were v e r y  l i t t l e  d a t a  a v a i l a b l e  f o r  
planforms designed t o  c r u i s e  a t  lower speeds ,  low-speed tests were deemed nec- 
e s s a r y  t o  d e f i n e  t h e  c h a r a c t e r i s t i c s  of t h e  M = 2.0  planform. Both planforms 
were t e s t e d  t o  de te rmine  t h e  d e t a i l e d  d i f f e r e n c e s  between them and t o  permit  
t h e  a p p l i c a t i o n  of an a c c u r a t e  c o r r e c t i o n  t o  t h e  d a t a  f o r  t w i s t  and camber 
e f f e c t s .  
Because t h e  SCR c o n f i g u r a t i o n  must b e  balanced t o  minimize t r i m  d r a g  i n  
c r u i s e ,  s t a t i c  l o n g i t u d i n a l  s t a b i l i t y  i n  t h e  approach must be n e g a t i v e ,  which 
r e q u i r e s  a r a t h e r  s o p h i s t i c a t e d  c o n t r o l  system t o  permi t  t h e  p i l o t  t o  u s e  con- 
v e n t i o n a l  f l y i n g  t e c h n i q u e s .  For t h i s  s t u d y ,  s t a b i l i t y  and c o n t r o l  augmenta- 
t i o n  systems were developed based on t h e  r e s u l t s  of  NASA f l i g h t  s i m u l a t i o n  
tests from which t h e  c o n t r o l  l a w s  r e q u i r e d  f o r  a c c e p t a b l e  approach c o n t r o l  were 
determined.  These d a t a ,  t o g e t h e r  w i t h  c o n f i g u r a t i o n  c h a r a c t e r i s t i c s ,  such as  
weight and i n e r t i a ,  ground c l e a r a n c e ,  engine  geometry and dynamics, and c o c k p i t  
l o c a t i o n  d e r i v e d  from p r e v i o u s  SCR c o n f i g u r a t i o n  s t u d i e s ,  c o n s t i t u t e d  a f l i g h t  
s i m u l a t o r  d a t a  package which w a s  programmed on t h e  Lockheed Developmental 
F l i g h t  S imula tor .  
A p i l o t e d  f l y i n g  q u a l i t i e s  e v a l u a t i o n  of approach and l a n d i n g  c h a r a c t e r -  
i s t i c s  on t h e  M = 2.0 SCR, t h e  M = 2 . 7  SCR, and t h e  L-1011 s u b s o n i c  t r a n s p o r t  
a i r c r a f t  was conducted i n  v a r i o u s  l e v e l s  of a i r  t u r b u l e n c e  and crosswinds t o  
assess t h e  s i g n i f i c a n c e  of d i f f e r e n c e s  i n  aerodynamic c h a f a c t e r i s t i c s  of t h e  
two s t u d y  planforms.  
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STUDY SCOPE 
0 T e s t i n g  was l i m i t e d  t o  g e n e r a l  f l y i n g  q u a l i t i e s  i n  t h e  approach con- 
f i g u r a t i o n  and t o  an  e v a l u a t i o n  of c o n t r o l l a b i l i t y  and p i l o t  workload 
d u r i n g  an i n s t r u m e n t  approach i n  crosswind and t u r b u l e n c e .  
0 An e x i s t i n g  t r a n s p o r t  c o c k p i t  (L-1011) w a s  used f o r  a l l  t e s t i n g .  No 
a t t e m p t  w a s  made t o  s i m u l a t e  t h e  v i s i b i l i t y  r e s t r i c t i o n s  t h a t  may be 
p r e s e n t  i n  an SCR des ign .  
0 A l l  approach t e s t i n g  w a s  i n i t i a t e d  i n  IFR c o n d i t i o n s ,  and a f l i g h t -  
d i r e c t o r  s imilar  t o  t h e  L-1011 system was used f o r  g l i d e s l o p e  and 
l o c a l i z e r  commands. 
0 The f l i g h t  c o n t r o l  system was a control-wheel  s t e e r i n g  (CWS) system 
u t i l i z i n g  a t t i t u d e - h o l d  and ra te  command l o g i c  i n  p i t c h  and r o l l .  
A u t o p i l o t  i n p u t s  were i s o l a t e d  from t h e  c o n t r o l  column and wheel t o  
avoid  d i s t u r b i n g  c o n t r o l  system motion t h a t  can  r e s u l t  from CWS-type 
systems.  
b 
0 A l l  approach t e s t i n g  w a s  t e rmina ted  a t  main-wheel touchdown. 
0 Crosswinds up t o  15.45 m/sec (30 k n o t s )  and a i r  t u r b u l e n c e  up t o  
2.7 m/sec (9  f p s )  r m s  were in t roduced  i n t o  t h e  aerodynamic e q u a t i o n s .  
0 The L-1011 a i r c r a f t  was s imula ted  and compared t o  t h e  two s t u d y  con- 
f i g u r a t i o n s  i n  a l l  tes t  c o n d i t i o n s  t o  provide  a r e f e r e n c e  p o i n t  f o r  t h e  
p i l o t  r a t i n g s .  
DESCRIPTION OF SIMULATED AIRCRAFT 
To e v a l u a t e  f l y i n g  q u a l i t y  v a r i a t i o n s  w i t h  planform, two wings were de- 
s igned:  one t o  c r u i s e  a t  Mach 2.7 and t h e  o t h e r  a t  Mach 2.0. Wing a r e a ,  no tch  
r a t i o ,  t a p e r  r a t i o ,  PAR, and p c o t A  were h e l d  c o n s t a n t  f o r  t h e  two d e s i g n s  by 
vary ing  sweep a n g l e  and a s p e c t  r a t i o .  A comparison of t h e  Mach 2 .7  and Mach 
2.0 planforms i s  shown i n  Figure  1, where t h e  d i f f e r e n c e s  i n  sweep a n g l e ,  as- 
p e c t  r a t i o ,  and t r a i l i n g - e d g e  f l a p  c o n f i g u r a t i o n  can  b e  seen .  A t a b u l a r  con- 
p a r i s o n  of t h e  planform p r o p e r t i e s  i s  given i n  Table  1. P e r t i n e n t  dimensions 
are  l i s t e d  i n  t h e  t a b l e ,  showing t h a t  t h e  planfbrm parameters  are  c o n s i s t e n t  
between t h e  Mach 2.0 and 2.7 planforms. A l l  o t h e r  a i r c r a f t  dimensions b e s i d e s  
wing geometry and engine  l o c a t i o n  were i d e n t i c a l  f o r  t h e  two tes t  conf igura-  
t i o n s .  The e n g i n e s  were l o c a t e d  a t  a c o n s t a n t  p e r c e n t a g e  semi-span l o c a t i o n ,  
and t h u s  were f a r t h e r  from t h e  a i r c r a f t  c e n t e r l i n e  on t h e  Mach 2.0 c o n f i g u r a t i o n  
because of i t s  l a r g e r  span. Wing a r e a  and l a n d i n g  g r o s s  weight  were maintained 
cons tan t ,  bu t  d i f f e r e n c e s  i n  mass moments-of-inertia between t h e  two d e s i g n s  
were accounted f o r .  
Aerodynamic d a t a  were d e r i v e d  p r i n c i p a l l y  from a low-speed wind-tunnel 
test of t h e  Mach 2.0 and Mach 2.7 d e s i g n s  i n , t h e  Lockheed low-speed wind t u n n e l .  
These d a t a ,  d e r i v e d  from f l a t - p l a t e  wing models,  were c o r r e c t e d  f o r  twist 
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and camber e f f e c t s  u s i n g  e x i s t i n g  NASA wind t u n n e l  d a t a  i n  which b o t h  t w i s t e d  
and f l a t - p l a t e  wing d a t a  were a v a i l a b l e .  Basic aerodynamic f o r c e  and moment 
d a t a ,  as w e l l  as c o n t r o l  s u r f a c e  and .high l i f t  system e f f e c t i v e n e s s  were d e t e r -  
mined from t h e  wind t u n n e l  tests. F l e x i b i l i t y  c o r r e c t i o n s  i n  t h e  r o l l  c o n t r o l  
e f f e c t i v e n e s s  and e f f e c t i v e  d i h e d r a l  parameter  are  i n c l u d e d  i n  t h e  d a t a  f o r  t h e  
a i r s p e e d s  e v a l u a t e d  i n  t h i s  s tudy .  Ground e f f e c t s  on l i f t  and p i t c h i n g  moment 
were d e r i v e d  from p r e v i o u s  wind t u n n e l  tests of similar c o n f i g u r a t i o n s .  Dy- 
namic s t a b i l i t y  d e r i v a t i v e s  were e s t i m a t e d  u s i n g  c o n v e n t i o n a l  e s t i m a t i o n  tech- 
n iques .  
The f l i g h t  c o n t r o l  s y s t e m s  used i n  t h i s  s t u d y  were developed from t h e  sys- 
t e m s  d e s c r i b e d  i n  Reference  1,  which r e p o r t e d  t h e  r e s u l t s  of  NASA ground- 
based and i n - f l i g h t  s i m u l a t i o n  of a similar c o n f i g u r a t i o n .  The l o n g i t u d i n a l  
and l a t e ra l  c o n t r o l  sys tems are a t t i t u d e - h o l d  a u t o p i l o t - t y p e  systems w i t h  
cont ro l -wheel -s teer ing  rate-command i n p u t s  f o r  maneuvering. The g a i n s  and 
t ime-cons tan ts  i n  t h e  c o n t r o l  systems were chosen t o  make t h e  systems feel  as 
much as p o s s i b l e  l i k e  c o n v e n t i o n a l  c o n t r o l  systems.  For t h e  same reason ,  t h e  
c o n t r o l - s u r f a c e  i n p u t s  genera ted  by t h e  a u t o m a t i c  sys tems were i s o l a t e d  from 
t h e  c o n t r o l  column and wheel t o  w o i d  t h e  d i s t u r b i n g  motions t h a t  r e s u l t  from 
CWS-type c o n t r o l  systems i n  c u r r e n t  subsonic  j e t s .  Became s u p e r s o n i c  c r u i s e  
v e h i c l e s  o p e r a t e  w e l l  on t h e  b a c k s i d e  of t h e  t h r u s t  r e q u i r e d  c u r v e  a t  approach 
speeds ,  a n  a u t o t h r o t t l e  w a s  developed t o  r e l i e v e  t h e  p i l o t  of t h e  h igh  workload 
a s s o c i a t e d  w i t h  a i r s p e e d  c o n t r o l  i n  t h e s e  c o n d i t i o n s .  
DESCRIPTION OF FLIGHT SIMULATOR 
The Lockheed Developmental F l i g h t  S imula tor  i s  a h y b r i d  computer f a c i l i t y  
w i t h  p e r i p h e r a l  hardware des igned  t o  create t h e  i l l u s i o n  of f l i g h t .  Computa- 
t i o n a l  hardware c o n s i s t s  of general-purpose d i g i t a l  and a n a l o g  computers,  and 
spec ia l -purpose  computers t o  s i m u l a t e  c o c k p i t  c o n t r o l  f o r c e s  and engine  n o i s e  
cues .  S e v e r a l  p e r i p h e r a l  p i e c e s  of equipment,  such as  a v i s u a l  d i s p l a y  system, 
a motion g e n e r a t i o n  system, and a c o c k p i t  complete  w i t h  o p e r a t i o n a l  f l i g h t  
i n s t r u m e n t s  are a v a i l a b l e  t c  enhance p i l o t  f l i g h t  impress ions .  The d i g i t a l  
computer is  programmed w i t h  t h e  a i r c r a f t  e q u a t i o n s  of motion, a l l  aerodynamic 
and p r o p u l s i o n  d a t a ,  geometr ic  and i n e r t i a l  d a t a ,  and a d d i t i o n a l  e q u a t i o n s  t o  
c o n t r o l  t h e  p e r i p h e r a l  equipment and d a t a  r e c o r d i n g  d e v i c e s .  The ana log  com- 
p u t e r  i s  used t o  s i m u l a t e  f l i g h t  c o n t r o l  sys tems,  which r e q u i r e  high-frequency 
computing t o  a d e q u a t e l y  r e p r e s e n t  t h e  system dynamics. 
The c o c k p i t  used f o r  t h i s  s i m u l a t i o n  i s  a mock-up of t h e  L-1011 c o c k p i t  
w i t h  f l i g h t  i n s t r u m e n t s  and c o n t r o l s  i n s t a l l e d  i n  t h e  L-1011 c o n f i g u r a t i o n .  
The v i s u a l  system is  a single-window t e l e v i s i o n  system w i t h  a 63.5-cm 
(25-in.)  TV monitor  mounted on t h e  p i l o t ' s  g l a r e  s h i e l d .  
d i s p l a y e d  image i s  a three-dimensional  1500:l  scale model of t h e  Palmdale,  
C a l i f o r n i a  a i r p o r t  and sur rounding  t e r r a i n  mounted on a cont inuous  moving b e l t .  
The monitor image i s  g e n e r a t e d  by a c l o s e d - c i r c u i t  t e l e v i s i o n  channel ,  t h e  
camera of which i s  mounted on a s e r v o - c o n t r o l l e d  c a r r i a g e  t h a t  moves a c r o s s  
t h e  wid th  of t h e  model b e l t  and a t  r i g h t  a n g l e s  t o  i t s  s u r f a c e .  These move- 
ments,  a long  w i t h  model b e l t  motion, p r e s e n t  t h e  t r u e  p o s i t i o n  of  t h e  a i r c r a f t ,  
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r e l a t i v e  t o  t h e  a i r p o r t  runway. A s e r v o - c o n t r o l l e d  prism-mirror system, a t -  
tached t o  t h e  camera, p r o v i d e s  p i t c h ,  bank, and heading  d isp lacements .  
The c o c k p i t  i s  mounted on a 4-degree-of-freedom motion system, p r o v i d i n g  
p i t c h ,  r o l l ,  v e r t i c a l ,  and l a t e r a l  motfdri's. The motion system p r o v i d e s  com- 
p l e t e l y  independent  motion i n  each  d e g r e e  of freedom, such t h a t  f u l l  e x c u r s i o n  
i s  a v a i l a b l e  i n  any a x i s ,  independent  of t h e  e x c u r s i o n s  i n  t h e  o t h e r  axes .  Be- 
cause  of t h e  importance of a i r  t u r b u l e n c e  i n  . t h i s  e v a l u a t i o n ,  motion system 
g a i n s  were opt imized t o  p r e s e n t  t h e  most r e a l i s t i c  t u r b u l e n c e  s i m u l a t i o n  pos- 
s i b l e  w i t h i n  t h e  l i m i t s  of  t h e  a c t u a t o r s .  
A i r  t u r b u l e n c e  w a s  s i m u l a t e d  by i n s e r t i n g  random v e l o c i t y  i n p u t s  i n  t h e  
aerodynamic e q u a t i o n s .  Magnitudes and f i l t e r i n g  of  t h e  i n p u t  v e l o c i t i e s  were 
c o n t r o l l e d  accord ing  t o  t h e  Dryden form of  t h e  random t u r b u l e n c e  e q u a t i o n s .  
I n  t h e  b a s i c  Dryden model t h e  c h a r a c t e r i s t i c  l e n g t h s  a r e  reduced as a f u n c t i o n  
of h e i g h t  near t h e  ground. A s  a r e s u l t ,  t h e  peak v e l o c i t y  g u s t s  s i m u l a t e  ver -  
t i c a l  and h o r i z o n t a l  wind-shear b u r s t s  on l a n d i n g  approach.  F l y i n g  q u a l i t i e s  
were e v a l u a t e d  i n  l eve ls  of  t u r b u l e n c e  from s t i l l  a i r  t c  heavy t u r b u l e n c e .  
Heavy t u r b u l e n c e  i s  d e f i n e d  f o r  t h i s  s t u d y  as 2.7 m / s  (9 f t / s ) .  
Crosswinds were s i m u l a t e d  by s imply adding  a c o n s t a n t  v a l u e  of  l a t e r a l  
v e l o c i t y  t o  t h e  e a r t h - o r i e n t e d  v e l o c i t y  d e r i v e d  from t h e  i n e r t i a l  a i r c r a f t  
e q u a t i o n s .  T h i s  accounted f o r  t h e  l a t e ra l  movement of  t h e  a i r  ,mass r e l a t i v e  
t o  t h e  f i x e d  a i r p o r t  c o o r d i n a t e s .  
TEST CONDITIONS 
The approach s p e e d s  e v a l u a t e d  i n  t h e  f l i g h t  s i m u l a t i o n  program were 
s e l e c t e d  from a s t a t i c  a n a l y s i s  of  l i f t  and r o l l  c o n t r o l  a v a i l a b l e  from b o t h  
t h e  M = 2.0 and t h e  M = 2.7 c o n f i g u r a t i o n s  a t  a t y p i c a l  l a n d i n g  weight .  
F igure  2,  t h e  a v a i l a b l e  approach speeds of t h e  two d e s i g n s  are compared as a 
f u n c t i o n  of  a n g l e  a t t a c k  f o r d  = 0.35 rad  (20 deg) .  A t  t h e  maximum a l l o w a b l e  
a n g l e  of a t t a c k ,  t h e  M = 2.0 d z s i g n  can approach 7 . 7  m / s  (15 k n o t s )  s lower 
than  t h e  M = 2 . 7  des ign .  I f  approach a t t i t u d e  i s  more c r i t i c a l  t h a n  approach 
speed,  t h e  M = 2.0 d e s i g n  can approach a t  an a t t i t u d e  of 0.044 r a d  (2.5 deg)  
lower than t h e  M = 2.7 d e s i g n .  
I n  
Another c o n s i d e r a t i o n  f o r  approach speed i s  t h e  c o n t r o l  a v a i l a b l e  f o r  a 
crosswind landing ,  which u s u a l l y  i s  degraded as approach speed is  reduced. 
F i g u r e  3 shows t h e  v a r i a t i o n  w i t h  approach speed of s i d e s l i p  a n g l e  re- 
q u i r e d  t o  l a n d  e i t h e r  a i r c r a f t  i n  a 15.4 m/s(30-knot) crosswind,  assuming t h e  
p i l o t  d e c r a b s  t h e  a i r c r a f t  j u s t  p r i o r  t o  touchdown and l a n d s  w i t h  t h e  longi tud-  
i n a l  a x i s  a l i g n e d  w i t h  t h e  runway c e n t e r l i n e .  T h i s  is t h e  accepted  crosswind 
l a n d i n g  technique  f o r  a i r c r a f t  w i t h o u t  s p e c i a l  crosswind l a n d i n g  g e a r .  Also 
shown i n  F i g u r e  3 i s  t h e  s i d e s l i p  a n g l e  which can be c o n t r o l l e d  a t  f u l l  a i l e r o n  
f o r  t h e  two a i r c r a f t  d e s i g n s .  A t  87.4 m/s (170 k n o t s ) ,  t h e  M = 2.7 d e s i g n  
r e q u i r e s  a f u l l  r o l l  c o n t r o l  t o  c o u n t e r  t h e  r o l l i n g  moment produced by s i d e -  
s l i p .  For t h e  M = 2.0 d e s i g n ,  f u l l  r o l l  c o n t r o l  is  reached  a t  72 m / s  (140 
k n o t s ) ,  an improvement of  15.4 m / s  (30 k n o t s )  over  t h e  M = 2.7 des ign .  
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Figure  4 summarizes t h e  c o n s t r a i n t s  on approach speed p r e v i o u s l y  d i s c u s s e d .  
From t h e s e  c o n s i d e r a t i o n s ,  test c o n d i t i o n s  were s e l e c t e d  t o  e v a l u a t e  each of t h e  
a i r c r a f t  c o n f i g u r a t i o n s  i n  t h e  f l i g h t  s i m u l a t o r .  Since t h e  r o l l  c o n t r o l  con- 
s t r a i n t  i s  a s s o c i a t e d  o n l y  w i t h  crosswind l a n d i n g ,  approach speed was s e l e c t e d  
as 160 k n o t s  based on s c r a p e  a n g l e  cons-Tderations,  and r o l l  c o n t r o l  was evalu- 
a t e d  a t  t h a t  speed. 
RESULTS OF PILOT EVALUATION 
Four tes t  p i l o t s  e v a l u a t e d  t h e  s i m u l a t e d  a i r c r a f t  i n c l u d i n g  t h r e e  engineer-  
i n g  tes t  p i l o t s  from t h e  Lockheed Commercial F l i g h t  Test o r g a n i z a t i o n  and a 
NASA-Langley test p i l o t .  A t o t a l  of 50 t es t  hours  were completed.  
General  F l y i n g  Q u a l i t i e s  I n  Approach C o n f i g u r a t i o n  
I n  o r d e r  t o  e v a l u a t e  t h e  g e n e r a l  f l y i n g  q u a l i t i e s  of  each c o n f i g u r a t i o n  
i n  t h e  approach f l i g h t  c o n d i t i o n ,  s e v e r a l  f l i g h t  tes t  maneuvers were executed  
and p i l o t  r a t i n g s  were o b t a i n e d .  The e v a l u a t i o n  maneuvers i n c l u d e d  l e v e l  t u r n s  
and s t e p  r o l l  i n p u t s  t o  e v a l u a t e  r o l l  c o n t r o l ,  c o c k p i t  c o n t r o l  d o u b l e t s  t o  
e v a l u a t e  a i r c r a f t  dynamics,  small heading changes and s t e a d y  s i d e s l i p s  t o  
e v a l u a t e  d i r e c t i o n a l  c o n t r o l ,  and engine  t r a n s i e n t s  t o  e v a l u a t e  asymmetric con- 
d i t i o n s  and c o n t r o l  f o r  missed approach.  
w a s  used t o  q u a n t i f y  t h e  p i l o t s '  o p i n i o n s  of t h e  t es t  c o n f i g u r a t i o n s .  F i g u r e  
5 i s  a s i m p l i f i e d  v e r s i o n  of  t h e  r a t i n g  s c a l e .  
The Cooper-Harper p i l o t  r a t i n g  s c a l e  
The e v a l u a t i o n  p i l o t s  were asked t o  ra te  t h e  workload and c o n t r o l l a b i l i t y  
f o r  each of t h e  test  maneuvers and t o  comment on any o t h e r  f l y i n g  q u a l i t y  char-  
ac t e r i s t i c s  t h a t  became a p p a r e n t  d u r i n g  t h e  s i m u l a t e d  f l i g h t .  The fo l lowing  
comments are a summary of t h o s e  r e c e i v e d  from a l l  e v a l u a t i o n  p i l o t s .  
For t h e  Mach 2.7 d e s i g n ,  r o l l  c o n t r o l  s e n s i t i v i t y  and r o l l  r a te  c a p a b i l i t y  
were ' judged t o  b e  lower t h a n  c u r r e n t  subsonic  j e t s  and p o s s i b l y  inadequate ,  
p a r t i c u l a r l y  i n  t u r b u l e n c e .  Other  l a t e ra l  d i r e c t i o n a l  c h a r a c t e r i s t i c s  such as 
a d v e r s e  yaw and dutch  r o l l  damping w4-e e x c e l l e n t .  P i t c h  dynamics and p i t c h  
response  were r a t e d  good, w i t h  a s l i g h t  tendency t o  o v e r c o n t r o l  p i t c h  i n p u t s .  
Because of t h e  low r o l l  response ,  c o n t r o l  f o r c e  harmony was n o t  optimum. I n  a 
s t e a d y  heading s i d e s l i p ,  r o l l  c o n t r o l  w a s  good up t o  213 p e d a l  t ravel ,  where 
l a t e ra l  c o n t r o l  l i m i t s  were reached.  Beyond t h i s  p o i n t  bank a n g l e  c o n t r o l  w a s  
unacceptab le .  Cont ro l  f o r  engine  f a i l u r e  was e x c e l l e n t  i n  a l l  axes. 
For t h e  Mach 2 . 0  d e s i g n ,  r o l l  c o n t r o l  s e n s i t i v i t y  and rate c a p a b i l i t y  were 
much improved over  t h e  Mach 2.7 des ign .  Because of t h e  improved r o l l  c h a r a c t e r -  
i s t i c s ,  c o n t r o l  f o r c e  harmony w a s  good. I n  a s t e a d y  s i d e s l i p ,  r o l l  c o n t r o l  w a s  
good up t o  f u l l  peda l ,  where about  213 of t h e  l a t e r a l  c o n t r o l  w a s  used. 
F igure  6 p r e s e n t s  a n  average  of t h e  p i l o t  r a t i n g s  o b t a i n 4  f o r  t h e  test 
maneuvers p r e v i o u s l y  l i s t e d .  In  most maneuvers, t h e  M = 2 . 0  SCR was r a t e d  
easiest  t o  f l y ,  and t h e  L-1011 and M = 2.7 SCR were r a t e d  s l i g h t l y  more d i f f i -  
c u l t .  I n  l e v e l  f l i g h t  t u r n s ,  b o t h  of t h e  SCR d e s i g n s  were r a t e d  s l i g h t l y  
bet ter  t h a n  t h e  L-1011 because  of t h e  a t t i t u d e  hold  c o n t r o l  system, which s i m -  
p l i f i e d  t h e  p i l o t ' s  t a s k  of h o l d i n g  a l t i t u d e .  P i t c h  dynamics and workload dur- 
i n g  waveoff a l s o  were r a t e d  b e t t e r  f o r  t h e  SCR d e s i g n s  f o r  t h e  same reason .  
The r o l l  s e n s i t i v i t y  of t h e  M = 2.0 SCR was r a t e d  b e t t e r  t h a n  e i t h e r  t h e  L-1011 
o r  t h e  M = 2.7 SCR because of a n o n l i n e a r i t y  i n  r o l l  r e s p o n s e  i n  t h e  L-1011 and 
because of i n a d e q u a t e  r o l l  c o n t r o l  power i n  t h e  M = 2.7 SCR. S i m i l a r  r a t i n g s  
and comments were g i v e n  f o r  c o n t r o l  i n  s t e a d y  s i d e s l i p .  The M = 2.0 SCR could 
be c o n t r o l l e d  i n  a f u l l  p e d a l  s i d e s l i p  w i t h  0 . 4 3  r a d  (25 degrees)  of wheel and 
t h e  L-1011 w i t h  a b o u t  1.05 rad (60 degrees)  of wheel .  I n  t h e  M = 2.7 SCR, 
f u l l  p e d a l  s i d e s l i p s  could  n o t  be c o n t r o l l e d  w i t h  f u l l  wheel.  The average  
r a t i n g  of 4 given  t h i s  c o n d i t i o n  i s  a compromise between t h e  r e l a t i v e  ease of 
c o n t r o l l i n g  s i d e s l i p s  up t o  two-thirds  p e d a l  and t h e  i n a b i l i t y  t o  c o n t r o l  f u l l  
p e d a l  s i d e s l i p s .  Dutch r o l l  dynamics were r a t e d  good f o r  a l l  c o n f i g u r a t i o n s ,  
and c o n t r o l  f o r  engine  f a i l u r e  a l s o  w a s  e a s y  i n  a l l  c o n f i g u r a t i o n s ,  bu t  s l i g h t l y  
more d i f f i c u l t  i n  t h e  L-1011 because of t h e  l a c k  of a t t i t u d e  hold.  
C o n t r o l  f o r  Approach i n  Turbulence 
The workload and c o n t r o l l a b i l i t y  of t h e  t h r e e  a i r c r a f t  d u r i n g  a l a n d i n g  
approach i n  t u r b u l e n t  a i r  were e v a l u a t e d  by each of t h e  f o u r  p i l o t s .  Turbul.ence 
was i n t r c d u c e d  intr'o a l l  t h r e e  a i r c r a f t  axes a t  l e v e l s  up t o  2.7 m / s  ( 9  f t / s )  
r m s .  The e f f e c t  of i n c r e a s i n g  t u r b u l e n c e  was e v a l u a t e d  by a t t e m p t i n g  t o  e x e c u t e  
a n  ins t rument  approach t o  a t y p i c a l  a i r p o r t .  The s i m u l a t i o n  was i n i t i a t e d  w i t h  
t h e  a i r c r a f t  l o c a t e d  9.66 km (6 m i l e s )  from t h e  runway t h r e s h o l d  on t h e  extended 
runway c e n t e r l i n e .  The a i r c r a f t  w a s  tr immed i n  level  f l i g h t  a t  305 m (1000 f t )  
AGL a t  t h e  s p e c i f i e d  approach a i r s p e e d  w i t h  l a n d i n g  g e a r  extended and t r a i l i n g  
edge f l a p s  extended t o  t h e  l a n d i n g  p o s i t i o n .  I n  t h e  L-1011, f l a p  changes were 
made d u r i n g  t h e  approach i n  accordance w i t h  e s t a b l i s h e d  a i r l i n e  procedures  f o r  
t h a t  a i r c r a f t .  The p i l o t s  f l e w  t h e  s imula ted  a i r c r a f t  a t  t h e  i n i t i a l  a l t i t u d e ,  
fo l lowing  t h e  l o c a l i z e r  inbound u n t i l  t h e  g l i d e s l o p e  w a s  i n t e r c e p t e d .  The 
g l i d e s l o p e  w a s  t h e n  c a p t u r e d ,  and g l i d e s l o p e  and l o c a l i z e r  were t r a c k e d  t o  
touchdown. The p i l o t s  t r a n s i t i o n e d  from ins t rument  f l i g h t  t o  v i s u a l  r e f e r e n c e s  
a t  about 60 m (200 f t )  above t h e  runway and made f i n a l  a d j u s t m e n t s  i n  l i n e u p  
and g l i d e p a t h .  
For t h e  Mach 2.7 d e s i g n ,  p i t c h  c o n t r o l  and p i t c h  r e s p o n s e  were good. The 
a t t i t u d e - h o l d  f u n c t i o n  i n  t h e  c o n t r o l  system handled t h e  t u r b u l e n c e  q u i r e  w e l l ;  
however, a t  h i g h  t u r b u l e n c e  leve ls ,  a h i g h e r  g a i n  i n  t h e  a t t i t u d e  loop  would 
make t h e  a i r c r a f t  f e e l  more s t a b l e .  R o l l  response  w a s  s l u g g i s h  i n  a l l  levels 
of t u r b u l e n c e ,  b u t  w a s  t o t a l l y  inadequate  i n  h i g h  t u r b u l e n c e .  Bank a n g l e  and 
l ine-up c o r r e c t i o n s  c l o s e  t o  touchdown could n o t  b e  made i n  a t i m e l y  manner. 
It  w a s  n e c e s s a r y  t o  supplement r o l l  c o n t r o l  w i t h  r u d d e r  i n p u t s  t o  pickup a down- 
going wing c l o s e  t o  touchdown. 
For t h e  Mach 2.0 d e s i g n ,  p i t c h  c o n t r o l  w a s  more p r e c i s e  t h a n  t h e  Mach 2.7 
d e s i g n ,  and p i t c h  c o n t r o l  and g l i d e s l o p e  c o n t r o l  were p r e c i s e  even i n  h i g h  
t u r b u l e n c e  l e v e l s .  R o l l  c o n t r o l  w a s  much improved o v e r  t h e  Mach 2.7 des ign .  
Late l ine-up  and bank a n g l e  c o r r e c t i o n s  were much easier t o  accomplish and 
r o l l  s e n s i t i v i t y  w a s  much h i g h e r ,  making c o n t r o l  harmony b e t t e r .  The improve- 
ment i n  r o l l  c o n t r o l  lowered t h e  o v e r a l l  workload s u f f i c i e n t l y  t o  permi t  more 
p r e c i s e  c o n t r o l  of p i t c h  a t t i t u d e  and g l i d e s l o p e .  
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F i g u r e  7 shows t h e  a v e r a g e  p i l o t  r a t i n g s  a s s i g n e d  t o  t h e  t a s k  of l a n d i n g  
approach i n  t u r b u l e n t  a i r .  
i s  a p p a r e n t  from t h e  r a t i n g s  of  g l i d e s l o p e  c o n t r o l ,  where b o t h  SCR conf igura-  
t i o n s  were r a t e d  b e t t e r  than  t h e  L-1011. The s e v e r e l y  l i m i t e d  r o l l  c o n t r o l  
c a p a b i l i t y  of t h e  Mach 2.7 c o n f i g u r a t i o n  is  r e f l e c t e d  i n  t h e  poor r a t i n g s  as- 
s igned  t o  t h e  l i n e u p  c o n t r o l  t a s k .  The good o v e r a l l  c o n t r o l l a b i l i t y  and low 
workload f o r  t h e  Mach 2.0 SCR can b e  seen  from t h e  o v e r a l l  r a t i n g ,  where t h e  
Mach 2.0 SCR was r a t e d  as s a t i s f a c t o r y  even i n  heavy t u r b u l e n c e .  The o t h e r  
c o n f i g u r a t i o n s  were r a t e d  more d i f f i c u l t  t o  f l y  f o r  r e a s o n s  p r e v i o u s l y  s t a t e d .  
The p i l o t s '  p r e f e r e n c e  f o r  t h e  a t t i t u d e - h o l d  system 
C o n t r o l  f o r  Crosswind Landing 
E v a l u a t i o n  of workload and c o n t r o l l a b i l i t y  of t h e  a i r c r a f t  i n  a crosswind 
approach w a s  accomplished u s i n g  a tes t  t e c h n i q u e  i d e n t i c a l  t o  t h a t  f o r  ap- 
proaches i n  t u r b u l e n t  a i r ,  e x c e p t  f o r  a s t e a d y  crosswind component 1.57 r a d  
(90 deg) from t h e  runway heading.  Crosswinds of 10.3 and 15.45 m / s  (20 and 30 
k n o t s )  were e v a l u a t e d  f i r s t  w i t h  no a i r  t u r b u l e n c e  and t h e n  w i t h  1.82 m / s  
(6  f t / s )  of t u r b u l e n c e .  I n  t h i s  manner, t h e  combined e f f e c t s  of t h e  two t a s k s  
could  be e v a l u a t e d .  The 15.45 m / s  (30 k n o t s )  crosswind cor responds  t o  t h e  FAA 
requirement  f o r  commercial a i r c r a f t .  
I n  t h e  10.3 m / s  (20-knot) crosswind,  t h e  a i r c r a f t  w a s  crabbed about  0.12 
r a d  ( 7  deg) i n t o  t h e  wind d i r e c t i o n  and t h e  new heading  was main ta ined  u n t i l  an 
a l t i t u d e  of about  60 m (200 f t )  w a s  reached.  A t  t h i s  p o i n t ,  t h e  p i l o t  v i s u a l l y  
a l i g n e d  t h e  a i r c r a f t  w i t h  t h e  runway and dropped t h e  upwind wing s l i g h t l y  t o  
avoid  d r i f t i n g  downwind. I n  a l l  t h e  a i r c r a f t  e v a l u a t e d ,  t h i s  w a s  a r e l a t i v e l y  
easy  t a s k  as shown by t h e  r a t i n g s  i n  F i g u r e  8. When 1.82 m / s  (6  f t / s )  a i r  
t u r b u l e n c e  w a s  added, t h e  r a t i n g s  were degraded by about  one p i l o t  r a t i n g  u n i t  
i n  t h e  L-1011 and t h e  Mach 2.0 SCR, and by about  two u n i t s  i n  t h e  M = 2.7 SCR. 
The r a t i n g s  a s s i g n e d  t o  t h i s  t a s k  are n e a r l y  i d e n t i c a l  t o  t h o s e  a s s i g n e d  f o r  
t h i s  t u r b u l e n c e  l e v e l  w i t h  no crosswind,  i n d i c a t i n g  l i t t l e  i n c r e a s e  i n  workload 
due t o  t h e  crosswind.  When t h e  crosswind was i n c r e a s e d  t o  15.45 m / s  (30 k n o t s )  
w i t h  no a i r  t u r b u l e n c e ,  t h e  p i l o t  r a t i n g s  i n c r e a s e d  o n l y  s l i g h t l y  from t h e  
10.3 m / s  (20 k n o t s )  case f o r  t h e  L-1011 and Mach 2.0 SCR, b u t  t h e  r a t i n g  f o r  
t h e  Mach 2.7 SCR i n c r e a s e d  s i g n i f i c a n t l y ,  i n t o  t h e  u n a c c e p t a b l e  range.  The 
p i l o t s  r e p o r t e d  t h a t  t h e y  were unable  t o  a l i g n  t h e  a i r c r a f t  w i t h  t h e  runway 
from t h e  0.21 r a d  (12-deg) c r a b  a n g l e  r e q u i r e d  i n  t h i s  level of  crosswind with-  
o u t  exceeding l a t e r a l  c o n t r o l  l i m i t s .  The p i l o t s  q u i c k l y  adopted a technique  
whereby t h e y  determined t h e  maximum c o n t r o l l a b l e  r u d d e r  p e d a l  i n p u t  and landed 
t h e  a i r c r a f t  w i t h  about  0.90 rad  (5 deg) remaining c r a b  a n g l e  a t  touchdown. 
T h i s  s i t u a t i o n  w a s  d e f i n i t e l y  unacceptab le ,  because  of t h e  workload r e q u i r e d  t o  
a s c e r t a i n  t h e  c o n t r o l  l i m i t  and t h e  probable  l a n d i n g  g e a r  l o a d s  developed 
a t  t h e  h igh  c r a b  a n g l e s .  When 1.82 m / s  (6  f t / s )  of t u r b u l e n c e  w a s  added, t h e  
workload i n c r e a s e d  p r o p o r t i o n a t e l y ,  producing p i l o t  r a t i n g s  of 4.0 and 4.5 f o r  
t h e  L-1011 and Mach 2.0 SCR, and an  average  r a t i n g  of 8 f o r  t h e  Mach 2 . 7  SCR, 
which i s  t o t a l l y  unacceptab le .  
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C o n t r o l l a b i l i t y  a t  Reduced Approach Speeds 
Because of t h e  l a t e r a l  c o n t r o l  problems encountered  by t h e  Mach 2 . 7  con- 
f i g u r a t i o n  a t  81.4 m / s  (158 k n o t s ) ,  no a t t e m p t  w a s  made t o  approach a t  lower 
a i r  speeds .  I n  t h e  Mach 2.0 SCR d e s i g n ,  approaches  were f lown a t  73.6 m / s  
(143 knots )  w i t h  no a p p a r e n t  d e g r a d a t i o n  i n  e i t h e r  p i t c h  o r  r o l l  c o n t r o l .  
CONCLUSIONS 
Based on t es t  r e s u l t s  from t h i s  f l i g h t  s i m u l a t i o n  program, t h e  f o l l o w i n g  
c o n c l u s i o n s  have been reached concern ing  p i l o t  a c c e p t a n c e  of low-speed f l y i n g  
q u a l i t i e s  and c o n t r o l l a b i l i t y  i n  l a n d i n g  approach: 
L o n g i t u d i n a l  f l y i n g  q u a l i t i e s  of b o t h  t h e  Mach 2 .0  and Mach 2 . 7  SCR 
c o n f i g u r a t i o n s  were s a t i s f a c t o r y  even i n  heavy t u r b u l e n c e .  
P i t c h  c o n t r o l  and p i t c h  response  were s l i g h t l y  b e t t e r  i n  t h e  Mach 2.0 
SCR than  i n  t h e  Mach 2 . 7  c o n f i g u r a t i o n s .  
R o l l  c o n t r o l  and response  were s a t i s f a c t o r y  i n  t h e  Mach 2.0 SCR con- 
f i g u r a t i o n  i n  a l l  l e v e l s  of t u r b u l e n c e  and crosswind.  
R o l l  c o n t r o l  w a s  n o t  s u f f i c i e n t  i n  t h e  Mach ? . 7  c o n f i g u r a t i o n  f o r  
a c c e p t a b l e  c o n t r o l  of bank a n g l e  and l ine-up  i n  heavy t u r b u l e n c e  o r  
f o r  a crosswind l a n d i n g  a t  FAA l i m i t s .  
Crosswind l a n d i n g  g e a r  could  e l i m i n a t e  t h e  requi rement  t o  decrab  i n  
a crosswind,  but  r o l l  c o n t r o l  would s t i l l  be m a r g i n a l  i n  heavy 
t u r b u l e n c e  f o r  t h e  Mach 2.7 SCR. 
The Mach 2.7 SCR approach speed is  l i m i t e d  t o  a t  least  81.4 m / s  (158 
k n o t s )  by b o t h  a t t i t u d e  l i m i t s  and r o l l  c o n t r o l  c a p a b i l i t y .  The Mach 
2.0 SCR h a s  a c c e p t a b l e  f l y i n g  q u a l i t i e s  down t o  73.6 m / s  (143 k n o t s ) .  
Throughout t h i s  s t u d y ,  t h e  planforms have been i d e n t i f i e d  by r e f e r e n c e  t o  
d e s i g n  Mach numbers of 2 .0  and 2 . 7 .  It should  b e  emphasized t h a t  t h e s e  r e s u l t s  
are a p p l i c a b l e  t o  t h e  p lanforms,  r e g a r d l e s s  of d e s i g n  Mach number. The wing 
sweep a n g l e s  and a s p e c t  r a t i o s  of t h e  s t u d y  c o n f i g u r a t i o n s  were t h e  s i g n i f i c a n t  
v a r i a b l e s  i n  t h e  s t u d y ,  and t h e s e  r e s u l t s  are a p p l i c a b l e  t o  any c o n f i g u r a t i o n  
w i t h  e q u i v a l e n t  planform c h a r a c t e r i s t i c s .  
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TABLE 1. SIMULATION PROGRAM PLANFORM PARAMETERS 
W I N G  
PARAMETER 
DESIGN M A C H  NO. 
2.7 
31.7 (103.9) 
26.2 (85.9) 
1.29 (74.0) 
1.24 (70.8) 
1.05 (60.0) 
1.61 
4.03 
0.72 
2.0 
38.1 (125.1) 
22.6 (74.3) 
1.19 (68.2) 
1.11 (63.7) 
0.84 (48.2) 
2.23 
4.03 
0.69 
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Figure 1.- Planform comparison. 
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Figure 5.- P i l o t  r a t i n g  scale. 
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Figure  8.- Cont ro l  f o r  crosswind landing.  
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DEVELOPMENT OF SCR AIRCRAFT TAKEOFF AND LANDING PROCEDURES FOR 
COMMUNITY N O I S E  ABATEMENT AND THEIR IMPACT ON FLIGHT SAFETY 
W i l l i a m  D. Grantham 
NASA Langley Research Center  
Paul M. Smith 
Ken t r o n  I n t e r n a t i o n a l  I n c o r p o r a t e d  
Hampton Technica l  Center 
SUMMARY 
P i l o t e d  s i m u l a t o r  s t u d i e s  have been conducted t o  determine t a k e o f f  and 
l a n d i n g  procedures f o r  a supersonic c r u i s e  t r a n s p o r t  concept t h a t  r e s u l t  
i n  p r e d i c t e d  community n o i s e  l e v e l s  which meet c u r r e n t  Federal  A v i a t i o n  
A d m i n i s t r a t i o n  (FAA) standards.  
The r e s u l t s  o f  . the s tudy  i n d i c a t e  t h a t  w i t h  t h e  use o f  advanced 
procedures, t h e  s u b j e c t  s imu la ted  a i r c r a f t  meets t h e  FAA t raded n o i s e  l e v e l s  
d u r i n g  t a k e o f f  and l a n d i n g  u t i l i z i n g  average f l i g h t  crew s k i l l s .  
advanced t a k e o f f  procedures developed i n v o l v e d  v i o l a t i n g  t h r e e  ( 3 )  o f  the  
c u r r e n t  Federal  A v i a t i o n  Regulat ions (FAR) n o i s e  t e s t  c o n d i t i o n s .  
were: ( a )  t h r u s t  cutbacks a t  a l t i t u d e s  below 214 meters (700 f t ) ;  
(b )  t h r u s t  cutback l e v e l  below those p r e s e n t l y  al lowed; and ( c )  c o n f i g u r a t i o n  
change, o t h e r  than r a i s i n g  t h e  l a n d i n g  gear. I t  was n o t  necessary t o  v i o l a t e  
any FAR n o i s e  t e s t  c o n d i t i o n s  d u r i n g  l a n d i n g  approach. 
The 
These 
It was determined t h a t  t h e  advanced procedures developed i n  t h i s  s tudy  
do n o t  compromise f l i g h t  s a f e t y .  
Automation o f  some o f  t h e  a i r c r a f t  f u n c t i o n s  reduced p i l o t  workload, 
and t h e  development o f  a s imp le  head-up d i s p l a y  t o  a s s i s t  i n  t h e  t a k e o f f  
f l i g h t  mode proved t o  be adequate. 
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I NTRO DU CT I ON 
Since 1972, t h e  Langley Research Center o f  t h e  NASA has been work ing 
i n  advanced supersonic technology f o r  p o t e n t i a l  a p p l i c a t i o n  t o  f u t u r e  
U. S. t r a n s p o r t  a i r c r a f t .  Among t h e  s i g n i f i c a n t  advances which have been 
made d u r i n g  t h i s  p e r i o d  i s  t h e  development o f  a new engine concept t h a t  i s  a 
d u c t  burn ing  t u r b o f a n  v a r i a b l e  stream c o n t r o l  engine (VSCE) which has t h e  
p o t e n t i a l  t o  be operated i n  such a manner as t o  c r e a t e  l e s s  j e t  n o i s e  than 
convent ional  t u r b o j e t s  d u r i n g  t a k e o f f  and l a n d i n g  - t h e  improvement be ing 
a t t r i b u t e d  t o  coannular  nozz le  j e t  n o i s e  r e l i e f .  
Current  Federal  A v i a t i o n  Regulat ions (FAR'S) f o r  subsonic t r a n s p o r t  
a i r c r a f t  s p e c i f y  t a k e o f f  and l a n d i n g  " p i l o t i n g "  procedures f o r  n o i s e  
measurement, r e q u i r i n g  cons tan t  f l i g h t  speed and no c o n f i g u r a t i o n  changes 
(except  t h e  l a n d i n g  gear may be r e t r a c t e d  a f t e r  l i f t o f f ) .  It should be 
considered, however, t h a t  a supersonic  t r a n s p o r t  w i t h  VSCE engines w i l l  
have a i r f rame-eng ine  c h a r a c t e r i s t i c s  t h a t  a r e  d i f f e r e n t  f rom t h e  present-day 
subsonic j e t  t r a n s p o r t s ,  and i f  u t i l i z e d  proper ly ,cou ld  s i g n i f i c a n t l y  
reduce community no ise  d u r i n g  t a k e o f f  and land ing .  
Cru ise  Research program, advanced n o i s e  abatement procedures have been 
i d e n t i f i e d  r e q u i r i n g  m o d i f i c a t i o n s  t o  t h e  c u r r e n t  FAR's f o r  use w i t h  f u t u r e  
supersonic t r a n s p o r t s .  
Under t h e  NASA Supersonic 
Noise c h a r a c t e r i s t i c s  o f  a t y p i c a l  supersonic c r u i s e  research  (SCR) 
concept, des ignated t h e  AST-105-1, d u r i n g  t a k e o f f  and l a n d i n g  were 
c a l c u l a t e d  a t  t h e  t h r e e  measuring s t a t i o n s  p r e s c r i b e d  i n  Ref. 1, and t h e  
r e s u l t s  a r e  r e p o r t e d  i n  Ref. 2. Al though t h e  r e s u l t s  o f  Ref. 2 i n d i c a t e d  
t h a t  t h e  use o f  advanced o p e r a t i n g  procedures c o u l d  be an i m p o r t a n t  
a d d i t i o n a l  method f o r  n o i s e  r e d u c t i o n ,  t h e  p r e l i m i n a r y  procedures r e p o r t e d  
t h e r e i n  were i n s u f f i c i e n t  t o  meet t h e  n o i s e  requi rements o f  Ref. 1 f o r  
t a k e o f f  no ise  ( b o t h  f l y o v e r  and s i d e l i n e ) ,  and i t  was t h e r e f o r e  suggested 
t h a t  more d e t a i l e d  s t u d i e s  were r e q u i r e d  t o  i d e n t i f y  t h e  "optimum" procedures. 
The prece ived n o i s e  l e v e l  l i m i t s  d i c t a t e d  by Ref. 1 f o r  an a i r p l a n e  o f  the 
c l a s s  o f  the  s u b j e c t  SCR concept is108EPNdB f o r  f l y o v e r ,  s i d e l i n e ,  
and approach. Al though t h e  approach no ise  f o r  t h e  AST-105-1 was c a l c u l a t e d  
t o  be 106.6 EPNdB u s i n g  s tandard procedures and t h e r e f o r e  met t h e  108 EPNdB 
requirement,  Ref. 2 showed t h a t  by u s i n g  advanced procedures f o r  f l y i n g  
t h e  l a n d i n g  approach, such as s teep-dece lera t ing  approaches, t h e  c a l c u l a t e d  
approach n o i s e  c o u l d  be reduced below 100 EPNdB. 
used i n  Ref. 2 i n  an a t tempt  t o  reduce t h e  f l y o v e r  and s i d e l i n e  n o i s e  
d u r i n g  t a k e o f f  r e s u l t e d  i n  a decrease i n  f l y o v e r  no ise  f rom 115.8 t o  
113.2 EPNdB, and r e s u l t e d  i n  an inc rease i n  t h e  s i d e l i n e  n o i s e  from 
113.8 t o  115.3 EPMdB - both  o b v i o u s l y  s t i l l  much t o o  h i g h  t o  meet t h e  
108 EPNdB requirements even i f  t h e  n o i s e  l e v e l  " t r a d e o f f s "  o f  Ref. 1 were 
exerc ised.  [The n o i s e  standards,  Ref.  1, a l l o w  t r a d e o f f s  between t h e  
measured approach, s i d e l i n e ,  and f l y o v e r  n o i s e  l e v e l s  i f :  ( 1 )  t h e  sum o f  
exceedance i s  n o t  g r e a t e r  than 3 EPNdB; ( 2 )  no exceedance i s  g r e a t e r  than 
The advanced procedure 
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2 EPNdB; and (3 )  the exceedances are  completely o f f s e t  by reduct ions a t  
o ther  requ i red  measuring po in ts . ]  
This p i l o t e d  s imu la t i on  s tudy was the re fo re  conducted us ing  the 
AST-105-1 SCR concept i n  an at tempt t o  determine: 
1. Advanced t a k e o f f  and landing procedures f o r  which the  noise 
requirements o f  Ref. 1 could be met. 
2. I f  a p i l o t  w i t h  average s k i l l s  could perform the task o f  f l y  
the suggested p r o f i l e s  w i thou t  compromising f l i g h t  sa fe ty .  
eve1 
ng 
3 .  The degree o f  automation requi red.  
4. The p i l o t  i n fo rma t ion  d isp lays  requi red.  
SYMBOLS AND DEFINITIONS 
Values are  g iven i n  bo th  the  I n t e r n a t i o n a l  System o f  Un i t s  (SI) and 
U. S. Customary Un i t s .  The measurements and c a l c u l a t i o n s  were made i n  
U. S. Customary Un i t s .  Dots over symbols denote d i f f e r e n t i a t i o n  w i t h  
respect  t o  time. 
ga in  on a i rspeed e r r o r  
i n t e g r a t o r  ga in  
acce le ra t i on  and dece le ra t ion  engine inverse t ime constants,  
per  second 
AKV 
GKI 
G ( ~ ~ ~ )  
h 
K 
a l t i t u d e ,  m ( f t )  
ga in  
M Mach number 
S Lap1 ace operator  
dece le ra t ion  time, sec 
T t h r u s t ,  N ( l b f )  
gross t h r u s t  TG 
V a i rspeed, knots ( f t / s e c )  
v1 dec i s ion  speed (engine f a i l u r e  speed + AV f o r  a 2-sec reac t i on  t ime) ,  knots 
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v2 
vC 
vR 
V'R 
'R I 
W 
X 
a 
b f  
SB 
E 
Y 
9 
J, 
T 
'IB 
0 
Subscri pts : 
C 
FI 
IAS 
IC 
INT 
LG 
LO 
airspeed of  aircraft  ci'c obstacle, knots 
climb speed, knots 
rotate airspeed, knots 
reference airspeed, knots 
desired airspeed upon completion of deceleration, knots 
airplane weight, N ( l b f )  
distance from brake release, m ( f t )  
angle of a t t a c k ,  deg 
trailing-edge flap deflection, deg 
speed brake deflection, deg 
error 
flight-path angle, deg 
angle of r o l l ,  deg 
heading angle, deg 
time constant, sec 
pitch attitude bias time constant, sec 
pitch attitude, deg 
commanded 
fl ight idle 
indicated airspeed 
ini t ia l  condition 
ini t ia l  
landing gear 
l i f t  off 
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max maximum 
m i  n m i  n i mum 
N ne t  
PFD 
PIL p i  1 o t  
sb speed brake 
VFD v e l o c i t y  f l i g h t  d i r e c t o r  
p i t c h  command s e n s i t i v i t y  t o  f l i g h t  d i r e c t o r  
Abbreviat ions : 
AD I 
ADV 
AST 
dB 
EF 
ENG 
EPNdB 
EPNL 
FAR 
K I A S  
MOD 
PLA 
PNL 
PNLT 
PROC 
SCR 
a t t i  tude d i r e c t o r  i n d i c a t o r  
advanced 
advanced supersoni c techno1 ogy 
dec ibe l  
engine f a i  1 ure 
engine 
e f f e c t i v e  perceived noi se dec ibe l  s 
e f f e c t i v e  perceived noise l e v e l  
Federal Av ia t i on  Regul a t i  ons 
knots o f  i nd i ca ted  airspeed 
mod i f ied  
power 1 ever angle 
perceived noise l e v e l  
tone-corrected perceived noise l e v e l  
procedure 
supersonic c r u i s e  research 
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STD 
TH 
VMS 
VSCE 
standard 
t rack /ho l  d 
v i sua l  mot ion s imu la to r  
v a r i a b l e  stream con t ro l  engine 
DESCRIPTION OF SIMULATED AIRPLANE 
The supersonic c r u i s e  t r a n s p o r t  concept s imulated i n  t h i s  s tudy was a 
res ized vers ion o f  the c o n f i g u r a t i o n  o f  Ref. 3 and i s  descr ibed i n  d e t a i l  
i n  Ref. 2. Reference 2 a l so  presents the mass and dimensional c h a r a c t e r i s t i c s ,  
con t ro l -sur face  d e f l e c t i o n s  and d e f l e c t i o n  r a t e  l i m i t s ,  and most o f  t he  
aerodynamic data used i n  t h i s  study. 
a i rp lane  i s  presented i n  F ig.  1. 
A three-view sketch of t he  s imulated 
To f a c i l i t a t e  s teep-decelerat ing approaches, a speed brake was designed 
which incorporated b i f u r c a t e d  "rudders" on the  two wing f i n s .  
ground r o l l  f o l l o w i n g  touchdown, the  speed brakes and wing s p o i l e r s  were 
u t i l i z e d .  The aerodynamic e f f e c t s  o f  ground p rox im i t y  were obta ined from 
the  t e s t  data o f  Ref. 4. 
est imated by us ing a combinat ion o f  the fo rced o s c i l l a t i o n  t e s t  data o f  
Ref. 5 and the  es t ima t ion  techniques o f  Ref. 6. 
To minimize 
The dynamic aerodynamic d e r i v a t i v e s  were 
The v a r i a b l e  stream c o n t r o l  engine concept, designated VSCE-516, 
was se lected f o r  t h i s  study. 
design th rus t - to -we igh t  r a t i o  o f  0.254 f o r  the  s imulated SCR a i rp lane .  
engine performance data generated by the manufacturer was prov ided i n  the 
form o f  an unpublished data package which inc luded the  performance f o r  a 
standard day p lus  10°C. 
was used f o r  the t a k e o f f  and land ing  analyses as w e l l  as t h e  subsequent 
no ise analyses made du r ing  t h i s  study. 
The engine was scaled t o  meet the  t a k e o f f  
The 
The engine performance f o r  a standard day p l u s  10°C 
DESCRIPTION OF SIMULATION EQUIPMENT 
Studies o f  advanced t a k e o f f  and land ing  procedures f o r  a t y p i c a l  SCR 
t ranspor t  concept were made us ing  the  general-purpose c o c k p i t  o f  t he  Visual  
Mot ion Simulator (VMS) a t  the  Langley Research Center. Th is  ground-based 
six-degree-of-freedom mot ion s imu la to r  had a t ranspor t - t ype  c o c k p i t  which 
was equipped w i t h  convent ional  f l i g h t  and engine- thrust  c o n t r o l s  and w i t h  a 
f l i g h t - i n s t r u m e n t  d i s p l a y  representa t ive  o f  those found i n  c u r r e n t  t r a n s p o r t  
a i rp lanes  (see F ig.  2 ) .  
p i t c h  ra te ,  and f l a p  angle were a l s o  provided. A convent ional  cross- 
po in te r - t ype  f l i g h t  d i r e c t o r  inst rument  was used, and the  command bars 
(cross po in te rs )  were d r i v e n  by t h e  main computer program. 
bar  o f  the AD1 was used f o r  f l i g h t  path c o n t r o l  comnand du r ing  l and ing  
Instruments i n d i c a t i n g  angle o f  a t tack ,  s i d e s l i p ,  
The h o r i z o n t a l  
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approaches, and was a l s o  used as a s i m p l i f i e d  a i rspeed c o n t r o l  command 
d u r i n g  t a k e o f f s .  T h i s  " t a k e o f f "  d i r e c t o r  was programmed w i t h  two o p t i o n s :  
( 1 )  t o  command t h e  p i l o t  t o  c l i m b  a t  an a i rspeed o f  
( 2 )  t o  command t h e  p i l o t  t o  c l i m b  a t  an a i rspeed o f  250 KIAS.  
f o r  b l o c k  diagram o f  t a k e o f f  d i r e c t o r .  
( V 2  + A V ) ;  o r  
See Fig.  3 
The c o n t r o l  f o r c e s  on wheel, column, and rudder  pedals were prov ided 
The system a l l o w s  by a h y d r a u l i c  system coupled w i t h  an analog computer. 
f o r  t h e  usual  v a r i a b l e  f e e l  c h a r a c t e r i s t i c s  o f  s t i f f n e s s  , damping, coulomb 
f r i c t i o n ,  breakout  f o r c e s  , detents ,  and i n e r t i a .  
The v i s u a l  d i s p l a y  o f  an a i r p o r t  scene used was an "out-the-window" 
v i r t u a l  image system o f  t h e  beam s p l i t t e r ,  r e f l e c t i v e  m i r r o r  t y p e  (see 
F ig .  4 ) .  I n  a d d i t i o n  t o  t h e  a i r p o r t  scene presented on the  ou t - the-  
window v i r t u a l  image system, a "head-up" d i s p l a y  was superimposed on t h e  
same system. The head-up p o r t i o n  o f  t h e  d i s p l a y  c o n s i s t e d  o f  ang le  o f  
a t t a c k ,  p i t c h  r a t e ,  and c l i m b  g r a d i e n t  p r e s e n t a t i o n s  t h a t  were used o n l y  
f o r  t h e  t a k e o f f  and c l i m b  maneuvers - t h e  head-up d i s p l a y  was n o t  used 
f o r  l a n d i n g  approaches (see F ig .  5 ) .  
The mot ion  performance c h a r a c t e r i s t i c s  o f  t h e  VMS system possess t i m e  
The washout system used t o  p resent  t h e  l a g s  o f  l e s s  than 50 m i l l i s e c o n d s .  
motion-cue commands t o  t h e  mot ion  base was nonstandard (see Ref. 7) .  
A runway "model" was programmed t h a t  was considered t o  have c e r t a i n  
roughness c h a r a c t e r i s t i c s  and a s lope f rom t h e  c e n t e r  t o  t h e  edge r e p r e s e n t i n g  
was considered i n  t h i s  study. 
- 
a runway crown. On 
The t e s t s  cons 
y a d r y  runway 
TESTS 
s t e d  o f  b o t h  s 
''advanced'' procedures.  A NASA t e s  
AND PROCEDURES 
mulated t a k e o f f s  and l a n d i n g s  u s i n g  
p i l o t  p a r t i c i p a t e d  i n  t h e  s i m u l a t i o n  
program,and h i s  comments d i c t a t e d  t h e  t y p e  o f  p i l o t  i n f o r m a t i o n  d i s p l a y s  
and t h e  degree o f  automat ion t h a t  was developed f o r  per fo rming  t h e  task  o f  
" f l y i n g "  t h e  advanced t a k e o f f  and l a n d i n g  procedures used i n  t h i s  study. 
The p i l o t  i n f o r m a t i o n  d i s p l a y s  ( i n  a d d i t i o n  t o  t h e  normal- type 
d i s p l a y s  used i n  p r e s e n t  day subsonic j e t  t r a n s p o r t s )  c o n s i s t e d  o f  a t a k e o f f  
d i r e c t o r  and a head-up d i s p l a y  - b o t h  p r e v i o u s l y  descr ibed i n  t h i s  paper 
and used o n l y  d u r i n g  t a k e o f f  and c l imb.  The automated f e a t u r e s  c o n s i s t e d  o f  
an a u t o t h r o t t l e  f o r  c o n t r o l l i n g  a i rspeed and an auto-decel  c o n t r o l .  The 
auto-decel  c o n t r o l  was programmed as a p a r t  o f  t h e  a u t o t h r o t t l e  and was used 
o n l y  when t h e  decel  s w i t c h  was a c t i v a t e d  by t h e  p i l o t .  The a u t o t h r o t t l e  
p o r t i o n  o f  t h e  system was sometimes used f o r  b o t h  t a k e o f f s  and land ings ,  
whereas t h e  auto-decel  mode was o n l y  used dur  ng l a n d i n g  approaches (see 
F ig .  6 f o r  b l o c k  diagram o f  a u t o t h r o t t l e ) .  
By o p e r a t i n g  t h e  VSCE engines used i n  t h  
t u r b i n e  i n l e t  temperature,  t h e  maximum t h r u s t  
s s tudy  a t  maximum a l l o w a b l e  
i s  inc reased approx imate ly  
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1 
1 
1 
6 percent  over t h a t  f o r  the  "normal" opera t ion  procedure 
-he h igher  values o f  t h r u s t  a l l ow  the  achievement o f  h igher  speeds, increased 
i f t - d r a g  r a t i o ,  b e t t e r  c l imb performance, and permi t ted  l a r g e r  power c u t -  
backs - r e s u l t i n g  i n  lower community noise.  Therefore, the  i n i t i a l  
t h r u s t  used fo r  t akeo f f s  i n  t h i s  study was 116.4 percent  unless otherwise 
noted. 
(Tma, = 100%). 
A l l  computations were made f o r  a standard day p l u s  10°C. Also, 
Current  Federal 
constant  weights were used f o r  t akeo f f ,  W = 3051.48 ki lonewtons (686000 l b f ) ,  
as w e l l  as  approach and landing,  W = 1744.81 ki lonewtons (392250 l b f )  - 
no weight changes due t o  f u e l  burn were considered. 
Av ia t i on  Regulat ions (FAR'S) were adhered t o  a t  a l l  t imes throughout t h i s  
s imu la t ion  study, w i t h  the  except ion o f  some o f  those presented i n  FAR-36. 
Some o f  the  procedures presented i n  FAR-36, Ref. 1, were n o t  f o l l owed  a t  
a l l  t imes i n  order  t o  determine the  b e n e f i t s  (no ise sav ings)  t h a t  may be 
r e a l i z e d  should these ' ' r u les "  be changed. S p e c i f i c a l l y ,  t h e  r u l e s  l i s t e d  
i n  Ref. 1 t h a t  were n o t  always fo l lowed dur ing  the  present  s tudy were: 
(1  ) A constant  t a k e o f f  con f i gu ra t i on  must be maintained throughout 
the  t a k e o f f  no ise  t e s t ,  except t h a t  t he  l and ing  gear may be 
re t rac ted .  
( 2 )  Takeoff  power o r  t h r u s t  must be used from the  s t a r t  o f  t a k e o f f  
r o l l  t o  a t  l e a s t  an a l t i t u d e  above the runway o f  214 meters 
(700 f t ) .  
(3 )  Upon reaching an a l t i t u d e  o f  214 meters (700 f t ) ,  o r  g rea ter ,  the  
power o r  t h r u s t  may n o t  be reduced below t h a t  needed t o  ma in ta in  
l e v e l  f l i g h t  w i t h  one engine inopera t ive ,  o r  t o  ma in ta in  a f o u r  
percent  c l imb  grad ien t ,  whichever power o r  t h r u s t  i s  greater .  
(4 )  A steady approach speed must be es tab l i shed and maintained over 
the  approach measuring p o i n t .  
(5 )  The approaches must be conducted w i t h  a steady g l i d e  angle o f  
3' 20.5'. 
Noise c h a r a c t e r i s t i c s  o f  the  s imulated SCR concept a t  the  th ree  
measuring s t a t i o n s  prescr ibed i n  Ref. 1 and i n d i c a t e d  i n  F ig .  7 were 
ca l cu la ted  f o r  both t a k e o f f s  and land ing  approaches us ing the  NASA A i r c r a f t  
Noise P red ic t i on  Program (ANOPP) descr ibed i n  Ref. 8. 
Takeoffs were performed us ing  r o t a t i o n  speeds from 172 K I A S  t o  200 KIAS, 
and the  c l imb speeds v a r i e d  from 211 K I A S  t o  250 KIAS. 
takeof fs ,  t h r u s t  reduc t ions  (cut-backs) were made as a f u n c t i o n  o f  d is tance 
from brake re lease and/or a l t i t u d e .  Also, these t h r u s t  reduc t ions  were made 
manually as w e l l  as au tomat ica l l y .  
" f i n a l "  t h r u s t  reduc t ion  was made (always made p r i o r  t o  rezch ing  the  f l y o v e r  
measuring po in t ) ,  the c l imb  g rad ien t  was reduced t o  0.04 (y = 2.3'). 
Dur ing these 
It should be mentioned t h a t  a f t e r  t he  
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Landing approaches were made a t :  ( 1 )  constant speed for various 
constant glideslope angles; and ( 2 )  decelerating speeds for various constant 
glideslope angles. The glideslope angles varied from 3" t o  5", and the 
approach speeds varied from 250 KIAS t o  158 KIAS. 
The results of this study, using the aforementioned evaluation procedures, 
will primarily be presented in the  form of effective perceived noise 
level ( E P N L )  savings as a function of piloting techniques used t o  perform 
takeoffs and landings on the subject SCR transport concept. 
significant results are reviewed i n  the following sections. 
The more 
RESULTS AND DISCUSSION 
The results of  th is  study are discussed i n  terms of the previously 
stated objectives and primarily presented in the form of effective perceived 
noise level ( E P N L )  as the piloting technique varied while performing takeoffs 
and landings on the simulated SCR transport concept. 
discussed pertain t o  j e t  noise only. 
The noise levels 
Takeoff 
Takeoffs were performed using ro t a t ion  speeds ( V R )  from 172 KIAS 
t o  200 KIAS, an angular rotation rate (0) of 3"/second, and " ini t ia l"  
rotation angles of a t t a c k  (aint)  from 4" t o  8" (depending on the desired 
climb speed ( V C ) ) .  The aint as used here i s  the angle of attack t o  which 
the pilot rotates and maintains until V2 i s  achieved. 
Determination of rotation speed.- The procedures used t o  determine the 
minimum and maximum rotation speeds t o  be used in this  simulation study 
were those prescribed i n  FAR-Part 25, (Ref. 9 ) .  I n  general , the range of 
V R ' S  used were selected from the V 1  information.determined on the simulator 
and presented i n  Fig. 8. The Vi concept was developed for civil a i r  
transport certification, and i t s  intent i s  t o  provide the pilot sufficient 
information t o  decide whether t o  refuse or t o  continue the takeoff. If  the 
pilot elects to  refuse the takeoff, the total distance required for the 
maneuver (from brake release, t o  Vi, t o  full s top)  is  called the 
accelerate-stop distance. I f  the pilot elects t o  continue the takeoff, the 
total distance required from brake release, t o  V I ,  t o  an altitude of 
10.7 meters (35 f t )  i s  called the takeoff distance. (As can be seen from 
F i g .  8, the intersection of the two curves (balanced field length) occurs a t  
approximately 172 KIAS.) In addition, Ref. 9 states t h a t  the cri t ical  
engine-inoperative takeoff distance, using a rotation speed of 5 knots less 
t h a n  V R ,  must not  exceed the corresponding cr i t ical  engine-inoperative 
takeoff distance using the established V R .  Therefore, i t  can be seen from 
the "takeoff distance" curve o f  Fig. 8 t h a t  the minimum "established" V R  
should be no less t h a n  approximately 185 KIAS. However, during the present 
simulation program,a minimum V R  = Vi = 172 KIAS was chosen in order t o  get 
the maximum possible variable range for V R  and the corresponding Vc. 
From the "accelerate-stop-di stance" curve, in combination with the 
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" t a k e o f f  d is tance"  curve of F ig .  8, the maximum V R  chosen t o  be used i n  t h i s  
s imu la t ion  program was 200 KIAS,  due t o  t i r e  speed l i m i t a t i o n s .  Thus, the  
range o f  r o t a t i o n  speeds used i n  t h i s  study was from 172 K I A S  t o  200 K IAS,  
r e s u l t i n g  i n  l i f t - o f f  speeds from 193 K I A S  t o  215 KIAS,  respec t i ve l y .  
should a l so  be mentioned t h a t  t he  range o f  V R ' S  used does n o t  exceed the 
l i m i t s  d i c t a t e d  by the  Tenta t ive  Ai rwor th iness Standards fo r  Supersonic 
Transports (unpubl i shed)  . 
3"/sec was used f o r  a l l  t akeo f f s  i n  the  present  study. 
se lected from cons ider ing  t a i l - s c r a p e  as w e l l  as p i lo t -passenger  comfort .  
I t  was a l so  noted t h a t  the nominal angular r o t a t i o n  r a t e  used by the  p i l o t s  
when f l y i n g  the Concorde s imulat ion,  Ref. 10, was approximately 2.8"/second. 
It 
Angular r o t a t i o n  ra te . -  An angular r o t a t i o n  r a t e  (6) o f  approximately 
Th is  va lue was 
I n i t i a l  r o t a t i o n  angle of a t tack . -  The i n i t i a l  a se lec ted  f o r  each 
takeof f  var ied  dependins upon the  se lec ted  r o t a t e  sDeed and c l imb sDeed. 
For example, f o r  a se lec ted  VR o f  172 K I A S  and a c l imb speed o f  V2 + 10 K IA$  
the i n i t i a l  ~1 used f o r  the  bes t  performance was determined t o  be approximately 
8", whereas f o r  a se lec ted  VR o f  200 K I A S  and a Vc o f  250 KIAS,the 
i n i t i a l  ~1 used f o r  the  bes t  performance was determined t o  be approximately 
4". 
Minimum f l y o v e r  no ise  dur ing  t a k e o f f  .- Using s imulated t a k e o f f  procedures 
w i t h  no power cut-backs, the  f l y o v e r  no ise  was ca l cu la ted  t o  be approximately 
118 EPNdB, regard less o f  t he  se lected r o t a t e  speed o r  the  se lec ted  c l imb  
speed,and the  s i d e l i n e  no ise  was ca l cu la ted  t o  be grea ter  than 116 EPNdB 
f o r  a l l  takeof fs .  
The scheme used t o  determine a p i l o t i n g  technique t h a t  would r e s u l t  i n  
acceptable no ise l e v e l s  f o r  bo th  f l y o v e r  and s i d e l i n e  was t o  f i r s t  de f i ne  
the  minimum f l y o v e r  no ise procedure - w i t h  no cons idera t ion  f o r  the  s i d e l i n e  
noise generated. 
Reference 1 s ta tes ,  i n  pa r t ,  t ha t :  (1 )  t a k e o f f  power o r  t h r u s t  must be 
used from the s t a r t  o f  t a k e o f f  r o l l  t o  an a l t i t u d e  o f  a t  l e a s t  214 meters 
(700 f t )  f o r  a i rp lanes  w i t h  more than th ree  engines; (2 )  upon reaching an 
a l t i t u d e  o f  214 meters, the  power o r  t h r u s t  may n o t  be reduced below t h a t  
needed t o  ma in ta in  l e v e l  f l i g h t  w i t h  one engine inopera t ive ,  o r  t o  ma in ta in  
a f o u r  percent c l imb grad ien t ,  whichever power o r  t h r u s t  i s  g rea ter ;  and 
(3 )  a speed o f  a t  l e a s t  V t 10 knots must be maintained throughout t h e  
t a k e o f f  no ise t e s t .  
a l lowable t h r u s t  cutback and t h i s  i s  i n d i c a t e d  i n  F ig .  9. As can be seen, 
f o r  airspeeds grea ter  than approximately 240 K I A S  the four-engine, f o u r  
percent  c l imb grad ien t  c r i t e r i o n  should be used, whereas the  three-engine, 
zero c l imb grad ien t  c r i t e r i o n  should be used f o r  airspeeds below 240 K IAS.  
For the  present study, t he  four-engine, f o u r  percent  c l imb g rad ien t  c r i t e r i o n  
was a r b i t r a r i l y  used f o r  a l l  c l imb speeds considered s ince  i t  was more 
b e n e f i c i a l  a t  the  lower c l imb speeds (Vc < 240 K I A S )  and was almost as 
b e n e f i c i a l  a t  the  h igher  c l imb speeds 
t h r u s t  was reduced t o  71 percent,  a t  the  cutback po in t ,  when the  slowest 
c l imb speed was f lown ( V R  = 172 K I A S  and Vc = V2 + 10 = 211 KIAS) and was 
There f ore, the  f i r s t  task was t o  determine the  amount o f  
(VC > 240 K I A S ) .  Therefore, the n e t  
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reduced t o  58 percent,  a t  t he  cutback po in t ,  when a c l imb  speed o f  250 K I A S  
was f lown. 
an a l t i t u d e  o f  3048 meters (10000 f t )  i s  250 K I A S  due t o  A i r  T r a f f i c  
Control  cons iderat ions.  
( I t  should be noted t h a t  t he  maximum ai rspeed a l lowed below 
The " i d e a l "  cutback a1 t i  tudes were then determined us ing  the  lowest 
VR and Vc i nves t i ga ted  ( V R  = 172 K I A S  and Vc = 211 KIAS), as w e l l  as the 
h ighes t  VR and Vc i nves t i ga ted  ( V R  = 200 K I A S  and V c  = 250 K IAS) ,  
and the r e s u l t s  a re  presented i n  F ig .  10. 
VR = 172 K I A S  and Vc = 211 KIAS the  i d e a l  cutback a l t i t u d e ,  from an 
e f f e c t i v e  perceived no ise  l e v e l  s tandpoint ,  was approximately 400 meters 
(1312 ft), and f o r  VR = 200 K I A S  and Vc = 250 KIAS,  t he  i d e a l  cutback 
a1 ti tude was approximately 290 meters (951 ft). 
t h a t  the f a s t e r  c l imb speed, which al lowed more t h r u s t  cutback, was approx i -  
mately 2 EPNdB l e s s  no isy  than the  slower c l imb speed (107.7 EPNdB compared 
t o  109.6 EPNdB) even though the  cutback a l t i t u d e  was approximately 110 meters 
(361 f t )  lower. 
f o r  the VR = 200 KIAS,  Vc = 250 K I A S  technique was s l i g h t l y  lower than the 
maximum l e v e l  a l lowed (108 EPNdB; Ref. 1 ) .  
I n d i c a t i o n s  a re  t h a t  f o r  
F igure  10 a1 so i nd i ca tes  
It should a l so  be noted t h a t  the  minimum f l y o v e r  EPNL 
These two t a k e o f f  p r o f i l e s  are presented i n  F ig .  11. The p i l o t i n g  
procedures used were t o :  
and 200 KIAS); (b )  a t  VR, 
of 3"/sec t o  an angle o f  a t t a c k  o f  8" and 4", respec t i ve l y ,  and main ta in  
those a 's  u n t i l  V z  was achieved; ( c )  a f t e r  a t t a i n i n g  V2, the  p i l o t  merely 
" f lew"  the  t a k e o f f  d i r e c t o r  commands, which i n  these cases conmanded c l imb  
speeds of V2 + 10 = 211 K I A S  and 250 KIAS,  respec t i ve l y ;  and ( c )  upon 
a t t a i n i n g  the  designated " i dea l  'I cutback a1 t i t u d e s  (400 meters (1312 ft), 
and 290 meters (951 ft), respec t i ve l y )  t h e  c o - p i l o t  reduced the  n e t  t h r u s t  
t o  71 percent  and 58 percent,  respec t ive ly ,  and the  p i l o t  s imultaneously 
reduced the  c l imb g rad ien t  t o  0.04 i n  each instance.  The r e s u l t s  i n d i c a t e  
t h a t  the  a i r p l a n e  was a t  an a l t i t u d e  o f  492 meters (1614 f t )  when i t  f l e w  
over the  no ise  measuring s t a t i o n  (a d is tance o f  6500 meters (21325 f t )  f rom 
brake re lease)  f o r  t he  s lower VR and Vc compared t o  an a l t i t u d e  o f  
420 meters (1378 f t )  f o r  t he  f a s t e r  VR and Vc. The ca l cu la ted  f l y o v e r  
perceived no i  se 1 evel  s (PNL) and e f f e c t i  ve perce ived noi se 1 evel  s (EPNL ) 
are a l so  presented i n  F ig .  11, and i n d i c a t e  t h a t  t h e  maximum ca lcu la ted  
PNL's f o r  the  slower and f a s t e r  t akeo f f s  were 110.8 dB and 109.6 dB, 
respec t ive ly ,  r e s u l t i n g  i n  EPNL's o f  109.6 dB and 107.7 dB, respec t i ve l y .  
Therefore, i t  was concluded t h a t  the  f a s t e r  c l imb speed was more b e n e f i c i a l  
from a noise standpoint,and thus the m a j o r i t y  o f  t he  t a k e o f f s  made and 
discussed throughout the  remainder o f  the  present  s tudy p e r t a i n  t o  r o t a t e  
speeds o f  200 K I A S  and c l imb speeds o f  250 K IAS.  
(a )  acce le ra te  from brake re lease t o  V R  (172 K I A S  
r o t a t e  the  a i r p l a n e  a t  an angular r o t a t i o n  r a t e  
F igure 12 i n d i c a t e s  t h a t  f o r  c l imb speeds g rea te r  than approximately 
233 KIAS,  l ess  t h r u s t  i s  requ i red  t o  t r i m  on a 0.04 c l imb  g rad ien t  f o r  
6f  = 10" than f o r  6 f  = 20". For example, a t  Vc = 250 KIAS, two percent  
l ess  t h r u s t  i s  requ i red  t o  t r i m  f o r  the  6f = 10" c o n f i g u r a t i o n  
(TN = 56 percent  compared t o  58 percent) .  F igure 13 presents the  f l y o v e r  
EPNL savings due t o  r a i s i n g  the  f l a p s  t o  10" ( a f t e r  Vc > 233 K I A S )  and 
ind i ca tes  t h a t  s ince  the  AdB was less  than one f o r  any cutback a l t i t u d e ,  t he  
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con f igu ra t i on  change would probably no t  be j u s t i f i e d .  ( I t  should be noted 
t h a t  Ref. 1 requ i res  a constant  con f igu ra t i on  throughout the t a k e o f f  no ise  
t e s t  - w i t h  the  except ion o f  land ing  gear r e t r a c t i o n . )  
Dur ing the  generat ion o f  the f l i g h t  p r o f i l e s  necessary t o  c a l c u l a t e  the 
corresponding EPNL's shown i n  Figs.  10 and 13, i t  was found t h a t  the  r a t e  o f  
t h r u s t  cutback and the  r a t e  o f  c l imb grad ien t  change were very  impor tant  
as t o  whether the  c l imb speed was maintained. Therefore, ins tead o f  manually 
reducing the t h r u s t  t o  the  spec i f ied  l e v e l  (depending upon the  Vc and Q) ,  
the a u t o t h r o t t l e  was a c t i v a t e d  a t  var ious a l t i t u d e s  and, again, the  c l imb 
g rad ien t  was reduced t o  0.04. These r e s u l t s  a re  presented i n  F ig .  14 and 
compared t o  the  manual t h r o t t l e  cutbacks. 
use of the a u t o t h r o t t l e  makes f o r  approximately one EPNdB savings f o r  the  
" i d e a l "  cutback a l t i t u d e .  
the manual cutback and a u t o t h r o t t l e  a c t i v a t i o n  a t  an a1 t i t u d e  o f  approximately 
290 meters (951 f t ) .  Note t h a t  al though the same approximate a l t i t u d e  
(417 meters (1368 f t ) )  was achieved a t  the f l y o v e r  measuring s t a t i o n  (6500 
meters from brake re lease) , the ca l cu la ted  values f o r  PNL and EPNL were 
somewhat d i f f e r e n t ,  even though both takeo f f s  were f o r  the  same con f igu ra t i on  
and the same takeof f  procedures were used - w i t h  the  except ion o f  the  method 
used t o  reduce the  t h r u s t  a t  the  designated a l t i t u d e .  
the EPNL's were a t t r i b u t e d  t o  the  d i f f e rences  i n  the  t h r u s t  management. 
Note from the  n e t  t h r u s t  t r a c e  t h a t  f o r  the  manual cutback procedure,the 
c o - p i l o t  g radua l l y  reduced the  t h r u s t  f rom Tma t o  58 percent  w i t h  no 
overshoot. 
an overshoot i n  t h r u s t  r e s u l t e d  
a t  one instance)  and the re fo re  the  EPNL was lower a t  t he  measuring s t a t i o n  
due t o  the  lower values o f  n e t  t h r u s t .  It should be noted t h a t  t he  c l imb 
speed was maintained r e l a t i v e l y  constant a t  approximately 250 K I A S  du r ing  
both f l i g h t s .  
The r e s u l t s  i n d i c a t e  t h a t  the  
F igure  15 presents the f l i g h t  p r o f i l e s  comparing 
The d i f f e rences  i n  
However, when the  t h r u s t  was reduce8 by t h e  a u t o t h r o t t l e ,  
(TN became as low as approximately 44 percent 
Obviously, i t  w i l l  be necessary t o  use the  minimum amount o f  t h r u s t  
dur ing  t a k e o f f  i n  o rder  t o  keep the  s i d e l i n e  noise a t  a minimum. However, 
s u f f i c i e n t  t h r u s t  must be used t o  keep the  t a k e o f f  f l y o v e r  no ise  a t  110 EPNdB 
o r  l ess  i n  o rder  t o  even consider  the p o s s i b i l i t y  o f  us ing  the  present  FAR 
t r a d e o f f  capabi 1 i t i e s .  Therefore, t akeo f f s  were performed f o r  which on ly  
100 percent  o f  the  maximum a v a i l a b l e  t h r u s t  was used. F igure  16 presents 
the  ca l cu la ted  f l y o v e r  EPNL's aga ins t  var ious cutback a l t i t u d e s  f o r  i n i t i a l  
values o f  t h r u s t  o f  100 percent  and 116.4 percent, and as can be seen, the 
minimum f l y o v e r  e f f e c t i v e  perceived noise l e v e l  t h a t  was experienced was 
grea ter  than 111 dB when 100 percent t h r u s t  was used f o r  t akeo f f ,  regard less 
o f  the  cutback a l t i t u d e ,  compared t o  a minimum EPNL o f  l e s s  than 108 dB 
when maximum a v a i l a b l e  t h r u s t  (116.4 percent)  was used f o r  t akeo f f .  
It was the re fo re  concluded t h a t  an i n i t i a l  value o f  t h r u s t  g rea ter  than 
100 percent must be used i n  o rder  t o  achieve a f l y o v e r  EPNL equal t o  o r  
l ess  than 110 dB. 
du r ing  the e a r l y  stages o f  the  takeoff ,  t he  t h r u s t  must be reduced below 
100 percent i n  order  t o  reduce the  s i d e l i n e  no ise  being generated -- the 
s i d e l i n e  noise was g rea te r  than 110 EPNdB even when o n l y  100 percent  t h r u s t  
Furthermore, these r e s u l t s  i n d i c a t e d  t h a t  a t  some p o i n t  
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was used f o r  t akeo f f .  
g rea ter  than 116 EPNdB f o r  the  maximum t h r u s t  t akeo f f . )  
(As mentioned prev ious ly ,  t he  s i d e l i n e  no ise  was 
Summary o f  r e s u l t s  p e r t a i n i n g  t o  minimum f l y o v e r  no ise  dur ing  t a k e o f f  .- 
With no cons idera t ion  given t o  the s i d e l i n e  no ise  beinq generated, var ious 
t a k e o f f  procedures were used i n  an at tempt t o  d e f i n e  the- "bes t "  p i l o t i n g  
procedure t h a t  cou ld  be used i n  order  t o  c rea te  the minimum e f f e c t i v e  
perceived noise l e v e l  a t  the f l y o v e r  no ise measuring s t a t i o n  (6500 meters 
from brake re lease) .  The more s i g n i f i c a n t  r e s u l t s  were as fo l l ows :  
'With no power cutbacks the  f l y o v e r  EPNL was approximately 118 dB, 
regard less o f  t he  r o t a t e  speed and/or c l imb speed. 
'Using the  no ise  abatement takeo f f  procedures p resen t l y  a1 lowed by the  
Federal Av ia t i on  Regulat ions o f  Ref .  1, the maximum al lowed r o t a t i o n  speed 
and c l imb speed (VR = 200 K I A S  and Vc = 250 K I A S )  were the  most b e n e f i c i a l  
f o r  c rea t i ng  the  minimum noise a t  the  designated f l y o v e r  no ise  measuring 
s t a t i o n .  This  t a k e o f f  procedure resu l ted  i n  a f l y o v e r  EPNL o f  107.7 dB, 
which met the  108 EPNdB requirement o f  Ref. 1. 
de f  
(as 
'Minor a d d i t i o n a l  no ise b e n e f i t s  cou ld  be r e a l i z e d  by reducing the  f l a p  
ec t ions  from 20" : to  10" f o r  airspeeds g rea te r  than approximately 233 K IAS.  
'Addi t ional  no ise  b e n e f i t s  were gained by a c t i v a t i n g  the  a u t o t h r o t t l e  
opposed t o  manual t h r o t t l e  manipulat ions)  a t  t h e  " i d e a l "  cutback a l t i t u d e .  
The bes t  advanced p i l o t i n g  procedure used du r ing  t h i s  s tudy f o r  
minimum f l y o v e r  noise, d is regard ing  the  side1 i n e  no ise  being generated, 
was as fo l lows:  
w i t h  maximum a v a i l a b l e  t h r u s t  (116.4 percent) ,  acce le ra te  the  
a i r p l a n e  from brake re lease t o  200 KIAS;  
a t  V = 200 K I A S ,  r o t a t e  the  a i r p l a n e  a t  an angular r o t a t i o n  r a t e  
o f  3"/sec t o  an angle o f  a t tack  o f  4". 
a f t e r  1 i f t o f f ;  
Re t rac t  the  land ing  gear 
is def ined as the  
(hL.G, = 10.67 m vf main ta in  a = 4" u n t i l  V 2  i s  achieved; a i r c r a f t  v e l o c i t y  a t  the hypothe t ica l  obstac e 
(35 f t ) ) ;  
acce le ra te  the  a i r p l a n e  from V2 t o  a c l imb  speed o f  250 K I A S  
(Vc = 250 K I A S  i s  the  maximum speed a1 lowed below an a1 ti tude 
o f  3048 m (10000 f t ) ) ;  
p r i o r  t o  achiev ing Vc = 250 KIAS,  reduce t h e  f l a p  d e f l e c t i o n s  
f rom 20" t o  10"; and 
a t  an a l t i t u d e  o f  290 m (951 f t ) ,  a c t i v a t e  the  a u t o t h r o t t l e  and 
reduce the  c l imb grad ien t  t o  0.04. 
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This  t a k e o f f  procedure r e s u l t e d  i n  a f l y o v e r  no ise  l e v e l  o f  106.7 EPNdB, 
which i s  1.3 dB less  than the  maximum al lowed EPNdB o f  108 (Ref. 1 ) .  
S i d e l i n e  noise considerat ions du r ing  takeof fs . -  I n  an at tempt  t o  
determine a t a k e o f f  procedure t h a t  would a l l ow  the  use o f  t h e  aforementioned 
noise t r a d e o f f s  between the f l y o v e r  noise,  s i d e l i n e  noise,  and approach 
noise and thus meet the  108 EPNdB requirements o f  Ref. 1, var ious  p i l o t i n g  
procedures were used du r ing  s imulated takeof fs .  
e a r l i e r  t h a t  the  most advantageous procedure f o r  f l y o v e r  no ise was t o  
r o t a t e  as l a t e  as poss ib le  and c l imb as f a s t  as poss ib le ,  the  m a j o r i t y  
o f  the  " s i d e l i n e  noise"  takeo f f s  were made f o r  which VR was 200 KIAS 
and Vc was 250 K IAS.  
Since i t  was determined 
F igure 17 i n d i c a t e s  the  s i d e l i n e  e f f e c t i v e  perce ived no ise  l e v e l s  
ca lcu la ted  f o r  a standard procedure (no FAR r u l e s  were broken) takeo f f .  
Note t h a t  t he  s i d e l i n e  EPNL approaches 108 dB approximately 1800 meters 
(5906 f t )  a f t e r  brake re lease and has exceeded 110 dB p r i o r  t o  l i f t o f f  
( X  = 2496 m (8189 ft)). Therefore, i t  was obvious t h a t  some degree o f  
power cutback would be requ i red  p r i o r  t o  l i f t o f f  i n  o rder  t o  keep the  s i d e l i n e  
noise equal t o  o r  l e s s  than 110 EPNdB, the  maximum l e v e l  t h a t  would a l l ow  the  
use o f  the  p rev ious l y  discussed noise t r a d e o f f  c r i t e r i o n .  
Various p i l o t i n g  techniques were then used i n  an at tempt  t o  determine 
the  optimum t a k e o f f  procedure i n s o f a r  as the  minimum s i d e l i n e  and f l y o v e r  
j e t  no ise were concerned. Power cutbacks were made a t  var ious  d is tances 
from brake re lease as w e l l  as a t  var ious a l t i t u d e s  i n  an at tempt  t o  keep the  
s i d e l i n e  no ise  t o  a minimum. Then - a " f i n a l "  power cutback was made 
(sometimes a u t o t h r o t t l e  was used) and the  c l imb g r a d i e n t  reduced t o  0.04, 
p r i o r  t o  reaching the  f l y o v e r  no ise  measuring s t a t i o n ,  i n  o rder  t o  keep the  
f l y o v e r  EPNL t o  a minimum. The o b j e c t i v e  was t o  keep the  s i d e l i n e  EPNL 
equal t o  o r  l e s s  than 110 dB and a t  the  same t ime keep the  f l y o v e r  EPNL 
equal t o  o r  l ess  than 109 dB. 
A t y p i c a l  t a k e o f f  us ing  "advanced" procedures i s  presented i n  F ig .  18. 
The p i l o t i n g  procedures used were as fo l lows:  
(a)  w i t h  the  f l a p s  s e t  a t  Z O O ,  and us ing maximum a v a i l a b l e  t h r u s t ,  
( b )  a t  V = 200 KIAS,  r o t a t e  a t  a 6 #3"/sec 
acce le ra te  the  a i r p l a n e  from brake re lease t o  V = 200 KIAS;  
t o  an i n i t i a l  angle o f  
a t t a c k  o f  approximately 4". 
V a 2 0 8  KIAS, 
A t  X ss 2225 meters (7300 f t)  and 
reduce the  n e t  t h r u s t  t o  110 percent; 
( c )  a f t e r  l i f t o f f  ( X  ta 2500 meters (8202 ft) and V ta 217 KIAS), 
r a i s e  the  l and ing  gear and acce le ra te  t o  V2 w h i l e  ma in ta in ing  
a w 4"; 
(d )  a t  V2, which was approximately 235 KIAS, reduce the  n e t  t h r u s t  
t o  90 percent  and, by f o l l o w i n g  the  commands o f  t h e  t a k e o f f  
d i r e c t o r ,  acce le ra te  t o  250 K IAS.  P r i o r  t o  a t t a i n i n g  V c  = 
250 KIAS,  r a i s e  the  f l a p s  from 20" t o  10'; and 
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(e )  cont inue the  c l imb-out  a t  Vc = 250 K I A S .  A t  an a l t i t u d e  o f  
approximately 185 meters (607 f t )  , a c t i v a t e  the  a u t o t h r o t t l e  
and reduce the c l imb  grad ien t  t o  0.04. 
F igure 18 i nd i ca tes  t h a t  the s i d e l i n e  EPNL exceeds 108 dB a t  X a 2 7 0 0  meters 
(8858 f t )  from brake re lease and t h a t  t he  maximum s i d e l i n e  EPNL was 109.8 dB, 
occur r ing  a t  X R3350 meters (10991 f t ) .  Note t h a t  an a l t i t u d e  o f  254 
meters (833 f t )  was a t t a i n e d  a t  the  f l y o v e r  no ise measuring s t a t i o n  and t h a t  
the ca l cu la ted  f l y o v e r  EPNL was 108.1 dB. 
t h a t  the a u t o t h r o t t l e  caused the  n e t  t h r u s t  t o  overshoot the  al lowed l e v e l  
o f  56 percent.  (TN a c t u a l l y  became as low as 38 percent  a t  one p o i n t  and 
was less  than 56 percent  f o r  approximately 5 seconds, which corresponded 
t o  the t ime j u s t  p r i o r  t o ,  and immediately a f t e r ,  f l y i n g  over the  f l y o v e r  
no ise measuring s t a t i o n . )  It i s  be l ieved t h a t  a l though t h i s  la rge ,  temporary, 
t h r u s t  reduc t i on  exceeded the  l i m i t  a l lowed (F ig .  12), f l i g h t  sa fe ty  would 
n o t  be jeopard ized i n  tha t ,  f o r  example, should an engine f a i l  dur ing  
the t ime the  a u t o t h r o t t l e  had d r i v e n  the  t h r u s t  t o  t h i s  "unacceptably" 
low value, the a u t o t h r o t t l e  would very q u i c k l y  command s u f f i c i e n t  t h r u s t  
01) the remaining th ree  ( 3 )  engines t o  ma in ta in  an a i rspeed o f  250 KIAS. 
It i s  the re fo re  concluded t h a t  t h i s  p i l o t i n g  procedure i s  a r e a l i s t i c  and 
safe t a k e o f f  procedure i f  a u t o t h r o t t l e  i s  used, and t h a t  by u t i l i z i n g  the  
aforementioned t r a d e o f f  c r i t e r i o n ,  the  t raded no ise  can be kept  below 
108 EPNdB a t  the designated measuring s ta t i ons ,  again assuming t h a t  the  
approach noise i s  no more than 105 EPNdB. 
It should a l s o  be mentioned 
E f f e c t s  of modi fy ing the  VSCE engine f o r  maximum coannular acoust ic  
b e n e f i t . -  As mentioned prev ious ly ,  the no ise  l e v e l s  discussed i n  t h i s  paper 
are those due t o  j e t  no ise only .  
sh ie ld ing  on the s i d e l i n e  no ise  l e v e l s  have n o t  been inc luded i n  the  no ise  
calculations,and,therefore,the s i d e l i n e  no ise  l e v e l s  discussed p rev ious l y  
f o r  t akeo f f s  would have been somewhat lower i f  the  engine-sh ie l  d ing  e f f e c t s  
were included. I t  was a l so  determined du r ing  the  s imu la t i on  program t h a t  
very l a r g e  cutbacks i n  t h r u s t  were poss ib le  i n  order  t o  reduce the  f l y o v e r  
no ise dur ing  t a k e o f f .  I t  was r e a l i z e d  a t  t h a t  t ime t h a t  t he  des ign o f  t he  
s imulated VSCE engine was such t h a t  the  coannular nozz le acous t ic  b e n e f i t  
was l o s t  f o r  t h r u s t  s e t t i n g s  below approximately 60 percent.  
general, the  f l y o v e r  j e t - n o i s e  l e v e l s  discussed p rev ious l y  would be somewhat 
lower i f  the  coannular b e n e f i t  cou ld  be mainta ined f o r  t h r u s t  s e t t i n g s  
lower than 60 percent.  
The engine designers were the re fo re  asked t o  i n v e s t i g a t e  the  impact of 
r e t a i n i n g  the coannular nozz le acous t ic  b e n e f i t  a t  cutback t h r u s t  s e t t i n g s  
approaching 40 percent  o f  maximum t h r u s t .  These data were supp l ied  f o r  use 
i n  the present s imu la t i on  study w i t h  the warning t h a t  design changes t o  the  
"cur ren t "  VSCE engine migh t  be requi red,  w i t h  p o t e n t i a l  impact on weight and 
performance. Nevertheless , these "modif ied" engine data were used t o  repeat  
some o f  the  advanced procedure takeoffs,and the r e s u l t s  i n d i c a t e d  t h a t  
al though the  engine m o d i f i c a t i o n  d i d  n o t  improve the  s i d e l i n e  EPNL, the  
f l y o v e r  EPNL was reduced approximately 2 dB. 
procedure i nd i ca ted  i n  F ig .  18, b u t  us ing the  mod i f ied  VSCE engine, reduced 
the f l y o v e r  j e t  no ise from 108.1 EPNdB t o  106.0 EPNdB.) 
For example, the  e f f e c t s  o f  engine 
Therefore, i n  
(Repeating the  takeof f  
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Landing Approaches 
Reference 1 s t a t e s  t h a t  a constant airspeed and configuration must be 
maintained on a constant glide angle of 3" k0.5" throughout the landing 
approach noise t e s t .  However, for  the purposes of t h i s  study, a l l  of these 
were varied in an attempt t o  determine the noise benefits t h a t  could be 
realized should these ' 'rules" be changed. During the present simulation 
study, landing approaches were made a t  constant speed fo r  various constant 
glideslope angles, as well a s  for  decelerating speeds for  various constant 
gl ideslope angles. (Segmented approaches were not performed. ) The glideslope 
angles varied from 3" t o  5", and the approach speeds varied from 250 KIAS 
to 158 KIAS during the decelerating approaches. 
Reference 1 (FAR-36) 1 anding approach t e s t  procedure. - The approach 
noise calculated usinq a constant airspeed of 158 KIAS, a constant confiqura- 
t i o n ,  and a constant glide angle of 3"' was 101.5 EPNdB. 
approach noise was well below the allowed 108 EPNdB, and i n  fac t  was 
suff ic ient ly  low t o  allow the use of the tradeoff rules previously discussed. 
Note t h a t  th i s -  
Constant speed fo r  various constant glide angles.- Landing approaches 
were made usinq a constant confisuration and a constant airspeed o f  158 KIAS 
for  various constant glideslopes: 
discussed above, glide angles of 4" and 5" were used, and the result ing 
calculated effect ive perceived noise levels were 96.8 EPNdB and 92.3 EPNdB, 
respecti vel y . 
In addition t o  the standard 3" glideslope 
Decelerating speeds for  various constant glide angles.- During the 
decelerating approaches, an i n i t i a l  airspeed of 250 KIAS was used and the 
final airspeed used was 158 KIAS. ( I t  should be noted that  speed brakes 
were sometimes used during the decelerating approaches. ) 
indicated t h a t  only minor noise reduction benefits were gained by flying 
decelerating approaches. For example, the approach noise for  a glideslope 
of 4" and a constant airspeed of 158 KIAS was 96.8 EPNdB; whereas for  the 
same glideslope (4") and decelerating from an i n i t i a l  airspeed of 250 KIAS 
to V = 158 KIAS, the calculated approach noise was 95.4 EPNdB, a reduction 
of only 1 .4  EPNdB. 
The resu l t s  
Summary of resul ts  pertaining to  landing approach noise te;ts.- I t  was 
determined t h a t  the calculated landing approach effect ive perceived noise - . .  
level for  the simulated SCR t r anspor t  concept, using present-day FAR-36 
t e s t  procedures, was 101.5 EPNdB, which was well below the allowed 108 EPNdB. 
I t  was also found t h a t  substantial noise reduction benefits could be gained 
by increasing the glide angle and flying a constant airspeed, b u t  that  only 
minor additional noise reduction benefits were realized by flying decelerating 
approaches. 
approach produced minor noise benefits insofar as the noise a t  the approach 
noise measuring s ta t ion of Ref. 1 (2000 meters short of the runway threshold, 
Fig. 7 )  , decelerating approaches should be very beneficial for! reducing the 
approach noise contours ( footpr in ts ) .  
resul ts  that  these ttlow'I noise levels underscore the need for  examining 
I t  should be noted,however,, t h a t  although the decelerating 
I t  i s  also concluded from these 
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other  no ise sources such as engine fan  noise,  turbomachinery no ise,  and 
a i r f rame noise. 
Noi se Tradeoffs 
The Federal A v i a t i o n  Regulat ions Noise Standards, Ref. 1 , d i c t a t e  a 
maximum no ise  l i m i t  of 108 EPNdB a t  the  approach, s i d e l i n e ,  and f l y o v e r  
no ise measuring s ta t i ons .  
s ta t i ons .  ) However, Ref. 1 a1 lows t radeof fs  between the  approach, s ide1 ine,  
and f l y o v e r  no ise l e v e l s  i f :  (1)  the sum o f  the  exceedance i s  n o t  g rea ter  
than 3 EPNdB; (2 )  no exceedance i s  g rea ter  than 2 EPNdB; and (3 )  t h e  
exceedances are  completely o f f s e t  by reduct ions a t  o the r  requ i red  measuring 
po in ts .  Therefore, these noise t r a d e o f f  r u l e s  were app l i ed  t o  the  noise 
l e v e l s  ca l cu la ted  du r ing  the  p rev ious l y  discussed t a k e o f f s  and landings 
performed us ing  var ious  p i l o t i n g  procedures. 
(See Fig.  7 f o r  l o c a t i o n  o f  no ise  measuring 
Takeoff  and land ing  us ing  standard procedures.- The term "standard 
procedure," as used i n  t h i s  paper, app l ies  t o  the  p i l o t i n g  procedure used 
t h a t  abides by a l l  present-day Federal A i r  Regulations, and i n  p a r t i c u l a r ,  
the noise standards c e r t i f i c a t i o n  regu la t i ons  o f  Ref. 1. The minimum 
f lyover  no ise obtained, us ing  standard procedure, was 107.7 EPNdB (F ig.  11),  
and the  s i d e l i n e  noi:se produced was 114.8 EPNdB (F ig .  17).  
s ince the  approach no ise  was 101.5 EPNdB, the  t raded no ise  was 112.8 EPNdB. 
It should be mentioned t h a t  t h i s  t raded noise could be reduced by us ing  l e s s  
i n i t i a l  t h r u s t  f o r  t akeo f f ,  thereby reducing the  s i d e l i n e  no ise  t o  some 
ex ten t  and a l l ow ing  the  f l y o v e r  no ise  t o  become grea ter .  For example, i f  
100 percent  of t h r u s t  (as opposed t o  116.4 percent)  was used f o r  t akeo f f ,  
the  f l y o v e r  no ise  would increase t o  111.7 EPNdB, and t h e  s i d e l i n e  noise 
would decrease t o  112.3 EPNdB, producing a t raded no ise  l e v e l  o f  110.5 EPNdB. 
However, t he  t raded no ise  fo r  e i t h e r  procedure was we l l  above the  al lowed 
108 EPNdB. 
Therefore, 
Advanced procedure used f o r  t akeo f f . -  The term ''advanced procedure," 
as used w i t h i n  t h i s  paper, app l i es  t o  the  p i l o t i n g  procedure used t h a t  d i d  
n o t  abide by the  recommended FAR-36 no ise  t e s t  procedures f o r  a i r p l a n e  
c e r t i f i c a t i o n  (Ref. 1 ) .  Advanced p i l o t i n g  procedures were developed i n  an 
at tempt t o  decrease the  s i d e l i n e  noise generated du r ing  t a k e o f f .  These 
procedures were discussed p rev ious l y  and presented i n  F ig .  18. 
no ise  l eve l s ,  us ing  these procedures, were ca l cu la ted  t o  be 108.1 EPNdB 
f o r  f l y o v e r  and 109.8 EPNdB f o r  s ide l i ne ,  r e s u l t i n g  i n  a t raded no ise  
l e v e l  o f  107.8 EPNdB. 
t raded no ise  l e v e l  was reduced by 5 EPNdB. 
t raded noise l e v e l  (107.8 EPNdB) meets the  noise l i m i t  requirements o f  
108 EPNdB, Ref. 1. 
The t a k e o f f  
Therefore,  by us ing  these advanced procedures, the  
It should a l s o  be noted t h a t  t h i s  
Advanced procedure and mod i f ied  VSCE engine used f o r  t akeo f f . -  As 
discussed prev ious ly ,  t h e  s imulated VSCE engine was mod i f ied  i n  o rder  t o  
r e t a i n  the  coannular nozz le acous t ic  b e n e f i t  a t  much lower  t h r u s t  s e t t i n g s  
than the  bas ic  engine design. Also, the use o f  t h i s  mod i f ied  engine reduced 
the  f l y o v e r  no ise  from 108.1 EPNdB t o  106.0 EPNdB when t h e  same procedures 
were used f o r  t a k e o f f .  (The mod i f ied  engine d i d  n o t  a f f e c t  t he  s i d e l i n e  
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noise generated. ) 
use with the modified engine in an attempt to  fur ther  reduce the sideline 
noise level (allowing the flyover noise t o  increase above 106.0 EPNdB) 
and thus reduce the traded noise level below 107.8 EPNdB. 
procedure used i s  presented i n  F ig .  19 and was as follows: 
Therefore, a new takeoff procedure was developed for  
The piloting 
( a )  with the flaps se t  a t  Z O O ,  and using maximum available thrust, 
( b )  a t  V = 200 KIAS, 
accelerate the airplane from brake release to  V = 200 KIAS; 
attack of approximately 4"; 
rotate  a t  a 6 e 3"/sec to  an i n i t i a l  angle o f  
( c )  a f t e r  l i f t o f f  ( X  k: 2496 meters (8188 f t )  and V fil 218 KIAS), 
ra ise  the landing gear and accelerate t o  V2 while maintaining 
a = 4"; 
( d )  a t  V2, which was approximately 235 KIAS, reduce the net thrust 
t o  75 percent and ,  by following the commands of the takeoff 
director,  accelerate t o  250 KIAS. Prior to  a t ta ining Vc = 
250 KIAS, ra ise  the flaps from 20" t o  10"; and 
( e )  continue the climb-out a t  Vc = 250 KIAS. A t  an a l t i tude  of 
approximately 152 meters (500 f t )  , act ivate  the autothrot t le  
and reduce the climb gradient to  0.04. 
Figure 19 indicates t h a t  the flyover noise was 106.8 EPNdB and the maximum 
sideline noise was 108.2 EPNdB, occurring a t  X ta 2743 meters (9000 f t )  ; 
thus the traded noise would be 106.2 EPNdB. 
noted here i s  t h a t  the maximum sideline noise occurred prior t o  reaching 
the end of the runway. 
An interest ing p o i n t  t o  be 
I t  i s  concluded from these resul ts  t h a t  by u s i n g  advanced takeoff 
procedures, the simulated SCR transport concept, w i t h  the modified VSCE 
engines, readily meets the noise cer t i f ica t ion  standards of Ref. 1 .  
The histogram presented i n  F i g .  20 summarizes the traded noise levels 
calculated for the various conditions and t e s t  procedures flown d u r i n g  the 
present study. I t  can be seen that  by using "advanced" takeoff procedures, 
the traded noise level for  the subject SCR transport concept can be reduced 
by approximately 4.5 EPNdB. 
Impact of Advanced Procedures on Flight Safety 
As Determined by Recovery From Crit ical  Engine Failure 
The advanced takeoff procedures developed for  the subject SCR transport 
involved violating some of the current FAA noise cer t i f ica t ion  t e s t  conditions, 
Ref. 1 ,  i n  order t o  meet the required noise levels.  
were required t o  meet the required noise levels during landing approach.) The 
three rule violations were as follows: 
(No rule violations 
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( 1 )  Reference 1 required t h a t  takeoff power or thrust  be used from the 
s t a r t  of takeoff roll t o  a t  l ea s t  an a l t i tude  of 214 meters 
(700 f t )  for airplanes w i t h  more than three turbojet  engines. 
[During the present SCR simulation program, thrust reductions 
were required a t  a l t i tudes below 214 meters i n  order to  meet 
the takeoff side1 ine noise requirement.] 
( 2 )  Reference 1 states tha t  upon reaching an a l t i t ude  of 214 meters 
(700 f t ) ,  the power o r  thrust may n o t  be reduced below t h a t  
needed to  maintain level f l i gh t  w i t h  one engine inoperative, or 
t o  maintain a four percent climb gradient, whichever power or 
thrust  i s  greater.  
[Dur ing  the SCR simulation program, i t  was determined t h a t  larger 
temporary thrust reductions reduced the flyover noise a t  the 
flyover noise measuring station - and the climb speed could 
s t i l l  be maintained.] 
( 3 )  Reference 1 s t a t e s  that  a constant takeoff configuration must 
be maintained throughout the takeoff noise t e s t ,  except that  the 
landing gear may be retracted. 
[ I t  was determined d u r i n g  the SCR simulation program that  
additional noise reduction could be achieved by raising the f laps  
from 20" t o  10" for  climb speeds greater than 233 KIAS.] 
O f  these three ( 3 )  rule  violations,  the number (1) rule l i s t ed  above i s  
of primary importance. T h a t  i s ,  only minor noise reduction benefits 
were realized by violating the rules l i s t ed  above as numbers ( 2 )  and ( 3 ) .  
Obviously, i t  must be shown t h a t  violating these current FAA rules 
does n o t  jeopardize f l i g h t  safety. 
procedure takeoffs were repeatedly performed,and an outboard engine 
was failed a t  various locations d u r i n g  the takeoff. 
tha t  the most c r i t i c a l  stage o f  the takeoff was immediately a f t e r  l i f t o f f .  
Therefore, one location included dur ing  the engine-failure takeoffs was 
the point immediately following the thrust  cutback made upon a t t a i n i n g  V2 
(a l t i tude  of 10.67 meters (35 f t ) ) , and  this time history is  presented i n  
F i g .  21. After the number 4 engine (outboard engine on r ight  wing)  was 
fa i led ,  the p i l o t  advanced the thrust on the remaining three engines, 
attempted t o  maintain wings-level and heading, and continued to  accelerate 
t o  a VC of 250 KIAS. As indicated in F i g .  21, the wings were kept 
w i t h i n  21" of  being level and the heading was maintained w i t h i n  approximately 
2". 
To demonstrate this, the advanced- 
The t e s t  p i lo t  f e l t  
The p i lo t  commmented tha t  the aforementioned advanced takeoff procedures 
posed no safety problems. He stated t h a t ,  due t o  the excess thrust  available 
on the simulated airplane, a f t e r  attaining approximately 230 KIAS, instead 
of declaring an engine-failure an emergency s i tuat ion,  the p i lo t  could safely 
choose to  continue t o  follow the noise abatement procedure. 
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CONCLUDING REMARKS 
The subject piloted s imula t ion  study was conducted using the AST-105-1 
Supersonic Crui se Research (SCR) transport concept t o  determine: 
( a )  advanced takeoff and landing procedures for  which the Federal Aviation 
Regulations (FAR) noise level requirements could be met; ( b )  i f  a p i lo t  
w i t h  average s k i l l s  could perform the task of flying the suggested profiles 
without compromising f l i g h t  safety; ( c )  the degree of automation required; and 
( d )  the p i lo t  information displays required. 
summarize the resul ts  of t h i s  study which support the following major 
conclusions. 
T h i s  paper has attempted to  
Utilizing the current Federal Aviation Regulations t e s t  procedures 
for  a i r c ra f t  noise cer t i f ica t ion  produced the followin resul ts :  ( a )  the 
landing approach effect ive perceived noise level ( E P N L  B was 101.5 dB; 
( b )  the flyover EPNL was 107.7 dB; and ( c )  the s idel ine EPNL was 114.8 dB. 
Advanced takeoff procedures were devel oped tha t  involved violating three 
of the current FAR noise t e s t  conditions. These were: 
a t  a l t i tudes below 214 meters (700 f t ) ;  (b)  thrust cutbacks below those 
presently allowed; and ( c )  configuration change, other t h a n  raising the 
landing gear. 
three exceptions, the calculated effect ive perceived noise levels for  
flyover and sideline were 108.1 dB and 109.8 dB, respectively. 
( a )  thrust cutbacks 
Utilizing the current FAR noise t e s t  conditions, w i t h  these 
The basic variable stream control engine (VSCE)  used i n  this study 
was modified in order t o  retain the coannular nozzle acoustic benefit a t  
thrust  levels below 50 percent. 
advanced takeoff procedure was also modified i n  an attempt t o  reduce the 
takeoff noise levels below the presently allowed 108 EPNdB. 
"up-dated'' takeoff procedure and modified engine, the flyover noise was 
calculated to be 106.8 EPNdB and  the s idel ine noise was 108.2 EPNdB. 
With th i s  engine modification, the 
W i t h  this 
Utilizing the current FAR noise tradeoff rules ,  i t  was determined 
that  the traded noise level was 110.5 EPNdB, when u s i n g  current FAR noise 
cer t i f icat ion t e s t  conditions, compared to  a traded noise level of 106.2 
EPNdB when advanced takeoff procedures were used - a traded noise reduction 
of approximately 4.5 EPNdB. 
evaluated during this study d i d  not compromise f l i g h t  safety. 
I t  was determined t h a t  the advanced takeoff procedures developed and 
I t  is concluded t h a t  the subject SCR transport concept, w i t h  the 
augmented variable stream control engines modified to  maintain i t s  coannular 
nozzle acoustic benefit a t  thrust  set t ings below 50 percent, cbn meet the 
current FAA noise standards i f  the current noise cer t i f ica t ion  t e s t  
conditions are modified i n  such a manner to  allow maximum performance 
ut i l izat ion of the a i r c ra f t  - as long as i t  does not jeopardize f l i g h t  
safety. 
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I t  i s  fur ther  concluded tha t  the automation o f  some o f  the a i r c r a f t  
functions reduced the pi l o t  workload when performing the advanced procedure 
takeoffs,  and tha t  very simple pi lot ing displays seemed t o  be adequate 
f o r  the task. 
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(a) Visual Motion Simulator (VMS). 
(b) Instrument panel. 
Figure 2.- VMS and instrument d i sp lay .  
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* S W I T C H E S  ACTIVATED A T  PREDETERMINED CAPTURE VELOCITY 
I I 
A e ~  IAS 
r - - - - -  - - I  
ae I 
FUNCTION GENERATOR 
+ 
- A &  
h 
F igure  3 . -  Block diagram of takeoff  d i r e c t o r .  
(a) Head-up d i s p l a y  superimposed on a i r p o r t  scene. 
F igu re  4 . -  V i e w  of a i r p o r t  scene  as seen  by p i l o t .  
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(b) Approach scene.  
(c) Landing scene.  
F igure  4,-  Concluded. 
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Figure 5.- Sketch of head-up display. 
Figure 6.- Block diagram of autothrottle. 
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Figure 7.- Noise measurement locations for takeoff and landing. 
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Figure 8.- Indication of three-engine balanced field length. 
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Figure 9.- Net thrust and airspeed used in establishment of allowable thrust 
cutback. 
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INTRODUCTORY REMARKS 
Warner L. Stewart  
NASA L e w i s  Research Center 
Achievement of a v i a b l e ,  advanced supersonic  t r a n s p o r t  w i l l  r e q u i r e  
so lv ing  many cha l lenging  technologica l  problems i n  areas such as those shown 
i n  f i g u r e  1. Of these ,  propuls ion - t h e  s u b j e c t  of t h i s  s e s s i o n  - is  one of 
t he  most c r i t i c a l  elements of t h i s  type  a i r c r a f t .  The f u e l  requi red  t o  
ope ra t e  t h e  engine i s  t h e  heav ie s t  s i n g l e  c o n s t i t u e n t  of t h e  a i r p l a n e  takeoff  
weight. I n  a d d i t i o n ,  t h e  engine is t h e  p o t e n t i a l  sou rce  of o f f e n s i v e  
p o l l u t i o n  and noise .  
The propuls ion system design must thus  respond t o  t h e  o f t en -conf l i c t ing  
requirements of good performance both subson ica l ly  and supe r son ica l ly  whi le  
s a t i s f y i n g  t h e  a p p l i c a b l e  environmental c o n s t r a i n t s .  An ex tens ive  research  
program has  been sponsored by NASA t o  advance t h e  necessary  propuls ion 
technologies ,  as o u t l i n e d  i n  f i g u r e  2. A cont inuing  series of propuls ion 
system s t u d i e s  have been performed by t h e  two p r i n c i p a l  engine company 
con t r ac to r s ,  General Electr ic  Co. and P r a t t  & Whitney A i r c r a f t .  I n  conjunct ion 
wi th  o v e r a l l  a i r p l a n e  system s t u d i e s  by NASA-Langley and i t s  c o n t r a c t o r s ,  
candida te  engine types have been analyzed i n  p rogres s ive ly  more d e t a i l .  
s t u d i e s  were supported by r e sea rch  i n  emissions and no i se .  Two promising 
var iab le-cyc le  concepts  were i d e n t i f i e d  by t h e  s t u d i e s ,  and la rge-sca le  
experiments were i n i t i a t e d  t o  explore  t h e i r  c r i t i ca l  components. More 
r e c e n t l y ,  a d d i t i o n a l  r e sea rch  has been s t a r t e d  on t h e  i n l e t s  and nozzles  
t h a t  are necessary f o r  t h e  complete propuls ion system. 
The 
Figure 2 a l s o  serves as a roadmap f o r  t h e  o rgan iza t ion  of t h e  se s s ion .  
Authors from each engine company w i l l  p r e sen t  a paper on t h e  cyc le  s t u d i e s ,  
followed by a paper on t h e  r e l a t e d  engine t e s tbed  program. The f i f t h  paper 
dea l s  wi th  t h e  ques t ion  of i n l e t  design f o r  t h e s e  types of engine systems. 
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Figure  1.- Supersonic c r u i s e  research .  
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SUPERSONIC CRUISE RESEARCH PROPULSION SYSTEM 
STUDIES - SLIDE PRESENTATION 
R. D.  Allan and J .  E. Johnson 
General Electric 
Figure 1 
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VCE TEST BED ENGINE FOR SUPERSONIC CRUISE RESEARCH 
J. W. Vdoviak and J. A. Ebacher 
General Electric Canpany 
General  E lec t r ic  i n i t i a t e d  a broad i n v e s t i g a t i v e  v a r i a b l e  c y c l e  demonstra- 
tor engine tes t  program i n  1976, u t i l i z i n g  t h e  Y J l O 1  engine  as t h e  basic vehi- 
cle. 
to  a supersonic ,  mixed mission propuls ion  system which would combine t h e  merits 
of a turbofan a t  subsonic  ope ra t ing  cond i t ions  with those  of a turbojet  for 
supersonic  ope ra t ing  cond i t ions .  Over  t h e  l a s t  four  year pe r iod  f i v e  s e q u e n t i a l  
VCE demonstrator tests have been accomplished under combined U.S. A i r  Force,  
U.S. Navy, and NASA auspices i n  a uniquely coopera t ive  and complementary t e s t  
program. This  test program is  i l l u s t r a t e d  i n  t h e  a t t a c h e d  Figure 1 .  By way 
of background, t h e  f i r s t  USAF Sing le  Bypass Test i n v e s t i g a t e d  t h e  e f f e c t s  of a 
v a r i a b l e  rear mixer. This  was followed by t h e  f i r s t  s p l i t  fan/double bypass VCE 
test which was the  USAJ? 1 X 2. (1 X 2 refers to t h e  number of f a n  s t a g e s  i n  the  
forward and rear fan blocks r e s p e c t i v e l y ,  i.e., 1 s t a g e  f r o n t  f an  block and 
2 s t a g e  rear f an  block.)  A Navy sponsored 2 X 1 double  bypass VCE demonstrator 
test  was eva lua ted  next .  This  combined double bypass wi th  a v a r i a b l e  area l o w  
pressure tu rb ine  nozz le  (VATN), a product type rear VABI (Var iab le  Area Bypass 
I n j e c t o r )  or mixer and an augmentor. A l l  of t h e s e  test veh ic l e s  employed sepa- 
rate bypass duct ing  for t h e  f r o n t  and rear fan  block flow and cons ide rab le  
exhaus t  system complexity.  The NASA Forward VABI VCE tes t  combined t h e  features 
of a s p l i t  f an ,  v a r i a b l e  area LP t u r b i n e  nozzle ,  and rear v a r i a b l e  area mixer 
with a concept t o  s u b s t a n t i a l l y  s impl i fy  t h e  bypass duc t ing  and exhaus t  system 
of a double bypass VU3 engine. Th i s  is r e f e r r e d  to  as a Front  Var iab le  Area 
Bypass I n j e c t o r  or F ron t  VABI. The Front  VABI allows both s i n g l e  and double 
bypass ope ra t ion  wi th  a common bypass duct  and s i n g l e  e x i t  exhaust  nozzle.  Upon 
s u c c e s s f u l  demonstration of t h i s  concept,  a unique co-annular exhaust  nozz le  was 
tested with t h e  same basic gas genera tor  i n  a combined performance and acoustic 
test  a t  an e x t e r n a l  test f a c i l i t y .  The results of t h i s  co-annular nozzle  acous- 
t i c  t e s t i n g  is t h e  s u b j e c t  of another  p re sen ta t ion  later i n  t h i s  conference.  
The NASA A c o u s t i c  T e s t  VCE engine conf igu ra t ion  inco rpora t ing  a l l  of t h e s e  fea-  
t u r e s ,  which was t e s t e d  s u c c e s s f u l l y  i n  la te  ' 78 ,  is i l l u s t r a t e d  i n  Figure 2. 
The t o p  view shows a t y p i c a l  low no i se  take-off o p e r a t i n g  mode (double bypass) ,  
and t h e  bottom view shows the  high s p e c i f i c  t h r u s t  ( s i n g l e  bypass) ope ra t ing  
mode. I n  excess  of 300 test hours have been accumulated i n  t h i s  step-wise VCE 
T e s t  Program to da te .  The basic Y J l O l  has proven to be a h igh ly  v e r s a t i l e  
and dependable test  veh ic l e ,  adaptab le  to a broad range of test requirements.  
This  program is aimed a t  eva lua t ing  v a r i a b l e  c y c l e  concepts  a p p l i c a b l e  
Figure 3 summarizes t h e  t e c h n i c a l  payoffs  or advantages t h a t  have been 
demonstrated wi th  t h e  va r ious  v a r i a b l e  c y c l e  f e a t u r e s .  Double bypass allows 
bypass ra t io  inc rease  f o r  s p e c i f i c  f u e l  consumption (SFC) improvement a t  par t  
power subsonic  cruise o p e r a t i n g  condi t ions .  Beyond t h e  SFC ga in ,  t h e r e  is t h e  
prospect of providing a i r  f law modulation a t  cons t an t  t h r u s t  to  p o t e n t i a l l y  
s impl i fy  and/or improve t h e  performance of i n l e t  and af te rbody conf igura t ions .  
For a f u t u r e  supe r son ic  t r a n s p o r t  a p p l i c a t i o n  double bypass provides  f o r  low 
no i se  a t  take-off by v i r t u e  of lower s p e c i f i c  th rus t / lower  exhaus t  ve loc i ty .  
The Rear VABI ( v a r i a b l e  mixer) allows fan  ope ra t ing  l i n e  c o n t r o l  for t h r u s t  
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and SFC gain and bypass f law extens ion .  The Rear VABI concept appears appl ica-  
b l e  t o  M i l i t a r y  requirements such as Advanced F404 and F101 DFE, and is being 
f u r t h e r  pursued under new, r e c e n t l y  i n i t i a t e d  USN and USAF auspices .  The Vari- 
able  Area Low Pressure Turbine Nozzle (VATN) p rovides  f o r  rotor speed r a t i o  
and core s t a l l  margin c o n t r o l .  I t  can also provide reducd compressor e x i t  
temperature a t  cons t an t  T4 - important t o  low l e v e l  - high d e n s i t y  - high f l i g h t  
speed requirements.  A s  p rev ious ly  described, the  b e n e f i t s  of t he  forward or 
Front  VABI are mainly f o r  engine s i m p l i f i c a t i o n  with s i n g l e  and double bypass 
c a p a b i l i t y  wi th  respect to  t h e  bypass duc t ing  and t h e  exhaus t  nozzle.  The 
acoustic nozzle  is a unique subcomponent a p p l i c a b l e  to  low n o i s e  requirements.  
Ea r ly  next  year t h e  same basic engine used i n  t h e  r e c e n t  NASA VCE tests w i l l  
be tested with a F u l l  Author i ty  D i g i t a l  E l e c t r o n i c  Cont ro l  (FADEC) under 
U.S .  Navy auspices  as part of the  cont inued VCE test  sequence. Such a c o n t r o l  
a l lows f u l l  u t i l i z a t i o n  of v a r i a b l e  c y c l e  f l e x i b i l i t y  and ope ra t ing  bene f i t s .  
This  summary provides  a backdrop f o r  t h e  next  NASA program r e f e r r e d  to as 
t h e  T e s t  Bed Engine Program. A d e s c r i p t i o n  of t h i s  program is t h e  p r i n c i p a l  
purpose for t h i s  p re sen ta t ion .  The concept of the Core Driven ( a f t  fan  block) 
Fan Stage  is a l o g i c a l  b e n e f i t  f o r  v a r i a b l e  cyc le  propuls ion  engines ,  i n  f a c t ,  
it has broad a p p l i c a b i l i t y  t o  any low pres su re  ra t io ,  mixed mission requirement 
inc luding  s i n g l e  bypass (only)  engine arrangements. The Core Drive Concept is 
i l l u s t r a t e d  i n  F igure  4. I n  t h e  simplest terms t h i s  p u t s  t he  second block f an  
s t a g e  OE a s p l i t  f an ,  double bypass VCE engine on t h e  high p res su re  core spool. 
The high pressure  compressor is mechanical ly  a t t ached  t o  t h e  a f t  fan  block 
through a rotor coupling. The p r i o r  VCE demonstrators  descr ibed  earlier eva l -  
uated s e v e r a l  v a r i a t i o n s  of s p l i t  f ans ,  but a l l  were dr iven  by t h e  l aw pressure/  
Lp t u r b i n e  s h a f t .  The core d r i v e  arrangement is i n t e g r a t e d  wi th  a forward VABI 
to  allow high flaw/double bypass operation or high s p e c i f i c  t h r u s t / s i n g l e  bypass 
ope ra t ion .  Th i s  is accomplished by geometric v a r i a t i o n  of t h e  Forward VABI 
valving i n  conjunct ion wi th  t h e  Variable I n l e t  Guide  Vane of the  core dr iven  f an  
s t age .  The v a r i a b l e  i n l e t  guide vane modulates t h e  second block f an  a i r  flaw 
over a r e l a t i v e l y  broad range and i s  nominally open i n  t h e  s i n g l e  (low bypass) 
flow condi t ion  and s u b s t a n t i a l l y  closed f o r  t h e  double (high bypass) f law condi- 
t ion .  Under double bypass ope ra t ing  cond i t ions ,  a r e l a t i v e l y  small po r t ion  of 
t h e  t o t a l  ( increased)  bypass flow is handled by t h e  inner  rear bypass duc t  and 
most of the flaw is discharged forward of t he  core d r iven  fan  s t a g e  i n t o  t h e  
outer bypass duc t .  I n  t h e  s i n g l e  bypass ope ra t ing  mode t h e  a f t  fan block flow 
is matched t o  the  f r o n t  block by rotor speed ra t io  and to t h e  high pressure com- 
pressor  by t h e  inner  bypass duc t  and high p res su re  i n l e t  guide vane schedul ing ,  
r e s p e c t i v e l y  . 
The unique t e c h n i c a l  b e n e f i t s  or payoffs  of t h e  core dr iven  concept are 
summarized i n  Figure 5 .  I t  allows a r e d i s t r i b u t i o n  of compression system 
w o r k  so t h a t  an ove r s i zed  f r o n t  block f an  can be dr iven  wi th  a s i n g l e  s t a g e  
law pressure  tu rb ine .  Th i s  has been adopted f o r  f u t u r e  SCR/VCE conf igu ra t ions  
f o r  reduced take-off no i se ,  b u t  it also provides  f u r t h e r  r educ t ions  i n  subsonic  
SFC. A 20% i nc rease  i n  f r o n t  block fan  f law is  planned f o r  f u t u r e  NASA VCE 
test engines and has also been incorporated i n t o  t h e  SCR product  engine s tud ie s .  
The corresponding inc rease  i n  compression w o r k  wi th  t h e  rear block f an  s t a g e  on 
t h e  high pressure spool provides  a higher energy e x t r a c t i o n  i n  t h e  high p res su re  
tu rb ine .  This  has t w o  bene f i t s :  I t  reduces the  high p res su re  t u r b i n e  bucket 
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metal temperature, hence reduces chargeable  cool ing  a i r  requirements and i t  
also reduces t h e  i n l e t  temperature  to t h e  low pres su re  t u r b i n e ,  thereby  also 
reducing t h e  LPT cool ing  requirements as w e l l .  I n  essence,  t h i s  t u r b i n e  work 
re-arrangement allows a better u t i l i z a t i o n  of i nc reased  t u r b i n e  temperature 
technology wi th  reduced a s s o c i a t e d  cool ing  p e n a l t i e s .  
Addi t iona l ly ,  t h e  core dr iven  p r i n c i p l e  allows s p l i t  f a n  f l o w  modula- 
t i o n  using rotor speed v a r i a t i o n  i n  a d d i t i o n  t o  v a r i a b l e  s t a t o r  manipulation. 
Higher rear block campression e f f i c i e n c i e s  are p ro jec t ed  by us ing  t h e  speed 
r a t io  f l e x i b i l i t y .  
Typical  part power (subsonic) SFC expected improvements are shown i n  
Figure 6 .  This  graph d i s p l a y s  SFC as a func t ion  of  a i r  flow. Both b e n e f i t s  
of double bypass o p e r a t i o n  are depicted, SFC reduct ion  and a i r  f low extension.  
With re ference  to  t h e  s i n g l e  bypass SFC c h a r a c t e r i s t i c ,  an improvement i n  a i r  
f low of 25% a t  t h e  same SFC, or a reduct ion  i n  SFC of 5 . 3 %  a t  a flow inc rease  
of 9.6% is expected. The core d r i v e  SFC c h a r a c t e r i s t i c  is better than  the  LP 
t u r b i n e  dr iven  fan  c h a r a c t e r i s t i c  by v i r t u e  of t h e  improved a f t  fan block 
aerodynamic performance and t u r b i n e  loading c h a r a c t e r i s t i c s .  
The core dr iven  f a n  aerodynamic c h a r a c t e r i s t i c s  are r e l a t i v e l y  conserva t ive  
and are def ined  i n  F igure  7. The selected design has a s t a g e  p res su re  r a t i o  of 
1.37 a t  a t i p  speed of 381 m/s (1 251 f p s )  a t  r e l a t i v e l y  modest l e v e l s  of flclw 
per u n i t  of annulus area. The unique aspect of t h i s  compression s t a g e  l ies  i n  
t h e  broad swing i n  i n l e t  guide vane v a r i a t i o n  for t h e  rear block flow modula- 
t i o n  which accompanies t r a n s i t i o n  from s i n g l e  t o  double  bypass opera t ion .  Th i s  
is f u r t h e r  i l l u s t r a t e d  i n  Figure 8 where s e v e r a l  of t h e  key and widely d ivergent  
ope ra t ing  modes are descr ibed.  I t  i s  noted t h a t  t h e  t r a n s i t i o n  i n  ope ra t ing  
mode e s s e n t i a l l y  ha lves  t h e  inner  bypass ra t io .  The i n l e t  guide vane c losu re  
with double bypass ope ra t ion  br ings  about a very l a r g e  swing i n  fan  rotor o u t l e t  
a i r  angle;  i n  excess  of 40 degrees  f o r  t h a t  po r t ion  of t h e  flow which e x i t s  
through the  inner  bypass duct .  The corresponding flow ang le  i n  t h e  high pres- 
s u r e  compressor i n l e t  guide vane v a r i e s  to a smaller degree because of t h e  
designed a c c e l e r a t i o n  of the  a i r  flaw i n  t h a t  pa th  a long  wi th  t h e  high p res su re  
matching. Furthermore, t h e  high pressure compressor i nco rpora t e s  a v a r i a b l e  
i n l e t  guide vane t o  handle  t he  i n l e t  swirl v a r i a t i o n .  
To accommodate t h i s  e x i t  swirl problem, a unique conf igu ra t ion  of blading 
has been devised. Th i s  is shown i n  Figure 9,  which is a f law p a t h  i l l u s t r a t i o n  
of t h e  Core Driven Fan Stage.  
The c u r r e n t  t w o  s t a g e  f an  f r o n t  block e x i t  t r a n s i t i o n s  through a s t r u c t u r a l  
frame i n t o  both t h e  outer bypass and core dr iven  s t a g e  i n l e t .  A selector valve,  
made up of ind iv idua l  f l a p s  pos i t i oned  between t h e  s t r u t s ,  is ac tua ted  closed as 
shown for s i n g l e  bypass o p e r a t i o n  and i S  opened for double bypass ope ra t ion .  
The core dr iven  s t a g e  has a f l a p  type IGV with a f i x e d  forward po r t ion  and mov- 
able a f t  po r t ion  f o r  broad v a r i a t i o n  c a p a b i l i t y .  Dawnstream gf t h e  low aspect 
r a t i o  rotor a part span d e l t a  vane is pos i t i oned  to  s t r a i g h t e n  t h e  f l o w  i n t o  'she 
inner  bypass duc t .  A d e l t a  shaped p a r t  span a i r f o i l  has been s e l e c t e d  based on 
r e l a t i v e l y  broad a i r c r a f t  wing experience which shows t h a t  del ta  wings have 
higher angle  of attack c a p a b i l i t y  than convent ional  wings. The f i x e d  e x i t  guide 
vanes i n  t h e  inner bypass duct  complete t h e  flow s t r a i g h t e n i n g  upstream of the  
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VAE3I modulating valve.  I t  i s  planned t o  test t h e  b e n e f i c i a l  e f f e c t s  of the  
d e l t a  e x i t  guide vane i n  t h e  i n i t i a l  core t e s t  on a comparative b a s i s  - i.e., 
wi th  t h e  vanes i n s t a l l e d  and removed. 
The planned NASA T e s t  Bed Engine Program w i l l  be conducted i n  t w o  steps. 
F i r s t ,  the core dr iven  s t a g e  w i l l  be coupled wi th  t h e  core engine t o  eva lua te  
t h e  aerodynamic performance of t h i s  s t a g e  and t h e  matching wi th  t h e  high pres- 
s u r e  mmpressor. Performance mapping inc luding  i n d i v i d u a l  v a r i a b i l i t y  of t he  
t w o  i n l e t  guide vane systems as w e l l  as t h e  high p res su re  compressor stators 
is a v a i l a b l e  t o  opt imize t h e  performance and compressor v a r i a b l e  s ta tor  sched- 
u l e s .  This  i n i t i a l  tes t  s e t u p  is shown i n  Figure 1 0 .  The core test veh ic l e  
w i l l  be tested i n  t h e  Lynn engine ram test  f a c i l i t y  which allows s imula t ion  of 
t h e  f r o n t  block fan  e x i t  p re s su re  and temperature .  The f r o n t  VABI selector 
and modulating va lves  are i n t e g r a t e d  wi th  t h e  core t e s t i n g  t o  provide i n i t i a l  
eva lua t ion  of t hose  T e s t  Bed f e a t u r e s  a s  w e l l .  For t h i s  t e s t i n g  t h e  modulating 
valve se rves  as the  f an  s t a g e  t h r o t t l e  valve.  Th i s  t e s t i n g  is planned t o  be 
accomplished i n  t h e  f i r s t  ha l f  of 1980. I n  t h i s  phase t h e  a d d i t i v e  e f f e c t s  of 
t h e  d e l t a  e x i t  guide vanes w i l l  be tested.  The core tes t  phase w i l l  r e s u l t  i n  
t h e  s e l e c t e d  compr essor geometr y f o r  complete engine t e s t i n g  . 
The a d d i t i o n  of .the l a w  p res su re  rotor system, inc luding  t h e  f r o n t  block 
f an ,  and low pres su re  t u r b i n e  with VATN (Variable Area Turbine Nozzle) t o  t h e  
afore-defined core v e h i c l e  w i l l  provide t h e  complete T e s t  Bed Engine shown i n  
Figure 1 1 .  The co-annular nozzle  exhaust  system planned f o r  t h e  T e s t  Bed Engine 
is a modi f ica t ion  of t he  design tested ea r l i e r ,  with t h e  a d d i t i o n  of a r a d i a l  
chu te  type  of no i se  suppressor  to  f u r t h e r  reduce t h e  take-off no i se  levels. A 
more detai led d e s c r i p t i o n  of the  suppressor  is a v a i l a b l e  by r e fe rence  to  Fig- 
ure 1 2 ,  which is a pe r spec t ive  drawing of t h e  r a d i a l  chu te  suppressor  i n t e g r a t e d  
wi th  t h e  co-annular nozzle.  The suppressor w i l l  be t e s t e d  i n  a f i x e d  geometry 
arrangement, however, t h e  chutes  would be retractable i n t o  t h e  p lug  i n  a product 
implementation. 
I n  summary, t h e  NASA T e s t  Bed Engine Program is a l o g i c a l  ex tens ion  of t h e  
VCE technology p rev ious ly  demonstrated on the  Y J l O l  test  vehic le .  Sane at t rac-  
t i v e  test op t ions  beyond t h e  described and c u r r e n t l y  planned T e s t  Bed Engine 
tests are a v a i l a b l e  as p o t e n t i a l  a d d i t i v e  t es t  phases and may be implemented 
la te r .  
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F i g u r e  5.- Core d r i v e n  t h i r d  s t a g e  t e c h n i c a l  p a y o f f s .  
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Figure 7.- Core dr iven  fan  s t a g e  - aerodynamic d e s c r i p t i o n .  
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Figure 10.- Core test conf igura t ion  - VCE test  bed engine.  
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Figure  11.- NASA AST tes t  bed VCE - core-dr iven  3rd  s t a g e  c o n f i g u r a t i o n .  
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F i g u r e  12.-  Coannular n o z z l e  s u p p r e s s o r  - t es t  bed engine .  
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VARIABLE STREAM CONTROL ENGINE FOR ADVANCED 
SUPERSONIC AIRCRAFT DESIGN UPDATE* 
Richard  B. Hunt and Robert  A. H o w l e t t  
Commercial Products D i v i s i o n  
United Technologies  C o r p o r a t i o n ,  P r a t t  & Whitney A i r c r a f t  Group, 
SUMMARY 
The P r a t t  & Whitney A i r c r a f t  s t u d y  engine  c o n c e p t  f o r  a second- 
g e n e r a t i o n  s u p e r s o n i c  t r a n s p o r t ,  t h e  Variable Stream C o n t r o l  Engine (VSCE), 
h a s  been updated i n  terms o f  mechanical  d e s i g n  d e f i n i t i o n  and estimated per- 
formance. The d e s i g n  d e f i n i t i o n  r e f l e c t s  technology advancements p r o j e c t e d  for 
t h e  l a t e  1980 time period t h a t  improve system e f f i c i e n c y ,  d u r a b i l i t y  and 
envi ronmenta l  performance. On t h e  basis of  t h e  d e s i g n  update ,  technology 
requi rements  were e s t a b l i s h e d .  The components unique to t h e  VSCE concept ,  a 
h igh  performance d u c t  burner  and a low n o i s e  coannular  n o z z l e ,  and  t h e  h igh  
tempera ture  components are i d e n t i f i e d  as c r i t i c a l  t e c h n o l o g i e s .  Technology 
advances f o r  t h e  h i g h  t e m p e r a t u r e  components (main combustor and t u r b i n e s )  are 
n o t  e x c l u s i v e  to  t h e  VSCE, b u t  a r e  e q u a l l y  a p p l i c a b l e  to any advanced super- 
s o n i c  p r o p u l s i o n  system whether a l o w  bypass e n g i n e ,  i n v e r t e d  f low e n g i n e  or 
o t h e r  v a r i a b l e  c y c l e  engine  c o n f i g u r a t i o n .  To a d d r e s s  t h e  requi rements  i n  t h i s  
area, t h e  t e c h n i c a l  approach for under tak ing  a High Temperature V a l i d a t i o n  
Program h a s  been d e f i n e d .  The multi-phased e f f o r t  would i n c l u d e  a s s o r t e d  r i g  
and l a b o r a t o r y  tests, t h e n  c u l m i n a t e  w i t h  t h e  demonst ra t ion  of a f l i g h t - t y p e  
main combustor and s i n g l e - s t a g e  h igh-pressure  t u r b i n e  a t  o p e r a t i n g  c o n d i t i o n s  
e n v i s i o n e d  f o r  a VSCE. 
INTRODUCTION 
For t h e  p a s t  seven  y e a r s ,  P r a t t  & Whitney A i r c r a f t  h a s  been conduct ing  
a n a l y t i c a l  and e x p e r i m e n t a l  t echnology programs under NASA s p o n s o r s h i p  i n  t h e  
area of  advanced s u p e r s o n i c  technology.  A r e s u l t  of e a r l i e r  p a r a m e t r i c  c y c l e  
s t u d i e s  (refs.  1-4) was i d e n t i f i c a t i o n  o f  t h e  V a r i a b l e  Stream C o n t r o l  Engine 
(VSCE) concept  as having t h e  g r e a t e s t  p o t e n t i a l  to  meet performance,  environ-  
mental and economic r e q u i r e m e n t s  f o r  a second-generat ion s u p e r s o n i c  c r u i s e  
v e h i c l e .  The variable Stream C o n t r o l  Engine is based on two unique components 
-- a high  performance d u c t  burner  for t h r u s t  augmentat ion and a l o w  n o i s e  
coannular  nozzle .  
A s  t h i s  e n g i n e  c o n c e p t  h a s  evolved (refs. 5-7) ,  s u b s t a n t i a l  progress 
h a s  been made i n  r e f i n i n g  t h e  basic mechanical  c o n f i g u r a t i o n  a s  w e l l  a s  system 
aerothermodynamic and envi ronmenta l  performance. The VSCE d e s i g n  h i s t o r y  i s  
i l l u s t r a t e d  i n  F i g u r e  1 showing p r o g r e s s  made s i n c e  its i n c e p t i o n  to t h e  most 
r e c e n t  s t u d y  c o n f i g u r a t i o n ,  t h e  VSCE-515. 
* Work performed under NASA C o n t r a c t  NAS3-21389 
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The VSCE-515 r e f l e c t s  t h e  l a t e s t  technology p r o j e c t i o n s  i n  t h e  areas of 
advanced aerodynamics,  m a t e r i a l s  and s t ruc ture-mechanics .  A s  d e f i n e d ,  t h e  
technology i n  t h e  VSCE-515 could  be a t t a i n a b l e  to be commensurate w i t h  an 
e n g i n e  development program i n  t h e  l a t e  1980 time period. T h i s  c o u l d  l e a d  t o  
engine c e r t i f i c a t i o n  i n  t h e  m i d  1990's. 
T h i s  paper d e s c r i b e s  t h e  VSCE-515 and a l s o  o u t l i n e s  p l a n s  f o r  a f u t u r e  
technology program, t h e  High Temperature v a l i d a t i o n  Program, which is a major 
step i n  r e a l i z a t i o n  o f  a mid 1990 c e r t i f i c a t i o n  d a t e .  
VARIABLE STREAM CONTROL ENGINE - AN OVERVIEW 
The V a r i a b l e  Stream C o n t r o l  Engine is an  advanced, moderate bypass  
r a t i o  t u r b o f a n  c o n f i g u r a t i o n  t h a t  u s e s  d u c t  burner  t h r u s t  augmentat ion,  a long  
w i t h  a coannular  n o z z l e  f o r  j e t  n o i s e  r e d u c t i o n .  A distinctive o p e r a t i n g  fea-  
ture  is t h e  independent  c o n t r o l  o f  bo th  core and f a n  stream tempera ture  and 
v e l o c i t y  l e v e l s  f o r  i n - f l i g h t  c y c l e  matching. Cycle  matching is f u r t h e r  en- 
hanced by a technique  r e f e r r e d  to as t h e  i n v e r s e  t h r o t t l e  schedule .  The 
i n v e r s e  t h r o t t l e  s c h e d u l e  o f f e r s  t h e  f o l l o w i n g  advantages:  
0 Meeting t h e  unique t h r u s t  s c h e d u l e  of advanced s u p e r s o n i c  
c r u i s e  a i r c r a f t  over  t h e  e n t i r e  f l i g h t  spectrum, 
0 P r o v i d e s  low core e x h a u s t  v e l o c i t y  a t  t a k e o f f  to  o b t a i n  t h e  
i n v e r t e d  v e l o c i t y  p r o f i l e  and a s s o c i a t e d  n o i s e  b e n e f i t ,  and 
0 Minimizing f u e l  consumption a t  s u p e r s o n i c  c r u i s e  by h igh  f lowing 
t h e  core e n g i n e  to  c o n t r o l  t h e  c y c l e  bypass  r a t i o .  
Thus, t h e  i n v e r s e  t h r o t t l e  s c h e d u l e  is a f e a t u r e  t h a t  e n a b l e s  s i z i n g  t h e  VSCE 
f o r  optimum s u p e r s o n i c  c r u i s e  performance,  w h i l e  also meet ing FAR ( F e d e r a l  
A v i a t i o n  R e g u l a t i o n )  Par t  36 n o i s e  l e v e l s  a t  t h e  o t h e r  end of t h e  o p e r a t i n g  
spectrum by means o f  t h e  coannular  n o i s e  b e n e f i t . ' F i g u r e  2 i l l u s t r a t e s  t h e  i n  
f l i g h t  f l e x i b i l i t y  of t h e  VSCE w i t h  t h e  i n v e r s e  t h r o t t l e  s c h e d u l e  a t  t h r e e  key 
f l i g h t  c o n d i t i o n s  -- takeoff, s u b s o n i c  cruise and s u p e r s o n i c  cruise. 
A s  i n d i c a t e d  d u r i n g  t a k e o f f ,  t h e  main burner  is t h r o t t l e d  to an  i n t e r -  
media te  power s e t t i n g  so t h a t  j e t  n o i s e  from t h e  core s t r e a m  is low. However, 
t h e  d u c t  burner  is o p e r a t e d  a t  a maderate tempera ture  l e v e l  to  p r o v i d e  b o t h  
t h e  r e q u i r e d  t a k e o f f  t h r u s t  and i n v e r t e d  v e l o c i t y  p r o f i l e .  For climb o u t  over  
t h e  community, bo th  streams are t h r o t t l e d  back,  and t h e  i n v e r t e d  v e l o c i t y  pro- 
f i l e  is r e t a i n e d .  R e l a t i v e  t o  m i l i t a r y  a f t e r b u r n e r  sys tems,  t h e  peak d u c t  
burner  tempera tures  are l o w  f o r  t h e  VSCE. 
A t  t h e  t a k e o f f  power s e t t i n g s  cor responding  to FAR P a r t  36 s i d e l i n e  and 
community n o i s e  l e v e l s ,  t h e  v a r i a b l e  components ( f a n ,  h igh-pressure  compres- 
sor, n o z z l e  e x h a u s t  system) and t h r o t t l e  s e t t i n g s  a r e  matched to "high flow" 
t h e  engine.  High f lowing is t h e  c a p a b i l i t y  to  m a i n t a i n  maximum d e s i g n  f low 
d u r i n g  par t  power o p e r a t i o n  f o r  low n o i s e .  T h i s  c a p a b i l i t y  complements t h e  
coannular  n o i s e  b e n e f i t  to enhance o v e r a l l  n o i s e  c h a r a c t e r  istics of  t h e  VSCE. 
358 
The e n g i n e  operates as a moderate bypass  r a t i o  t u r b o f a n  d u r i n g  s u b s o n i c  
c r u i s e .  A s  a r e s u l t ,  it has f u e l  consumption c h a r a c t e r i s t i c s  t h a t  are s i g n i f i -  
c a n t l y  improved r e l a t i v e  to  a turbojet c y c l e  a t  t h i s  c o n d i t i o n .  F i g u r e  2b 
shows t h e  engine  c o n f i g u r a t i o n  t h a t  a c h i e v e s  a f l a t  e x i t  v e l o c i t y  prof i le  for 
t h e  a t t e n d a n t  f u e l  economy b e n e f i t s .  The main burner  o p e r a t e s  a t  a low e x i t  
t empera ture  and t h e r e  is no d u c t  augmentation. Again,  t h e  v a r i a b l e  geometry 
components are  matched to h igh  flow t h e  e n g i n e  so t h a t  t h e  e n g i n e  a i r f l o w  can  
be matched a lmost  e x a c t l y  w i t h  t h e  i n l e t  a i r f l o w .  T h i s  g r e a t l y  reduces  i n l e t  
s p i l l a g e  and bypass  losses and also improves n o z z l e  performance by working 
w i t h  t h e  ejector to f i l l  t h e  nozz le  exhaus t  area. I n  t u r n ,  i n s t a l l a t i o n  
losses, i n c l u d i n g  b o a t t a i l  d r a g ,  a r e  reduced. 
A t  s u p e r s o n i c  c r u i s e ,  f u e l  consumption c h a r a c t e r  ist ics approach t h o s e  
o f  a c y c l e  des igned  e x c l u s i v e l y  for s u p e r s o n i c  o p e r a t i o n .  The main burner  
tempera ture  is i n c r e a s e d  ( r e l a t i v e  to t a k e o f f ) ,  and t h e  h i g h  spool speed  is 
also i n c r e a s e d .  T h i s  is accomplished w i t h  t h e  i n v e r s e  t h r o t t l e  s c h e d u l e  by 
matching t h e  v a r i a b l e  engine  components to a h i g h e r  main burner  tempera ture  
and h igh-pressure  spool f low rate .  The h i g h  f low c o n d i t i o n  r e d u c e s  t h e  c y c l e  
bypass ra t io  so t h e  l e v e l  of d u c t  burner t h r u s t  augmentat ion r e q u i r e d  d u r i n g  
s u p e r s o n i c  o p e r a t i o n  can  be decreased .  A s  shown i n  F i g u r e  2c, t h e  exhaus t  
temperatures from b o t h  coannular  streams are a lmost  e q u a l ,  and t h e  v a r i a b l e  
n o z z l e  areas are set f o r  a f l a t  v e l o c i t y  p r o f i l e  to r e a c h  peak p r o p u l s i v e  
e f f i c i e n c y  . 
VARIABLE STREAM CONTROL ENGINE DESIGN UPDATE 
Updating t h e  Variable Stream C o n t r o l  Engine d e s i g n  d e f i n i t i o n  involved  
surveying  p r o j e c t e d  technology advancements t h a t  o f f e r  improvements i n  c y c l e  
e f f i c i e n c y ,  weight ,  d u r a b i l i t y  and envi ronmenta l  performance. The technology 
p r o j e c t i o n s  were based on t h e  fo l lowing:  
0 T e s t  r e s u l t s  and e x p e r i e n c e  a c q u i r e d  from t h e  c u r r e n t  NASA spon- 
sored VCE Technology Programs -- t h e  Duct Burner Segment Rig 
Program, t h e  Coannular Nozzle Model Program and t h e  VCE Testbed 
Program 
0 A technology f o r e c a s t  t h a t  e x t e n d s  component technology levels i n  
t h e  areas of aerodynamics,  m a t e r i a l s / c o o l i n g  and s t r u c t u r e  mech- 
a n i c s  f i v e  y e a r s  beyond t h a t  i n  t h e  N A S A / P r a t t  E, Whitney A i r c r a f t  
Energy E f f i c i e n t  Engine Program. 
0 Technology r e a d i n e s s  a t t a i n a b l e  by t h e  la te  1980 t i m e  period w i t h  
engine  c e r t i f i c a t i o n  to f o l l o w  i n  t h e  mid 1990's. 
Engine General  Description 
The updated Variable Stream C o n t r o l  Engine,  s t u d y  d e s i g n a t i o n  VSCE-515, 
r e t a i n s  t h e  same basic c o n f i g u r a t i o n  as  t h e  preceding  e n g i n e  d e f i n i t i o n ,  t h e  
VSCE-502B. A cross-sectional view of  t h e  VSCE-515 is p r e s e n t e d  i n  F i g u r e  3 .  
The d u a l  spool c o n f i g u r a t i o n  is des igned  f o r  an  i n l e t  mass f low of 340 kg/sec 
(750 lb/sec) a t  sea l e v e l  s t a t i c  c o n d i t i o n s .  A l l  components are ar ranged  i n  a 
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close-coupled manner to provide an optimum flowpath by avoid ing  t r a n s i t i o n  
d u c t s  i n  e i t h e r  t h e  core or f a n  stream. S t r u c t u r a l l y ,  t h e  low-pressure spool  
is supported by t h r e e  main bea r ings  and t h e  high-pressure spool is supported 
by t w o .  This  f i v e  bear ing  arrangement povides  a s h o r t ,  s t i f f  rotor system f o r  
optimum blade t i p  c l ea rance  c o n t r o l .  
In  t h e  mechanical des ign ,  t h e  low-pressure spool c o n t a i n s  a three-s tage  
fan  dr iven by a two-stage tu rb ine .  The high-pressure spool uses a s ing le - s t age  
t u r b i n e  to  d r i v e  a f ive - s t age  compressor. The main combustor is an annular ,  
s taged  system similar i n  concept  and ope ra t ing  p r i n c i p l e  to  t h e  duc t  burner.  
Both combustion systems are based on t h e  Vorbix (vo r t ex  burning and mixing) 
technology demonstrated under t h e  N A S A / P r a t t  & Whitney A i r c r a f t  Experimental  
Clean Combustor Program. The exhaus t  nozzle  system is a coannular  configura-  
t i o n  t h a t  inc ludes  an ejector wi th  acoustic t rea tment  and a t h r u s t  r eve r se r .  
Management and c o n t r o l  o f  i n t e g r a t e d  e n g i n e / a i r c r a f t  ope ra t ing  func t ions  is  
accomplished wi th  a f u l l - a u t h o r i t y  e l e c t r o n i c  c o n t r o l  system. Components wi th  
v a r i a b l e  geometry c a p a b i l i t y  are t h e  fan ,  t h e  high-pressure compressor and t h e  
coannular nozzle.  A more d e t a i l e d  d e s c r i p t i o n  of t h e  i n d i v i d u a l  component 
des igns  is presented  i n  a subsequent s e c t i o n  of  t h i s  paper. 
VSCE-515 Performance Re la t ive  to F i r s t s e n e r a t i o n  
Supersonic  Propuls ion System 
The performance improvements o f f e red  by t h e  VSCE-515 r e l a t i v e  to  t h e  
f i r s t - g e n e r a t i o n  supe r son ic  t r a n s p o r t  engine are presented  i n  Table  I. The re- 
duc t ion  i n  takeoff  no i se  by 8 dB resul ts  from t h e  j e t  no i se  suppress ion  pro- 
duced by t h e  coannular exhaus t  nozzle .  For a cons t an t  engine  flow s i z e ,  a 23 
percent  weight reduct ion  resul ts  from t h e  two-stream engine conf igu ra t ion  
where as much a i r f l o w  bypasses t h e  core as passes through it ,  thereby  reducing 
core s i z e  and weight.  A l s o ,  t h e  advanced component des igns  and materials con- 
t r i b u t e  s u b s t a n t i a l l y  to  t h i s  weight  improvement. 
The c a p a b i l i t y  of a VSCE to operate as a convent iona l  tu rbofan  dur ing  
subsonic  cruise o f f e r s  a s i g n i f i c a n t  20 pe rcen t  improvement i n  f u e l  e f f i c i e n c y  
compared to f i r s t - g e n e r a t i o n  engines.  These improvements i n  subsonic  f u e l  con- 
sumption, no i se ,  and engine  weight are ob ta inab le  wh i l e  s t i l l  main ta in ing  good 
supersonic  f u e l  consumption c h a r a c t e r i s t i c s .  Improvements i n  subsonic  f u e l  
consumption are p a r t i c u l a r l y  important  wi th  respect to  meeting environmental  
performance g o a l s  s i n c e  VSCE-powered a i r c r a f t  w i l l  be capable of  c r u i s i n g  
subson ica l ly  over land  wi thout  a loss i n  range where supe r son ic  c r u i s i n g  is 
p roh ib i t ed  by noise  c o n s t r a i n t s .  
The o v e r a l l  e f f e c t  o f  VSCE c h a r a c t e r i s t i c s ,  based on t h e  l e v e l  of 
technology i n  t h e  updated engine,  is very s i g n i f i c a n t  on advanced supe r son ic  
a i r p l a n e  performance, as shown i n  F igure  4 .  The VSCE-515 o f f e r s  both a 25 per- 
c e n t  improvement i n  a i r p l a n e  range and an 8 dB reduc t ion  i n  takeoff  noise .  
Thus, t h i s  engine c o n f i g u r a t i o n  provides  t h e  p o t e n t i a l  f o r  pract ical  a i r p l a n e  
range while  maintaining acceptable noise  l e v e l s .  
VSCE-515 Component D e f i n i t i o n  
Fan 
The f an  i n  t h e  VSCE-515 is an advanced three-s tage  u n i t ,  and the  design 
concept emphasizes high e f f i c i e n c y  a t  supersonic  cruise, compa t ib i l i t y  wi th  
supersonic  i n l e t s  and compa t ib i l i t y  wi th  t h e  d u c t  burner .  Compat ib i l i ty  wi th  
the  duct  burner n e c e s s i t a t e s  high d i f f u s i o n  c a p a b i l i t y .  The aerodynamic design 
is based on a low e l e v a t i o n  (low hub to  t i p  ratio) to  meet n a c e l l e  envelope 
dimensions e s t a b l i s h e d  by t h e  Supersonic C r u i s e  Research (SCR) a i r p l a n e  con- 
tractors f o r  good i n s t a l l e d  performance and provide space f o r  packaging acces- 
sories around the  case. A t i p  speed of approximately 487 m/sec (1600 f t / s e c )  
has  been e s t a b l i s h e d  a s  optimum on t h e  b a s i s  of  low-pressure t u r b i n e  blade 
stress cons ide ra t ions ,  i n  add i t ion  to  t h e  emphasis f o r  high e f f i c i e n c y  and l o w  
noise.  
In  t h e  mechanical des ign ,  t he  f i r s t  two r o t a t i n g  s t a g e s  con ta in  l o w  
a spec t  r a t io  b lades  made of an advanced composite material. The high s t r e n g t h  
p r o p e r t i e s  of  composite materials e l imina te  the  requirement f o r  p a r t  span 
shrouds.  Conventional t i t an ium material blades are required i n  t h e  t h i r d  s t a g e  
because of  t he  higher  temperature  environment. The t r a i l i n g  edge of the  i n l e t  
guide vane and leading  edge of t h e  fan  e x i t  guide vane a r e  va r i ab le .  For noise 
suppression,  a x i a l  spacing between the  b lades  and vanes i n  each s t a g e  is 
increased  i n  a graduated manner. 
High-pressure Compressor 
The high-pressure compressor i n  t h e  VSCE-515 is unique compared to  
o ther  advanced subsonic  commercial engines  because it ope ra t e s  a t  a high e x i t  
temperature of  649OC (1200OF) during supersonic  cruise as w e l l  as a t  a low 
pressure  ra t io  and high r o t a t i o n a l  speed. As def ined ,  t h e  compressor is a 
f ive-s tage ,  drum-type rotor wi th  i n t e g r a l  abradable  t rench  t i p  r u b s t r i p s .  The 
blades are mul t ip l e  c i rcular  arc con t ro l l ed -d i f fus ion  a i r fo i l s  and the  vanes 
i n  the  f i r s t  t w o  s t a g e s  have v a r i a b l e  geometry c a p a b i l i t y .  A l l  a i r f o i l s  are 
coated with an advanced eros ion  r e s i s t a n t  coa t ing .  I n t e r s t a g e  c a v i t i e s  are 
designed f o r  l o w  volume and mul t ip l e  knife-edge seals provide e f f e c t i v e  
i n t e r s t a g e  s e a l i n g  t o  reduce r e c i r c u l a t i o n  l o s s e s .  
Main Combustor 
Because of environmental  c o n s t r a i n t s ,  compounded by prolonged high 
temperature ope ra t ion  a t  supersonic  cruise , design requirements f o r  t he  main 
combustor i n  a VSCE r e f l e c t  a s u b s t a n t i a l  depa r tu re  from requirements  f o r  
c u r r e n t  subsonic  a p p l i c a t i o n s .  A combustor conf igu ra t ion  considered f o r  t h e  
VSCE-515 is an annular  two-stage design; based on t h e  Vorbix ope ra t ing  p r in -  
c i p l e .  However, another  design concept,  der ived  from more convent ional  lw 
emissions combustion systems, was a l s o  considered a s  p a r t  of t h i s  design 
update. ? 
In  t h e  two-stage conf igu ra t ion ,  t h e  f i r s t  s t a g e  is a p i l o t  premixing 
zone where combustion is i n i t i a t e d .  Combustion is completed i n  t h e  second 
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s t a g e  or main combustion zone. Each s t a g e  has a sepa ra t e  f u e l  supply system, 
and a i r  fo r  combustion is introduced i n t o  t h e  main combustion zone through a 
series of  swirler tubes. 
The l i n e r s  are a double w a l l  s t ructure  with an e f f i c i e n t  impingement 
t r a n s p i r a t i o n  cool ing  scheme. For a d d i t i o n a l  thermal p r o t e c t i o n ,  t he  i n t e r i o r  
l i n e r  surfaces are coated wi th  a thermal b a r r i e r  ceramic coa t ing .  
High-pressure Turbine 
The high-pressure tu rb ine ,  as i n  preceding gene ra t ions  of VSCEs, is an 
advanced s ingle-s tage  system. This  conf igu ra t ion  is designed f o r  sus t a ined  
high temperature ope ra t ion  a t  high r o t a t i o n a l  speeds and high mechanical 
loadings.  
The design concept  s p e c i f i c a l l y  addresses e f f e c t i v e  coo lan t  management 
and t h e  use of advanced materials wi th  high temperature c a p a b i l i t y .  Airfoils,  
both r o t a t i n g  and s t a t i o n a r y ,  are designed with i n t e r n a l  coo l ing  passages to  
promote a high heat t r a n s f e r  rate and cooled with advanced convec t ive  and f i l m  
cool ing  techniques.  One feature of t h e  tu rb ine  cool ing  system is t h e  u s e  of a 
heat exchanger to reduce t h e  coo lan t  temperature so t h a t  a smaller percentage 
of cool ing  a i r  is rehui red .  The hea t  exchanger uses f an  a i r  as the  cool ing  
medium of t h e  t u r b i n e  coo lan t .  
The a i r f o i l s  are made from materials t h a t  offer supe r io r  c r eep  s t r e n g t h  
p r o p e r t i e s ,  along wi th  a good r e s i s t a n c e  to thermal f a t i g u e .  Both t h e  vanes 
and t h e  b lades  are coated wi th  a d u a l  coa t ing  t h a t  c o n s i s t s  of a high grade 
ceramic material f o r  added thermal  p r o t e c t i o n ,  p l u s  a s u b s t r a t e  ox ida t ion  
coa t ing .  
Law-Pressure Turbine 
Many of t h e  design f e a t u r e s  used i n  t h e  high-pressure t u r b i n e  have been 
adapted for t h e  law-pressure turb ine .  Bas i ca l ly ,  the , low-pressure  t u r b i n e  is 
designed for e f f i c i e n t  ope ra t ion  a t  a high r o t a t i o n a l  speed. The high speed 
c a p a b i l i t y  allows a two-stage conf igu ra t ion  and provides  a l o w  e l e v a t i o n  flow- 
pa th  f o r  t h e  three-s tage  fan.  The flawpath also has a l o w  p r o f i l e  to minimize 
t h e  duc t  burner diameter. This  is a key design cons ide ra t ion  s i n c e  t h e  low- 
p re s su re  tu rb ine  and d u c t  burner together  set  t h e  maximum nozzle  diameter. 
Both s t a g e s  are a i r  cooled. However, l i k e  i n  t h e  high-pressure tu rb ine  
design,  cool ing  losses are minimized by t h e  a p p l i c a t i o n  of advanced materials, 
coa t ings  and cool ing  a i r  management techniques.  I n t e r s t a g e  s e a l i n g  is accom- 
p l i shed  with convent iona l  p la t form s i n g l e  knife-edge seals. The blade t i p s ,  
which incorpora te  mini shrouds,  also have a knife-edge s e a l i n g  arrangement. 
D u c t  Burner 
The duc t  burner ,  one of t h e  unique components i n  t h e  Var i ab le  Stream 
Cont ro l  Engine concept ,  is a s impl i f i ed  two-stage ve r s ion  of t h e  three-s tage  
conf igu ra t ion  c u r r e n t l y  undergoing experimental  t e s t i n g  i n  t h e  Duct Burner Rig 
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Technology Program and VCE Testbed Program. R e s u l t s  from these effor ts  w i l l  be 
ins t rumenta l  i n  improving t h e  design d e f i n i t i o n .  
The aerothermal  d e f i n i t i o n  is based on t h e  Vorbix technology, and t h e  
design employs many o f  t h e  technology features i n  t h e  main combustor. The 
f i r s t  combustion zone, or pilot/low power s t age ,  is a double w a l l  geometry. 
This  s t a g e  is enclosed by a hood to ensure  p o s i t i v e  a i r  management for combus- 
t i o n  and d i l u t i o n .  The second zone, t h e  high power s t a g e ,  resembles t h e  
primary combustion zone i n  t h e  main burner.  The l i n e r  is a l s o  a double w a l l  
cons t ruc t ion ,  and a series of aerodynamically-designed swirler tubes  i n t r o -  
duces t h e  combustion a i r .  An i n s u l a t i n g  ceramic c o a t i n g  is used i n  t h i s  s t a g e  
f o r  a d d i t i o n a l  temperature  c a p a b i l i t y .  
Exhaust Nozzle System 
The exhaus t  nozzle  is t h e  o ther  unique component i n  a VSCE. The nozz le  
is comprised o f  t h r e e  main components: t h e  nozz le  proper, t h e  e j e c t o r  and t h e  
r eve r se r .  If a mechanical j e t  noise  suppressor is required, it w i l l  be in- 
cluded only  i n  t h e  d u c t  stream and t h e  main engine stream w i l l  be designed 
w i t h  a l o w  e x i t  v e l o c i t y  which w i l l  not  require suppression.  P rogres s  from t h e  
p r e s e n t  a n a l y t i c a l  e f f o r t  and from a n t i c i p a t e d  follow-on model tests w i l l  have 
a l a r g e  in f luence  i n  opt imiz ing  t h e  aerodynamic and acoustic des ign  of t h e  
exhaust  nozz le  system. 
The nozz le  is coannular  i n  design wi th  v a r i a b l e  geometry c a p a b i l i t y  i n  
both fan  and core streams. An i r i s  system is employed f o r  varying t h e  f a n  
stream e x i t  area. I n  t h e  core s t ream, area v a r i a t i o n s  are achieved by a t r ans -  
l a t i n g  plug. The nozzle  is cons t ruc t ed  from a l i gh twe igh t  material ,  and a 
small percentage o f  coo l ing  is used to maintain acceptable metal temperature 
l e v e l s .  The ejector and r eve r se r  are also cons t ruc t ed  from a l i gh twe igh t  
material. For added n o i s e  suppress ion ,  t h e  ejector is l i n e d  wi th  an acoustic 
t rea tment  . 
E l e c t r o n i c  Cont ro l  System 
A l l  engine o p e r a t i n g  f u n c t i o n s  such as  a i r  and f u e l  flows are coordin- 
ated and c o n t r o l l e d  by a f u l l - a u t h o r i t y  e l e c t r o n i c  c o n t r o l  system. The u s e  of 
e l e c t r o n i c s ,  i n  comparison to hydromechanical u n i t s ,  enables  responsive and 
accurate management o f  t h e  engine  components to match t h e  ope ra t ing  require- 
ments of t h e  f l i g h t  cond i t ion .  In  a d d i t i o n ,  t h e  p h y s i c a l  s i z e  and weight of 
t h e  u n i t  are g r e a t l y  reduced. Input  for c o n t r o l  is provided by advanced sens- 
ing  devices  which monitor key ope ra t ing  parameters. Sensing redundancy is 
provided to ensure  f a i l s a f e  opera t ion .  
TECHNOLOGY REQUIREMENTS AND FUTURE PROGRAM CONSIDERATIONS 
VSCE Technology Requirements 
Technology requirements  f o r  a VSCE propuls ion  system are i d e n t i f i e d  i n  
F igure  5. Of t h e s e  requirements ,  t h e  d u c t  burner ,  coannular  nozz le  and high 
temperature components -- t h e  t u r b i n e s  and combustor -- are t h e  areas most 
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cr i t ical .  A t  p r e sen t ,  w o r k  under NASA sponsorship is proceeding wi th  t h e  com- 
ponents unique to the  VSCE concept.  E f f o r t s  have been s u c c e s s f u l  i n  demonstra- 
t i n g  t h e  des ign  f e a s i b i l i t y  and performance p o t e n t i a l  o f  both t h e  d u c t  burner 
and coannular nozzle.  However, t h e  demonstration of technology should be 
expanded to inc lude  t h e  h igh  temperature  components. 
To i n d i c a t e  t h e  n e c e s s i t y  f o r  advancements i n  t h e  area o f  main engine 
h igh  temperature  technology, F igure  6 p r e s e n t s  a comparison of  VSCE ope ra t ing  
temperatures  wi th  another  advanced engine des ign ,  t h e  Energy E f f i c i e n t  Engine, 
which is r e p r e s e n t a t i v e  o f  t h e  next  genera t ion  o f  subsonic  engines .  The tem- 
p e r a t u r e  l e v e l s  correspond to c r u i s e  ope ra t ion  which comprises a t  l ea s t  50 
percent  of t h e  t o t a l  engine  ope ra t ing  time. As shown, VSCE h o t  s e c t i o n  temper- 
atures are e l eva ted  apprec i ab ly  over  t h e  Energy E f f i c i e n t  Engine l e v e l s .  For 
f u r t h e r  comparison, F igure  7 shows t h e  c o n t r a s t  among t h e  VSCE, t h e  Energy 
E f f i c i e n t  Engine and a c u r r e n t  technology subsonic  engine,  t h e  J T 9 D .  I n  
a d d i t i o n  to e l eva ted  t u r b i n e  and cool ing  a i r  temperatures, t h e  VSCE is matched 
to  high-flow t h e  core dur ing  supersonic  c r u i s e  f o r  low f u e l  consumption. 
However, t h i s  produces t h e  maximum r o t a t i o n a l  speeds and a t t e n d a n t  stress 
l e v e l s .  Thus,  t h e  combination of ope ra t ing  a t  high temperatures, high stress 
l e v e l s  and extended o p e r a t i n g  times makes high temperature  technology a 
c r i t i c a l  requirement.  
Future  Program Cons idera t ions  
Continued work  i n  t h e  D u c t  Burner Technology Program, Coannular Nozzle 
Technology Program, and VCE Testbed Program is requi red .  Because of t h e  impor- 
tance  of high temperature  technology, a High Temperature Va l ida t ion  Program 
has  been def ined  as t h e  next  major technology program. The fo l lowing  para- 
graphs  p r e s e n t  an overview of t h e  High Temperature Va l ida t ion  Program. 
High Temperature Va l ida t ion  Program 
The o v e r a l l  o b j e c t i v e  of  t h e  High Temperature Va l ida t ion  Program is to  
s u b s t a n t i a t e  t h e  c r i t i c a l  technology f o r  a main combustor and s ing le - s t age  
high pressure t u r b i n e  t h a t  reflects t h e  requirements  f o r  a second-generation, 
commercial supersonic  propuls ion  system. This  o b j e c t i v e  would be  accomplished 
by f i r s t  v e r i f y i n g  i n d i v i d u a l  concepts  i n  t h e  areas of  ma te r i a l s / coo l ing ,  
aerodynamics and s t r u c t u r e s  through a series o f  component r i g  eva lua t ions ,  
followed by a c o l l e c t i v e  demonstrat ion of t h e  d i f f e r e n t  technologies  i n  real  
engine environment us ing  a high-pressure spool as  t h e  t e s tbed .  A s  planned, t h e  
program is organized i n t o  t h r e e  phases ,  as  i n d i c a t e d  i n  F igure  8 .  
The i n i t i a l  phase o f  t h e  program involves  t h e  concept  s e l e c t i o n  and t h e  
pre l iminary  design d e f i n i t i o n .  A s  par t  of t h i s  e f f o r t ,  advanced component con- 
cepts f o r  t h e  combustor and t u r b i n e  would be eva lua ted  a n a l y t i c a l l y  i n  terms 
of  design f e a s i b i l i t y ,  performance p o t e n t i a l ,  t e c h n i c a l  r i s k ,  f a b r i c a b i l i t y ,  
and o v e r a l l  cost. 
Phase I1 star ts  t h e  des ign  v e r i f i c a t i o n  and component ref inement  pro- 
cess. Technologies s e l e c t e d  f o r  High Temperature v a l i d a t i o n  Program would be  
combined and r i g  tested f o r  o v e r a l l  c o m p a t i b i l i t y  and s u i t a b i l i t y .  Material 
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c h a r a c t e r i z a t i o n  t e s t i n g  would be conducted f i r s t .  This would be followed by a 
series of  spec ia l i zed  cascade and r i g  tests to demonstrate s p e c i f i c  
aerodynamic and cool ing  technologies .  
The t h i r d  phase of t h e  program focuses on a technology v a l i d a t i o n  test. 
In  t h i s  e f f o r t ,  t h e  conf igu ra t ion  of t h e  main combustor and s ingle-s tage  
high-pressure tu rb ine ,  as  der ived  from the  preceding work,  would be tested i n  
a high-pressure spool  arrangement. Test ing would be completed over a range of 
ope ra t ing  cond i t ions ,  inc luding  simulated high a l t i t ude ,  envis ioned f o r  a 
VSCE. The test program would c o n s i s t  of a ser ies  o f  d i a g n o s t i c  eva lua t ions  to 
a s s e s s  a l l  aspects of performance as w e l l  as d u r a b i l i t y .  
CONCLUDING REMARKS 
The b a t t e r y  of s t u d i e s  completed dur ing  the  p a s t  s e v e r a l  yea r s  has  
corroborated t h e  economic and environmental a t t r a c t i v e n e s s  of t h e  Var iab le  
Stream Cont ro l  Engine concept  for a second-generation supersonic  c r u i s e  
vehic le .  In  a d d i t i o n  t h e  technology requirements have been e s t ab l i shed .  This  
leads t o  t h e  next  l o g i c a l  step, technology demonstrat ion as t h e  p r e r e q u i s i t e  
to achieving technology readiness .  
In  t h i s  r e s p e c t ,  technology development has  been l i m i t e d  to the  unique 
components i n  t h e  VSCE conf igu ra t ion ,  namely t h e  duc t  burner and coannular 
nozz le  system. Although cont inuing  these  efforts,  p a r t i c u l a r l y  t h e  w o r k  under 
t h e  VCE Testbed Program, is e s s e n t i a l ,  work should be expanded to o the r  key 
areas i f  engine c e r t i f i c a t i o n  by the  mid 1990's is a r ea l i s t i c  goal .  
On t h e  b a s i s  of technology requirements,  t h e  main combustor and t u r -  
b ines  should be the next area of concentration. 
s ince  it is noncommittal to any p a r t i c u l a r  engine conf igu ra t ion ,  has a wide 
a p p l i c a t i o n  and o f f e r s  t h e  g r e a t e s t  r e t u r n  i n  technology f o r  a given program 
investment. For example, t h e  High Temperature Va l ida t ion  Program, as  o u t l i n e d  
i n  t h i s  paper,  would address  VSCE requirements bu t  also provide t h e  technology 
base f o r  o ther  advanced supersonic  engine concepts  such as  t h e  l o w  bypass 
engine and inve r t ed  f l a w  engine.  Also, t h e  t e c h n i c a l  achievements would be 
app l i cab le  to advanced commercial t r anspor t  and m i l i t a r y  engines.  
High temperature technology, 
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TABLE I - IMMPROVEMENTS PROVIDED BY VSCE 
RELATIVE TO FIRST-GENERATION SUPERSONIC TURBOJET ENGINES 
Takeoff Noise 8 EPNdB Reduction 
Spec i f  ic  Fuel  Consumption 
Subsonic C r u i s e  
Super sonic C r  u ise 
20 Percent  Reduction 
1 Percent  Increase 
Engine Weight 23 Percent  Reduction 
Note: Comparisons made by s c a l i n g  f i r s t  gene ra t ion  
turbojet engine to  flow s i ze  of  VSCE 
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VSCE-515 
e Updated design C-D VSCE-502 
e Inverse VSCG502B 
definition * Baseline throttle I. High ffow schedule 
Relative 
range 
1 .o 
Fixed payload and noise 
I I I / / I  I 
Date of engine definition 
1973 1974 1975 ’ 1979 
Figure 1.- Var i ab le  stream c o n t r o l  engine evolu t ion .  
Figure 2.- VSCE wi th  inve r se  v e l o c i t y  p r o f i l e  a t  c r i t i ca l  f l i g h t  condi t ions.  
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low emissions 
duct burner 
Figure 3. -  Cross s e c t i o n a l  view of the VSCE-515. 
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Figure 4 . -  VSCE performance improvement r e l a t i v e  t o  f i r s t - g e n e r a t i o n  t u r b o j e t .  
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Duct burner 
Coannular nozzle 
High temperature components 
- Main combustor 
- Turbines 
Stowable jet noise suppressor 
Variable geometry components 
- Fan 
- Compressor 
Integrated electronic control system 
Figure 5.- VSCE critical technology requirements. 
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Figure 6 .- VSCE operating temperature levels compared to the advanced 
technology energy efficient engine. 
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Figure 7.- Temperature l e v e l s  a t  c r u i s e .  
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Figure  8.- High temperature v a l i d a t i o n  program schedule.  
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PROGRESS WITH VARIABLE CYCLE ENGINES* 
John S. Westmoreland 
Commercial Products  D i v i s i o n  
United Technologies  C o r p o r a t i o n ,  P r a t t  ti Whitney Aircraft  Group, 
SUMMARY 
Under NASA s p o n s o r s h i p ,  P r a t t  & Whitney A i r c r a f t  h a s  been e v a l u a t i n g  
and s u b s t a n t i a t i n g  t w o  of t h e  most c r i t i ca l  and unique components of  an ad- 
vanced p r o p u l s i o n  sys tem f o r  a f u t u r e  s u p e r s o n i c  c r u i s e  v e h i c l e .  These com- 
ponents ,  a h igh  performance d u c t  burner  for t h r u s t  augmentat ion and a l o w  
j e t  n o i s e  coannular  e x h a u s t  n o z z l e ,  are par t  of t h e  V a r i a b l e  Stream C o n t r o l  
Engine (VSCE). S t u d i e s  have i d e n t i f i e d  t h i s  e n g i n e  as having t h e  g r e a t e s t  
p o t e n t i a l  f o r  an  advanced s u p e r s o n i c  commercial cruise v e h i c l e ,  when consid-  
e r i n g  t h e  o v e r a l l  environmental .  and economic requi rements .  An e x p e r i m e n t a l  
test  program i n v o l v i n g  b o t h  isolated component and complete e n g i n e  tests h a s  
been conducted f o r  t h e  h i g h  performance,  l o w  e m i s s i o n s  d u c t  burner  w i t h  ex- 
cellent , r e s u l t s .  Nozzle model tests have also been completed which s u b s t a n t -  
iate t h e  i n h e r e n t  j e t  noise b e n e f i t  a s s o c i a t e d  w i t h  t h e  unique v e l o c i t y  pro- 
f i l e  possible of a coannular  e x h u a s t  n o z z l e  system on a V a r i a b l e  Stream Con- 
trol  Engine. A d d i t i o n a l  nozz le  model performance tests have e s t a b l i s h e d  h igh  
t h r u s t  e f f i c i e n c y  l e v e l s  a t  t a k e o f f  and s u p e r s o n i c  c r u i s e  f o r  t h i s  n o z z l e  
system. Large scale t e s t i n g  of  t h e s e  two c r i t i ca l  components is be ing  con- 
duc ted  us ing  an  FlOO e n g i n e  as the testbed for  s i m u l a t i n g  t h e  Variable Stream 
C o n t r o l  Engine. 
INTRODUCTION 
For t h e  past  s i x  y e a r s ,  P r a t t  & Whitney Aircraft  h a s  p a r t i c i p a t e d  i n  a 
series o f  NASA-sponsored programs aimed a t  e s t a b l i s h i n g  t h e  technology base 
f o r  a f u t u r e  s u p e r s o n i c  c r u i s e  t r a n s p o r t ,  w i t h  special emphasis on improving 
envi ronmenta l  and economic c h a r a c t e r i s t i c s .  During t h i s  p e r i o d ,  over  100  
d i f f e r e n t  engine  c o n c e p t s  and c y c l e  c o n f i g u r a t i o n s  were s tud ied ,  i n c l u d i n g  
Variable Cycle  Engines  (refs.  1-4). The most a t t r a c t i v e  e n g i n e  c o n f i g u r a t i o n  
i d e n t i f i e d  from t h i s  m a t r i x  was t h e  Variable Stream C o n t r o l  Engine (VSCE). 
T h i s  c o n c e p t  shows t h e  p o t e n t i a l  fo r  v e r y  s i g n i f i c a n t  improvements i n  range ,  
noise and e m i s s i o n s  r e l a t i v e  t o  t h e  f i r s t - g e n e r a t i o n  s u p e r s o n i c  t r a n s p o r t  
(SST) engines .  F i g u r e  1 shows t h e  b a s i c  mechanical  arrangement  of t h i s  en- 
g i n e .  The la tes t  update  of t h i s  engine  c o n c e p t ,  i n c l u d i n g  its m o d e  o f  opera- 
t i o n ,  is c o n t a i n e d  i n  r e f e r e n c e  5. 
* Work performed under NASA C o n t r a c t s  NAS3-20048 , NAS3-20061 and 
NAS3- 2060 2 
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A t t a i n i n g  t h e  p o t e n t i a l  b e n e f i t s  o f  t h e  V a r i a b l e  Stream C o n t r o l  Engine 
is c o n t i n g e n t  on e x t e n s i v e  r e s e a r c h  and e v a l u a t i o n  i n  many a r e a s  of advanced 
technology. The most c r i t i c a l  of t h e s e  technology r e q u i r e m e n t s  are t h e  f o l -  
lowing: (1) l o w  noise /h igh  performance coannular  n o z z l e ,  ( 2 )  l o w  emiss ions /  
h igh  performance burner  sys tems,  ( 3 )  high tempera ture  component technology,  
( 4 )  v a r  iable-geometry components (nozzle/e  j ec t o r / r e v e r s e r  , i n l e t ,  f a n ,  com- 
pressor),  (5) e l e c t r o n i c  c o n t r o l  system, and ( 6 )  a n  i n t e g r a t e d  p r o p u l s i o n  
sy  s tern. 
C o n c e n t r a t i n g  on t h e  t w o  most unique components i n  t h e  VSCE -- a low 
noise, v a r i a b l e  geometry coannular  nozz le  and a low-emissions,  h i g h  perform- 
ance d u c t  burner  -- e x p e r i m e n t a l  component technology programs are  b e i n g  
conducted by P r a t t  & Whitney A i r c r a f t  under NASA d i r e c t i o n .  The programs in-  
c l u d e  a Coannular Nozzle Model Technology Program and a Duct Burner Rig 
Technology Program. R e s u l t s  from t h i s  w o r k  have provided  t h e  b a s i s  f o r  t h e  
VCE Testbed Program, which i n v o l v e s  l a r g e  scale t e s t i n g  of t h e s e  components 
a t  rea l i s t ic  VSCE c o n d i t i o n s .  T h i s  paper  reviews t h e  t e c h n i c a l  accomplish- 
ments and p r o g r e s s  made i n  t h e s e  programs. 
COANNULAR NOZZLE MODEL TEHNOLOGY PROGRAM 
Over view 
The purpose of  t h e  Coannular Nozzle Model Technology Program is to 
i d e n t i f y  and i n v e s t i g a t e  aerodynamic and a c o u s t i c  n o z z l e  technology for an 
advanced powerplant  i n  a second-generat ion s u p e r s o n i c  cruise v e h i c l e .  More 
s p e c i f i c a l l y ,  t h e  major areas of t h e  o v e r a l l  program, which have been com- 
p l e t e d  or a r e  i n  p r o g r e s s ,  i n c l u d e :  
o E s t a b l i s h i n g  aerodynamic and a c o u s t i c  performance c h a r a c t e r i s t i c s  
o f  b o t h  unsuppressed and suppressed  coannular  n o z z l e  models over  
a l a r g e  range  of o p e r a t i n g  c o n d i t i o n s .  
o Determining t h e  e f f e c t  o f  f l i g h t  v e l o c i t y  on c o a n n u l a r  jets.  
o Developing an  aerodynamic/acoust ic  p r e d i c t i o n  procedure  f o r  re- 
f i n i n g  c o a n n u l a r  j e t  n o z z l e s  w i t h  i n v e r t e d  v e l o c i t y  p r o f i l e s .  
o C a l i b r a t i n g  m o d e l  d a t a  w i t h  acoustic d a t a  to b e  o b t a i n e d  from t h e  
VCE Tes tbed  Program, and e v a l u a t i n g  t h e  performance of t w o  super -  
s o n i c  coannular  n o z z l e  systems t h a t  combine l o w  n o i s e  and h igh  
aerodynamic performance. 
E f f o r t  i n  t h e  f i r s t  t h r e e  areas of  t h e  program (refs. 6-8) was com- 
p l e t e d  during or p r i o r  to 1977, and t h e  s i g n i f i c a n t  resul ts  of t h i s  work  
w i l l  be  d i s c u s s e d  b r i e f l y .  Exper imenta l  model t e s t i n g  on t h e  f o u r t h  a r e a  h a s  
j u s t  been completed,  and w o r k  f o r  a follow-on e f f o r t  h a s  s t a r t e d .  
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E a r l y  E f f o r t s  
During t h e  f i r s t  phase of  t h e  program, scale models r e p r e s e n t i n g  un- 
suppressed  and suppressed  coannular  e x h a u s t  systems were e v a l u a t e d  s t a t i -  
c a l l y  under v a r y i n g  e x h a u s t  c o n d i t i o n s .  Ejectors wi th  both hardwal l  and 
a c o u s t i c a l l y -  treated i n s e r t s  were also e v a l u a t e d .  The unsuppressed coannular  
c o n f i g u r a t i o n s  were found to  be a s  much as  11 PNdB quieter  than  p r e d i c t i o n s  
of t h a t  t i m e  when scaled to a 2.62 m (50 i n )  e q u i v a l e n t  diameter s i z e .  A t  
t y p i c a l  VSCE o p e r a t i n g  c o n d i t i o n s ,  n o i s e  r e d u c t i o n s  of approximate ly  8 PNdB 
were demons t ra t ed . 
I n  Phase 11, wind t u n n e l  tes ts  showed t h a t  j e t  n o i s e  l e v e l s  of t h e  co- 
annular  n o z z l e s  were reduced,  due to  t h e  s imula ted  f l i g h t  speed,  by approxi-  
mate ly  t h e  same amount a s  found f o r  s i n g l e  stream n o z z l e s .  Thus, t h e  coannu- 
l a r  n o i s e  b e n e f i t s  i d e n t i f i e d  dur ing  t h e  preceding  Phase I s t a t i c  t es t  were 
e s s e n t i a l l y  r e t a i n e d  i n  t h e  s imula ted  f l i g h t  environment.  The n o i s e  reduc- 
t i o n  r e s u l t i n g  from f l i g h t  effects was a f u n c t i o n  of  n o z z l e  stream v e l o c i -  
t i e s  and s imula ted  f l i g h t  speed. 
The t h i r d  p a r t  c o n t i n u e d  t h e  e x p e r i m e n t a l  and a n a l y t i c a l  w o r k  mention- 
ed above and was d i r ec t ed  towards i d e n t i f y i n g  and i n v e s t i g a t i n g  aerody- 
namic/acoust ic  technology r e l a t i n g  to t h e  coannular  n o z z l e  d e s i g n .  T h i s  e f -  
f o r t  was d i rec ted  toward t h e  a c q u i s i t i o n  of s t a t i c  a c o u s t i c  and aerodynamic 
performance data which were combined w i t h  e x i s t i n g  data to s u p p o r t  an  aero-  
dynamic/acoust ic  p r e d i c t i o n  procedure f o r  i n v e r t e d  v e l o c i t y  p r o f i l e  coannu- 
l a r  j e t  nozz les .  A procedure  was developed to  predict  j e t  n o i s e  sound p r e s -  
sure l e v e l  s p e c t r a  for coannular  nozz les  w i t h  i n v e r t e d  v e l o c i t y  p r o f i l e s  a t  
a l l  a n g l e s  a s  a f u n c t i o n  o f  n o z z l e  geometry, o p e r a t i n g  c o n d i t i o n  and f l i g h t  
v e l o c  i t y  . 
Recent Work 
The r e c e n t l y  completed e f f o r t  involved  t w o  programs. I n  one program, a 
scale model o f  t h e  VCE testbed nozz le  system was fabricated and t e s t e d  f o r  
a c o u s t i c  performance. I n  t h e  o t h e r  , two p o t e n t i a l  s u p e r s o n i c  n o z z l e  systems 
for t h e  VSCE s t u d y  e n g i n e  were e v a l u a t e d  over  a wide range  of  o p e r a t i n g  con- 
d i t i o n s  i n  t h e  NASA-Lewis 8 x 6 foot s u p e r s o n i c  wind t u n n e l .  
The purpose of t e s t i n g  t h e  VCE t e s t b e d  n o z z l e  m o d e l  was to  o b t a i n  
model a c o u s t i c  data t h a t  can  b e  s c a l e d  d i r e c t l y  to l a r g e  scale engine  d a t a  
a t  t h e  same aerothermodynamic c o n d i t i o n s  and so permi t  d e f i n i t i o n  of  s c a l i n g  
e f f e c t s  whi le  a t  t h e  same time p r o v i d e  test data f o r  e v a l u a t i o n  of t h e  cur -  
r e n t  a c o u s t i c  p r e d i c t i o n  procedure. A one-s ix th  scale model of t h e  tes tbed 
e x h a u s t  nozz le  system w i t h  a f a n  t o  pr imary j e t  area r a t io  o f  0.65 and 0.82 
f a n  r a d i u s  r a t io  was f a b r i c a t e d  and t e s t e d  i n  t h e  P r a t t  c Whitney A i r c r a f t  
Anechoic J e t  Noise T e s t  Chamber. This  test f a c i l i t y ,  a s  shown i n  Fig.  2 ,  i s  
l i n e d  w i t h  a c o u s t i c  a b s o r b e n t  wedges to p r o v i d e  an  anechoic  environment a t  
f r e q u e n c i e s  above 150 Hz. The model was des igned  f o r  t e s t i n g  b p t h  w i t h  or 
w i t h o u t  an  ejector. A c o u s t i c  d a t a  were obtained a t  o p e r a t i n g  c b n d i t i o n s  t h a t  
b r a c k e t  t h e  testbed engine  o p e r a t i n g  p o i n t s .  
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The t e s t b e d  model a c o u s t i c  test r e s u l t s  are c o n s i s t e n t  w i t h  t h e  e x i s t -  
i n g  p r e d i c t i o n  procedure ,  as  shown i n  Fig.  3 ,  i n d i c a t i n g  t h a t  t h e  resu l t s  
are similar to  d a t a  o b t a i n e d  w i t h  models t e s t e d  p r e v i o u s l y .  With t h e  i n v e r t -  
ed v e l o c i t y  p r o f i l e ,  c h a r a c t e r i s t i c  double  hump spectra are p r e s e n t .  The 
h igh  frequency r e g i o n  is c o n t r o l l e d  l a r g e l y  by t h e  f a n  stream, w h i l e  t h e  l o w  
f requency  reg ion  is c o n t r o l l e d  by t h e  merged f a n  and pr imary  j e t  s t ream. 
The second aspect of t h e  program involved an  e v a l u a t i o n  o f  t h e  t w o  po- 
t e n t i a l  VSCE n o z z l e  systems shown i n  Fig.  4 .  The main d i f f e r e n c e  between t h e  
t w o  c o n f i g u r a t i o n s  is t h a t  one u s e s  a s h o r t  f l a p  n o z z l e  f o r  t h e  f a n  s t ream 
w i t h  an i s o t r o p i c  s p l i t t e r ,  w h i l e  t h e  o t h e r  employs an iris fan nozzle with 
a c o n i c a l  s p l i t t e r .  Both c o n f i g u r a t i o n s  have p l u g s  i n  t h e  pr imary  stream. 
S i x  one-tenth scale models of t h e  t w o  e x h a u s t  systems were f a b r i c a t e d  
and tested i n  t h e  NASA-Lewis 8 x 6 f o o t  wind tunnel .  I n  F ig .  5, one o f  t h e  
models is shown i n s t a l l e d  i n  t h e  wind t u n n e l .  The models s i m u l a t e d  a c t u a l  
f l i g h t  d e s i g n s  a t  t a k e o f f  , s u b s o n i c  cruise and Mach 2.0 s u p e r s o n i c  cruise. 
Over 200 data p o i n t s  were a c q u i r e d  a t  wind t u n n e l  Mach numbers o f  0 .36 ,  0.9 
and 2.0 f o r  a wide range  o f  n o z z l e  o p e r a t i n g  c o n d i t i o n s .  Fan and pr imary  
nozz le  areas were v a r i e d  to  match d e s i r e d  o p e r a t i n g  c o n d i t i o n s ,  w h i l e  f a n  to  
pr imary p r e s s u r e  l e v e l s  were v a r i e d  a long  w i t h  t h e  ejector i n l e t  area and 
c l a m s h e l l  r e v e r s e r  p o s i t i o n .  I n  a d d i t i o n ,  t h e  s u p e r s o n i c  c o n f i g u r a t i o n  was 
t e s t e d  w i t h  0 ,  2 and 4 p e r c e n t  corrected secondary f l o w ,  which was released 
behind t h e  d u c t  t h r o a t  i n  t h e  g a p  formed by t h e  r e v e r s e r  buckets .  
Both n o z z l e  c o n f i g u r a t i o n s  produced similar resul ts  a t  t h e  same oper- 
a t i n g  c o n d i t i o n s .  A t  t a k e o f f  and s u p e r s o n i c  c r u i s e ,  n o z z l e  performance ap- 
proached or met t h e  desired performance goals (F ig .  6 ) .  However, s u b s o n i c  
c r u i s e  performance f e l l  s h o r t  of t h e  t a r g e t .  D i a g n o s t i c  tests of t h e  sub- 
s o n i c  cruise c o n f i g u r a t i o n s  showed t h a t  lower performance was a r e s u l t  o f  
ejector i n l e t  f low s e p a r a t i o n .  The follow-on w o r k  is a d d r e s s i n g  t h i s  e f f o r t .  
I n  e v a l u a t i n g  t h e  n o z z l e s ,  t h e  a d d i t i o n  of secondary  f low i n  t h e  
amount o f  2 and 4 p e r c e n t  improved nozz le  performance by approximate ly  2 .5  
and 3 . 8  p e r c e n t .  The effect  of v a r y i n g  t h e  f a n  to pr imary  p r e s s u r e  r a t io  was 
n e g l i g i b l e .  
F u t u r e  Program P l a n s  
I n  f u t u r e  w o r k ,  t h e  n o z z l e  d e s i g n s  w i l l  be r e f i n e d  by a p p l y i n g  know- 
l e d g e  ga ined  from t h e  p r e c e d i n g  phases .  Work is also planned to  improve ana- 
l y t i c a l  t echniques .  T h i s  i n v o l v e s  modifying e x i s t i n g  computer programs f o r  
s u p e r s o n i c  f law f i e l d s  so t h e y  can  be a p p l i e d  to  coannular  n o z z l e  geome- 
tries. U l t i m a t e l y ,  i n t e g r a t e d  a i r f r a m e  nozz le  c o n f i g u r a t i o n s  w i l l  have to be 
s t u d i e d  , des igned  and t e s t e d .  
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DUCT BURNER RIG TECHNOLOGY PROGRAM 
Overview 
The o b j e c t i v e  o f  t h e  Duct Burner Rig Technology Program is to i d e n t i f y  
and s u b s t a n t i a t e  t h e  required technology to e v o l v e  a d u c t  burner  c o n f i g u r a -  
t i o n  w i t h  t h e  n e c e s s a r y  h i g h  performance and l o w  e m i s s i o n s  f o r  second-gener- 
a t i o n  s u p e r s o n i c  p r o p u l s i o n  systems. The e f f o r t s  conducted under t h i s  pro- 
gram a r e  d i r e c t e d  a t  t h e  d u c t  burner  a p p l i c a t i o n  i n  t h e  VSCE s t u d y  engine.  
Three augmented o p e r a t i n g  c o n d i t i o n s  were e s t a b l i s h e d  a s  b e i n g  most c r i t i c a l  
to  t h e  d u c t  burner  des ign:  (1) s u p e r s o n i c  c r u i s e  a t  which t h e  d u c t  burner  
f u e l / a i r  ra t io  is l o w ,  b u t  p r e s s u r e  loss and t h r u s t  e f f i c i e n c y  are most cri-  
t i c a l  to  f u e l  consumption; ( 2 )  a c l imb c o n d i t i o n  a t  which a modest l e v e l  of 
augmentation would be r e q u i r e d  to accelerate through t h e  t r a n s o n i c  f l i g h t  
regime; and ( 3 )  t h e  t a k e o f f  c o n d i t i o n  a t  which t h e  a i r c r a f t  would be s u b j e c t  
to a i rpor t  v i c i n i t y  n o i s e  and e m i s s i o n s  r e g u l a t i o n s .  
Cr i t ica l  performance g o a l s  e s t a b l i s h e d  f o r  t h i s  program i n c l u d e  t h r u s t  
e f f i c i e n c y  a t  s u p e r s o n i c  c r u i s e  equal to 94 .5  p e r c e n t ,  f a n  d u c t  t o t a l  p r e s -  
sure loss a t  s u p e r s o n i c  c r u i s e  e q u a l  t o  4 . 5  p e r c e n t  and a maximum i g n i t i o n  
f u e l / a i r  ra t io  o f  0 .002 .  
The l o w  i g n i t i o n  f u e l / a i r  r a t i o  is d i c t a t e d  by o p e r a t i o n a l  con- 
s t r a i n t s .  Experience w i t h  c o n v e n t i o n a l  t h r u s t  augmentors i n d i c a t e s  t h a t  i f  
i g n i t i o n  o c c u r s  a t  a f u e l / a i r  r a t i o  o f  0.002 or lower, t h e  p r e s s u r e  p u l s e  is 
s u f f i c i e n t l y  l o w  to avoid  p r e s s u r e  p u l s i n g  t h e  engine .  
Exhaust e m i s s i o n s  g o a l s  e s t a b l i s h e d  f o r  t h i s  program by NASA are list- 
ed i n  Table  I .  The g o a l s  f o r  carbon monoxide (CO) and unburned hydrocarbons 
(THC) emiss ions  i n d i c e s  are r e p r e s e n t a t i v e  i n  t h a t  t h e y  are t y p i c a l  o f  t h o s e  
necessary  to a c h i e v e  t h e  more g e n e r a l  combustion e f f i c i e n c y  g o a l .  These 
g o a l s  a r e  in tended  o n l y  as a s t a n d a r d  f o r  comparison and are n o t  r e l a t e d  to  
any proposed or e s t a b l i s h e d  r e g u l a t i o n s  f o r  advanced s u p e r s o n i c  a i r c r a f t .  
Under t h e  f i r s t  phase of t h e  D u c t  Burner Rig Technology Program, an  
a n a l t y i c a l  s c r e e n i n g  and d e f i n i t i o n  s tudy  was completed. A t  present, experi- 
menta l  r i g  development t e s t i n g  is c o n t i n u i n g  under t h e  second and t h i r d  
p h a s e s  of  t h e  program. 
E a r l y  E f f o r t  
The f i r s t  phase  of t h e  program was conducted under NASA L e w i s  Research 
Center  C o n t r a c t  NAS3-19781 ( r e f .  9 ) .  The o b j e c t i v e  of t h i s  s t u d y  was, 
through s y s t e m a t i c  a n a l y t i c a l  s c r e e n i n g  of EBmbustor c o n c e p t s ,  to  i d e n t i f y  
d u c t  burner  c o n c e p t s  w i t h  t h e  p o t e n t i a l  f o r  h igh  performance and l o w  emis- 
s i o n s .  Combustion c o n c e p t s  were c o n s i d e r e d  t h a t  ranged from improved ver -  
s i o n s  o f  c u r r e n t  s t a t e - o f - t h e - a r t  d u c t  b u r n e r s  through t h e  technology l e v e l s  
demonstrated i n  t h e  NASA-sponsored Experimental  Clean Combustor ( r e f .  1 0 )  
and P o l l u t i o n  Reduct ion Technology Programs, to  such advanced c o n c e p t s  a s  
v a r i a b l e  geometry premixed-prevapor ized  combustors.  The c o n c e p t s  were used  
to d e f i n e  a number of d u c t  b u r n e r  c o n f i g u r a t i o n s .  
375 
A s  t h e  s t u d y  p r o g r e s s e d ,  it became e v i d e n t  t h a t  technology d e r i v e d  
from advanced, law-emissions main combustor programs such a s  t h e  NASA/P&WA 
Experimental  Clean Combustor Program would b e  r e q u i r e d  to a c h i e v e  t h e  d e s i r -  
ed h igh  performance and l o w  e m i s s i o n s  l e v e l s  over  t h e  e n t i r e  o p e r a t i n g  
range. Analyses  i n d i c a t e d  t h a t  a t h r e e - s t a g e  Vorbix ( v o r t e x  mixing and burn- 
ing)  d u c t  burner  c o n c e p t  h a s  t h e  p o t e n t i a l  to  meet t h e  overal l  engine  re- 
qui rements ,  i n c l u d i n g  p r e s s u r e  loss, t h r u s t  e f f i c i e n c y  and i g n i t i o n  margin 
and is compat ib le  w i t h  t h e  geometry of  t h e  VSCE. A s c h e m a t i c  of  t h e  t h r e e -  
s t a g e  c o n f i g u r a t i o n  i n  t h e  f a n  d u c t  of  a VSCE is p r e s e n t e d  i n  F i g .  7 .  
I n  t h e  b a s i c  mechanical  c o n f i g u r a t i o n  t h e  p i l o t  secondary s t a g e s  a r e  
enc losed  by a hood to e n s u r e  a p o s i t i v e  a i r  management f o r  combustion. A i r  
e n t e r s  t h e  p i l o t  secondary s t a g e  through a row of s w i r l e r  t u b e s  t h a t  pro- 
motes r a p i d  mixing o f  a i r  w i t h  combustion g a s e s  e x i t i n g  t h e  prechamber 
s t a g e .  The r a p i d  t u r b u l e n t  mixing produced by t h e  s w i r l i n g  j e t s  enhances 
complete combustion to reduce  exhaus t  p o l l u t a n t s .  A s imilar  arrangement  is 
used i n  t h e  t h i r d  combustion zone or h i g h  power s t a g e .  The f u e l  i n j e c t o r s  
f o r  t h e  secondary h i g h  power s t a g e s  a r e  l o c a t e d  a t  t h e  e x i t  o f  t h e  p r e v i o u s  
s t a g e  so t h a t  f u e l  may be r a p i d l y  vapor ized  i n  t h e s e  h o t  combustion pro- 
d u c t s .  Combustor l i n e r s  i n  both  l o w  and high power s t a g e s  are a c o n v e n t i o n a l  
louvered  des ign .  
Recent  E f f o r t  
I n  t h e  c u r r e n t  r i g  test e f f o r t  under NASA L e w i s  Research Center  Con- 
t r a c t  NAS3-20602, t es t s  are b e i n g  conducted to  s u b s t a n t i a t e  and r e f i n e  emis- 
s i o n s  and performance c h a r a c t e r  istics of t h e  t h r e e - s t a g e  Vorbix duc t  burner  
as w e l l  as  r e s o l v e  any p o t e n t i a l  o p e r a t i o n a l  problems i n  t h e  VCE Testbed 
Program. For t h i s  w o r k ,  t h e  test  r i g  was s i z e d  to d u p l i c a t e  a 60-degree sec- 
tor o f  t h e  a n n u l a r  burner  c o n f i g u r a t i o n  r e q u i r e d  for t h e  VCE Testbed Pro- 
gram. An exploded view o f  t h e  d u c t  burner  r i g  is shown i n  F ig .  8. 
A t o t a l  of  t h i r t e e n  d u c t  burner  c o n f i g u r a t i o n s  have been t e s t e d .  Data 
were o b t a i n e d  f o r  e m i s s i o n s ,  s m o k e ,  and t o t a l  p r e s s u r e  loss a t  both  s imula t -  
ed sea l e v e l  takeoff and s u p e r s o n i c  c r u i s e .  A l s o ,  measurements were made to  
e v a l u a t e  l i g h t i n g  and blowout c h a r a c t e r  istics and de termine  e m i s s i o n s  char-  
ac te r i s t ics  a t  o t h e r  o p e r a t i n g  c o n d i t i o n s .  T h i s  work  h a s  s u c c e s s f u l l y  sub- 
s t a n t i a t e d  t h e  t h r e e - s t a g e  c o n f i g u r a t i o n .  Some of  t h e  more impor tan t  r e s u l t s  
and o b s e r v a t i o n s  from r e c e n t  t e s t i n g  are p r e s e n t e d  i n  t h e  f o l l o w i n g  para-  
graphs .  
H i s t o r i c a l l y ,  a c o u s t i c  i n s t a b i l i t y  -- p r i m a r i l y  h i g h  f requency  s c r e e c h  
a s s o c i a t e d  w i t h  r a d i a l  o s c i l l a t o r y  modes -- h a s  been a c o n c e r n  i n  t h e  d e s i g n  
of  augmentors. N o  such i n s t a b i l i t y  was encountered d u r i n g  r i g  t e s t i n g .  
The a b i l i t y  to i g n i t e  t h e  d u c t  burner  a t  l o w  f u e l / a i r  rat ios is neces- 
s a r y  to  avoid  p r e s s u r e  p u l s e s  t h a t  might  a d v e r s e l y  a f f e c t  o p e r a t i n g  s t a b i -  
l i t y .  A v e r y  low i g n i t i o n  f u e l / a i r  r a t io  o f  0.002 was e s t a b l i s h e d  a s  a l i g h t  
o f f  g o a l  based on e x p e r i e n c e  from o t h e r  augmentor programs. T h i s  g o a l  was 
s u r p a s s e d  dur ing  i g n i t i o n  tes ts  w i t h  f u e l / a i r  ratios of 0.0014 to 0.0018. 
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A s  a tool s t r i c t l y  f o r  technology e v a l u a t i o n ,  t h e  d u c t  burner  r i g  does 
n o t  i n c o r p o r a t e  commercial l i f e - r e l a t e d  d e s i g n  features  and m a t e r i a l s .  Thus, 
minor c o o l i n g  and b u c k l i n g  problems w i t h  l i n e r  h i g h  t e m p e r a t u r e s  encountered  
dur ing  i n i t i a l  tests were e l i m i n a t e d  i n  subsequent  stages of t e s t i n g .  Inade- 
quate l i n e r  c o o l i n g  occurred i n  l imited areas immediately downstream o f  t h e  
s w i r l e r  tubes i n  t h e  p i l o t  secondary and h i g h  power s t a g e s .  T h i s  was a t t r i -  
buted to  margina l  f i l m  i n t e g r i t y  on t h e  louver  caused  by h igh  t u r b u l e n c e  
g e n e r a t e d  by t h e  s w i r l i n g  flow. A double louver scheme was i n c o r p o r a t e d  i n  
t h e s e  a r e a s  to improve f i l m  i n t e g r i t y .  T y p i c a l  louver  t e m p e r a t u r e s  such as  
t h o s e  i n d i c a t e d  i n  Fig. 9 are used to h e l p  e v a l u a t e  c h a r a c t e r i s t i c s  o f  t h e  
d u c t  burner .  I n  t h i s  case, a comparison is shown which i l l u s t r a t e s  t h e  in- 
f l u e n c e  of swirler o r i e n t a t i o n  on l i n e r  tempera ture .  
Table  I1 p r e s e n t s  t h e  d u c t  burner  e m i s s i o n s  c h a r a c t e r i s t i c s .  These re- 
s u l t s  i n d i c a t e  t h a t  t h e  combustion e f f i c i e n c y  exceeds  b o t h  t h e  NASA c o n t r a c t  
g o a l s  and p r e d i c t e d  l e v e l s  a t  a l l  o p e r a t i n g  c o n d i t i o n s .  While NO, emis- 
s i o n s  a r e  above t h e  g o a l  and p r e d i c t e d  l e v e l s ,  t h e y  a r e  c o n s i s t e n t  w i t h  t h e  
p r o j e c t e d  e m i s s i o n s  c h a r a c t e r i s t i c s .  I t  should  be noted  t h a t  t h e  p o t e n t i a l  
e x i s t s  f o r  t r a d e o f f s  between combustion e f f i c i e n c y  and NO, e m i s s i o n s  by 
reducing r e s i d e n c e  time, i .e.,  t h e  l e n g t h ,  of t h e  d u c t  burner .  
The SAE s m o k e  number was w e l l  below t h e  g o a l ,  on t h e  order of 2 ,  dur- 
i n g  high f u e l / a i r  r a t io  o p e r a t i o n  w i t h  a l l  c o n f i g u r a t i o n s  e v a l u a t e d .  
D e s p i t e  t h e  e x t e r n a l  p r e s s u r e  d i s t r i b u t i o n  around t h e  d u c t  burner  and 
t h e  a i r f l o w  d i s t r i b u t i o n  b e i n g  close to t h e  d e s i g n  i n t e n t ,  t h e  o v e r a l l  t o t a l  
p r e s s u r e  loss across t h e  d u c t  burner  was i n i t i a l l y  h i g h e r  t h a n  projected. 
Analyses  and flow v i s u a l i z a t i o n  s t u d i e s  i d e n t i f i e d  t h e  mechanism c a u s i n g  t h e  
h igher  losses, and subsequent  tests w i t h  a r e v i s e d  swirler geometry demon- 
s t r a t e d  a s u b s t a n t i a l  r e d u c t i o n  i n  p r e s s u r e  loss w i t h o u t  s i g n i f i c a n t l y  a l -  
t e r i n g  e m i s s i o n s  or o t h e r  performance c h a r a c t e r i s t i c s .  
T h r u s t  e f f i c i e n c y  is related to t h e  u n i f o r m i t y  of t h e  g a s  tempera ture  
d i s t r i b u t i o n  a t  t h e  d u c t  n o z z l e  e x i t  p lane .  T e s t  resul ts  have demonstrated 
minimal c i r c u m f e r e n t i a l  v a r i a t i o n  of  t h e  g a s  tempera ture  a t  t h e  duc t  burner  
e x i t .  T y p i c a l  radial  t e m p e r a t u r e  p r o f i l e s  are shown i n  Fig.  10.  The p r o f i l e  
a t  s u p e r s o n i c  c r u i s e  is ext remely  uniform, t h e r e b y  conducive  to  a h i g h  
t h r u s t  e f f i c i e n c y  r e q u i r e d  a t  t h i s  c o n d i t i o n .  A n a l y s i s  of t h e s e  p r o f i l e s ,  
i n c l u d i n g  t h e  e f f e c t  of assumed nozz le  c o o l i n g  a i r  and t h e  e x i s t i n g  circum- 
f e r e n t i a l  v a r i a t i o n s ,  i n d i c a t e s  t h a t  i n  a f l i g h t  e n g i n e  t h e  t h r u s t  e f f i c i e n -  
cy a t  s u p e r s o n i c  cruise would b e  i n  t h e  96-98 p e r c e n t  range  -- w e l l  above 
t h e  94.5 p e r c e n t  g o a l .  A t  t h e  h igher  f u e l / a i r  ra t ios  of t a k e o f f  and t r a n -  
s o n i c  climb, t h e  t h r u s t  e f f i c i e n c y  is computed to  be 92 to 9 4  p e r c e n t ,  which 
also exceeds t h e  proj ec ted l e v e l s .  
F u t u r e  Program P l a n s  
F u r t h e r  e x p e r i m e n t a l  t e s t i n g  is scheduled w i t h  t h e  d u c t  burner  r i g .  
F u t u r e  tests would be conducted i n  an e f f o r t  to reduce t h e  toea1 pressure 
loss to  t h e  d e s i g n  l e v e l ,  o p t i m i z e  t h e  e m i s s i o n s  c h a r a c t e r i s t i c s ,  i n v e s t i -  
gate r e d u c t i o n s  i n  s t a g e  l e n g t h ,  and reduce burner  s e n s i t i v i t y  to t h e  f u e l  
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s p r a y  c h a r a c t e r i s t i c s  of  t h e  h igh  pcwer s t a g e  f u e l  i n j e c t o r s .  A d d i t i o n a l  e f -  
f o r t s  are  planned to a s s e s s  a s i m p l i f i e d  v e r s i o n  of t h e  t h r e e - s t a g e  des ign .  
VCE TESTBED PROGRAM 
Overview 
The VCE Testbed Program, be ing  conducted under NASA L e w i s  Research 
Center  C o n t r a c t  NAS3-20048, p r o v i d e s  an  e f f e c t i v e  method to e v a l u a t e  and 
v e r i f y  t h e  VSCE unique d u c t  burner  and coannular  n o z z l e  t e c h n o l o g i e s .  By 
t e s t i n g  a l a r g e  scale d u c t  burner  and coannular  nozz le  i n  a r ea l i s t i c  opera- 
t i n g  environment,  t h e  program w i l l  demonstrate:  
o The c o a n n u l a r  n o i s e  b e n e f i t  w i t h  i n v e r t e d  v e l o c i t y  profile 
o A high  performance and l o w  emiss ions  d u c t  b u r n e r  
o E f f e c t i v e n e s s  of acoustic t r e a t m e n t  on t h e  ejector 
o VSCE c h a r a c t e r  istics ( i n v e r t e d  t h r o t t l e  schedule)  
I n  a d d i t i o n , '  t h e  testbed p r o v i d e s  t h e  o p p o r t u n i t y  to e v a l u a t e :  
o Duct burner  combustion n o i s e  
o F a d d u c t  burner  n o i s e  i n t e r a c t i o n s  
o Fan/duct burner /nozz le  s t a b i l i t y  
o Fan and core n o i s e  s o u r c e s  
o V a l i d i t y  o f  n o i s e  p r e d i c t i o n  based on model tes t  d a t a  
o Improvements to advanced s u p e r s o n i c  v e h i c l e  j e t  n o i s e  p r e d i c t i o n  
The VCE t e s t b e d  c o n f i g u r a t i o n  is shown i n  F ig .  11. A Pra t t  & Whitney 
A i r c r a f t  FlOO engine  was s e l e c t e d  a s  t h e  g a s  g e n e r a t o r  f o r  t h e  testbed s i n c e  
it h a s  t h e  potent ia l  t o  s i m u l a t e  t h e  desired exhaus t  c o n d i t i o n s  o f  t h e  VSCE 
s t u d y  engine.  Furthermore,  it d i d  n o t  require e x t e n s i v e  m o d i f i c a t i o n  to in-  
corporate t h e  d u c t  b u r n e r ,  a v a r i a b l e  exhaus t  n o z z l e  and a n  ejector t h a t  c a n  
accommodate b o t h  a hard  w a l l  s u r f a c e  and a c o u s t i c  t r e a t m e n t .  
The program p l a n  i n c l u d e s  t w o  major series of tests: a d u c t  burner  
e m i s s i o n s  and performance e v a l u a t i o n ,  and a comprehensive aero/acoustic 
e v a l u a t i o n .  Three d i f f e r e n t  test  s i tes  a r e  be ing  employed f o r  conduct ing  
t h e s e  and o t h e r  associated tests. C a l i b r a t i o n  of t h e  F l O O  e n g i n e  was per- 
formed a t  t h e  P ra t t  & Whitney Aircraf t  Government P r o d u c t s  D i v i s i o n  i n  
Florida. A checkout  o f  t h e  FlOO/testbed system and e m i s s i o n s  e v a l u a t i o n  is 
be ing  performed a t  t h e  P r a t t  & Whitney A i r c r a f t  Commercial P r o d u c t s  D i v i s i o n  
i n  Connect icu t .  The Boeing Boardman f a c i l i t y  i n  Oregon was selected a s  t h e  
s i t e  for complet ing t h e  a e r o / a c o u s t i c  t es t .  
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D e  s ign  Ph i losophy 
Since  t h e  i n t e n t  of t h i s  program is to evaluate c r i t i ca l  concepts and 
demonstrate VSCE o p e r a t i o n a l  c h a r a c t e r i s t i c s ,  t h e  testbed does no t  r ep resen t  
f l i g h t  type hardware nor is it designed for long l i f e .  Standard coo l ing  
techniques and a v a i l a b l e  materials w e  e employed i n  t h e  d u c t  burner  and no7- 
z l e  systems, r e a l i z i n g  t h a t  f u t u r e  F 3grams would be r equ i r ed  to develop 
long term coo l ing  methods and struc J r a l  approaches.  
Duc t  Burner 
The duct  burner for t h e  testbed is based on t h e  aerothermal  and mech- 
a n i c a l  concepts  desc r ibed  i n  t h e  prev ious  d i scuss ion  of t h e  Duct Burner Rig 
Technology Program. I n  t h e  des ign  process ,  p a r t i c u l a r  emphasis was placed to 
ensure  a s i m i l a r i t y  a s  close as  possible between t h e  t e s t b e d  and t h e  des ign  
concept  f o r  t h e  f l i g h t  engine. Design parameters  t h a t  are i d e n t i c a l  to t h e  
VSCE study engine include:  
o Local v e l o c i t i e s  and Mach numbers 
o Stage  l e n g t h s  
o Mixing zone parameters such a5 t h e  ratios of swirler diameter to 
r a d i a l  he igh t  and f u e l  i n j e c t o r  spacing to r a d i a l  h e i g h t  
o Percent  a i r f l o w  and f u e l / a i r  ra t ios  a t  end o f  s t ages .  
The major v a r i a t i o n s  between the  t e s tbed  and a possible f l i g h t  engine 
d u c t  burner are t h e  r educ t ion  i n  duc t  h e i g h t  and mean diameter  by approxi- 
mately 50 pe rcen t  to match t h e  FlOO engine s i z e .  
Coannular Nozzle 
The exhaust  nozz le  system used i n  t h e  VCE t e s t b e d  to e v a l u a t e  t h e  co- 
annular  no ise  e f f e c t  is similar to the  nozzle  cons idered  f o r  t h e  VSCE s tudy  
concept.  The a x i a l  o r i e n t a t i o n  of the  duc t  burner and primary nozz les  i n  t h e  
testbed is n e a r l y  i d e n t i c a l  to  t h a t  i n  t h e  f l i g h t  concept.  Also,  t h e  ejector 
system is near ly  t h e  same. 
One d i s s i m i l a r i t y ,  however, is i n  t h e  primary nozz le  conf igu ra t ion .  
The study engine shows t h e  p o t e n t i a l  f o r  a v a r i a b l e  t h r o a t ,  convergent  d i -  
vergent  nozzle  system, wh i l e  t h e  testbed u t i l i z e s  a f i x e d  convergent  primary 
nozzle .  This  d i f f e r e n c e ,  however, w i l l  no t  produce any s i g n i f i c a n t  e f f e c t s  
on t h e  experimental  data d e s i r e d  i n  t h e  program. S e v e r a l  d i f f e r e n t  s i z e s  of 
f ixed  primary nozz les  are u s e d  during t e s t i n g  to permit a t t a inmen t  of a 
v a r i e t y  of  primary stream e x i t  v e l o c i t i e s .  
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Testbed Control  System 
The c o n t r o l  system i n  t h e  VCE t e s tbed  was designed to maintain control 
of a l l  F100, duc t  burner and nozzle control v a r i a b l e s  i n  order  to o b t a i n  t h e  
desired ope ra t ing  p o i n t s  f o r  a c q u i s i t i o n  of aero /acous t ic  and emissions 
data .  For r e p e a t a b i l i t y  o f  ope ra t ing  p o i n t s ,  it was d e s i r a b l e  t h a t  t h e  sys- 
t e m  r egu la t e  t he  engine and testbed components such t h a t  actual  d u c t  a i r f low 
v a r i a t i o n s  were accurate to  1 percen t  of t h e  set  po in t .  
In  add i t ion ,  t h e  c o n t r o l  is capable  of  independently meter ing the  duc t  
burner f u e l  f law to t h e  t h r e e  combustion s t ages  as  w e l l  a s  sequencing t h e  
s t a g e  opera t ion .  F i n a l l y ,  t h e  c o n t r o l  system p r o t e c t s  t h e  test veh ic l e  from 
c o n t r o l  system f a i l u r e s  such a s  sensor malfunction and permi ts  ease of oper- 
a t i o n  to  e s t a b l i s h  ope ra t ing  p o i n t s  f o r  da t a  a c q u i s i t i o n .  
Recent E f f o r t  
Tes t ing  accomplished to da te  includes a checkout of t h e  i n t e g r a t e d  
FlOO/testbed system and a series of  eva lua t ions  to demonstrate d u c t  burner 
aerothermal/mechanical performance and acquire emissions da t a .  Aero/acoustic 
t e s t i n g  is planned i n  1980. 
The t e s tbed  demonstrator v e h i c l e  became o p e r a t i o n a l  dur ing  mid 1978. 
The tes t  conf igura t ion  is shown i n  Fig. 1 2  i n s t a l l e d  i n  a test  s tand  a t  t h e  
Commercial Products  Div is ion  p r i o r  to emissions t e s t i n g .  The  high perform- 
ance/low emissions d u c t  burner  , i n i t i a l l y  demonstrated i n  t h e  companion r i g  
program, has been s u b s t a n t i a t e d  through tes tbed  opera t ion .  A l s o ,  t h e  VSCE 
concept ,  i n  which t h e  e x i t  v e l o c i t y  p r o f i l e s  are v a r i e d  and c o n t r o l l e d ,  has 
been demonstrated whi le  maintaining good engine/duct burner/nozzle s t a b i l i t y  
charac te r  istics. 
Approximately 100  hours of t e s t i n g  has  been completed, and no major 
problems have been encountered wi th  respec t  to d u c t  burner  ope ra t ion .  A 
photograph of t h e  t e s tbed  exhaust  plume with the  duc t  burner ope ra t ive  is 
presented  i n  Fig. 13. Veloc i ty  r a t i o s  ( f an  veloci ty/pr imary v e l o c i t y )  be- 
tween 1 .0  and 1.9 have been obta ined  a t  s t eady- s t a t e  condi t ions .  The devel- 
opment breadboard c o n t r o l  system, which is computer c o n t r o l l e d ,  has  success- 
f u l l y  maintained s a f e  and s tab le  ope ra t ion  of t h e  test  v e h i c l e  throughout 
t h e  opera t ing  range. 
An element related to  VSCE ope ra t ion  is fan/duct  burner/nozzle  s t a b i l -  
i t y .  A t  duc t  burner l i g h t  o f f ,  upstream p res su re  pulses were expected to  be 
on the  order of 1 to  3 percen t ,  b u t ,  i n  f a c t ,  i n s t a b i l i t i e s  have n o t  been 
observed during t e s t i n g .  Moreover, i n t e n t i o n a l  v a r i a t i o n  of t h e  f an  nozzle  
area d id  n o t  produce any i n s t a b i l i t i e s  i n  t h e  system. A l s o ,  a v a r i a t i o n  i n  
f u e l  flaw to any of  t h e  duc t  burner s t ages  has been l i m i t e d  by wal l  tempera- 
tures  and n o t  s t a b i l i t y  problems. The t r a n s i t i o n  from one to  t w o  to t h r e e  
combustion zones over a v a r i e t y  of f u e l  flow s p l i t s  has  proven t h e  s t a b i l i t y  
of t h e  in t eg ra t ed  engine,  duc t  burner  , and nozzle  system. 
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For an a c c u r a t e  c h a r a c t e r i z a t i o n  of d u c t  burner  exhaus t  emiss ions ,  g a s  
sampling i n s t r u m e n t a t i o n  is e s p e c i a l l y  c r i t i c a l .  The e m i s s i o n s  sampling sys- 
tem des igned  f o r  t h i s  program is comprised of f o u r  probes  l o c a t e d  a t  t h e  
duc t  burner e x i t  p l a n e .  Three of  t h e  probes  are f i x e d  and each of t h e s e  con- 
t a i n s  n i n e  sampling e lements .  The f o u r t h  probe is a t r a v e r s i n g  u n i t  wi th  a 
s i n g l e  s e n s i n g  e lement  c a p a b l e  of b o t h  r a d i a l  and c i r c u m f e r e n t i a l  movement. 
A l l  probes i n  t h e  system are steam cooled .  A s  e m i s s i o n s  samples are 
e x t r a c t e d  by t h e  probe  s e n s i n g  e lements ,  t h e  samples  are p a s s e d  through 
hea ted  t u b e s  to  a c o l l e c t i o n  chamber t h a t  is e x t e r n a l  t o  t h e  test v e h i c l e .  
From t h i s  p o i n t ,  t h e  sample is t r a n s f e r r e d  to  t h e  P r a t t  & Whitney Aircraft  
mobile emiss ions  l a b o r a t o r y  for a n a l y s i s .  The g a s  sampling system d e s i g n  ad- 
d r e s s e d  t h e  mounting and p o s i t i o n i n g  of s e n s o r s ,  i n  a d d i t i o n  to quenching 
t h e  sample w i t h o u t  condensa t ion  through t h e  s w i t c h i n g  and mixing prior to 
a n a l y s i s  i n  t h e  mobile  l a b o r a t o r y .  Sampling probes and e m i s s i o n s  sampling 
equipment were des igned  to  conform w i t h  t h e  s p e c i f i c a t i o n s  d e s c r i b e d  i n  
Federal R e g i s t e r  V o l .  3 8 ,  No. 136, Par t  11, July  1 7 ,  1973, "Cont ro l  of A i r  
P o l l u t i o n  from Aircraft  and A i r c r a f t  Engines".  
For e m i s s i o n s  a s s e s s m e n t ,  t h e  t e s t b e d  h a s  been o p e r a t e d  over  a wide 
range  o f  o v e r a l l  f u e l / a i r  ( f / a )  ra t ios  from 0.005 t o  0.030". V a r i o u s  o p e r a t -  
i n g  c o n d i t i o n s  were e v a l u a t e d  as  t h e  o p e r a t i n g  range and l i m i t s  o f  t h e  duc t  
burner  were i n v e s t i g a t e d .  A l s o ,  d i f f e r e n t  pressure l e v e l s  were run a t  var- 
i o u s  r e p r e s e n t a t i v e  p o i n t s  i n  order to d u p l i c a t e  t h e  n o z z l e  model a c o u s t i c  
data t h a t  were discussed p r e v i o u s l y .  
Typical e m i s s i o n s  r e s u l t s  f o r  CO, THC and NOx a r e  shown i n  Fig.  1 4 .  
A l s o  shown are r e s u l t s  from t h e  companion r i g  program and t h e  predicted d a t a  
s c a t t e r  band t h a t  is based on P r a t t  & Whitney Aircraft 's burner  exper ience .  
The testbed r e s u l t s  tend  to d u p l i c a t e  r i g  data, t h e r e b y  c o r r o b o r a t i n g  t h e  
h igh  o v e r a l l  performance of t h e  basic d u c t  burner  des ign .  As demonstrated 
dur ing  r i g  t e s t i n g ,  t h e  h i g h e r  t h a n  expec ted  combustion e f f i c i e n c y  due to 
t h e  e x c e l l e n t  mixing c h a r a c t e r i s t i c s  y i e l d e d  l o w  CO and THC l e v e l s .  A com- 
p a r i s o n  of t h e  t e s t b e d  d u c t  burner  combustion and t h r u s t  e f f i c i e n c y  a t  t h e  
t h r e e  f u e l / a i r  r a t i o s  v e r s u s  t h e  predicted e f f i c i e n c y  is p r e s e n t e d  i n  Table 
111. The resul ts  are based on data a v a i l a b l e  a t  t h e  time of t h i s  w r i t i n g .  
F u r t h e r  work is e x p e c t e d  to improve t h e s e  i n i t i a l  e m i s s i o n s  and performance 
c h a r a c t e r i s t i c s .  
F u t u r e  Program P l a n s  
A c q u i s i t i o n  of a c o u s t i c  data and t h e  e v a l u a t i o n  of t h e  coannular  e f -  
f e c t  a r e  planned.  A l s o  t h e  t e s t b e d  demonstrator  w i l l  be used to tes t  and 
e v a l u a t e  des ign  r e f i n e m e n t s  from t h e  companion r i g  program. Follow-on p l a n s  
may i n c l u d e  t e s t i n g  t h e  VCE testbed i n  a wind t u n n e l  t o  e v a l u a t e  f l i g h t  ef- 
f e c t s  on t h e  coannular  nozz le  acousti 'c  r e s u l t s  and t e s t i n g  a s i m p l i f i e d  d u c t  
burner  c o n f i g u r a t i o n .  
* F u e l / a i r  r a t i o  refers to t h e  f u e l  p a s s i n g  through e i tner  a l l  or a 
p a r t i c u l a r  set o f  n o z z l e s  ratioed to t h e  t o t a l  a i r f l o w  p a s s i n g  through 
t h e  b u r n e r ,  i n c l u d i n g  a i r  t h a t  a c t u a l l y  bypasses t h e  burner  and is 
used to cool t h e  nozz le .  
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TABLE I - DUCT BURNER EMISSIONS GOALS 
Pol 1 u tan t 
co 
THC 
Emissions Index 
( e l  utant/ kg fuel ) 
1.0 
30.0 
2.5 
Note : Combustion efficiency at all operating conditions = 99 
percent 
TABLE I1 - DUCT BURNER RIG EMISSIONS CHARACTERISTICS 
CO (EI) THC (EI) COMB. NOx (EI) 
gm/kq EFFIC. gm/kg -¶In& 
Super sonic 
Cruise 
Meas. 1.6 0.03 99.9 5.7 
Anal. 30 3 99.0 2.8 
Goa 1 30 3 99 .o 1.0 
Transonic 
C1 imb 
Meas. 7.4 0.04 99 .8 4.0 
Anal. 225 22.5 92.5 1.2 
Goa 1 30 3.0 99 .o - 
Takeoff 
Meas. 
(f/a = 0.035) 13.7 0.001 99.7 2.7 
Pred. 
(f/a = 0.0385) 30 3 99 .o 1.8 
G o a l  30 3 99.0 1.0 
TABLE I11 - W E  TESTBED DUCT BURNER COMBUSTION AND THRUST EFFICIENCY 
Combustion efficiency Thrust Efficiency 
Pred. Meas. Meas. Pr ed . -
Fuel/Air Ratio .013 
Fuel/Air Ratio .019 
Fuel/Air Ratio .030 
99.6 99.0 97.3 94.5 
98.5 
99.3 99.9 96.8 86.0 
-- 96.0 -- 
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Variable f emissions L 
Figure 1.- Conceptual configuration of Variable Stream Control Engine (VSCE). 
Figure 2.- Test nozzle model installed in Anechoic Jet Noise Facility. 
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1 1 6 ~  
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104 
Sound 
pressure 
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- dB 
- 
- i 
-Prediction 
A VCE model data  
Pr imary Fan -- 
Pressure ratio 1.6 2.4 
800 K 1089 K 
[1440°R) (1960OR) 
Tota l  temp 
Velocity 451 m/rec 702 m/sec 
[la79 ft /sec) (2303 f t / rec)  
77 cm2 50 c m 2  
(11.90 in2) (7.73 in21 
Radius= 4.6 m (15 ft) 
Theoretical d a y  A r e a  
loot 
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125 250 500 1K 2K 4K 8K 16K 32K 64K 
One third octave band center freq. - HZ 
Figure 3.- Comparison of VCE coannular nozzle model test prediction and test 
data. 
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Figure 4 . -  Cross sections of potential VSCE nozzle configurations evaluated 
for aero/acoustic performance during Phase IV Program. 
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Figure 5.- Test nozzle installed in NASA-Lewis wind tunnel. 
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Figure 6.- Comparison of test results with advanced supersonic propulsion 
study nozzle performance. 
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Pilot secondary’ 
f we1 injectors 
\High powe 
fuel inject 
Figure  7.- Three-stage Vorbix duct burner c o n f i g u r a t i o n  shown with f a n  ex- 
haust nozzle .  
F igu re  8.- Exploded view of duc t  burner  r i g .  
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Figure 9.- Influence of swirler orientation on liner temperature. 
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Figure 10.- Typical radial temperature profiles at duct burner exit plane 
for selected operating conditions. 
388 
Coannular nozzle 
with treated sjectar 
Figure 11.- VCE testbed demonstrator configuration using a Pratt & Whitney 
Aircraft FlOO engine as gas generator to develop proper environment of 
testbed components - the duct burner and coannular nozzle. 
Figure 12.- VCE testbed demonstrator installed in test stand at Pratt & 
Whitney Aircraft Commercial Products Division in East Hartford, 
Connecticut. 
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Figure 13.- VCE testbed demonstrator exhaust plume at duct burner augmentation. 
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Figure 14.- Typical emissions results acquired from VCE testbed emissions 
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EFFECTS OF INLET TECZiNOLOGY 
ON CRUISE SPEED SELECTION 
L. €1. Sanger t ,  D.  M.  Santman, G .  H-orie, 
and L .  D.  M i l l e r  
Lockheed-California Corcpany 
Recent Lockheed s t u d i e s  of suversonic  c r u i s e  r e sea rch  (SCR) a i r c r a f t  have 
s tud ied  t h e  impact of cruise  speed on technology l e v e l  f o r  c e r t a i n  a i r c ra f t  
conponents . I n  t h e  p re sen t  s tudy ,  external-compression i n l e t s  were compared 
wi th  mixed-compression, s e l f - s t a r t i n g  i n l e t s  a t  c r u i s e  Mach numbers of 2.C and 
2 . 3 .  In le t -engine  combinations t h a t  provided the  g r e a t e s t  a i r c r a f t  range were 
i d e n t i f i e d .  R e s u l t s  showed t h a t  increased t ransonic- to-cru ise  co r rec t ed  a i r  
flow r a t i o  gave decreased range f o r  mlssions dominated by supersonic  c r u i s e .  
I t  was also found important  t h a t  i n l e t s  be designed t o  minimize s p i l l a g e  drag 
a t  subsonic  c r u i s e ,  because of t h e  need f o r  e f f i c i e n t  performance f o r  overltind 
opera t ions .  The external-compression i n l e t  emerged as the  probable  f i r s t  
choice a t  Mach 2.0, wh i l e  t h e  s e l € - s t a r t i n g  i n l e t  w a s  t he  probable f i r s t  
choice a t  Nach 2 . 3 .  Airframe-propulsion system i n t e r f e r e n c e  e f f e c t s  were 
s i g n i f i c a n t ,  and f u r t h e r  s tudy is  needed t o  assess t h e  e x i s t i n g  des ign  aethods 
and t o  develop improvements. 
INTRODUCTION 
Supersonic c r u i s e  r e sea rch  (SCR) s t u d i e s  a t  t h e  Lockheed-California 
Company have r e c e n t l y  been d i r e c t e d  toward a i r c r a f t  designed f o r  d i f f e r e n t  
supersonic  c r u i s e  Mach numbers. The gene ra l  purpose o f ' t h i s  e f f o r t  was to 
assess where a change i n  supersonic  c r u i s e  speed imposed a change i n  tech- 
nology l e v e l  f o r  c e r t a i n  components of t h e  a i r c r a f t .  Through 1978,  Lockheed 
s t u d i e s  concent ra ted  on a i r c r a f t  wi th  a supersonic  c r u i s e  speed of Mach 2.55. 
During 1979,  t h e s e  s t u d i e s  were expanded t o  inc lude  Mach 2.0 and Mach 2 .3  
c r u i s e  a i r c r a f t .  
Mach 2.0 was approximately t h e  lowest  speed of i n t e r e s t  i n  t he  Lockheed 
s t u d i e s .  A t  t h i s  speed,  external-compression i n l e t s  were expected t o  be com- 
p e t i t i v e  wi th  mixed-compression types .  By c o n t r a s t ,  c r u i s e  a t  Mach 2.55 
c l e a r l y  requi red  mixed-compression i n l e t s .  S tud ie s  a t  Mach 2 . 3  were under- 
taken t o  d e f i n e  more c l e a r l y  a c rossover  Mach number a t  which t h e  advantage 
would swing t o  a higher-technology, mixed-compression i n l e t .  
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The main o b j e c t i v e s  of t h e  present  s tudy are:  
0 I d e n t i f y  in le t -engine  combi.nations t h a t  provide raximurn range a t  
Mach 2.0 and 2 . 3  
0 Evaluate  e f f e c t  of t ransonic- to-cru ise  co r rec t ed  a i r  flow r a t i o  on 
a i r c r a f t  range 
0 Obtain q u a n t i t a t i v e  performance comparisons on the  e f f e c t  of i n t e r n a l  
con t r ac t ion  a t  Mach 2.0 and 2 . 3  
I n l e t  perforniance cannot be optimized i n  i s o l a t i o n  from engine performacce. 
Thus, i t  was des i r ed  t o  i d e n t i f y  those  in le t -engine  combinations t h a t  provided 
the  g r e a t e s t  a i r c r a f t  range. This  i n  t u r n  allowed those  i n l e t s  which were 
leading candida tes  f o r  f u r t h e r  development t o  be i d e n t i f i e d .  
An i s s u e  t h a t  a r o s e  from p a s t  s t u d i e s  w a s  t he  d e s i r a b i l i t y  of engines  
w i t h  r e l a t i v e l y  l a r g e  t r anson ic  a i r  f low capac i ty .  Eecause of the  importance 
of t ransonic- to-cru ise  co r rec t ed  a i r  flow r a t i o  on i n l e t  des ign ,  i t  w a s  
des i r ed  t o  eva lua te  t h e  in f luence  of t h i s  parameter on a i r c r a f t  range. 
The completed s tudy  conf igu ra t ions  are ind ica t ed  by checks i n  f i g u r e  1. 
The mixed-compression i n l e t s  s tud ied  a t  Mach 2.0 and 2 . 3  were l i m i t e d  t o  s e l f -  
s t a r t i n g  t y p e s .  Such i n l e t s  can be  r e s t a r t e d  without  any change i n  i n l e t  
geometry, and s o  have p o t e n t i a l l y  fewer u n s t a r t  problems than  i n l e t s  r equ i r ing  
v a r i a b l e  geonetry f o r  restart .  They also have p o t e n t i a l l y  h ighe r  t o t a l  pres-  
s u r e  recovery and lower cowl drag  than external-compression i n l e t s .  The pre- 
s e n t  paper concen t r a t e s  on us ing  r e s u l t s  f o r  two-dimensional i n l e t s  t o  
demonstrate e f f e c t s  of i n t e r n a l  c o n t r a c t i o n  and of co r rec t ed  a i r - f low r a t i o  
on a i r c r a f t  performance. A p a r a l l e l  e f f o r t  is underway f o r  t h e  a x i s y m e t r i c  
i n l e t  types ind ica t ed  i n  f i g u r e  1. These axisymmetric i n l e t s  have p o t e n t i a l l y  
Lower drag and lower weight than  t h e  two-dimensional i n l e t s  i n  the  podded 
n a c e l l e  conf igu ra t ion  of the Lockheed SCR a i r c r a f t .  The r e s u l t s  of t h e  axisym- 
metric i n l e t  s tudi .es  w i l l  be  repor ted  a t  a la ter  d a t e .  
A t  Mach 2.55, b o t h  t r a n s l a t i n g  centerbody (TCB) and c o l l a p s i n g  centerbody 
(CC3) i n l e t s  were analyzed,  and the  r e s u l t s  were r epor t ed  i n  r e fe rence  1. 
Both of t hese  i n l e t s  were axisymmetric,  wi th  mixed compression and variable 
geometry f o r  res ta r t .  Advantages of t he  CCB i n l e t  were low b leed  and low 
i n t e r n a l  c o n t r a c t i o n ,  p l u s  g r e a t e r  p o s s i b l e  t h r o a t  area v a r i a t i o n .  Its d i s -  
advantages were h igher  weight and g r e a t e r  complexity.  
p re fe r r ed ,  bu t  w i th  r e s e r v a t i o n s  about i ts  complexity.  
The CCB i n l e t  w a s  
The two-dimensional, s e l f - s t a r t i n g  i n l e t  des ign  a t  Mach 2.55 i s  descr ibed  
i n  r e fe rence  2.  This  des ign  was based on that of t h e  Lockheed supersonic  
t r a n s p o r t  of 1966. 
F igure  2 summarizes t h e  p r i n c i p a l  f a c t o r s  t h a t  i n f l u e n c e  t h e  choice  of 
t ransonic- to-cru ise  co r rec t ed  a i r  flow r a t i o .  These f a c t o r s  p o i n t  toward 
lower co r rec t ed  a i r  flqw r a t i o s  f o r  missions dominated by supersonic  c r u i s e .  
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Takeoff no i se  requirenients may l i m i t  r educ t ions  i n  co r rec t ed  a i r  flow r a t i o ,  
however. To o b t a i n  q u a n t i t a t i v e  r e s u l t s ,  i n l e t s  a t  Mach 2.0 and 2.55 were 
combined wi th  engines having d i f f e r e n t  t ransonic- to-cru ise  a i r  flow r a t i o s .  
I t  was not  considered necessary to r e p e a t  t h i s  s tudy a t  Mach 2.3. Thus, t he  
Mach 2.3 s t u d i e s  were mainly concerned wi th  c,omparing i n l e t  types  f o r  a given 
engine.  
STUDY COKF IGUMTI  OMS 
The Mach 2.0 and Mach 2.3 a i r c r a f t  used i n  t h i s  s tudy  a r e  shown i n  f i g -  
u re s  3 and 4 ,  r e s p e c t i v e l y .  These a i r c r a f t  are d e r i v a t i v e s  of t h e  Lockheed 
b a s e l i n e  Mach 2.55 a i r c r a f t ,  which has  takeoff  g ross  weight of 268,527 kg 
(592,000 l b )  , 290 passengers ,  wing loading of 4213 N/m2 (88 p s f ) ,  leading-  
edge sweep angles  73/70/55 degrees ,  and a spec t  r a t i o  1.72 ( r e f .  1). The Nach 
2.0 and 2.3 a i r c r a f t  have the  same takeoff  g ross  weight and number of passen- 
gers as t h e  Mach 2.55 a i r c r a f t .  For the  Mach 2.0 a i r c r a f t ,  t h e  wing loading 
i s  4357 N/m2 ( 9 1  p s f ) ,  the leading-edge sweep ang les  are 68/66/53 degrees ,  
and t h e  a spec t  r a t i o  i s  2 .1 .  The Mach 2.3 a i r c r a f t  has wing loading  4070 
N/m2 (85 p s f ) ,  leading-edge sweep angles  71/67/53  degrees ,  and a spec t  r a t i o  
1.95. The optimum wing loading and takeoff  thrust-to-weight r a t l o  f o r  each 
a i r c r a f t  were determined from t h e  Lockheed ASSET (Advanced Systems Synthes is  
and Evaluat ion Technique) code r e s u l t s .  
~ ~~ 
Figure 5 shows an i somet r i c  view of  t h e  Mach 2 .0 ,  two-dimensional, 
external-compression -~ i n l e t  (2,0/2D/EX) i n  t he  ovenqing/underwing conf ipura t ian .  
(The wing is no t  shown.) 
hand s i d e  of t h e  a i r c r a f t .  The overwing i n l e t  has  p a r t  of t h e  cowl c u t  away. 
The centerbody is  i n  the  c r u i s e  (expanded) p o s i t i o n .  Other f e a t u r e s  shown 
are t h e  centerbody bleed s l o t  and the  bypass (nearer  engine f ace )  and auxi l -  
i a r y  i n l e t  doors .  The underwing i n l e t  has a toe - in ,  and t h e  overwing i n l e t  a 
toe-out,  to  a l i g n  t h e  i n l e t s  wi th  t h e  wing-induced f l o w  d i r e c t i o n .  A sinjlax 
i sometr ic  view of t h e  Mach 2.0, two-dimensional, s e l f - s t a r t i n g  i n l e t  is shown 
i n  f i g u r e  6 .  The shal lower ramp and cowl angles  are ev ident ,  compared with 
t h e  2.0/2D/EX i n l e t .  
The i n s t a l l a t i o n  shown i n  t h e  f i g u r e  i s  on the  l e f t -  
Each of t h e  Mach 2.0 i n l e t  types w a s  matched wi th  two o r  more engines ,  
t o  assess the  in f luence  of t ransonic- to-cruise  co r rec t ed  a i r  flow r a t i o  on 
a i r c ra f t  range. C e r t a i n  modi f ica t ions  t o  each i n l e t  type were requi red  t o  
match engine a i r  flow requirements ,  wh i l e  s imultaneously maximizing t o t a l  
p ressure  recovery and minimizing drag. This  is  i l l u s t r a t e d  i n  f i g u r e  7 ,  which 
shows t h e  2.0/2D/EX i n l e t  contours  when matched t o  the  GE21/J11 B21 and t h e  
GE21/J11 B13 engines.  The 2.0/2D/EX i n l e t s  have e x t e r n a l  compression pro- 
vided by an i n i t i a l  wedge shock, followed by i s e n t r o p i c  compression t o  a 
maximum ramp angle ,  and terminated by a s t rong-so lu t ion  ob l ique  shock from 
t h e  cowl l i p .  The cowl-lip shock i n t e r s e c t s  t h e  forward edge of t h e  bleed 
s l o t .  The most obvious d i f f e r e n c e s  between t h e  i n l e t s  were' in t h e  l e n g t h  and 
t h e  engine f a c e  diameter .  These were both due t o  t h e  l a r g e r  f r o n t  f a n  diam- 
eter of t h e  -B13 engine,  which has  a l a r g e r  t ransonic- to-cru ise  co r rec t ed  a i r  
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flow r a t i o  ( t a b l e  1 summarizes some of t he  p r i n c i p a l  c h a r a c t e r i s t i c s  of t h e  
Mach 2.0 and 2.3 s tudy engines) .  The l a r g e r  engine diameter  gene ra l ly  
requi red  g r e a t e r  i n l e t  l eng th ,  because of l i m i t a t i o n s  on subsonic  d i f f u s e r  
divergence angle .  
There are s i g n i f i c a n t  d i f f e r e n c e s  i n  i n l e t  l o c a l  Mach number overwing and 
underwing. A t  a freestream Mach number of 2 .0 ,  t he  overwing local.  Mach num- 
ber  is 2.16 ,  whi le  t h e  underwing va lue  is  1 . 9 7 .  The des ign  procedure followed 
he re  was t o  design the  i n l e t  fox t he  overwing l o c a l  Mach number. The under- 
wing i n l e t  w a s  then  opera ted  off-design a t  cruise ,  bu t  w i th  only a s m a l l  c r i -  
t i c a l  s p i l l a g e  drag  penal ty .  The i n l e t s  were s i z e d  t o  provide t h e  same cor- 
rec ted  a i r  flow r a t e  a t  cruise;  thus ,  t h e  underwing c a p t u r e  area w a s  smaller 
than t h e  overwing va lue .  For in1.e.t s t a r t e d  ( s e l f - s t a r t i n g  type) o r  cowl-lip 
shock a t tached  (external-compression type) ,  ramp p o s i t i o n  depended only on 
l o c a l  Mach number. A t  lower Mach numbers, t he  overwing and underwing ramp 
angles  were scheduled s e p a r a t e l y  wi th  l o c a l  Mach number and requi red  engine 
a i r  flow, t o  minimize s p i l l a g e  drag.  
Figure 8 show? t h e  contours  of t h e  2.0/2D/SS i n l e t s  matched t o  the  
GE21/J11 I321 and t h e  GE21/J11 R13 engines .  
compression was provided by an i n i t i a l  wedge shock, followed by i s e n t r o p i c  
compression and a second ramp ob l ique  shock. 
achieved by the  cowl-lip shock, followed by i s e n t r o p i c  cowl compression 
between the  cowl l i p  and t h e  t h r o a t ,  and terminated by a normal shock. The 
amount of i n t e r n a l  ‘ con t r ac t ion  w a s  l i m i t e d  by the  requirement f o r  s e l f -  
s t a r t i n g .  
experimental  d a t a ,  and w a s  42 percent  for t hese  des igns .  A s  i n  f i g u r e  7 ,  t h e  
main d i f f e r e n c e s  between t h e  two s e l f - s t a r t i n g  i n l e t s  were i n  l e n g t h  and i n  
engine f a c e  diameter .  These l e d  t o  d i f f e r e n c e s  i n  weight and wave drag ,  as 
w i l l  be shown later.  
For t h e  2.0/2D/SS i n l e t s ,  e x t e r n a l  
I n t e r n a l  compression was 
~~~ ~ _ _ _ _ _ _  -~ 
The al lowable i n t e r n a l  con t r ac t ion  was determined from e x i s t i n g  
F igure  9 i l l u s t r a t e s  t h e  contours  of t h e  2.3/2D/EX and t h e  2.3/2D/SS 
i n l e t s  t h a t  were matched t o  t h e  GE2l/J11 Bl9 engine.  
designed according t o  t h e  same criteri.a as t h e i r  Mach 2.0 coun te rpa r t s .  At a 
f rees t ream Mach number of 2.3, t h e  overwing l o c a l  Mach number i s  2.48 ,  and 
t h e  underwing local.  Mach number i s  2.26. The c h a r a c t e r i s t i c  d i f f e r e n c e s  
between t h e s e  two i n l e t  types are evident .  The external-compression i n l e t  
was s h o r t e r  by 24 c m ,  and thus  had lower weight and lower b leed  drag .  The 
s e l f - s t a r t i n g  i n l e t  had more gradual  compression, hence h igher  t o t a l  p re s su re  
recovery; and had a smaller cowl ang le ,  g iv ing  lower wave drag. Its i n t e r n a l  
con t r ac t ion  w a s  35 percent .  Each of t h e  des igns  shown i n  f i g u r e s  7 through 9 
r e s u l t e d  from t r a d e  s t u d i e s  a t  supersonic  c r u i s e  speed. 
f o r  t h e  e f f e c t  of t o t a l  p re s su re  recovery,  drag,  and weight on a i r c r a f t  range 
were used t o  s e l e c t  t h e  i n l e t  contours .  
These i n l e t s  were 
S e n s i t i v i t y  f a c t o r s  
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RESULTS 
I n l e t  weight is  a f f e c t e d  by i n l e t  type  and by t ransonic- to-cruise  
Here t h e  average i n l e t  weight w a s  nondimensionalized by the  ambient 
These a l t i t u d e s  
cor rec ted  a i r  flow r a t i o .  
s t u d i e s .  
p ressure  a t  c r u i s e  a l t i t u d e  and by t h e  average c a p t u r e  a rea .  
were about 1 6  km a t  Mach 2.0, 1 7  km a t  Mach 2.3, and 18 km a t  Mach 2.55. 
F igure  10 shows r e s u l t s  from some recen t  Lockheed 
The weights  of t h e  2.0/2D/EX and t h e  2.0/2D/SS i n l e t s  are nea r ly  t h e  
same f o r  t h e  GE21/JllB21 engine.  The 2.0/2D/EX i n l e t  could have been s h o r t e r  
based on aerodynamic c r i t e r i a ,  bu t  had t o  be lengthened t o  accommodate auxi l -  
i a r y  i n l e t  doors.  The i n l e t s  matched t o  t h e  GE21/JllB13 are heav ie r  mainly 
because of t h e i r  longer  subsonic  d i f f u s e r s  ( f i g u r e s  7 and 8 ) .  A t  Mach 2.3, 
t h e  s e l f - s t a r t i n g  i n l e t s  were heav ie r  by about 360 kg (800 l b )  o v e r a l l  
because of t h e  d i f f e r e n c e  i n  l e n g t h  ( f i g u r e  9 ) .  
The d e t a i l s  of t h e  Mach 2.55 s t u d i e s  were repor ted  i n  re ference  1. The 
co l l aps ing  centerbody i n l e t s  (CCB) f o r  t h e  GE21/JllB11 were about 1100 kg 
(2400 l b )  heavier  o v e r a l l  than  t h e  t r a n s l a t i n g  centerbody i n l e t s ,  because of 
t h e  added mechanism requi red  f o r  the  CCB i n l e t .  The CCB i n l e t s  w i t h  t h e  
GE21/JllB20 engine were longer  than t h e i r  coun te rpa r t s  f o r  t h e  - B 1 1  engine,  
because of t h e  increased  engine face diameter.  This  r e s u l t e d  i n  an o v e r a l l  
weight d i f f e r e n c e  of about  800 kg (1800 l b )  between t h e s e  CCB i n l e t s .  
Table 2 p re sen t s  t o t a l  p re s su re  recovery and b leed  drag  a t  supersonic  
c r u i s e  condi t ions  f o r  t h e  Mach 2.0 and Mach 2 . 3  i n l e t s .  The s e l f - s t a r t i n g  
i n l e t s  showed h ighe r  t o t a l  p re s su re  recovery,  as expected, because some 
i n t e r n a l  compression a l lows  lower shock l o s s e s  f o r  a g iven  cowl aQgle  than 
does a l l - e x t e r n a l  compression. 
engine showed h igher  p re s su re  recovery than wi th  t h e  GE21/JllB21 engine f o r  
two reasons:  (1) a h igher  cowl angle ,  requi red  t o  match the  maximum engine 
air  flow rate, allowed more e f f i c i e n t  supersonic  compression wi th  a weaker 
cowl l i p  shock; (2) t h e  longer  subsonic  d i f f u s e r  was more e f f i c i e n t .  I t  may 
be noted t h a t  t h e  s e l f - s t a r t i n g  i n l e t  w i th  t h e  GE211JllB21 engine w a s  o p t i -  
mized a t  lower p re s su re  recovery by a t r a d e  wi th  cowl drag.  
The 2.0/2D/SS i n l e t  w i t h  t h e  GE21/JllE13 
Figure  11 shows t h e  b leed  flow c o r r e l a t i o n  presented  by Bowditch i n  
r e fe rence  3.  
i n l e t s ,  p lus  o t h e r  l abe led  po in t s .  The NASA-Lewis bicone-type i n l e t s  ( r e f .  4; 
c i r c l e s ,  lower l i n e )  do no t  c o r r e l a t e  w e l l  w i th  t h e  o t h e r  da t a .  These bicone- 
type i n l e t s  would probably have t o  be  opera ted  wi th  a s t a b i l i t y  bleed system, 
however. 
Some d a t a  p o i n t s  have been added f o r  Mach 2.2, two-dimensional 
In  the  present s t u d i e s  t h e  performance of a number of i n l e t s  w a s  being 
The upper l i n e  w a s  used 
compared. It warns t h e r e f o r e  necessary  t o  account f o r  d i f f e r e n c e s  i n  wetted 
area and l o c a l  Mach number i n  a c o n s i s t e n t  manner. 
t o  estimate bleed f low requirements ,  a l though i t  may b e  conserva t ive .  
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Bleed drag  c o e f f i c i e n t ,  re fe renced  t o  wing area, is g iven  i n  t a b l e  2 .  
The p r i n c i p a l  d i f f e r e n c e s  w e r e  between t h e  external-compression and t h e  s e l f -  
s t a r t i n g  i n l e t s .  These r e s u l t e d  from t h e  d i f f e r e n c e s  i n  wetted area i n  the  
supersonic  d i f f u s e r s  of t hese  i n l e t s .  
The d i f f e r e n c e s  i n  s p i l l a g e  drag  a t  off-design cond i t ions  f o r  t h e  va r ious  
In le t -engine  combinations emerged as one of t he  more s i g n i f i c a n t  f a c t o r s  
a f f e c t i n g  a i r c r a f t  range. These d i f f e r e n c e s  are i l l u s t r a t e d  i n  f i g u r e  1 2  f o r  
t h e  Mach 2.0 s tudy cases .  The condi t ions  correspond t o  t h e  l o c a l  Mach number 
and engine a i r  flow along the  SCR climb p r o f i l e .  R e s u l t s  are shown f o r  t h e  
overwing i n l e t s  only,  which had g r e a t e r  s p i l l a g e  and bypass drag  than t h e  under- 
wine i n l c t s .  This  is because the  underwing i n l e t  w a s  a b l e  t o  supply the  maximum 
engine ai.]: flow, and had a smaller cap tu re  area. 
For the  external-compression i n l e t s ,  excess  i n l e t  a i r  flow was bypassed 
i f  t he  s t rong-obl ique,  cowl-lip shock was a t t ached ,  and was s p i l l e d  i f  t h i s  
shock was detached. The l o c a l  Mach number a t  which detachment occurs  i s  about  
1.65. For t h e  mixed-compression f n l e t s ,  excess  i n l e t  a i r  flow w a s  bypassed i f  
t h e  i n l e t  was s t a r t e d ,  and s p i l l e d  i f  i t  w a s  uns t a r t ed .  The l o c a l  Mach number 
f o r  u n s t a r t  is  a l s o  about 1.65. 
The s tudy revealed t h a t  t h e s e  external-compression i n l e t s  could be operated 
with no s u b c r i t i c a l  s p i l l a g e ,  and t h e  bypass amounts were very.smal1.  Thus, 
nea r ly  a l l  of the  drag  w a s  due t o  c r i t i c a l  s p i l l a g e .  As expected, t h e  s p i l l a g e  
drag c o r r e l a t e d  inve r se ly  wi th  (h7&/6)~1/ QJ&/6) CRUISE. The engine wi th  t h e  
h igher  r e l a t i v e  t r anson ic  a i r  flow, t h e  GE21/JllB13, l e d  t o  t h e  lower s p i l l a g e  
drag.  
A t  l o c a l  Mach numbers below 1.65, t h e  s e l f - s t a r t i n g  i n l e t s  had some sub- 
c r i t i c a l  s p i l l a g e  because they s t i l l  had some i n t e r n a l  con t r ac t ion .  This  
caused t h e  h igh  s p i l l a g e  drag  re la t ive  t o  t h e  2.0/2L)/EX i n l e t s ,  as shown i n  
f i g u r e  12. 
i nve r se ly  wi th  ( W 6 / 6 ) ~ 1 /  ( J ~ ~ / ~ ) C R U I S E .  
Again, t h e  relative s p i l l a g e  drag of t h e  2.0/2D/SS i n l e t s  c o r r e l a t e d  
The remaining i n t e r n a l  con t r ac t ion  i n  t h e  s e l f - s t a r t i n g  i n l e t s ,  when below 
the  u n s t a r t  Mach number, could be  removed by a des ign  modi f ica t ion .  
another  hinge could be provided on t h e  forward ramp, p l u s  s u i t a b l e  ac tua t ion .  
This  would involve  some weight pena l ty ,  bu t  would probably be  d e s i r a b l e  i f  t h e  
s p i l l a g e  drag  could be reduced t o  t h e  level of t h e  external-compression i n l e t s .  
This  w i l l  be  f u r t h e r  i l l u s t r a t e d  l a te r  by t h e  r e s u l t s  of the a i r c r a f t  mission 
ana lyses  . 
For example, 
The Mach 2.3 s t u d i e s  showed t h e  same t r ends  of s p i l l a g e  and bypass drag as 
for Mach 2.0. Again, t h e  s e l f - s t a r t i n g  i n l e t  had h igh  s u b c r i t i c a l  s p i l l a g e  
drag  because of i n t e r n a l  c o n t r a c t i o n  a t  uns t a r t ed  cond i t ions .  
Vave drag  comparisons f o r  t h e  Mach 2.0 s tudy  cases are shown i n  f i g u r e  13. 
The f i g u r e  shows wave drag  c o e f f i c i e n t  for  a l l  f o u r  n a c e l l e s ,  re fe repced  to  
wing area. For a given engine,  t h e  external-compression i n l e t s  have h igher  
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wave drag,  as expected,  because of t h e i r  l a r g e r  e x t e r n a l  f low turn ing .  For a 
given i n l e t  type,  t h e  wave drag inc reases  as ( ~ ? & / b ) M l /  (w&/~)CRUISE i nc reases .  
This fol lows from t h e  gene ra l  need f o r  h igher  cowl ang le s  t o  match t h e  l a r g e r  
engine diameter .  
The r e s u l t s  i n  f i g u r e  13 are f o r  t h e  i s o l a t e d  n a c e l l e s ,  a s  computed by 
the  nea r - f i e ld  wave drag  method of r e fe rence  5. 
of r e fe rence  5 w a s  used t o  o b t a i n  complete a i r c r a f t  wave d rag  f o r  t h e  2.0/21)/EX - 
GE21/JllB13 i n s t a l l a t i o n .  The near - f ie ld  method was used t o  compute wave and 
i n t e r f e r e n c e  drag f o r  each n a c e l l e  conf igu ra t ion .  The increments i n  these  near- 
f i e l d  va lues  from t h e  2.0/2D/EX - GE21/JllR13 case  were used t o  a r r i v e  a t  complete 
a i r c r a f t  wave drag  f o r  t h e  remaining cases. 
the  methods of r e f e r e n c e  5. 
The f a r - f i e l d  wave drag method 
F r i c t i o n  drag  w a s  a l s o  computed by 
The same procedure w a s  followed t o  e s t a b l i s h  wave drag  f o r  t he  Mach 2 . 3  
study cases .  The i s o l a t e d  n a c e l l e  r e s u l t s ,  comparing t h e  2.3/2D/EX and 
2.3/2D/SS i n l e t s  wi th  t h e  GE21/JllB19 engine were s imilar  t o  those  shown i n  
f i g u r e  13 .  
There is sone u n c e r t a i n t y  about t h e  accuracy of t h e  wave drag  r e s u l t s ,  
because t h e  des ign  methods are based on modi f ica t ions  t o  l i n e a r i z e d  theory and 
on supe rpos i t i on  of s o l u t i o n s .  The g r e a t e r  t h e  shock s t r e n g t h s  and tu rn ing  
angles  f o r  a n a c e l l e  i n s t a l l a t i o n ,  t h e  g r e a t e r  t h e  expected e r r o r .  A r e l a t e d  
example was repor ted  i n  r e fe rence  6 ,  i n  which t h e  cowl drag  of a n  ex te rna l -  
compression i n l e t  w a s  underestimated by us ing  l i n e a r i z e d  t h e o r i e s .  By c o n t r a s t ,  
t he  same l i n e a r i z e d  t h e o r i e s  agreed wi th  the  method of c h a r a c t e r i s t i c s  i n  pre- 
d i c t i n g  t h e  wave d rag  of a mixed-compression i n l e t ,  which had a smaller e x t e r n a l  
cowl angle .  This  example sugges t s  t h a t  t h e  wave drag  of t h e  external-compression 
i n l e t s  s tud ied  h e r e  may a l s o  have been underest imated,  r e l a t i v e  t o  the  s e l f -  
s t a r t i n g  i n l e t s .  
A i r c r a f t  performance was evaluated f o r  each of t h e  s tudy  cases .  The mission 
p r o f i l e  is i l l u s t r a t e d  i n  f i g u r e  14. Subsonic c r u i s e  segments considered were 
zero (a l l - supersonic  c r u i s e ) ,  1111 km (600 n. m i . ) ,  and 2778 km (1500 n. mi.). 
These subsonic  c r u i s e  segments were div ided  i n t o  two equal  p a r t s ,  occur r ing  
before  and a f t e r  t h e  supersonic  c r u i s e  segment. 
I n  f i g u r e  15, r e s u l t s  of mission ana lyses  ar2 used t c  i l l u s t r a t e  t h e  e f f e c t  
of t ransonic- to-cru ise  co r rec t ed  a i r  flow r a t i o  on a i r c r a f t  range. The 
2.0/2D/EX i n l e t s  had n e a r l y  t h e  m s T a m  a t m n i c  c r u i s e  I I 
( t a b l e  3) .  
weight,  however: l ead ing  t o  g r e a t e r  range. T6- s-ctrmirances appl ied  f o r  
t h e  2.0/2D/SS i n l e t s ,  and t h e  bicone-type CCB i n l e t s  a t  Mach 2.55. Thus, f o r  
engines of t he  same fami ly ,  increased  (I&/6)m/ ( l h 6 / 6 )  CRUISE y i e l d s  reduced 
range. The r e spons ib l e  f a c t o r s  seem t o  b,e t h e  h ighe r  wave drag ,  and h igher  
weight t h a t  accompany h ighe r  t ransonic- to-cru ise  co r rec t ed  a i r  flow r a t i o s .  
The case ~~ w i t h  t h e  GE21/JllB21 engine had lower wave drag and lower - 1 
Fur the r  r educ t ions  i n  co r rec t ed  a i r  flow r a t i o  are now beialg explored. 
This  w i l l  i n d i c a t e  whether range goes through a maximum wi th  r e s p e c t  t o  
co r rec t ed  a i r  flow r a t i o ,  and t h e  n a t u r e  of t h e  c o n t r o l l i n g  f a c t o r s .  Takeoff 
n o i s e  requirements may also l i m i t  r educ t ions  i n  co r rec t ed  a i r  flow r a t i o .  
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The e f f e c t s  of subsonic  c r u i s e  d i s t a n c e  on a i r c r a f t  range were a l s o  
explored. I t  is d e s i r a b l e  f o r  a supersonic  t r a n s p o r t  a i r c r a f t  t o  have e f f i -  
c i e n t  subsonic c ru ise  c a p a b i l i t y ,  t o  enhance i t s  use fu lness  f o r  both overwater 
and overland ope ra t ions .  Any e f f e c t s  of i n l e t  type on a i r c r a f t  range f o r  mixed 
supersonic  and subsonic  c r u i s e  are  then p o t e n t i a l l y  important .  
F igure  16 shows t o t a l  range as a func t ion  o f  subsonic  c r u i s e  d i s t a n c e  f o r  
the  llach 2.0 a i r c r a f t  s tudy  cases. 
small  i nc reases  i n  range as subsonic  c r u i s e  d i s t a n c e  increased .  This  t rend 
was a r e s u l t  of t he  r e l a t i v e  va lues  of (Mo/SFC)(L/D) f o r  supersonic  and sub- 
sonic  cruise.  
the  a i r c r a f t  wi th  the  2.0/2D/SS i n l e t s  showed a sinal1 decrease  i n  range as sub- 
son ic  c r u i s e  d i s t a n c e  increased .  
f c r  t h e  2.0/2D/SS i n l e t s  i s  s l i g h t l y  h igher  a t  supersonic  c r u i s e ,  and substan- 
t i a l l y  lower a t  subsonic  c r u i s e ,  compared wi th  t h e  2.0/2D/EX i n l e t  ca ses .  The 
s u b c r i t i c a l  s p i l l a g e  of t h e  2.0/2D/SS i n l e t s ,  which w a s  r e spons ib l e  f o r  t h e  
h igher  subsonic  SFCs, exp la ins  t h i s  behavior .  A s  suggested ear l ie r ,  t h i s  sub- 
c r i t i c a l  s p i l l a g e  could be e l imina ted  by modifying the  s e l f - s t a r t i n g  i n l e t  t o  
have no i n t e r n a l  c o n t r a c t i o n  a t  subsonic  c r u i s e .  This  would add weight ,  bu t  
would produce a more,favorable  v a r i a t i c n  of t o t a l  range w i t h  subsonic  c r u i s e  
d i s  t anc e. 
The a i r c r a f t  wi th  2.0/2D/EX i n l e t s  showed 
Average va lues  of SFC and L / n  are  g iven  i n  t a b l e  3 .  I n  c o n t r a s t ,  
From t a b l e  3 i t  is apparent  t h a t  (No/SFC)(L/D) 
Mission r e s u l t s  f o r  t h e  Mach 2.3 a i r c r a f t  cases are shown i n  f i g u r e  1 7 .  
For t h e  a i r c r a f t  wi th  t h e  2.3/2D/EX i n l e t ,  t h e  l a r g e  r e l a t i v e  
Again, t h e  behavior  is  due t o  the  r e l a t i v e  va lues  of Mo/SFC a t  supersonic  and 
subsonic c r u i s e .  
improvement i n  Mo/SFC a t  subsonic  cruise  produced i n c r e a s e s  i n  range as subsonic  
c r u i s e  d i s t a n c e  increased .  For t h e  a i r c r a f t  w i th  t h e  2.3/2D/SS i n l e t s ,  t h e  sub- 
c r i t i c a l  s p i l l a g e  g r e a t l y  increased  subsonic  c r u i s e  SFC. The r e s u l t i n g  unfavor- 
a b l e  e f f e c t  on subsonic  G/SFC y ie lded  a s i g n i f i c a n t  decrease  i n  range as sub- 
son ic  c r u i s e  d i s t a n c e  increased .  A s  f o r  t h e  Mach 2.0 c a s e s ,  mod i f i ca t ion  of t h e  
2.3/2D/SS i n l e t  t o  e l i m i n a t e  s u b c r i t i c a l  s p i l l a g e  a t  Mach 0.9 would g r e a t l y  i m -  
prove t h i s  s i t u a t i o n .  
These cons ide ra t ions  of subsonic  c r u i s e  d i s t a n c e  i n d i c a t e  t h e  importance 
of i n l e t  performance a t  subsonic  c r u i s e  cond i t ions .  I n  p a r t i c u l a r ,  i t  i s  
important t h a t  i n l e t s  be designed t o  minimize s p i l l a g e  drag  a t  subsonic  c r u i s e .  
I n  t h i s  connection, f i g u r e  16 a l s o  r e v e a l s  t h a t  d i f f e r e n c e s  due t o  (W@/6),1/ 
(14&/6) CRUISE became smaller as subsonic  c r u i s e  d i s t a n c e  increased .  
r e s u l t e d  from t h e  lower s p i l l a g e  drag  a s soc ia t ed  wi th  h ighe r  ( U & / 6 ) ~ 1 /  
(W&/~)CRUISE. Again, the importance of a c c u r a t e  e s t ima t ion  of s p i l l a g e  e f f e c t s  
on nace l le -a i r f rame i n t e r f e r e n c e  should be noted. 
This  
The f a c t o r s  i n f luenc ing  t h e  choice  of 2.0/2D/EX i n l e t s  o r  2.0/2D/SS i n l e t s  
can now be summarized.. The external-compression and s e l f - s t a r t i n g  i n l e t s  had 
nea r ly  t h e  same supersonic  c r u i s e  SFC. The s e l f - s t a r t i n g  i n l e t s  were heav ie r  
because of t h e i r  g r e a t e r  length .  The small range  advantage of t h e  s e l f - s t a r t i n g  
i n l e t s  a t  supersonic  c r u i s e  w a s  then  a r e s u l t  of t h e i r  lower wave drag.  As 
noted before ,  however, t h e  wave drag  d i f f e r e n c e  between t h e  2.0/2D/EX and t h e  
2.0/2D/SS i n l e t s  may have been too  low, thus  poss ib ly  narrowing t h e  range 
increment f o r  a l l - supersonic  c r u i s e .  
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The external-compression i n l e t s  showed an advantage a t  subsonic  c r u i s e  
because of t h e i r  capac i ty  t o  ope ra t e  a t  c r i t i c a l  cond i t ions ,  and s o  minimize 
s p i l l a g e  drag.  For t h e  2.0/2D/SS i n l e t s ,  t h e i r  s u b c r i t i c a l  s p i l l a g e  dra!: 
could be e l imina ted  a t  t h e  cost of some added mechanical complexity.  
I n  a d d i t i o n  t o  performance f a c t o r s ,  i t  i s  necessary  t o  cons ider  r e l a t i v e  
mechanical complexity and flow s t a b i l i t y .  Here t h e  advantage goes t o  t h e  
external-compression i n l e t s .  More e f f o r t  could be expected t o  develop a s e l f -  
s t a r t i n g  design than an external-compression des ign .  
On ba lance ,  t h e  external-compression i n l e t s  are t h e  probable f i r s t  choice 
f o r  t h e  Mach 2.0 a i r c r a f t .  Their  s m a l l  supersonic  c r u i s e  range d e f i c i t  is o f f -  
se t  by t h e i r  s i m p l i c i t y  and t h e i r  r e l a t i v e l y  h igh  performance a t  subsonic  c r u i s e .  
Thus, a lower technology approach seems adequate  f o r  t h e  Mach 2.0  a i r c r a f t .  For 
now, however, t h i s  conclus ion  must be q u a l i f i e d  by t h e  unce r t a in ty  i n  i n s t a l l e d  
wave drag and s p i l l a g e  e f f e c t s .  Also, t h e  r e s u l t s  of t he  axisyrrmetric i n l e t  
s t u d i e s  may a l te r  t h i s  conclusion.  
For the  Mach 2.3 a i r c r a f t ,  t he  2.3/2D/SS i n l e t  had a more d i s t i n c t  advan- 
tage  a t  supersonic  c r u i s e .  This  w a s  p a r t l y  due t o  i t s  lower wave drag ,  b u t  
mainly due t o  i t s  lower SFC. Remaining t rade-of fs  were similar t o  those of t he  
Mach ,2 .O a i r c r a f t .  Thus, t h e  external-compression i n l e t  had somewhat lower 
weight,  had g r e a t e r  f low s t a b i l i t y ,  and had lower s p i l l a g e  drag a t  subsoriic 
c r u i s e .  The 2.3/2D/SS i n l e t  a l s o  had t h e  capac i ty  t o  e l imina te  s u b c r i t i c a l  
s p i l l a g e  a t  subsonic  c r u i s e  cond i t ions  a t  t h e  c o s t  of extra cornplcsity. 
t he  wave drag  d i f f e r e n c e  between the  2.3/2D/EX and t h e  2.3/2D/SS i n l e t s  may have 
been underestimated. 
F i n a l l y ,  
On ba lance ,  t h e  h ighe r  technology s e l f - s t a r t i n g  i n l e t s  are  t h e  probable  
f i r s t  choice  f o r  t he  Mach 2.3 a i r c r a f t ,  i f  they are modified t o  xxininjze sub- 
c r i t i c a l  s p i l l a g e .  This  i s  based on t h e i r  s u p e r i o r i t y  a t  supersonic  cruise ,  
and t h e i r  p o t e n t i a l  f o r  r e l a t i v e l y  h igh  performance at subsonic  c r u i s e .  The 
requirement f o r  low s p i l l a g e  drag a t  subsonic  c r u i s e  does impose a d d i t i o n a l  
complexity on the  s e l f - s t a r t i n g  i n l e t s ,  however. 
Airframe-propulsion system i n t e r f e r e n c e  e f f e c t s  are  s i g n i f i c a n t  f o r  a i r -  
c r a f t  performance and f o r  des ign  of components such as t h e  i n l e t .  This  i s  
apparent  from the  importance of wave drag  and i n l e t  s p i l l a g e  i n  t h e  p re sen t  
r e s u l t s ,  and from many o t h e r  s t u d i e s .  Fu r the r  s tudy  is needed t o  assess and 
improve e x i s t i n g  des ign  methods f o r  a i r f rame-propuls ion system i n t e r f e r e n c e ,  
as these  methods are l a r g e l y  based on l i n e a r i z e d  theory  and modi f ica t ions  
thereof .  Examples of p o s s i b l e  areas o f  improvement are i n  l o c a t i o n  of i n t e r -  
f e rence  shocks and d e s c r i p t i o n  of wave r e f l e c t i o n s ,  i n l e t  s p i l l a g e  s t r eaml ine  
shapes,  and e f f e c t s  of i n l e t  bypass and b leed  flows. 
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CONCLUSIONS 
a For t h e  conf igu ra t ions  s tud ied ,  increased  (I?&/6)M1/ ( W & / ~ ) C R U ~ ~ ~  gave 
decreased range f o r  missions dominated by supersonic  c r u i s e .  Reduc- 
t i o n s  i n  co r rec t ed  a i r  flow r a t i o  may be l i m i t e d  by takeoff  n o i s e  
requirements and by t h e  need t o  minimize s p i l l a g e  a t  subsonic  c r u i s e ,  
however. 
a I t  is important t h a t  i n l e t s  be  designed t o  minimize s p i l l a g e  drag  a t  
subsonic  cruise ,  because of t he  need f o r  r e l a t i v e l y  e f f i c i e n t  subsonic 
cruise performance f o r  overland ope ra t ions .  External-compression i n l e t s  
seem t o  have an advantage i n  t h i s  r e spec t .  
a The external-compression i n l e t  emerged as t h e  probable  f i r s t  choice  f o r  
t he  Mach 2.0 a i r c r a f t ,  whi le  t he  s e l f - s t a r t i n g  i n l e t  w a s  t h e  probable 
f i r s t  choice  a t  Mach 2.3. This  i nd ica t ed  a change i n  i n l e t  technology 
l e v e l  between t h e s e  Mach numbers. 
0 Airframe propuls ion system i n t e r f e r e n c e  e f f e c t s  (e .g . ,  i n s t a l l e d  wave 
drag and i n l e t  s p i l l a g e  flow) are s i g n i f i c a n t  f o r  a i r c r a f t  performance 
ant! f o r  des ign  of components such as the  i n l e t .  Fu r the r  s tudy  is  needed 
t o  assess e x i s t i n g  design methods and t o  develop improvements. 
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TABLE 1. - ENGINE CYCLE- CHARACTERISTICS 
I I 1614-11C 
' 2.0/2D/SS 
GE 21/51 l B 1 3  
0.94610.953 
0.000419 
42 
Engine 
1631-1A 
2.3/2D/EX 
GE 21/JllB1 
036710.894 
0.000306 
0 
Cruise Mach No. 
Oversize front fan (percent) 
Augmentor 
(T/W)T/O 
Bypass ratio 
Overall cycle pressure ratio 
Fan pressure ratio 
Front fan diameter (M) 
GE 21/J11B13 
2.0 
20 
Afterburner 
I .32 
224 
0.265 
0.35 
18.8 
3.7 
1.56 
GE 21/51 1B21 
2 .o 
10 
Afterburner 
1.23 
225 
0.265 
0.35 
18.1 
3.5 
1.45 
GE 21/51 1B19 
2.3 
10 
Afterburner 
I .45 
186 
0.265 
0.25 
16.0 
3.7 
1 s o  
TABLE 2 .  - INLET PRESSURE RECOVERY AND BLEED DRAG AT SUPERSONIC CRUISE CONDITIONS 
Engine 
cD, bleed (4 inlets) 
Internal compression, 
percent 
1614 - 10A 
2.0/2D/EX 
GE 2llJ 11B21 
0.91 6/0.940 
0.000292 
0 
1614 - I O C  
2.0/2D/SS 
GE 21/511B21 
0.93210.943 
0.000402 
42 
~ 
1614 - 11A 
2.0/2D/EX 
GE 21/51 IB13 
0.9 1610.940 
0.00029 1 
I 
0 
1 1631 - I C  
2.3/2D/SS 
' CE 21/51 1B19 
0.913/0.933 
0.000452 
35 
4 01 
TABLE 3. - INSTALLED SPECIFIC FUEL CONSUMPTION AND LIFT-DRAG RATIO 
Configuration 
Inlet 
Engine 
Supersonic cruise: 
Avg. SFC 
-KG/HR/daN 
(LBM/HR/LB) 
Avg. L/D 
Subsonic cruise: 
Avg. SFC 
-KG/HR/daN 
(I.Bhl/HR/LD) 
Avg. L/D 
1614 - 10A 
2.0/2D/EX 
GE 21/51 IB21 
1.273 
(1.248) 
8.2 
1.048 
(1.027) 
14.1 
1614 - 1OC 
2.0/2D/SS 
GE 21/JllB21 
1.266 
(1.241) 
8.3 
1.122 
(1 :loo) 
14.1 
1614 - 11A 
2.0/2D/EX 
GE 21/JllB13 
1.276 
(1.25 1 )  
8.0 
1.054 
(1.033) 
14.1 
1614 - 11C 
2.0/2D/SS 
GE 21/J11B13 
1.265 
(1.240) 
8.1 
1.115 
(1.093) 
14.1 
1631 - 1A 
2.3/2D/EX 
GE 21/JllB19 
1.450 
( I  .422) 
7.8 
1.087 
(1.066) 
13.9 
1631 - 1C 
2.3/2D/SS 
;E 21/J1 lBlS 
1.373 
(1.346) 
7.8 
1.177 
(1.154) 
13.9 
402 
M2.0 
I N T E R N A L  
CONTRACT1 0 N 20 -
NONE d 
SMALL (SELF- d 
START1 NG) 
LARGE (VARIABLE 
GEOMETRY FOR 
RESTART 1 
AX1 - 
* 
* 
M2.3 
4 x  I - 
* 
M2.55 
20 - 
d 
AX1 
d STUDY COMPLETED 
* STUDY IN PROGRESS 
Figure 1.- Study conf igu ra t ions .  
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Figure 2.- E f f e c t s  of t ransonic- to-cru ise  co r rec t ed  a i r  f l o w  r a t i o .  
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Figure 3.- General arrangement Mach 2.0 SCR vehic le .  
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Figure 4.- General arrangement Mach 2 . 3  SCR vehic le .  
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F i g u r e  9.- Mach 2 . 3  i n l e t  c o n t o u r s .  
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F i g u r e  10.- I n l e t  weight .  
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Figure  11.- I n l e t  b l eed  f low c o r r e l a t i o n .  
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Figure  12.- I n l e t  s p i l l a g e  and bypass drag.  
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F i g u r e  14.- SCR m i s s i o n  p r o f i l e .  
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Figure  15.- E f f e c t  of co r rec t ed  a i r  f l o w  r a t i o  on range. 
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Figure  16.- E f f e c t  of subsonic  c r u i s e  on range f o r  Mach 2 . 0  a i r c r a f t .  
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Figure 17.-  E f f e c t  of subsonic  c r u i s e  on range f o r  Mach 2 . 3  a i r c r a f t .  
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SESSION I V  - ENVIRONMENTAL FACTORS 
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INTRODUCTORY REMARKS 
R. W. Schroeder 
NASA L e w i s  Research Center 
We w i l l  now proceed w i t h  t h e  Env i ronwnta l  Fac to r s  Session. As a l l  of 
those  who have been a s soc ia t ed  wi th  t h e  SCR program are f u l l y  aware o f ,  
s a t i s f y i n g  t h e  n o i s e  and emission c o n s t r a i n t s  without  unduly penal iz ing  
a i r p l a n e  performance and economics has  been, and cont inues  t o  Be, a major 
chal lenge.  The preceding speakers  c l e a r l y  e s t a b l i s h e d  t h a t  environmental  
cons idera t ions  have a major i n f luence  on propuls ion system cyc le  s e l e c t i o n .  
Environmental f a c t o r s  a l s o  have a s t r o n g  in f luence  on propuls ion system 
i n s t a l l a t i o n  and power c o n t r o l / f l i g h t  pa th  opt imiza t ion .  
w i l l  p resent  four  papers  dea l ing  wi th  va r ious  a s p e c t s  of t h e  n o i s e  problem and 
two papers  dea l ing  wi th  emissions.  
In t h i s  s e s s i o n  w e  
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VCE EARLY ACOUSTIC TEST RESULTS 
OF GENERAL ELECTRIC'S HIGH-RADIUS RATIO 
COANNULAR PLUG NOZZLE+ 
Paul R. Knott ,  J.F. Brausch, P.K. Bhut ian i ,  
R.K. Ma j j ig i ,  V.L. Doyle 
General E l e c t r i c  Co., C inc inna t i ,  Ohio 
SUMMARY 
Resul t s  of NASA L e w i s  Research Center/General E l e c t r i c  Company Var iab le  
Cycle Engine (VCE) e a r l y  a c o u s t i c  engine and model s c a l e  tests are presented.  
A summary of an  ex tens ive  series of f a r - f i e l d  a c o u s t i c ,  advanced acous t i c ,  and 
exhaust plume v e l o c i t y  measurements wi th  a laser ve loc imeter  of i nve r t ed  
v e l o c i t y  and temperature  p r o f i l e ,  h igh- rad ius- ra t io  coannular plug nozz les  on 
a Y J l O l  VCE s ta t ic  engine test v e h i c l e  are reviewed. S e l e c t  model scale 
s imulated f l i g h t  a c o u s t i c  measurements f o r  an unsuppressed and a mechanical 
suppressed coannular plug nozz le  are a l s o  d iscussed .  The engine acous t i c  
nozz le  tests v e r i f y  prev ious  model s c a l e  n o i s e  reduct ion  measurements. The 
engine measurements show 4-6 PNdB a f t  quadrant je t  n o i s e  reduct ion  and up t o  
7 PNdB forward quadrant shock n o i s e  reduct ion  relative t o  a f u l l y  mixed con ica l  
nozz le  a t  t h e  same s p e c i f i c  t h r u s t  and mixed p res su re  r a t i o .  The inf luences  of 
ou te r  nozz le  r ad ius  r a t i o ,  i nne r  stream v e l o c i t y  r a t i o ,  and area r a t i o  are 
discussed.  Also, laser velocimeter  measurements of mean v e l o c i t y  and tu rbu len t  
v e l o c i t y  of t h e  Y J l O l  engine are i l l u s t r a t e d .  
s imulated f l i g h t  a c o u s t i c  measurements are shown which co r robora t e  t h a t  
coannular suppress ion  is  maintained i n  forward speed'. 
f o r  achieving j e t  n o i s e  abatement l e v e l s  f o r  h igh  performance supersonic  
a i r c r a f t  on t h e  o rde r  of c u r r e n t  subsonic  commercial v e h i c l e s  i s  discussed.  
Select model scale s t a t i c  and 
I n  add i t ion ,  t he  out look 
INTRODUCTION 
Over the  p a s t  decade, government and indus t ry  have exer ted  cons iderable  
research  and technology e f f o r t s  toward developing understanding of j e t  n o i s e  
genera t ion ,  concepts f o r  i t s  reduct ion ,  and p r a c t i c a l  means f o r  suppressor  
implementation. I n  p a r t i c u l a r ,  t h e  General E l e c t r i c  Company, under NASA-Lewis 
sponsorship,  has  undertaken ex tens ive  model scale and engine a c o u s t i c  test 
programs (References 1 ,2 ,  and work done under c o n t r a c t  by J. Vdoviak, 
P.R. Knott ,  e t  a l . ,  e n t i t l e d  "VCE Early Acoustic T e s t  - Forward Var iab le  Area 
By Pass I n j e c t o r  and Coannular Acoustic Nozzle T e s t , ' '  t o  be published i n  1980) 
t o  quant i fy  t h e  s ta t ic  and f l i g h t  a c o u s t i c  and aerodynamic c h a r a c t e r i s t i c s  f o r  
i nve r t ed  v e l o c i t y  and temperature  p r o f i l e  coannular plug nozz les ,  unsuppressed 
and suppressed. 
+ 
The work repor ted  h e r e  w a s  sponsored by t h e  NASA L e w i s  Research Center under 
Contracts  NAS3-20582 and NAS3-21608. 
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This  paper  reviews an  e x t e n s i v e  se r ies  of  s t a t i c  engine  a c o u s t i c  t e s t s  
u s i n g  General  E lec t r ic ' s  v a r i a b l e  c y c l e  engine  (VCE) f e a t u r e s  t e s t e d  on a 
modif ied Y J l O l  engine  p r o p u l s i o n  system i n  October of 1978 .  These r e s u l t s  
show t h a t  f o r  unsuppressed h i g h - r a d i u s - r a t i o  coannular  p lug  n o z z l e s ,  s u b s t a n t -  
i a l  s t a t i c  j e t  mixing and shock n o i s e  r e d u c t i o n  i s  o b t a i n e d  i n  engine  s c a l e .  
The paper  a l s o  shows t h a t  f o r  s i m u l a t e d  f l i g h t ,  t h i s  l e v e l  of  n o i s e  r e d u c t i o n  
i s  main ta ined .  
n o i s e  r e d u c t i o n  f o r  SCR v e h i c l e s  on t h e  o r d e r  of c u r r e n t  s u b s o n i c  commerical 
a i r c r a f t  i s  b r i e f l y  d i s c u s s e d .  
I n  a d d i t i o n ,  a p r o j e c t e d  out look  f o r  a c h i e v i n g  g r e a t e r  j e t  
The a u t h o r s  e x p r e s s  t h e i r  a p p r e c i a t i o n  t o  A 1  Powers, J i m  S t o n e ,  Orlando 
G u t i e r r e z ,  Howard Wesoky, and J a c k  Whitlow of NASA-Lewis Research Center  f o r  
t h e i r  h i g h  i n t e r e s t  i n  t h e  word accomplished,  t h e i r  p r o b i n g  q u e s t i o n s ,  and 
t h e i r  expectancy of t e c h n i c a l  e x c e l l e n c e .  
AO 
Ai r 
a 
C 
j 
s j  
C 
EPNL 
F 
Fi 
Fref  
Gi 
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SYMBOLS 
Values are g iven  i n  S I  u n i t s .  
ambient speed of sound; m/sec 
n o z z l e  system area r a t i o  ( I n n e r  stream n o z z l e  a r e a / O u t e r  s t r e a m  
a r e a )  ; dimens ionless  
speed of sound;  m/sec 
speed of sound of  c o r e  s t r e a m ,  m/sec 
speed of sound of  t h e  thermal  a c o u s t i c  s h i e l d ,  m/sec 
e f f e c t i v e  p e r c e i v e d  n o i s e  l e v e l ,  EPNdB 
i d e a l  t o t a l  t h r u s t ,  newtons 
f r e e f i e l d  SPL,  dB 
r e f e r e n c e  t h r u s t ,  newtons 
ground p lane  measured SPL, dB 
index of o n e - t h i r d  o c t a v e  band 
i d e a l  i n n e r  s t r e a m  ( o r  f a r  s t ream)  mass f low r a t e ,  grams/sec 
i d e a l  o u t e r  stream ( o r  c o r e  s t r e a m )  mass f low r a t e ,  grams/sec 
41 8 
T Iil 
Pi 
pef f 
r 
PO r 
PNL 
PNLN 
R .  
1 
si 
SPL 
U t  
U 
P - 
U 
Vi 
j 
V0 
j 
j 
p i x  
0 i 
j J 
ideal total mass flow rate (m + m . ) ,  grams/sec 
engine centerline measured SPL, dB 
effective pressure ratio for coannular nozzles, dimensionless 
inner stream (or fan stream) nozzle pressure ratio, dimensionless 
outer stream (or core stream) nozzle pressure ratio, dimensionless 
perceived noise level, PNdB 
normalized perceived noise level 
W - 1  mix 
re: 10 log{h( 'io ) 1, PNdB 
ground plane microphone weighting factor (see table 1) 
outer stream radius ratio (defined as a ratio of the radius to 
the throat inner diameter to the radius to the throat outer 
diameter of the nozzle), dimensionless 
engine centerline microphone weighting factor (see table 1) 
sound pressure level, dB 
laser velocimeter measured turbulence velocity (axial direction), 
mlsec 
laser velocimeter measured peak mean velocity, m/sec 
laser velocimeter mean velocity (axial direction), m/sec 
ideal inner stream (or fan stream) velocity, m/sec 
ideal outer stream (or core stream) velocity, m/sec 
specific thrust (defined as a ratio of the ideal total thrust 
to the ideal total mass flow rate) -0 o i i  
m V. + m, v d s e c  
j~ J j '  
T m 
velocity of the thermal acoustic shield, m/sec 
41 9 
i o  velocity ratio ( V . / V . ) ,  dimensionless 
J J  
{[(pzff)F -11 2 -11 , dimensionless 
Y - 1  
i i  where peff : po + P A 
r r r-r; y=1.4 
1 + Ai 
TEST APPARATUS AND DATA REDUCTION 
PROCEDURES 
The test results presented in this paper were obtained from two facilities: 
1) General Electric's/Edwards Air Force Base Out Door Engine Test Facility, and 
2) General Electric's Model Scale Anechoic Free-Jet Test Facility. Discussed 
below are brief descriptions of these facilities and the basic test arrange- 
ments and data reduction procedures used in processing the data. 
General ElectricIEdwards Air Force Base Out Door 
Engine Test Facility 
For all the engine tests presented, the General Electric/Edwards Flight 
Test Center North Test Site was used. Figure 1 shows the general layout of the 
test site showing the concrete paved sound field. It has a 48.77 m (160 ft) 
forward quadrant radius and a 82.3 m (270 ft) aEt quadrant radius with a 22.86 
m (75 ft) lateral sideline connecting the two arcs. 
engine with a treated inlet for eliminating fan inlet radiated noise and a 
baseline conical nozzle. Figure 3 shows the inverted velocity and temperature 
high-radius-ratio coannular plug nozzle configuration. Figures 4 and 5 show 
the G.E. laser velocimeter system and a NASA Ames sideline traversing microphone 
systems used for diagnosticvelocity profile and noise identification respect- 
ive ly . 
Figure 2 shows the YJlOl 
A typical sound field microphone layout for the engine test results is 
illustrated in Figure 6. It consists of a 30.48 m (100 ft) radius microphone 
array at 10' increments from 10 
array with ground plane microphones located at 8.=35 , 115O, 125 , 135 , 145 , 
150°, 155O, 160°, and 165'. 
centerline height microphones and ground plane microphones were used as illust- 
rated in Figure 7. For these measurements the farfield arc data gathered from 
the two-microphone system were corrected to free-field and merged using the 
following scheme : f :  
0 to 160' and a 21.340m (70 ft) lgteralosidel~ne 
For the 30.48 m (106 ft) radius arrangement, engine 
;k The method selected for the two microphone merging was based on information 
provided by the Boeing Airplane Company in Seattle, Washington. 
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where 
i = index of one-third octave band 
Fi = freefield SPL 
Gi = ground plane measured SPL 
Pi = engine centerline measured SPL 
% = ground plane microphone weighting factor (see Table 1) 
Si = engine centerline microphone weighting factor 
(see Table 1) 
Figure 8 shows an illustration of this spectral merging technique for typical 
conical and coannular p l u g  nozzle measurements. 
General Electric Model Scale Anechoic Free-Jet 
Test Facility 
For Model scale static and simulated flight acoustic test measurements, 
the General Electric Company has developed a large free-jet anechoic test 
facility (Reference6 3,4, and 5) .  Figure 9 shows a schematic diagram of facility. 
The General Electric facility is one of the largest of its type in the United 
States. The chamber is 22 meters (72 ft) high and 13 meters (42 ft) in diameter. 
The anechoic characteristics are 220 Hz cut off frequency, 0.99 absorption 
coefficient for frequencies above 220 Hz, and the chamber ambient noise less 
than 40 dB. The air supply system permits scale model jet nozzles with an 
equivalent diameter of up to 1 5 2  millimeters (6 in.), for single or coannular 
jet nozzle configuration - statically and in simulated flight UT to 
Va,c SJ 122 m (400 fps). 
TEST RESULTS AND DISCUSSION 
Under two NASA-Lewis sponsored small-scale model nozzle test programs 
(References 1,2, and 6 ) ,  substantial jet and shock noise reduction (4-6 PNdB 
static) at good thrust coefficients ( C  = .974 at a take-off Mach number of .36) 
has been observed. Described below a;@ verifications of these test results for 
a YJlOl engine using a unique high-radius-ratio plug nozzle exhaust system 
designed for an inverted velocity profile. Other engine test results and 
simulated flight measurements from model scale free-jet tests are also covered. 
Verification of Coannular Plug Nozzle Jet and Shock 
Noise Reduction 
Figures 10 and 11 illustrate the YJlOl engine coannular plug nozzle jet 
a d shock noise reductions presented on a typical product engine size of .9032 
m (1400 in2) and at an acoustic range of 731.5 m (2400 ft) sideline. 
10 shows the measured peak PNL jet noise reduction relative to the conical 
nozzle baseline for all the engine test results. The ordinate is peak PNL 
normalized with respect to ideal total thrust and static jet density, while 
9 
Figure 
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t h e  a b s c i s s a  i s  t h e  i d e a l  s p e c i f i c  t h r u s t ,  d e f i n e d  as the i d e a l  t o t a l  t h r u s t  
d i v i d e d  by t h e  t o t a l  we igh t  f l o w .  The r e s u l t s  show t h a t  i n  t h e  r ange  of 488 
m/sec (1600 f p s )  t o  701 m/sec (2300 f p s ) ,  a n  a v e r a g e  o f  4 t o  6 PNdB c o a n n u l a r  
p l u g  n o z z l e  j e t  n o i s e  r e d u c t i o n  i s  r e a l i z e d .  I n  t h e  lower s p e c i f i c  t h r u s t  
r ange  (381 m/sec (1250 f p s ) ) ,  the  e n g i n e  c o a n n u l a r  p l u g  n o z z l e  j e t  n o i s e  b e n e f i t  
i s  observed t o  d i m i n i s h  due t o  eng ine  o p e r a t i o n  a t  off-optimum v e l o c i t y  r a t i o .  
Bm i x , f o r  t h e  e n g i n e  t e s t s .  One n o t e s  a n  almost  un i fo rm 7 PNdB s t a t i c  shock 
n d i s e  r e d u c t i o n  f o r  t h e  c o a n n u l a r  p lug  n o z z l e  o v e r  t h e  c o n i c  n o z z l e  i n  t h e  range 
of i n t e r e s t  (10 l o g  @mlx = -3 to 0 ) .  
F i g u r e  11 shows t h e  PNL a t  Oi=5Oo a s  a f u n c t i o n  of shock s t r e n g t h  p a r a m e t e r ,  
j 
For a n  i l l u s t r a t i o n  of  t h e  t y p i c a l  f i e l d  shape  and s p e c t r a l  c h a r a c t e r i s t i c s  
between t h e  eng ine  b a s e l i n e  c o n i c a l  n o z z l e  and c o a n n u l a r  p lug  n o z z l e s ,  F i g u r e s  
1 2  and 13 a r e  p r e s e n t e d .  The r e s u l t s  show t h a t  t h e  i n v e r t e d  v e l o c i t y  p r o f i l e  
coannu la r  p lug  n o z z l e  j e t  n o i s e  r e d u c t i o n  i s  measured a t  a l l  o b s e r v a t i o n  a n g l e s  
and ove r  a l l  f r equency  bands.  
I n f l u e n c e  of Coannular Plug Nozzle Geometry 
on Jet  Noise Reduct ion 
Two key c o a n n u l a r  p l u g  n o z z l e  geomet r i c  p a r a m e t e r s  which i n f l u e n c e  t h e  
j e t  n o i s e  s i g n a t u r e  and which are  impor t an t  t o  t h e  mechan ica l  d e s i g n  e n g i n e e r  
are  t h e  Outer  stream r a d i u s - r a t i o  (R:) and t h e  i n n e r  stream t o  o u t e r  stream 
area ( A i ) .  Engine t e s t s  i n c l u d e d  n o z z l e s  of R F  = . 816 ,  . 8 5 3 ,  and .875 a t  a n  
A: = . 2 ,  and A: = . 475 ,  . 2 ,  .1 ,%0 a t  a n  R: = .853.  
t h e  r e s u l t s  of t h e s e  e n g i n e  a c o u s t i c  measurements.  
F i g u r e s  14  and 15  i l l u s t r a t e  
Shown i n  F i g u r e  14  a r e  t h e  r e s u l t s  of t h e  r a d i u s  r a t i o  s t u d y .  These eng ine  
a c o u s t i c  measurements show t h a t  a t  h i g h  s p e c i f i c  t h r u s t  (533 m/sec( 1749 f p s )  
t o  ,762 m/sec (2500 f p s ) ) ,  t h e  r e d u c t i o n  of PNL a t  t h e  same s p e c i f i c  t h r u s t  i s  
due t o  i n c r e a s i n g  R g .  
j e t  n o i s e  r e d u c t i o n  i s  c l o s e  t o  a 6 t h  power l a w  on r a d i u s  r a t i o .  
The r e s u l t s  i n d i c a t e  t h a t  t h e  c o a n n u l a r  p lug  n o z z l e  
F i g u r e  15 p r e s e n t s  t h e  e n g i n e  t e s t  r e s u l t s  f o r  t h e  area r a t i o  s t u d y .  I n  
t h e  s p e c i f i c  t h r u s t  r a n g e  of  381 m/sec (1250 f p s )  t o  610 m/sec (2OOOfps), t h e  
t r e n d  observed i s  t h a t  as A$ d e c r e a s e s ,  so  does t h e  peak PNL j e t  n o i s e .  A t  
t h e  h i g h e r  s p e c i f i c  t h r u s t s  (610  m/sec (2000 f p s )  t o  700 m/sec (2296 f p s ) ) ,  
t h e  A: = . 2  shows t h e  lowes t  n o i s e ,  the.A: = .1 abou t  % PNdB h i g h e r ,  and t h e  
A: Q, 0 about  1 . 5  PNdB h i g h e r  t h a n  t h e  A: = . 2  d a t a .  
-1.39 ;k l o g  lo (1+A+) dependency f o r  peak a n g l e  j e t  n o i s e  a t  t y p i c a l  t a k e o f f  
s i d e l i n e  e n g i n e  c y c l e  c o n d i t i o n s .  
T h i s  would co r re spond  t o  a 
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ACOUSTIC SCALING RESULTS 
To illustrate acoustic scaling of typical model scale test measurements 
taken in General Electric's anechoic free-jet and compared with the YJlOl 
engine measurements for a conical nozzle and coannular plug nozzle, the 
following results are shown. Figures 16 and 17 show comparisons of normalized 
peak PNL from model and YJlOl engine tests for a conical and coannular plug 
nozzles (RQ = ,853 and A$ = .2) .  All data have been scaled to typical product 
engine size and acoustic range. Excellent agreement is observed for both the 
configurations. Figures 18 and 19 show engine and model test comparisons for 
a coannular plug nozzle at a specific thrust of approximately 594 m/sec (1950 
fps). 
atq=50a, 90°, 130'. 
Figure 18 compares PNL directivity whereas Figure 1 9  compares spectra 
Again good scaling is observed. 
THEORV DATA COMPARISONS AND EPNL PROJECTIONS 
Theory Data Comparisons 
Under NAS3-20619,a unique coannular jet and shock noise prediction method 
was developed (Reference 8 ) .  The prediction procedure developed was evolved 
from a modern theoretical acoustic point-of-view using experimentally 
determined information from model tests for a universal source spectrum at 
Bi=90° and fluid acoustic shieldi-ng function. 
the theory/engine data comparisons for a coannular plug nozzle. 
Figures 20 through 22  illustrate 
Shown in Figure 20 are engine acoustic measurements compared with predic- 
tions of OASPL for three engine conditions (typical of takeoff sideline, cut-back 
and approach conditions). 
engine size. Spectral data/theory comparisons for the take-off sideline 
condition and the cut-back condition are shown in Figure 21 and 22,respectively. 
The comparisons between theory and measurement are observed to be quite good. 
The data/theory comparisons are at actual YJlOl 
EPNL Sensitivity Study 
To assess the inflight signature of coannular plug nozzle jet mixing and 
shock noise, flight effects were applied to the measured engine noise data 
scaled to a product engine size. Several methods were used in this sensitivity 
study (see References 8 to l o ) .  Figure 23 illustrates the projected EPNL's 
for a typical sideline noise condition. Table 2 gives the projected differences 
in EPNL between the conic nozzle and the coannular plug nozzle for typical 
sideline, cutback and approach conditions for the test points described in 
Table 3 .  This sensitivity study showed that regardless of the methods used, 
the projected variations in EPNL were not large at all (% ? 1 . 5  EPNL), and 
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that typical EPNL differences between the conic nozzle and coannular plug nozzle 
are about 5-6 EPNL. 
VERIFICATION OF FLIGHT JET NOISE 
SCALE FREE-JET TESTS 
REDUCTION FROM RECENT MODEL 
To substantiate flight jet noise reduction for coannular plug nozzles,free- 
jet acoustic measurements were taken at General Electric's anechoic facility. 
A similitude model of the YJlOl Rg = . 8 5 3 ,  A: = . 2  coannular plug nozzle was 
tested. Sample test results verifying coannular plug nozzle flight jet noise 
reduction is given in Figures 2 4  and 2 5 .  
Shown in Figure 2 4  i s  a comparison between a conic nozzle and a coannular 
plug nozzle (Rr = . 8 5 3 ,  Ai = . 2 )  at a free jet velocity of 122 m/sec (400 fps) r at typical takeoff sideline engine cycle condition. The measurements indicate 
that coannular jet and shock noise reduction is maintained at all observation 
angles. Figure 25 presents the measured flight spectral suppression trends 
at e i=600,  go", 140°. At all angles the coannular plug nozzle shows flight 
reduction of the same order as observed from previous static tests. 
0 
OTHER ENGINE TEST RESULTS 
In addition to the far-field jet engine acoustic measurements described 
above, diagnostic measurements were performed. These measurements included 
sample fan inlet noise measurements, laser velocimeter measured mean velocity 
and turbulent velocity profiles, peak noise source locations from traversing 
microphone measurements, and core noise measurements, 
results is given below. 
A brief summary of these 
Measurements of YJlOl Fan Inlet Turbomachinery 
For one series of YJlOl conical nozzle engine tests, the treated inlet 
was removed and tests were performed with a standard untreated bellmouth inlet. 
Figure 26  illustrates these results. Although the noise signature is strongly 
influenced by the conic nozzle jet and shock noise (at high power settings), 
the fan noise tone characteristics indicate the difference tone generated from 
stage 1 to 2 or 2 to 3 strongly influences the forward quadrant fan Spectrum 
and PNL. However, the YJlOl fan inlet noise for these tests were found to be 
within previously measured fan data sources. Figure 27 compares these YJlOl 
fan inlet measurements relative to several other data 'sources. 
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Laser Velocimeter Measurements of VJlOl 
Engine Exhaust Plumes 
The General Electric Company has developed a unique velocity measurement 
capability for both laboratory and engine diagnostic measurements. (See Reference 
1 and 11 to 13 for description of the LV system and its application to model 
scale jet exhaust tests).”Figure 4 shows the laser velocimeter system which 
was used for the YJlOl engine measurements. This same laser/processor system 
is used for  all G.E. laboratory diagnostic testing. 
Figures 28 and 29 illustrate respectively typical mean velocity radial 
profile measurements for the conical nozzle and the coannular plug nozzle 
engine test measurements. 
conical nozzle a rather normal velocity profile was measured.-;; For the 
coannular nozzle the inner and outer stream for the coannular plug nozzle 
system is fully identified - at supercritical, high temperature conditions. 
The observed feature is that for the baseline 
.Figures 3 0  and 31 show comparisons of laser velocimeter measured mean 
and turbulent velocities for model scale and YJlOl engine tests. The results 
of Figure 30 clearly show the shock structure of the conic nozzle and the 
relatively low exit plane exhaust turbulence levels of the YJlOl engine. Figure 
31 shows a favorable comparison for the axial mean velocity decay of the 
coannular plug nozzle between model and YJ101. 
Sideline Traverse Test Results and Core Noise 
Measurements 
From the sideline traverse microphone measurements (See Figure 5 for test 
set-up),the axial location of each 113 octave band peak noise source can be 
deduced. Figure 32 shows a comparison of the Strouhal distribution of peak 
noise source locations and far-field radiation angles for YJlOl conical nozzle 
measurements compared with other data sources. The general results obtained 
were that the high frequency noise sources are close to the nozzle exit and the 
lower frequency sources are further downstream. These results compare with 
previously measured test experiences using a 579 engine. Coannular plug nozzle 
tests showed that the higher frequency noise sources are closer to the nozzle 
exit than are the conic nozzle (See Reference 3 for additional details). 
* An answer desired from the laser measurements was whether the Y J l O l  engine 
conic nozzle (which mixed the fan by-pass air into the core stream with a 
series of 24 aft variable area by-pass injectors) would have a fully mixed exit 
velocity profile, or some other profile which could lend to an erroneous 
type of baseline for acoustic measurements. The laser tests (as well as 
our scaling tests)show that the baseline conic nozzle was a valid baseline. 
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Core Engine Noise Results 
From internal kulite measurements and cross-correlation techniques, YJlOl 
core exhaust noise measurements were performed. The results were that the 
internal noise sources did not contaminate any of  the jet noise measurements 
made in the far-field or nearfield. 
measurements which lead to this conclusion.) 
(Reference 3 contgins the detailed 
POSSIBILITIES FOR ADDITIONAL JET NOISE 
REDUCTION 
The acoustic measurements obtained from the YJlOl engine tests and free- 
jet acoustic model scale tests indicate that FAR36 (1969) type noise level 
technology may be possible for SCR type aircraft. There are,however, poss- 
ibilities of achieving additional jet noise reductions as follows: 
1. Engine cycle and engine sizing 
Fan oversizing benefit - 1-2 EPNdB reduction 
identifiable for the sideline. 
Engine high flow benefit - 1.5- 3 EPNdB reduction 
at the community measurement point is possible. 
2. Advanced Aircraft Operational Procedures - 
1-2 EPNdB reduction can be expected. 
3. Mechanical Suppression for Coannular Plug Nozzles - 
Up to 5 EPNdB reduction relative to the unsuppressed 
high-radius-ratio coannular plug nozzle is believed 
achievable; simple in mechanical design, lightweight, 
and with only 2, 4% additional nozzle performance loss. 
4 .  The use of Alternative Jet and Shock noise reduction 
schemes, such as engine mounting; application of a 
thermal acoustic shield or a mechanical treated ejector; 
enhanced exhaust mixing concepts such as coplanar mixer 
and tangential flow schemes; and viable combination of the 
above. 
Tables 4 and 5 summarize some of these possibilities. Although the achieve- 
ment of all the above items have not been demonstrated in a collective manner, 
1979 work efforts show that the outlook for achieving noise levels approaching 
FAR36(1978) Stage 3 is encouraging. 
. .  
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As examples of recent NASA/GE contract efforts (NAS3-21608) and General 
Electric supported efforts, Figures 3 3 ,  3 4 ,  and 35  are shown. Figures 33 and 
34 show the acoustic and projected aerodynamic performance of a simple 20 
shallow chute mechanical coannular plug nozzle suppressor. The results show 
that relative to a conical nozzle baseline, up to 11.5 PNdB reduction is 
possible at the sideline noise measurement location. 
'alternative' jet noise suppression schemes, Figure 35 presents model scale 
free-jet measurements illustrating flight suppression achieved using a high- 
radius-ratio plug nozzle with a low velocity, high temperature thermal acoustic 
shield.9; The results show up to 5 PNdB flight jet noise suppression relative 
to the core nozzle. 
As an example of 
CONCLUDING REMARKS 
The results of the YJlOl engine and model scale free-jet acoustic test 
results have shown that a significant amount of acoustic technology advance- 
ment has been achieved for Advanced Supersonic Cruise type aircraft. 
From the Static YJlOl VCE Engine Test Program: 
o For the first time anywhere, rather comprehensive advanced acoustic 
(far-field, nearfield, probe, and coherence) measurements were 
successfully and systematically performed on a high performance 
VCE engine test vehicle with a high-radius-ratio coannular plug 
nozzle. 
o Significant static jet noise reduction (4-6 PNdB peak aft angle) 
and shock noise reduction (?. 7 PNdB) was demonstrated for 
General Electric's high-radius-ratio coannular plug nozzle. 
o Scale model and engine jet noise scaling laws for coannular plug 
nozzles appeared verified. 
o A unique spectral prediction method of jet and shock noise for 
coannular plug nozzles was successfully developed and illustrated. 
o Probe and coherence measurements show no significant core noise 
contribution relative to the jet noise. 
o Typical supersonic three ( 3 )  stage closely coupled fan noise was 
measured - Inlet radiated noise was approximately 5 PNdB higher 
than high by-pass fans under s t a t i c  conditions. 
tk The Boeing Airplane Company has done extensive prior testing of such an 
alternative suppression concept. These results however, are believed to be 
the first free-jet evaluation for a SCR type engine application. 
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0 Extensive laser velocimeter mean velocity and turbulence velocity 
measurements were acquired. The YJlOl engine exhaust plane 
turbulence levels were measured to be relatively low ( % 4 % ) .  
Comparison of  engine measurements with model scale measurements 
were very good. 
From model scale free-jet measurements: 
0 Flight suppression for the unsuppressed coannular plug nozzle was 
verified. Up to 5 EPNdB relative to a fully mixed conical nozzle 
is believed to be achievable at typical take off power and cut-back 
conditions. 
0 Options for obtaining additional jet and shock noise reductions 
were identified : 
1. A shallow chute mechanical suppressor (up t o  11.5 peak 
static PNdB reduction relative in baseline conic nozzle)- 
simple mechanical design, lightweight; % 4% flight 
performance loss relative to the unsuppressed coaniiular 
plug nozzle. 
2.  Alternative jet noise abatement schemes: 
- thermal acoustic shield 
- enhanced internal mixing schemes 
- appropriate combinations of alternative 
schemes and simple mechanical suppressor 
concepts. 
Although additional work is still necessary, the outlook for achieving 
SCR aircraft noise levels on the order of current subsonic commercial airplanes 
is good. 
continued, the goal of which shbuld be to provide the technology to achieve 
FAR36(1978) Stage 3 noise levels o r  an appropriate equivalent (e.g., sum of 
three point requirements). 
Appropriate engine and free-jet model scale programs should be 
In terms of "next steps" for advancements in acoustic technology, the 
following items are recommended. 
1. Establish a SCR Government/Industry noise technology gaal- 
meet FAR36(1978) Stage 3 or an appropriate equivalent goal 
which properly accounts for the unique characteristics of a 
supersonic cruise type aircraft. 
2 .  Continue use of the YJlOl/VCE as an engine acoustic test vehicle. 
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- Mechanical Suppressors 
- Inlet Noise Studies 
- Demonstration of alternative jet noise abatement schemes 
- Simulated flight tests of coannular nozzles and simple coannular 
suppressors, including inlet fan noise reduction devices (NASA 
Ames 40 X 80 Wind Tunnel). 
3 .  Continue with aggressive and probing model scale free-jet acoustic 
and aerodynamic performance research investigations. Emphasis of 
these programs should be: t o  formulate appropriate suppressor 
theoretical prediction models; screening type testing for eventual 
engine evaluation; free-jet (flight) noise evaluation of all 
selected concepts; carry out dual paths of investigation - 
1. Classical mechanical suppressors 2. Alternative schemes; 
research efforts which have a greater emphasis on shock noise control 
schemes. 
airplane noise levels without significant adverse impact on fuel 
and airplane economics. 
The end objective would be to achieve equivalent subsonic 
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TABLE 1 
I 
Band No. i 1 7  t o  30 31 32 33 34 35 36-43 
1 / 3  O . B .  C t r .  Freq.  50Hz t o  lkHz 1.25kHz 1.6kHz 2 . 0 k H ~  2.5kHz 3.15kHz 4 t o  lokHz 
Weighting Fac tors  R .  1 . 0  .83 . 6 7  . 5  .33 . 1 7  0 . 0  
1 
0 . 0  . 1 7  . 3 3  . 5  .67 .33 1 . 0  Si 
TABLE 2.- PROJECTED DIFFERENCE I N  EPNL BETWEEN THE 
C O N I C  NOZZLE AND COANNULAR PLUG NOZZLE AT TYPICAL 
METHOD 
M J T SMITH 
BUSHELL 
HOCK (SAE) 
TASK 6 
MGB 
SIDELINE, CUT-BACK AND APPROACH CONDITIONS 
EPNL -EPNL 
SIDELINE, 
EPNdB 
5 . 1  
5.6 
4 . 8  
4 . 7  
5 . 1  
conic* 
SIDELINE, 
EPNdB 
6.05 
6.65 
5 .85  
5.15 
6 .05  
c oannu 1 ar  - 
CUT-BACK, 
EPNdB 
4 .53  
4.43 
3 .93  
4 .23  
4 .23  
APPROACH, 
EPNdB 
1.72 
2.42 
1 .82  
1 . 5 2  
2.02 
*CONIC NOZZLE CONDITIONS CORRECTED TO MATCH COANNULAR PLUG NOZZLE Vmix 
Pmix AND +. 
j ’  
j 
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TABLE 4 . -  P O S S I B I L I T I E S  FOR ADDITIONAL J E T  N O I S E  REDUCTION 
1. ENGINE OVERSIZING;  CYCLE AND HIGH FLOWING ADVANCEMENTS 
- OVERSIZING ( S I D E L I N E )  - 1-2 EPNDB REDUCTION 
- HIGH FLOW AND CYCLE OPTIMIZATION (COMMUNITY) - 1.5 - 3 EPNDB 
2. ADVANCED AIRCRAFT OPERATIONAL PROCEDURES - NASA LANGLEY AND OTHERS 
- GENERALLY ACCEPTED THAT 1-2 DB B E N E F I T  CAN BE EXPECTED 
3 .  GE COANNULAR PLUG NOZZLE MECHANICAL SUPPRESSORS 
- UP TO 5 EPNDB REDUCTION OVER UNSUPPRESSED COANNULAR 
PLUG NOZZLE I S  CURRENT GOAL 
4. ALTERXATIVE J E T  N O I S E  ABATEMENT SCHEMES 
- 3 TO 8 PNDB P O S S I B L E  
- THERMAL ACOUSTIC S H I E L D S ,  INTERNAL/COPLANAR MIXERS, TREATED EJECTORS 
- COMBINATIONS O F  MECHANICAL SUPPRESSORS AND ALTERNATIVE SCHEMES 
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Figure 1. -  Layout of Edwards test  si te.  
F igure  2.- YJlOl engine  conic  nozz le  w i t h  t r e a t e d  f a n  in l e t .  
435 
Figure 3,- Photo of coannular plug nozzle, 
Figure 4.- YJlOl coannular plug nozzle test vehicle with G,E, laser velocimeter. 
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Figure 5.- YJlOl acoustic test vehicle with NASA Ames traversing 
microphone system. 
rET CENTER /-EXHAUST CENTER 
CENTER OF SYMBOL MICROPHONE MEASUREMENT TYPE OF 
ORIENTATION DISTANCE MICROPHONE ARRAY RADIAL MEASUREMENTS 
a GROUND 21.34d70ft) SIDELINE 
0 GROUND 30.48m(100ft) ARC EXHAUST NOZZLE 
0 ENGINE CENTERLINE 30.48m( lOOf t ) ARC EXHAUST NOZZLE 
0 ENGINE CENTERLINE 30,48m(lOOf t 1 ARC INLET 
-e ENGINE CENTERLINE 30.48m(lOft) SIDELINE 
Figure 6.- Layout of Edwards test site. 
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Figure  7.- I l l u s t r a t i o n  of microphone se tup .  
CONIC NOZZLE 
3 0 . 4 8  m (100 ft) ARC 
GROUND M I K E  
COANNULAR NOZZLE 
R’ - .853 
30 .48  m (100ft) ARC 
0 2 = . 2  
MERGED (Fi) 
63 250 1K 4K 16K 
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Figure  8.- I l l u s t r a t i o n  of s p e c t r a l  merging. 
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F igure  9.- Schematic of General  Electr ic  anechoic  f r e e - j e t  f a c i l i t y .  
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F i g u r e  10.- V e r i f i c a t i o n  of coannular  p l u g  n o z z l e  e n g i n e  j e t  n o i s e  r e d u c t i o n .  
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F i g u r e  11.- V e r i f i c a t i o n  of coannular  p l u g  n o z z l e  e n g i n e  shock 
n o i s e  r e d u c t i o n .  
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, 
F i g u r e  12. -  T y p i c a l  e n g i n e  PNL d i r e c t i v i t y  - c o n i c  and 
coannular  p lug  nozz le .  
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Figure 13.- Typical engine spectra characteristics - conical and 
coannular plug nozzle. 
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Figure 14.- Influence of radius ra t io  e f f e c t s  on coannular plug 
nozzle jet noise reduction. 
4 41 
1oc 
PNLN 
9c 
8C 
0.9032 m2(1400 in2) AREA 
731.5 m(2400 f t )  SIDELINE 
I I I 1 I 
10 log ( V ? i V a  ) 
10 J 
Figure 15.- Influence of area ratio effects on coannular plug 
nozzle jet noise reduction. 
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Figure 16.- Conical nozzle peak PNL acoustic scaling comparison. 
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Figure 17.- Coannular plug nozzle peak PNL acoustic scaling comparison. 
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Figure 18.- Coannular plug nozzle scaling - PNL d irec t iv i ty .  
443 
Y J l O l  
HODEL 
I MODEL DATA 
v;. n/r T ~ , K  P: vi, m/s T;,K P: $In, n/s  T ~ , K  P : ~ ~  
( f t / s e c )  (OR) tft/.ec) (OR) ( t t / .ec) (OR) 
640 957 2.278 421 440 2.181 594 849 2.261 
(2101) (1723) (1382) (793) (1950) (1528) 
643 958 2.307 389 398 2.084 588 678 2.223 
(1276) (716) (1930) (1220) (2110) (1724) ";; HODEL DATA 
63 250 1 K  4% 
e1-9o0  
63 125 250 4K 
m P ,  HZ PREP, Hr P F W ,  Hz 
Figure 19.- Conical  plug nozz le  s c a l i n g  - SPL spec t r a .  
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Figure 20.- Theory d a t a  comparison f o r  engine coannular  plug' nozzle j e t  
mixing and shock n o i s e  - OASPL d i r e c t i v i t y .  
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Figure 21.- Theory data comparison for engine coannular plug nozzle jet 
mixing and shock noise  - SPL spectra (typical  SL condition).  
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Figure 22.- Theory data comparison for engine coannular plug nozzle je t  
nixing and shock noise  - SPL spectra (typical  C-B condition).  
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Figure 23.- Projec ted  f l i g h t  j e t  and shock n o i s e  f o r  a high  r a d i u s  r a t i o  
t y p i c a l  s i d e l i n e  condi t ion .  
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Figure  24.- V e r i f i c a t i o n  of f l i g h t  suppression f o r  coannular  plug nozz les  - 
PNL d i r e c t i v i t y  comparison. 
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Figure 25.- V e r i f i c a t i o n  of flight suppression f o r  coannular plug 
nozz les  - SPL s p e c t r a  comparisons. 
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Figure 26.- Typica l  f an  i n l e t  turbomachinery noise .  
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Figure 27.- YJlOl fan  i n l e t  no i se  r e l a t i v e  t o  o t h e r  d a t a  sources.  
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Figure 29.- Typical laser velocimeter measured mean velocity profile 
for engine coannular plug nozzle tests - supersonic conditions. 
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Figure 30.- Comparison of laser velocimeter measured mean velocity and 
turbulent velocity distributions between engine and model 
scale tests - conical nozzle at supersonic conditions. 
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Figure 31.- Comparisons of laser velocimeter  measured a x i a l  mean v e l o c i t y  
decay f o r  engine and model coannular plug nozz le  tests - 
supersonic  flow condi t ions .  
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Figure 32.- Measured peak n o i s e  source l o c a t i o n s  and f a r f i e l d  r a d i a t i o n  
ang le s  f o r  579 and YJlOl/AST conic  nozz les .  
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Figure 33.-  S ta t i c  jet noise  reduction for a s imple  mechanical suppressor. 
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Figure 34.-  Variation o f  t o t a l  thrust coe f f i c i ent  with suppressor 
element number and area ra t io .  
451 
e 
0 AdB AT CONSTANT Vmix 
e PRODUCT ENGINE SIZE 
FLIGHT VELOCITY Va,c = 122 m/e (400 ft/sec) 
j 
AIRCRQT VELOCITY 
PEAK PNL REDUCTION 
RE PLUG NOZZLE, PNdB 
+)- - 
VELOCITY RATIO 
SHIELD 
Figure 35.- Inflight thermal acoustic shield suppression. 
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FLIGHT AND TUNNEL TEST RESULTS OF THE MDC 
MECHANICAL JET NOISE SUPPRESSOR NOZZLE 
R .  D. F i t z S i m o n s ,  R. A. McKinnon and E. S. Johnson 
McDonnel 1 Doug1 as Corporat ion 
SUMMARY 
A f l i g h t  and wind tunnel  t e s t  program t o  determine the acous t ic  and 
performance ef fects  o f  a mechanical j e t  no ise  suppressor nozz le mounted on an 
engine o f  an HS-125 a i r p l a n e  has been completed. 
The f l i  h t  t e s t  program was j o i n t l y  sponsored by McDonnell Douglas 
Corporat ion YMDC), Rolls-Royce, L td .  (RR), B r i t i s h  Aerospace (BAe) and t h e  
Royal A i r c r a f t  Establ ishment (RAE). 
v e l o c i t y  as poss ib le  t o  s imu la te  a supersonic t r a n s p o r t  engine, R o l l s  Royce 
supp l ied  a unique uprated V iper  engine. F lyover  no ise  measurements were ~ 
made w i t h  microphones mounted on top  o f  a 137.5-111 (450- f t )  tower o f  the  Severn 
R ive r  Br idge a t  B r i s t o l  , England. 
passes o f  the  HS-125 t e s t  a i r c r a f t  over the  br idge.  Seven nozz le conf igura-  
t i o n s  - i n c l u d i n g  two references nozzles,  two suppressors and th ree  e j e c t o r  
i n l e t s  - were * tested.  Acoust ics  r e s u l t s  were obta ined f o r  a l l  nozzles.  The 
suppressor nozz le of i n t e r e s t  f o r  an advanced supersonic t ranspor t  (AST), the  
MDC suppressor / t reated e j e c t o r ,  achieved a measured no ise  reduc t i on  o f  14 
EPNdB r e l a t i v e  t o  a convent ional  con ica l  reference nozz le  a t  t he  h ighes t  
pressure r a t i q  t e s t e d  (approximately 2.5). 
The wind tunnel  t e s t  program was j o i n t l y  sponsored by NASA, MDC, RR and 
BAe. The unique engine nace l l e ,  f l i g h t  hardware and nace l l es  from the  HS-125 
f l i g h t  t e s t  program combined w i t h  a s imulated HS-125 fuselage were tes ted  i n  
the  NASA Am?s 40 x 80 f o o t  wind tunnel  and i n  the  outdoor Ames t e s t  f a c i l i t y .  
Both propu;sion and acous t ic  data were recorded. P re l im ina ry  t h r u s t  data 
r e s u l t s  from the  wind tunnel  t e s t s  a re  a v a i l a b l e  and a re  summarized and 
compared t o  o the r  mechanical suppressor t e s t  r e s u l t s .  Nozzle perfornance 
r e s u l t s ,  i n c l u d i n g  l i n e d  e j e c t o r s ,  a re  shown t o  be t h e  bes t  obta ined t o  date 
i n  i ndus t r y .  
would be poss ib le  f o r  t h e  MDC suppressor /e jector  nozz le  scaled t o  t y p i c a l  AST 
engine s i z e  w i t h  a 5% t h r u s t  l oss  a t  a t y p i c a l  t a k e o f f  c l imb speed. 
To achieve as h igh  an i dea l  j e t  
Data were recorded f rom more than 400 
The t e s t  r e s u l t s  i n d i c a t e  t h a t  a no ise  reduc t ion  of a t  l e a s t  16 EPNdB 
INTRODUCTION 
NASA-sponsored s tud ies  o f  advanced engines in tended f o r  a p p l i c a t i o n  t o  
f u t u r e  AST a i r c r a f t  have i d e n t i f i e d  severa l  p o t e n t i a l  engine cyc les as 
candidates - low bypass r a t i o  tu rbo fan  engines ( leaky  t u r b o j e t s )  and v a r i a b l e  
cyc le  engines. (References 1 t o  4 ) .  
r e q u i r e  s i g n i f i c a n t  j e t  no ise  reduct ions t o  meet a n t i c i p a t e d  no ise  l e v e l  
requirements f o r  a t y p i c a l  f o u r  engine t ranspor t  con f i gu ra t i on .  The v a r i a b l e  
cyc le  engines employ i n v e r t e d  v e l o c i t y  p r o f i l e s  t o  reduce j e t  no ise,  bu t  a l so  
r e q u i r e  a d d i t i o n a l  j e t  no ise  suppression t o  meet s i m i l a r  no ise  l e v e l  requ i re -  
ments. 
The low bypass r a t i o  turbofan engines 
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I n  the past,  mechanical j e t  no ise  suppressors which have been designed and 
b u i l t  have demonstrated s i g n i f i c a n t  l e v e l s  o f  no ise  reduc t i on  s t a t i c a l l y ,  
bu t  d ramat i ca l l y  l o s t  ef fect iveness w i t h  forward v e l o c i t y .  (Reference 5). 
Others have shown l a r g e  t h r u s t  losses i n  achiev ing s i g n i f i c a n t  no ise  reduct -  
ions.  Designers o f  j e t  no ise  suppressor nozzles at tempt t o  
achieve s i g n i f i c a n t  no ise  reduct ions a t  minimum i n - f l i g h t  t h r u s t  losses. 
ICAO Working Group E J e t  Suppressor Subgroup, a f t e r  a c a r e f u l  examination o f  
then-avai lab le t e s t  data worldwide, recommended 12 PNdB j e t  no ise  reduc t ion  
fo r  10 percent  t h r u s t  l oss  be used f o r  mechanical-suppressor parametr ic  
s tud ies  (Reference 7 ) .  Previous model sca le  r e s u l t s  i n d i c a t e d  t h a t  an MDC 
mechanical-suppressor ' con f i gu ra t i on  had the  p o t e n t i a l  o f  ach iev ing a l e v e l  
of g rea ter  than 11 PNdB j e t  no ise  reduc t ion  f o r  5.5 percent  t h r u s t  loss a t  
AST engine design nozz le pressure r a t i o s .  However, t h i s  performance l e v e l  
was based on acous t ic  t e s t  r e s u l t s  from the  R o l l s  Royce (RR) sp in  r i g  a t  
Aston Down, England (Reference 8) and unpublished t h r u s t  performance r e s u l t s  
from an MDC f a c i l i t y .  
tunnel  (Reference 9 )  were s i g n i f i c a n t l y  d i f f e r e n t  f rom the  measured sp in  r i g  
no ise reduct ions.  
requ i red  t o  v e r i f y  the  ac tua l  no ise  l e v e l s .  
An RAE HS-125 a i r c r a f t  was mod i f ied  by BAe t o  accept an uprated RR Viper  601 
engine and an a c o u s t i c a l l y  t r e a t e d  e jec to r .  With NASA support, t he  uprated 
Viper 601 engine, t he  f l i g h t  nace l l e  and the  t e s t  nozzles were subsequently 
mounted on a s imulated fuselage i n  the  NASA Ames Research Center 40 x 80-f t  
wind tunnel  t o  ob ta in  t h r u s t  performance a t  forward v e l o c i t y  and a l so  t o  
ob ta in  add i t i ona l  acous t ic  data. This  paper presents the  p e r t i n e n t  acous t ic  
r e s u l t s  from the  f l i g h t  t e s t  program f o r  the  AST app l i cab le  nozzles and t h r u s t  
performance r e s u l t s  from t h e  Ames tunnel  tes ts .  
(Reference 6 ) .  
Measured l e v e l s  i n  the  NASA Aries 40 x 8O- f t  wind 
To reso lve  the  discrepancy, f l i g h t  t e s t  r e s u l t s  were 
Accordingly,  a j o i n t  f l i g h t  t e s t  program was de f ined by VDC, RR, and BAe. 
BACKGROUND 
Development o f  an i n t e g r a t e d  engine/exhaust systen: meeting a i r p o r t  no ise  
requirements is  one of t he  pacing items f o r  a new supersonic t ranspor t  and it 
i s  most impor tant  t o  de f i ne  the  j e t  no ise suppression a t  t he  e a r l i e s t  poss ib le  
date. To expedi te  t h i s  a c t i v i t y  HDC, w i t h  NASA support, s ince June 1974 has 
used a basel ine c o n f i g u r a t i o n  as the  veh ic le  for  d e t a i l e d  i n t e g r a t i o n  
s tud ies  o f  the advanced technoiogy engines and no ise  suppression schemes 
being der ived  by the  major U. S. engine ranufac turers  under NASA cont rac t .  
The analyses o f  t he  engine conceptual con f i gu ra t i ons  i nc lude  determinat ion of 
the  engine s i z e  ( f o r  no ise  and t a k e o f f  t h r u s t  requirements),  s e l e c t i o n  of t he  
proper i n l e t  and nozz le  design, c a l c u l a t i o n  o f  i n s t a l l e d  engine performance, 
determinat ion o f  s t r u c t u r a l  impacts and c o n f i g u r a t i o n  geopetry changes, and 
determinat ion o f  the  o v e r a l l  range f o r  each type engine/exhaust system 
ccrr,bination. I n  a l l  o f  these s tud ies ,  no ise  suppresion schelres and 
suppression data as prov ided by the  engine covpanies have been used. These 
s tud ies  l e d  d i r e c t l y  t o  the  e f f o r t  descr ibed he re in  which i s  necessary i n  
o rder  t o  p rov ide  data f o r  t he  mechanical-suppressor program. 
previous mechanical-suppressor t e s t i n g  programs-pr io r  t o  the  design o f  the  
nozz le suppressor/ejector/reverser con f igu ra t i on  f o r  t he  conceptual MDC 
base l ine  2.2M c r u i s e  veh ic le .  
As p a r t  of the  technology updating, MDC reviewed t h e  r e s u l t s  o f  the  
The design had t o  i n t e g r a t e  w i t h  the  a i rp lane  
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w i t h o u t  any cruise performance penalty. 
shown i n  Figure 1.  
the design shown in the figure. 
The design for  an MDC exhaust system i s  
The design for the HS-125 t e s t  i s  an exact duplication of 
FLIGHT TESTS 
The f l i gh t  t e s t  program was insti tuted jo in t ly  t o  obtairi i n - f l i g h t  
acoustic data on two conical reference nozzles and two mechanical j e t  noise 
research program, two of the major elements are  the selection of the t e s t  
a i r c ra f t  and the t e s t  engine. 
' 
suppressor nozzles with and without  a treated ejector .  In any f l i gh t  I 
Aircraft/Engine Selections 
In the choice of an aircraft/engine combination, i t  was desired t o  
Turbojet engines operate a t  higher j e t  
Use of a multiengine a i r c ra f t  instead of a 
choose an engine w i t h  the highest possible j e t  velocity to  simulate as 
closely as possible the j e t  velocit ies projected for  low bypass r a t io  AST 
engines a t  takeoff and cutback. 
velocit ies than turbofans and are therefore logical candidates for a je t -  
noise oriented f l i g h t  t e s t .  
single engine a i r c ra f t  minimizes the safety and airworthiness demonstrations 
required for a t e s t  engine and experimental parts t o  be flown. 
Rolls Royce was able t o  identify an upraged Viper 601 engine as an 
excellent t e s t  engine because of i t s  high nozzle pressure r a t io  and the 
HS-125 a i r c ra f t  as an a t t rac t ive  t e s t  vehicle. 
ideal j e t  velocit ies up t o  719.3 m/s (2360 f t / s ec ) ,  which compares favorably 
w i t h  the anticipated maximum j e t  velocity of 762.0 m/s (2500 ft/sec) for a 
projes$ed low bypass r a t io  AST engine. R R  had a lined ta i lp ipe  from a 
previous t e s t  program (Reference 10) which was available and was installed 
on 'he t e s t  engine fo r  a l l  f l i gh t s  i n  t h i s  program. 
research a i r c r a f t ,  Figure 2 ,  from the Bedford Systems Group which was made 
available for the t e s t  program and BAe agreed to  modify the t e s t  a i r c ra f t  as 
needed for instrumentation, nozzle mounting and e jec tor  attachment. 
The t e s t  engine provided 
RAE provided an HS-125 
Si te  
Following the selection of an RAE HS-125 research a i r c ra f t  as the t e s t  
One of the desirable features o f  this t e s t  s i t e  i s  
Reflections from the bridge cables, the road surface and tower 
vehicle, RR proposed the use of a tower on the Severn River Bridge as the 
microphone location based on t h e i r  successful use o f  this location previ- 
ously. 
the height of the microphones above the water surface (approximately 137.2 
meters - 450 f e e t )  which  assures a minimum of ground surface interference and 
reflection. 
roof surface have been found negligible. Figure 3 shows the test  a i r c ra f t  
flying past the test s i t e  w i t h  one of the seven nozzle configurations 
instal led. 
(Reference 11.)  
Conf igurati ons 
The seven nozzle configurations tested are i l l u s t r a t ed  schematically i n  
Figure 4. Two conical reference nozzles - one w i t h  a conventional entrance 
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angle ( R R - 1 )  and  one w i t h  a steep entrance angle ( D A C - 1 )  t o  simulate the 
primary nozzle of a supersonic cruise engine exhaust system - are included, 
as are two niechanical j e t  noise suppressor nozzles, one intended for  sub- 
sonic a i r c ra f t  research ( R R - 2 )  and the other for  the AST (CAC-2) .  
suppressor nozzles can be f i t t e d  w i t h  a treated ejector  t o  increase the 
noise reduction. As shown i n  Figure 4 ,  three ejector  i n l e t  designs (DAC-3,  
DAC-4 and RR-3) are provided t o  achieve a total  of  seven configurations. 
Figure 2 shows the t e s t  a i r c r a f t  w i t , h  the uprated Viper engine and the DAC-4 
nozzle configuration ins ta l led ,  and Figure 5 i s  an end view of' t h i s  config- 
uration 
The 
Instrumentation 
Two accustic recording systems are employed to  provide redundancy. 
each system two B&K 12.7 mm (1/2-inch) diameter type 4133 microphones are  
mounted ver t ical ly  uphard on poles about 6.1 meters (20 f e e t )  above the 
roof, approxiKately 137.2 m (450 f t )  above the water surface. 
are used. Acoustic data are recorded on Nagra IV SJ ortable tape recorders 
which are operated a t  a tape speed o f  19 cm (7.5 inch Y per second. The 
center track'(FM) is  used t o  record voice information between f l i gh t s  and 
IRIG B time code data during the f l i g h t  recording. 
Tracking o f  the a i r c r a f t  f l i g h t  p a t h  i s  done by an R R  photographic 
system which i s  comparable to  a mini kinetheodolite sjstem. 
a camera t c  take numerous photographs of the test a i r c r a f t  as i t  f l i e s  past 
the t e s t  s i t e .  Camera elevation and t i l t  are  encoded on one channel of a 
Nagra IV SJ tape recorder, camera shut ter  contact pulses on the second 
chmnel and voice and time code (IRIG B )  on the FM center track. 
I n  
Wind screens 
The method uses 
A second photographic method is  erployed as a backup fo r  est-imating the 
a i r c ra f t  position and a l t i tude .  A camera w i t h  a lens of known focal length 
is  mounted a t  the t e s t  s i t e  and the aperture pointed upward. As the a i r c ra f t  
f l i e s  overhead, a photographer clicks the shut ter  which triggers a one-half 
second 20 kHz pulse onto the center track of one o f  the Nagra IV SJ acoustic 
data recorders. 
measured. 
times the r a t io  of the focal length i n  millimeters t o  the measured wingspan 
dinension i n  millimeters. Sirtilarly, the offsets  - a i r c r a f t  position before 
and a f t e r  overhead and cn or off  l ine  - can be estimated i n  fee t  as  the 
a i r c ra f t  wingspan i n  f ee t  times the r a t io  of the of fse t  i n  millimeters t o  
the measured kir;gspan i n  mi 11 imeters . 
After the film i s  developed, the wingspan and o f f se t  are  
The a l t i tude  can be estitnated as the a i r c r a f t  wingspan i n  feet  
Wet and dry b u l b  a i r  temperatures, wind velccity and direction data are 
obtained a t  the tower t e s t  s i t e .  
bents a t  the Filton Airfield nearby. 
the t e s t  a i r c ra f t  f l i g h t  paths and the t e s t  s i t e  are made i n  a Tiger Moth 
a i r c r a f t  i n  which wet and dry b u l b  temperatures, a i r  pressure and wind 
velccity are  measured. 
a f t e r  each f l i g h t  t e s t .  
The a i r  pressure i s  derived from measure- 
Surveys of the air conditions between 
The Tiger Moth surveys are  conducted before and 
The a i r c r a f t  f l i g h t  recorder is programmed to  record engine rpm, j e t  
pipe temperature, j e t  pipe s t a t i c  pressure, eject.or total  and s t a t i c  
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pressures and total  temperature, ambient a i r  temperature and pressure, ai  r- 
speed, a l t i tude ,  run number and t e s t  identification data. 
between the data from the a i r c ra f t  f l igh t  recorder, the Nagra IV SJ recorder 
of the a i r c ra f t  tracking system and the Nagra IV SJ recorders o f  the acoustic 
da ta  acquisition syst,em i s  by the IRIG B time code which i s  recorded on a l l  
three sys tems . 
Synchronization 
Procedure 
Prior t o  each f l i gh t  t e s t ,  the t e s t  a i r c ra f t  i s  ferr ied from Bedford t o  
Fil ton Airfield. A t  the test s i t e ,  a p i n k  noise s igna l  (200 m v )  fron: a 
pseudo random noise generator i s  recorded on each tape for each microphone 
instal la t ion.  The signal i s  applied a t  the preamplifier (cathode follower) 
for  45 seconds. 
end of each test .  The signal i s  124 dB a t  250 Hz and recorded f o r  30-45 
seconds. Ambient roise is  reccrded prior t o  the t e s t  and a t  selected 
intervals during the t e s t .  When the noise recording crew has colr,pleted the 
instal la t ion and pre-test calibrations,  the tes t  a i r c ra f t  is flown over the 
test  s i te  w i t h  a minimum of three passes for each test  PO n t .  
the desired test conditions. The majority of the f l ights  arc made w i t h  the 
f l i gh t  path i n  a dire'ction parallel t o  the bridge, b u t  a imited number o f  
f l igh ts  are naGe w i t h  the f l i g h t  path normal to  bridge. Again the majority 
o f  the f l i g h t s  a re  performed w i t h  the non-test engine operating a t  id le  
power. A limited number of "control" f l igh ts  are performed k i t h  the t e s t  
engine a t  id le  power and non-test engine a t  takeoff power. The t e s t  passes 
are flown a t  constant airspeed and a l t i tude t o  achieve a desired a l t i tude  
over the test  s i t e  o f  152.4m, b u t  the a i r c r a f t ' s  a l t i tude  is  allowea t o  
increase o r  decrease as needed f o r  a given power set t ing.  Noise data record- 
ed from the kon t ro l "  f l igh ts  wheE corrpared t o  previous data serve as a 
check on the validity of the recording system. 
Pistonphone calibrations are cmducted a t  the b e g i n n i n g  and 
Table 1 lists 
Limitations 
The t e s t s  are conducted with the following weather limitations: 
Precipitation None 
Wind Speed 
Humidity 
not more t h a n  10 knots* 
not. less than 50 percent 
not  greater than 90 percent 
*Ini t ia l  goal - subsequently modifed t o  15 k n o t s  
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ACCUSTIC RESULTS AND DISCUSSION 
?he acoustic resul ts  for  the t h o  reference nozzles, the MGC suppressor 
nozzle and the MDC suppressor nozzle w i t h  ram and flush ejectors ,  are  present- 
ed i n  terris cf the variation of peak perceived noise levels (PNLM) and 
effective perceived noise levels ( E P N L )  w i t h  ideal j e t  velocity, PNL 
d i rec t iv i ty  and one-third octave band sound pressure leve$, (1/3 OB8PL) 
spectra a t  the peak noise angle and selected angles of 90 and 150 t o  the 
in le t .  
The variaticn of peak PNL w i t h  re la t ive j e t  velocity is  shown in Figure 
6 fc r  the cGnventiona1 reference and the AST applicable nozzles. 
levels produced by the two conical nozzles (RR-1 and DK-1) a re  substantially 
the same; therefore RR-1 i s  used as the reference nozzle fo r  subsequent 
comparisons. The noise reductions provided b j  the mechanical j e t  noise 
suppressor (DAC-2)  a re  clearly evident a t  high epsine powers, b u t  decrease 
t o  zerc a t  the low end of the engine power range tested.  I t  can be observed 
tha t  the treated ejector  i s  effect ive i n  providing additional noise reduction 
throughout the power range tested.  
e jector  configuration w i t h  the ram SCOCF i n l e t  (DAC-3) produced noise levels 
similar to  the flush ( f l i g h t  type) i n l e t  ccnfiguration (DAC-4) .  Both config- 
urations produed measured noise reductions of approximately 14 EPNdB. Thus ,  
previous questions of differences betweer the two ccnfigurations were answer- 
ed. The ram scoop i n l e t  configuration was included i n  the tes t  prograni 
because a l l  model scale t e s t s  had 'I'ncluded the ram scoop inlet ,  b u t  not' the 
flush in le t .  
i n  Figure 7. 
nczzles w i t h  EPNL i s  substantially the same as for  peak PNL, which meam 
essentially that the mechanical suppresscrs and the t reated ejector  did not  
have an e f fec t  on the duration correction factor component c f  EPNL. The 
beneficial effects  cf the treated ejector  i n  p rovid ing  additional noise 
reduction over the en t i re  engine power range tested are  apparent. Again, 
DAC-3 noise levels are nct substantially different  from DAC-4 noise levels. 
a supercrit ical  nozzle pressure r a t io  (2 .2  NPR nominal) and one a t  a sub- 
c r i t i ca l  nozzle pressure r a t io  (1.6 NPR nominal). All data presented are for 
level f l i g h t  152.4m (500 f t )  above the microphone and 172 knots airspeed. 
The tone corrected PNL (PNLT) d i rec t iv i ty  patterns are  i l l u s t r a t ed  for  the 
supercrit ical  case i n  Figure 8 and for  the subcrit ical  case i n  Figure 9. 
For the sake of c l a r i t y ,  data are shown for the conventional reference and 
the AST applicable nozzles only. 
same as DAC-4,  only DAC-4 resul ts  are  shown. In Figure Q the hump i n  the 
noise levels o f  the reference nczzle i n  the region of 40 t o  70 i s  attributed 
t o  shock cel l  associated noise and the hump i n  the rear arc  i s  j e t  noise. 
In Figure 8 ,  the anticipated trend of the suppressor t80 move the a n g l e  of 
peak noise more fcrward i s  apparent. 
treated ejector  attached. 
From Figure 9,  i t  can be observed that  the MDC suppressor alone is 
ineffective i n  redbcing the ncise level belcw t h a t  of the reference nozzle 
The noise 
I t  can he noted tha t  the suppresscr/ 
The corresponding variation of EPNL with re la t ive  j e t  velocity is  shown 
I t  can be observed t h a t  the pattern of variation f o r  the 
In tbe analysis t h a t  follows, two typical cases are considered: one a t  
Since DPC-3 resLtl ts are s h t a n t i a l  ly the.  
This trend i s  ccntinued w i t h  tb.e 
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a t  s u b c r i t i c a l  nozzle pressure ra t i os .  However, the add i t i on  of the t reated 
e jec to r  does provide noise reductions, p a r t i c u l a r y  from 80° a f t .  
d e f i n i t e  change i n  the peak noise angle with the e j e c t o r  f i t t e d  i s  apparent. 
No 
One-third octave band sound pressure l eve l  spectra f o r  the 24 center- 
band frequencies beginning a t  50 Hertz are presented i n  Figures 10 t o  12 f o r  
the 2.2 NPR case a t  selected angles of peak noise, 900 and 150° t o  the 
i n l e t ,  respectively. S im i la r  data f o r  the 1.5 NPR case are given i n  Figures 
13 t o  1,5. 
From Figure 10, the reference nozzle (RR-1) spectral  shape f o r  2.2 NPR 
a t  the peak noise angle (approximately 1350) appears t o  be p r i m a r i l y  due t o  
j e t  noise. 
example) t o  separate core and j e t  noise, but they have no t  been aDplied t o  
the HS-l25/Viper 601 f l i g h t  data t o  date. It can be observed t h a t  the MDC 
suppressor (DAC-2) reduces the low frequency noise leve ls .  The t reated 
e jec to r  w i th  the f l u s h  i n l e t  (DAC-4) reduced the low frequency noise l eve l s  
a l i t t l e  more, but  reduced the high frequency noise l e v e l s  s i g n i f i c a n t l y .  
From Figure 13, however, one can postulate the presence of core noise a t  1.6 
NPR inf luencing the reference nozzle peak SPL a t  630 Hertz. 
peak a t  315 Hertz could wel l  be j e t  noise f o r  t h i s  reduced power set t ing.  
The MDC suppressor reduced the low frequency noise l e v e l s  but  increased the 
high frequency noise l e v e l s  compared t o  the reference nozzle. Such 
behavior has been demonstrated by previous mechanical suppressors. Vhen 
the t reated e j e c t o r  with the f l u s h  i n l e t  i s  added t o  the mechanical 
suppressor, noise reductions r e l a t i v e  t o  the reference nozzle are provided 
throughout the spectrum. The bene f i c ia l  e f f e c t  of the t reated e j e c t o r  i s  
again apparent. 
i n  the low frequencies by the suppressor alone and noise reductions i n  the 
high frequencies by the t reated e j e c t o r  w i t h  no fur ther  reduct ion i n  low 
frequency noise levels.  S i m i l a r l y  a t  1.6 NPR, Figure 14 indicates modest 
reductions i n  low frequency noise leve ls  by the suppressor but a s l i g h t  
increase i n  high frequency noise levels.  Addi t ion o f  the t reated e jec to r  
reduced the frequency noise levels,  w i th  no change i n  low frequency noise 
levels. 
Source separation techniques are ava i l ab le  (Reference 12, f o r  
The secondary 
A t  90' t o  the i n l e t  and 2.2 NPR, Figure 11 i l l u s t r a t e s  noise reduction 
A t  150' t o  the i n l e t  and 2.2 NPR, Figure 12 ind icates s i g n i f i c a n t  mid- 
frequency noise l e v e l  reductions (approximately 20 dB) and substant ia l  h igh ' 
frequency noise l e v e l  reductions (about 8 dB) by the suppressor and addi t ion- 
a l  h igh frequency noise l eve l  reductions by the t reated e jector .  S im i la r l y  
a t  1.6 NPR, (Figure 15) s i g n i f i c a n t  low t o  mid-frequency noise l eve l  reduct- 
ions are obtained by the suppressor but  w i t h  s l i g h t  increases i n  high- 
frequency noise l eve l s  which are subsequently lowered by the t reated 
ejector.  
The noise reduct ion provided by the DAC-4 conf igurat ion r e l a t i v e  t o  the 
conventional reference nozzle was remarkably independent of a i r c r a f t  speed, 
as shown i n  Figure 16. 
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WIND TUNNEL TESTS 
Purpose 
The purpose of the wind tunnel tests i s  t o  determine propulsion and 
acoustic characteristics of the seven configurations tested i n  f l ight on the 
HS-125 airplane. Since this HS-125 test  aircraft  is  not instrumented t o  
determine engine thrust, net thrust measurements of each configuration a t  
foiward speed are particularly important. These data w i  11 a1 low the deduction 
of net thrust in fl ight based on engine RPM. Near field acoustic measurements 
( i n  conjunction with outdoor s ta t ic  acoustic da ta )  will allow a prediction 
and comparison of actual f l ight data. 
Configuration 
A t  the conclusion of the fl ight testing the engine, inlet ,  nacelle and 
nozzle tes t  parts were removed from the HS-125 airplane and shipped t o  the 
NASA Ames Research Center, F4offett Field, California. The installation in 
the NASA Ames 40 x 80-fOOt wind tunnel i s  shown in Figure 17. A portion of 
the HS-125 airplane fuselage was simulated in order t o  provide as close a 
representation of the f l ight  configuration as possible. Since a l l  of the 
acoustic measurements in f l  ight were takenobelow the aircraf t ,  i t  was decided 
t o  rotate the engine/simulated fuselage 90 clockwise (looking forward) for 
the tunnel tests. In addition, the vertical and horizontal t a i l  surfaces 
were simulated for tes t  purposes, Figure 18. The engine exhaust centerline 
a t  the reference nozzle exit  was located 3.96 m (13 f t )  above the floor. As 
on the aircraft ,  the engine centerline is 5.50 down from the airplane center- 
line and 20 ou t  from the fuselage. The entire assembly was mounted on a force 
table so as t o  obtain net thrust. Two o f  the configurations utilized inlet  and 
exit fairings, Figure 19,  in order t o  determine the drag tare. One additionb 
a1 configuration, only run statically,  was w i t h  a calibrated bellmouth t o  
determine engine airflow. This configuration was run a t  the start  and a t  
the end of the test  period. The seven configurations flown on the tes t  air-  
craft  were run statically,  a t  0.2 M and 0.26 M in the wind tunnel. 
Propulsion and acoustic data  were obtained for a total of 13 configura-. 
tions. The acoustic array consisted of two mlcrophgnes (atoa lateral distance 
of 8 and 12 nozzle diameters) on a traverse from 27 t o  166 and four fixed 
microphones 6.1 m (20 f t )  t o  the side as shown i n  Figure 20. 
decrease the reverberant characteristics of the 40 x 80-fOOt t e s t  section, 
acoustic foam was installed on the floor and part  way up t o  the side nearest 
the fixed microphones. 
In order t o  
Instrumentation 
In add i t ion  t o  the microphone array and thrust system described above, 
instruments were utilized on the engine and within the tes t  section. Tables 
2 and 3 describe this instrumentation. 
Test Procedure 
After calibration of the acoustic system the engine was started and 
stabilized a t  40% RPM. The wind tunnel was started and stabilized a t  the 
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desired speed. The engine was then set a t  various speeds between 80% 
and 100% RPM. A t  each speed a microphone traverse from forward t o  a f t  was 
accomplished, recording data from the traverse and fixed microphones. 
Propulsion data and thrust/drag measurements were taken a t  the s t a r t ,  middle 
and end of the traverse cycle. After shutdown of the engine and wind tunnel 
a calibration of the acoustic system was accomplished. 
Various cri t ical  engine parameters (RPM, JPT, JPPS, oil pressure, bear- 
ing temperatures, o i l  temperature, fuel flow and engine vibration) were 
visually monitored during each run t o  insure that the engine was operating 
satisfactorily. Engine da ta  were printed o u t  immediately following each run. 
Results and Discussion 
The data from the wind tunnel tests are presently being reduced and 
analyzed. Initial and final engine calibration, utilizing an instrumented 
bellmouth inlet  and a conical nozzle, have been checked and agree with the 
calibration data run by RR.  
(6-inch 3 model of the 1 2  lobe-24 tube suppressor/treated ejector over a wide 
range of nozzle pressure ratios and f l ight Mach numbers. 
sion results for the DAC-4 configuration i n  the NASA Ames Viper 601 engine 
test  are shown and preliminary tes t  results are indicated. 
between the predicted and the measured tes t  results a t  NASA Ames i s  very 
close a t  forward speeds ( C v  within 0.2%). Statically, however, the agree- 
ment between predicted and measured test results varies from 0 t o  1.2% 
lower than the previous data. 
Fi ure 21 presents the results of previous MDC tes ts  w i t h  a 15.24 cm 
Predicted propul- 
The agreement 
IMPLICATIONS TO ADVANCED SUPERSONIC TRANSFORTS 
The results of the combined fl ight and wind tunnel tes ts  should have 
significant imp1 ications t o  future advanced supersonic transports. 
demonstrate t h a t  a mechanical j e t  noise suppressor/treated ejector nozzle 
exhaust system can be designed t o  provide large noise reductions with 
acceptable thrust losses. 
performance are discussed in order. 
The 152.4-meter, level f l ight data a t  Viper 601 engine tes t  conditions 
were scaled t o  a nozzle size of 95.25 cm (37.5 in . )  equivalent diameter and 
projected t o  typical AST anticipated flyover/cutback and side1 ine slant 
range distances of 381 m (1250 f t )  and 731.5 m (2400 f t ) ,  respectively (appli- 
cable t o  the FAR Part 36 (Stage 2 )  and ICAO Annex 16 Chapter 2 takeoff and 
sideline measuring conditions for  4-engine aircraf t ) .  The results are 
presented in Figure 22, and indicate a noise level reduction of 16 EPNdB a t  
the takeoff power sett ing . 
MDC mechanical suppressor/treated ejector nozzle are available from the Ames 
40 x 80-foot wind tunnel tes ts  (Figure 21) .  
wind tunnel tests are being processed and reduced t o  obtain the thrust co- 
efficients for a l l  nozzles. 
the in-flight thrust performance will be deduced. 
They 
The two results - noise reductions and thrust 
Currently, only preliminary results of the thrust performance of the 
The thrust data taken in the 
Based on the excellent 
After the wind tunnel da ta  reduction i s  complete, 
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agreement shown i n  unpubl ished r e s u l t s  o f  15.24 cm ( 6  i n . )  equ iva len t  d ia -  
meter nozz le t e s t s  i n  an MDC f a c i l i t y ,  i t  i s  est imated t h a t  the  i n - f l i g h t  
t h r u s t  l o s s  f o r  a t y p i c a l  AST suppressor /e jector  nozz le  con f igu ra t i on  (95.25 
cm equ iva len t  d iameter)  would be 5.4 percent  a t  takeof f  power and 6.6 
percent  a t  cutback power se t t i ngs .  
Since the deduced f l i q h t  t h r u s t  performance r e s u l t s  are n o t  ava i l ab le ,  
t h e  increments shown i n  F igure  22 are  f o r  equ iva len t  i d e a l  j e t  v e l o c i t i e s  
and are n o t  a t  equ iva len t  t h r u s t  l e v e l s  f o r  the two nozzles.  
suppression l e v e l s  w i l l  be ad jus ted  t o  equ iva len t  t h r u s t  l e v e l s  when the  
f l i g h t  t h r u s t  l o s s  est imates are  ava i lab le .  
The no ise  
The recommendation made b.y the I C A O  Working Group E J e t  Suppressor 
Subgroup, taken f rom Reference 7, i s  presented i n  F igure  23. 
group’s recommendation o f  t he  v a r i a t i o n  o f  no ise  reduc t i on  i n  PNdB w i t h  
percent  gross t h r u s t  l o s s  i s  t he  c e n t e r l i n e  o f  the three. 
was recommended f o r  the  !Jerking Group E parametr ic  s tud ies.  
F igure 23 i s  the  es t imate  f o r  t h e  MDC mechanical suppressor / t reated e j e c t o r  
c o n f i g u r a t i o n  a t  a t y p i c a l  t a k e o f f  power s e t t i n g  app l i cab le  t o  the  s i d e l i n e  
noise measuring cond i t i on .  
The Sub- 
This  v a r i a t i o n  
Also shown on 
CONCLUDING REMARKS 
Resul ts o f  a j o i n t  MDC/RR/BAe/RAE f l i g h t  t e s t  program i n  which an HS-125 
research a i r c r a f t  was f i t t e d  w i t h  an uDrated Viper  601 engine and seven 
nozz le con f igu ra t i ons  show t h a t  s i g n i f i c a n t  no ise  reduc t ions  ( u p  t o  16 
EPNdB) can be achieved by mechanical j e t  no ise  suppressor / t reated e j e c t o r  
con f igu ra t i ons  r e l a t i v e  t o  a con ica l  reference nozzle.  P re l im ina ry  r e s u l t s  
o f  t h r u s t  performance measurements taken i n  the  NASA Ames 40 x 8 0 - f t  wind 
tunnel  i n d i c a t e  good agreement o f  t he  Viper  601 s i z e  r lDC mechanical suppress- 
o r / t r e a t e d  e j e c t o r  c o n f i g u r a t i o n  w i t h  prev ious unpubl ished r e s u l t s  o f  15.24 
cm (6 in . )  equ iva len t  diameter nozz le t e s t s  i n  an YDC f a c i l i t y .  F l i g h t  and 
tunnel  t e s t  r e s u l t s  o f  a mechanical suppressor have shown t h a t  a low-bypass 
turbofan-powered AST cou ld  be b u i l t  t o  meet FAR P a r t  36 (Stage 2) no ise  
l eve l s .  
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TABLE 1. - HS-125 FL IGHT TESTS 
SEVERN RIVER BRIDGE 
ITEM LEVELS NOZZLE CONFIGURATIONS -
1.6, 1.8, 2.0, 2.2 AND MAX A L L  CONFIGURATIONS NOZZLE PRESSURE RATIO 
FL IGHT SPEEDS: 140 KNOTS RR- 1 
172 KNOTS A L L  CONFIGURATIONS 
250 KNOTS RR-1, DAC-4 
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TABLE 2. - ENGINE INSTRUMENTATION 
INSTRUMENTAT ION 
Engine RPM 
Engine JPT 
High Pressure Comp. Ps3 
Jet  Pipe S t a t i c  Pressure JPps 
O i l  Pressure 
Bearing Temp. i 
Bearing Temp. 2 
Intake Venturi  
4 5 ,  Ps6, Ps7, Ps8) 
Turbine Overheat Temp 
05 1 Temperature 
(Redlined a t  117OC) 
Ejector  
S t a t i c  Pressure 
Total Pressure 
Total Temperature 
Ejector Accelerat ion 
Engine Vibrat ion 
RANGE 
0 t o  110% 
(40% Ground I d l e )  
(436 C Ground I d l e )  
103.4 t o  620.6 - kN 
2 
(15 t o  90 P S I )  
103.4 t o  310.3 - kN 
2 
(15 t o  45 P S I )  
0 t o  275.8 - kN 
2 m 
(0 t o  40 P S I )  
0 t o  3OO0C 
0 t o  3OO0C 
0 too9000c 
m 
m 
0-152.4 cm 
(0 - 60 in.) H20 
0 - 4OO0C 
0 - 14OoC 
89.6-103.4 kN 
-2- 
(13 - 15 PSIA)  
89.6-117.2 kN 
7- m 
(13 - 17 P S I A )  
m 
10 - 48.8OC 
(50 - 120OF) 
0 - 5 6  
0 - 10 M I L S  
ACCURACY 
- + 50 RPM 
- + 3OC 
- + 0.25% 
- + 0.25% 
- + 5% 
- + 2% 
- + 2% 
- + 0.5% 
- + 2% 
- + 2% 
- + 0.25% 
- + 0.25% 
i. 2% - 
i- 2% - 
- + 1% 
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TABLE 3. - FACILITY INSTRUMENTATION 
INSTRUMENTATION 
Engine Thrust 
(Tunnel Bal ance System) 
Tunnel Speed 
Tunnel Temperature - Total 
Tunnel Humid1 t y  
Fuel In l e t  Pressure 
Fuel In l e t  Temperature 
Tunnel  S t a t i c  Pressure 
Fuel Flow 
Tunnel Total Pressure 
RANGE ACCURACY 
0 t o  17793N (0  t o  400 l b . )  - + 0.25% 
95614 (215 lb . )  Ground Idle  
0 t o  94.5 m + 1.5 m 
(0  t o  310 f t ) / s e c  T5 f t ) / s e c  
loo t o  48.8O C 
(500 t o  120° F) 
+ 0.56O C 
( l o  F )  
+ 5% 20% t o  100% RH I 
0 t o  310.3 k N  7 + 1 %  - 
(0  t o  45 PSI) 
100 C t o  48.8O C 
(50° F t o  120° F )  
+ 2.8O C 
- ( 5 O  F) 
kN 93.1-103.4 - 2 ' m  
(13.5 - 15 PSIA) 
- + 0.1% 
0-2041 kg (0-4500 lb)/Hr. 
z 277 kg/Hr. (500 lb/Hr) 
Flight Idle  
kN 
2 m 
- + 0.25% 
+ 0.1% 93.1-103.4 - - 
(13.5 - 15 PSIA) 
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Figure  1.- MDC AST exhaus t  system design. 
F igure  2.- HS-125 test a i r c r a f t .  
467. 
Figure 3.- HS-125 test a i r c r a f t  over Severn River bridge.  
OAC-1 DAC-2 DAC-3 DAG4 RR-1  RR-2  RR-3 
Figure 4 . -  HS-125 f l i g h t  test conf igura t ion  summary. 
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Figure  5.- Af t  end view of MDC suppres so r / e j ec to r .  
SINGLE 
ENGINE 
PEAK 
PNL 
152.4 rn (500 FT), 172 KNOTS, LEVEL FLlGHT,SEWERN RIVER BRIDGE 
- 
- 
- X N d B  
--L 
- 
- 
- 
- 
I I I I I I I 
Figure  6.- Var i a t ion  o f  peak PNL w i t h  r e l a t i v e  j e t  v e l o c i t y .  
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152.4m (500 FT), 172 KNOTS, LEVEL FLIGHT,SEVERN RIVER BRIDGE 
SINGLE 
ENGINE 
EPNL 
0.00 0.04 0.08 0.12 0.16 0.20 0.24 0.28 
LOG,,(V j-V,)/a, 
Figure 7.- V a r i a t i o n  of EPNL wi th  r e l a t i v e  j e t  v e l o c i t y .  
SUPERCRITICAL NOZZLE PRESSURE RATIO 152.4 m (500 FT), 172 KNOTS 
PNLT 
(PNdB) 
t 
0 2 0 4 0  60 80 loo 120 140 160 1 
ANGLE FROM INLET CENTERLINE 
Figure 8.- PNLT d i r e c t i v i t y  p a t t e r n s  a t  a t y p i c a l  s u p e r c r i t i c a l  
nozz le  p re s su re  r a t i o .  
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PN LT 
(PNdB) 
- 
I I 
SUBCRITICAL NOZZLE PRESSURE RATIO 152.4 m (500 FT), 172 KNOTS 
I : I  I I I I I I I I I I I 1  I I I 1  1 l i  
. . 
1 I 1 1 
0 2 0 4 0  60 80 100 120 140 160 1 
ANGLE FROM INLET CENTERLINE 
Figure  9.- PNLT d i r e c t i v i t y  pa t t e rns  a t  a t y p i c a l  s u b c r i t i c a l  
nozz le  p re s su re  r a t i o .  
SUPERCRITICAL NOZZLE PRESSURE RATIO 
SPECTRA AT ANGLE OF PEAK NOISE 152.4 rn (500 FT), 172 KNOTS 
r RR-1 
SOUND 
PRESSURE 
LEVEL, dB 
(re 2 ~ 1 0 . ~  N/m2 ) 
IO 
Figure 10.- Peak n o i s e  ang le  SPL s p e c t r a  a t  a t y p i c a l  s u p e r c r i t i c a l  
nozzle  pres su re  r a t i o .  
471 
SUPERCRITICAL NOZZLE PRESSURE RATIO 
ANGLE FROM INLET = 90 DEGREES 152.4 m (5qo FT), 172 KNOTS 
SOUND PRESSURE 
LEVEL, dB 
(re 2 x 1 0 - ~ ~ / ~ 2 )  
63 100 160 250 400 630 loo0 le00 2500 4OOO 6300 lO.oo0 
1/3 OCTAVE-BAND CENTER FREQUENCY, HZ 
Figure 11.- SPL s p e c t r a  a t  90° f o r  a t y p i c a l  s u p e r c r i t i c a l  nozz le  
p r e s s u r e  r a t i o .  
SUP ERCRlTlCAL NOZZLE PRESSURE RATIO 
ANGLE FROM INLET = 150 DEGREES 152.4 m (500 FT), 172 KNOTS 
SOUND PRESSURE 
LEVEL, dB 
(re 2 x I O - ~ N / ~ ~ )  
50 80 125 200 315 500 800 1250 2000 3150 5000 8000 
63 100 160 250 400 630 loo0 1600 2500 4OW 6300 loo00 
1/3 OCTAVE-BAND CENTER FREQUENCY, HZ 
Figure 12.- SPL s p e c t r a  a t  150' f o r  a t y p i c a l  s u p e r c r i t i c a l  nozz le  
p r e s s u r e  r a t i o .  
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SOUND 
PRESSURE 
LEVEL, dB 
(re 2x10.~ 
N /m2 ) 
SUBCRITICAL NOZZLE PRESSURE RATIO 
SPECTRA AT ANGLE OF PEAK NOISE 152.4 m (500 FT), 172 KNOTS 
r RR-1 
m 0 0  IM ZOO 315 500  000 I250 2000 3150 5000 0000 
63 loo 160 250 400 630 1000 no0 2500 4000 w o o  IOOOO 
1/3 OCTAVE-BAND CENTER FREQUENCY, HZ 
Figure 13.- Peak n o i s e  angle  SPL s p e c t r a  a t  a t y p i c a l  s u b c r i t i c a l  
nozz le  p re s su re  r a t i o .  
SUBCRITICAL NOZZLE PRESSURE RATIO 
ANGLE FROM INLET =90 DEGREES 152.4 m (500 FT), 172 KNOTS 
SOUND PRESSURE 
LEVEL, dB 
(re 2 x 1 0 - 5 ~ / m 2 )  
50 80 125 Zoo 316 500 800 1260 zoo0 3150 5000 8000 
63 iw  160 250 4 ~ )  630 1000 1600 2500 4000 6300 lo000 
1/3-OCTAVE-BAND CENTER FREQUENCYl HZ 
Figure 14.- SPL s p e c t r a  a t  90' f o r  a t y p i c a l  s u b c r i t i c a l  nozz le  
p re s su re  r a t i o ,  
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SUBCRITICAL NOZZLE PRESSURE RATIO 
ANGLE FROM INLET= 150 DEGREES 152.4 rn (500 FT), 172 KNOTS 
14 
12 
i 
SOUND 
PRESSURE 
LEVEL, 
dB 
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Figure  15.- SPL s p e c t r a  a t  150° f o r  a t y p i c a l  s u b c r i t i c a l  nozz le  
p r e s s u r e  r a t i o .  
- 
- 
RR-1 NOISE LEVEL-DAC-4 NOISE LEVEL 152.4 m (500 FT). LOG10 V, /a, 20.32 
33.6-CM (13.25-IN.) NOZZLE DIAMETER 
16 
0 0.05 0.1 0.15 0.2 0.25 0.3 0.35 0.4 
AIRPLANE MACH NUMBER 
Figure  16.- V a r i a t i o n  of n o i s e  suppress ion  w i t h  a i r p l a n e  speed. 
4 1  4 
Figure 17.- Viper 601 engine and simulated HS-125 fuselage in NASA 
Ames 40- x 80-ft wind tunnel. 
Figure 18.- NASA Ames 40- X 80-ft wind tunnel installation with simulated 
horizontal tail surface attached, 
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Figure  19.- Viper engine drag  tare conf igu ra t ion ,  NASA 
A m e s  40- X 80-ft wind tunnel  
Figure 20,- NASA Ames 40- X 80-ft  wind tunnel  microphone array. 
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0.98 
NOZZLE 0.96- 
VELOCITY 
COEFFICIENT, 
CV 0.94 
0.90 O.gl 
r 
- 
0.88: 
4 .  
0 .  
12-LOBEi24-TUBE SUPPRESSOR/EJECTOR 
DATA SOURCES 
0.2 TO 0.4 m, DIANE TESTS, 15.24-cm (6-IN.) NOZZLE, 
1974 
. .  
F i g u r e  21.- MDC 12-lobe/24-tube s u p p r e s s o r / t r e a t e d  e j e c t o r  
n o z z l e  performance. 
EPNL RR-1 - DAC-4 
NOZZLES SCALED TO 95.25 CM (37.5 IN.) 
172 KNOTS 
AEPNL 
(EPNdB) 
LOG CV, - V, )/a 
F i g u r e  22.- V a r i a t i o n  of noise s u p p r e s s i o n  s c a l e d  t o  AST e n g i n e  
s i z e  w i t h  relative j e t  v e l o c i t y .  
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HS-125 FLIGHT TEST RESULT-. 
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Figure  23.-  Working Group E j e t  suppressor  subgroup recommendation f o r  
t r ade -o f f s  of n o i s e  suppress ion  and t h r u s t  loss. 
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EFFECTS OF NOZZLE DESIGN ON THE NOISE FROM SUPERSONIC JETS 
John M. Seiner, Thomas D. Norum, and Lucio Maestrello 
NASA Langley Research Center 
SUMMARY 
The aeroacoustic supersonic performance of var ious internal nozzle 
geometries i s  evaluated for  shock noise content over a wide range o f  nozzle 
pressure ratios.  
( C - D )  nozzle i s  measured and compared t o  convergent nozzles. Comparisons are also 
made for a Mach 1.5 conical C-D nozzle and a porous p l u g  nozzle. 
conical C-D nozzle shows a small reduction in shock noise re la t ive t o  the 
shock free case of the Mach 1 .5  C-D nozzle. The Mach 1.5 C-D nozzle i s  found  
t o  have a wide operating nozzle pressure r a t i o  range around i t s  design point 
where shock noise remains unimportant compared t o  the j e t  m i x i n g  noise 
component. However i t  is found t h a t  the Mach 2 C-D nozzle shows no significant 
acoustic benefit re la t ive t o  the convergent nozzle. Results from the porous 
plug nozzle indicate t h a t  shock noise may be completely eliminated, and  the 
j e t  mixing noise reduced. 
The noise emission o f  a Mach 1.5 and  2.0 convergent-divergent 
The Mach 1.5 
INTRODUCTION 
One o f  the key aeroacoustic problems regardi-ng the design of  a supersonic 
cruise a i r c ra f t  i s  increased acoustic emission produced by the presence of 
shocks i n  the j e t  exhaust plumes. 
completely dominate the j e t  mixinag noise components i n  the forward quadrant 
of an a i r c ra f t  engine tha t  i s  operated w i t h  a supercrit ical  nozzle pressure 
rat io .  
shock noise i s  an important component of  the noise associated with the Concorde 
a i rc raf t .  The reduction of t h i s  shock noise component is important both from 
the standpoint of community noise and acoustic fatigue of the a i rcvaf t  
structure as documented by Hay and Rosez. 
associated w i t h  the generation of shock noise i s  shown i n  f igure 1 .  
figure depicts a standard converging nozzle operating w i t h  a supercri t i ca l  
nozzle pressure r a t i o ,  so t h a t  a t  the e x i t  o f  the nozzle the s t a t i c  pressure 
i s  higher t h a n  t h a t  o f  the sur rounding  ambient medium. Upon leaving the nozzle 
e x i t  the flow expands th rough  the regular ser ies  of shocks i n  an attempt t o  
lower the j e t ' s  s t a t i c  pressure t o  that  of the sur rounding  medium. As the 
turbulent eddies convect th rough  the  shock cell  system i n  the outer radial 
regions of the j e t  plume, intense omnidirectional broadband noise i s  produced 
with a peak frequency associated with the eddy convection velocity and shock 
cel l  spacing. The turbulence i t s e l f  produces an unsteady location for  the 
shock waves i n  the shear layer which, a t  certain nozzle  pressure ra t ios ,  can 
cause the shock cell  system t o  go into a resonant mode from acoustic feedback 
This excess shock associated noise can 
The recent theoretical work of tfowe and Ffowcs-Williams1 suggests t h a t  
A simple i l l u s t r a t ion  of the physics (see Harper-Bourne and Fisher3) 
T h i s  
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t o  the  nozzle l i p .  
known as screech and has on ly  been c l e a r l y  documented f o r  unheated model super- 
sonic  j e t s .  
This cond i t ion ,  which was f i r s t  descr ibed by Powell4, i s  
The empi r i ca l  model o f  Harper-Bourne and F isher  adequately t r e a t s  the  
broadband shock noise component produced by convergent nozzles up t o  a nozzle 
pressure r a t i o  where a Mach d i s c  begins t o  fo rm.  
6 = ( M J ~  - l ) %  - 1.1, where MJ i s  the  f u l l y  expanded Mach number. 
Harper-Bourne and F isher  was p r i m a r i l y  developed from measurements w i t h  unheated 
convergent nozzles, b u t  r e c e n t l y  Tanna5 has es tab l i shed the  v a l i d i t y  o f  t h i s  
model f o r  heated model supersonic convergent nozzles. The essen t ia l  l i m i t a t i o n  
o f  the Harper-Bourne and F isher  model i s  t h a t  i t  i s  on l y  v a l i d  f o r  p r e d i c t i n g  
the shock content  associated w i t h  convergent nozzles. 
impor tant  t h a t  a new model be developed t h a t  t r e a t s  nozz le con f igu ra t i ons  
which achieve a reduc t i on  o r  complete e l i m i n a t i o n  o f  shock noise.  
Seiner and Norum6 have inves t i ga ted  the  o f f - d e s i  gn performance o f  
l abo ra to ry  type convergent-divergent nozzles, and have shown t h a t  a good noise 
reduc t ion  b e n e f i t  e x i s t s  over  a wide opera t ing  pressure r a t i o  range around 
the nozz le 's  design p o i n t .  While t h i s  no ise  reduc t ion  b e n e f i t  i s  encouraging, 
o f  broader i ssue i s  t he  shock no ise  reduc t ion  p o t e n t i a l  t h a t  i s  l i k e l y  t o  be 
a v a i l a b l e  w i t h  the use o f  i n d u s t r i a l  type convergent-divergent nozzles. 
This  occurs a t  a value o f  
The model o f  
It i s ,  o f  course, 
This paper repo r t s  on t w o  s tud ies  conducted a t  the  Langley Research Center 
on the  reduc t ion  o f  shock c e l l  no ise by means o f  convergent-divergent (C-D) 
nozzles and a porous p lug  suppressor. I n  the  f i r s t  study the no ise  character-  
i s  t i c s  o f  bo th  convergent and convergent-di vergent nozzles were documented over 
a wide opera t ing  nozz le pressure r a t i o  range. The nozz le pressure r a t i o  range 
was se lec ted  t o  span the  design po in ts  o f  a Mach 1.5 and Mach 2 C-D nozzle. 
I n  t h i s  way the  o f f -des ign  performance o f  these var ious nozz le geometries 
could be evaluated t o  p rov ide  new b a s i c  understanding o f  the shock noise 
product ion process, and prov ide  a data base f o r  the development o f  more accurate 
p r e d i c t i o n  schemes. 
I n  the second study a porous p lug  was i n t  o uced i n t o  the  center  o f  the  
This  paper repo r t s  on 
j e t  f l ow  from a convergent nozzle. Maest re l loS9d has shown t h a t  the  porous 
p lug  nozzle suppressor does i n d i c a t e  a c a n c e l l a t i o n  o f  the  shock noise component 
w i t h  an a d d i t i o n a l  reduc t ion  i n  the  j e t  mix ing noise.  
the acous t ic  performance r.f a much sho r te r  porous p l u g  nozzle suppressor than 
was used i n  references 7 and 8. 
s t i l l  achieved. 
The r e s u l t s  show t h a t  good no ise  reduc t ion  i s  
PROPERTIES OF OFF- DES I GN CONVERGENT- D I VERGENT NOZZLES 
Acoust ic  Faci 1 i ty 
The acous t ic  f a c i l i t y  used a t  t he  NASA Langley Research Center cons is ts  o f  
an anechoic room w i t h  i n t e r i o r  working dimensions o f  6.71 m x 8.43 m x 7.23 m. 
Nozzles are supported v e r t i c a l l y  i n  t h i s  chamber. The f a r - f i e l d  acous t ic  
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measurements i n v o l v e  t h e  use of 18 quar te r  inch  f r e e - f i e l d  condenser microphones 
(B&K 4135) l oca ted  un i fo rm ly  a t  7.5" i n t e r v a l s  on a f i x e d  rad ius  of 3.66 m 
between 30" and 157.5" w i t h  respec t  t o  the  upstream j e t  ax i s .  
data were recorded on FM tape (DC-80 kHz). 
arrangement i s  shown i n  f i g u r e  2. 
The acous t ic  
An i l l u s t r a t i o n  o f  the  exper imental  
For  t h i s  acous t i c  program s i x  nozzles were cons t ruc ted  whose i n t e r n a l  
contours are shown i n  f i g u r e  3. O f  these, two are  Mach 1 nozzles, one a 
con ica l  convergent and the  o t h e r  a contoured convergent nozzle,  t he  e x i t  f l ow  
from the l a t t e r  be ing  p a r a l l e l  t o  the j e t  a x i s .  The con ica l  convergent nozz le 
represents  t h e  t y p i c a l  i n t e r n a l  geometry f o r  c u r r e n t  commercial a i r c r a f t  engine 
nozzles, and t h e r e f o r e  i t s  c h a r a c t e r i s t i c  acous t i c  emission represents  the  
reference case upon which comparisons are  made. Three nozzles are convergent- 
d ivergent ,  and these inc lude  a Mach 1.5 C-D and Mach 2.0 C-D nozz le designed 
by the  method o f  c h a r a c t e r i s t i c s  f o r  p a r a l l e l  f l ow  a t  t he  nozz le e x i t .  
e x i t  Mach numbers were se lec ted  on the bas i s  t h a t  t h e  Mach 1.5 nozz le i s  
t y p i c a l  f o r  t he  nozz le pressure r a t i o  be ing  considered f o r  American supersonic 
c r u i s e  a i r c r a f t ,  w h i l e  the  Mach 2 represents a c u r r e n t  wperbound f o r  m i l i t a r v  
type a i r c r a f t .  The l a s t  C-D nozz le i s  a Mach 1.5 con ica l  C-D nozzle, designed 
t o  approximate the  contour  o f  t he  nozzle i n  the  F-15 a i rp lane .  
f l ow  from t h i s  nqzz le i s  d ivergent .  
nozz le t h a t  adapts the  porous p l u g .  
These 
The i n i t i a l  
The f i n a l  nozz le i s  a contoured convergent 
The e x i t  d iameter f o r  each nozzle, except f o r  t h e  porous p l u g  app l i ca t i on ,  
was chosen so t h a t  a t  s p e c i f i c  po in ts  c e r t a i n  nozzles would e x h i b i t  the  same 
i d e a l  t h r u s t .  The Mach 2 nozz le was se lec ted  as t h e  re fe rence and cons t ruc ted  
w i t h  an e x i t  d iameter o f  5 cm. So t h a t  the  Mach 1 nozzles would d e l i v e r  the 
same t h r u s t  a t  the  Mach 2 pressure r a t i o ,  thay were each cons t ruc ted  w i t h  a 
3.95 cm e x i t  d iameter.  The Mach 1.5 nozzles were cons t ruc ted  w i t h  a 4.28 cm 
e x i t  d iameter so t h a t  they and the  Mach 1 nozzles would have t h e  same t h r u s t  
a t  the  Mach 1.5 pressure r a t i o .  For the  above nozzles the  3.66 m microphone 
rad ius  represents d is tances where R/D - > 72. 
o f f -des ign  cond i t i ons  f o r  a l l  nozzles.  The pressure r a t i o s  under s tudy i n  
terms o f  B = O., .2, .4, .6, .7, .8, .94, l., 1.1, 1.34, 1.5, 1.72, 2., 2.1, 
and 2.15, where t h e  values o f  1.1 and 1.72 r e f l e c t  t h e  design pressure r a t i o s  
o f  the  C-D nozzles.  
Several pressure r a t i o s  were i n v e s t i g a t e d  which represent  bo th  design and 
Experimental Resul ts 
Flow F i e l d  o f  a Mach 2 C-D Nozzle - A t y p i c a l  example o f  t h e  shock 
s t r u c t u r e  encountered w i t h  the  opera t ion  o f  a convergent-d ivergent  nozzle a t  
an o f f -des ign  pressure r a t i o  i s  shown i n  the  s c h l i e r e n  photograph o f  f i g u r e  4. 
This photograph represents  the  case f o r  the  Mach 2 C-D nozz le opera t ing  i n  the  
underexpanded mode a t  a pressure r a t i o  o f  11.31 ( B  = 2).  
v a r i a t i o n  o f  Mach number f o r  t h i s  case i s  shown i n  the  lower  p o r t i o n  o f  
f i g u r e  4 .  A t  l e a s t  10 shock c e l l s  are ev ident ,  and these extend t o  a reg ion  
between 25 and 30 j e t  diameters downstream o f  t h e  j e t  e x i t .  Th is  f i g u r e  shows 
t h a t  the  supersonic core l eng th  i s  approximately 33 j e t  diameters and t h a t  t he  
The c e n t e r l i n e  
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shock c e l l  system i s  ex t ingu ished severa l  diameters upstream o f  t he  son ic  
po in t .  For  t h i s  pressure r a t i o  t h e  f u l l y  expanded Mach number i s  2.24, and 
the average t r e n d  o f  t he  Mach number v a r i a t i o n  approaches t h i s  i n  the  f i r s t  
15 j e t  diameters. 
As was discussed i n  the  In t roduc t i on ,  unheated supersonic  model j e t s  
produce h igh  ampl i tude d i s c r e t e  frequency no ise  genera t ion  known as screech. 
This component does n o t  appear p reva len t  i n  h o t  engine j e t  exhaust plumes, and 
the  suppression o f  t h i s  component i s  common p r a c t i c e  w i t h  research on model 
unheated j e t s .  The general  problems associated w i t h  the  sup r e s s i o n  o f  t he  
screech mode i n  model j e t s  a re  discussed by Seiner  and Norumi, and there  i t  
i s  shown t h a t  t he  s t a b i l i z a t i o n  o f  t h e  o s c i l l a t i n g  shock s t r u c t u r e  by a tab 
leads t o  ser ious  d i f f i c u l t i e s  i n  i n t e r p r e t i n g  acous t ic  data f o r  shock no ise  
content.  Therefore the  comparisons i n  t h i s  s e c t i o n  a re  f o r  model nozzles 
w i t h o u t  screech suppression, a l though r e s u l t s  f rom the  use o f  a tab are  
presented i n  f i g u r e s  5a and 5b. 
D i r e c t i v i t y  and Power Spectra o f  Shock Associated Noise - The d i r e c t i v i t y  
of o v e r a l l  acous t i c  l e v e l s  c l e a r l y  i n d i c a t e s  the  deqree o f  shock no ise  
contaminat ion t o  be observed whenrunn ing  a convergent nozz le r e l a t i v e  t o  a 
C-D nozz le s t  i t s  design p o i n t .  
func t ion  o f  angle r e l a t i v e  t o  the  j e t  f l o w  i n l e t  a t  a pressure r a t i o  o f  3.60 
( 6  - 1.1). 
nozzles, and the  Mach 1.5 C-D nozzle.  
screech mode, w h i l e  f i g u r e  5b d i sp lays  a comparison w i t h  t h e  screech mode 
suppressed by a tab. A l l  t h ree  nozzles were designed t o  have t h e  same t h r u s t  
a t  t h i s  pressure r a t i o .  By comparing the  d i r e c t i v i t i e s  o f  f i g u r e s  5a and 5b 
i t  i s  ev iden t  t h a t  the  Mach 1 con ica l  nozz le conta ins s t rong  screech tones a t  
t he  Mach 1.5 design pressure r a t i o .  With the  screech mode suppressed the re  i s  
l i t t l e  d i f f e r e n c e  i n  the  no ise  l e v e l s  o f  t he  con ica l  convergent and con ica l  C-D 
nozzle. One can a l s o  observe t h a t  each con ica l  nozz le s t i l l  e x h i b i t s  s t ronq  shock 
Figures 5a and 5b show acous t i c  l e v e l  as a 
Resul ts a r e  shown f o r  the  con ica l  convergent and con ica l  C-D 
F igure  5a inc ludes  the  e f f e c t  o f  the  
no ise  when compared w i t h  the shock f r e e  no ise  l e v e l s  ob ta ined w i t h  the  Mack 1.5 
C-D nozzle. 
The data o f  f i g u r e  5 i n d i c a t e s  t h a t  shock no ise  dominates t h e  j e t  forward 
arc  (0 < I) < 90'). The narrowband power spec t ra l  dens i t y  curves o f  f i g u r e s  
6a and c b  SFOW the  na ture  o f  t h i s  shock no ise  conten t  a t  $ = 45' f o r  t he  
Mach 1 con ica l  and Mach 1.5 con ica l  C-D nozzles r e s p e c t i v e l y .  I n  each case 
the  shock f r e e  contoured Mach 1.5 nozz le i s  shown f o r  comparison. I t  i s  
ev iden t  f rom these data t h a t  t he  broadband shock no ise  o f  bo th  con ica l  nozzles 
are  r e l a t i v e l y  the  same. Exccqt f o r  t he  presence o f  screech tones i n  the  
Mach 1 con ica l  nozzle, t he  con ica l  C-D nozz le appears t o  o f f e r  an i n s i g n i f i c a n t  
acous t ic  b e n e f i t  a t  these cond i t i ons  r e l a t i v e  t o  the  con ica l  convergent nozzle. 
Shock Noise B e n e f i t  o f  C-D Nozzles - I n  o rder  t o  eva lua te  the  e x t e n t  o f  
the pressure r a t i o  range where a C-D nozzle,  designed f o r  shock f r e e  f low, 
o f f e r s  a no ise  reduc t i on  r e l a t i v e  t o  a convergent nozz le t h e  o v e r a l l  sound 
pressure l e v e l  v a r i a t i o n  w i t h  B i s  shown i n  f i g u r e  7 a t  $ = 45". 
i n d i c a t e s  t h a t  there  i s  a l a r g e  range o f  nozz le ressure  r a t i o s  around the  
design p o i n t  o f  t he  Mach 1.5 C-D nozz le ( B  = 1.1 P where cons iderab ly  l ess  
no ise  i s  r a d i a t e d  compared t o  t h a t  produced by  the  s t rong  shock c e l l  s t r u c t u r e  
of the  Mach 1 con ica l  nozz le.  One can a l so  observe w i t h  t h e  Mach 1. con ica l  nozz le  
This f i g u r e  
t h a t  beyond 6 = 1.1 the v a r i a t i o n  o f  acous t ic  l e v e l  w i th  t h e  parameter 6 l e v e l s  
o f f  and even decreases. 
i n  the secondary wavelength o f  the shock c e l l  system r e s u l t i n g  f rom the  
format ion o f  a Mach d i s c  as was repor ted  i n  reference 6. 
Mach d i sc  f o m s  the  s t reng th  o f  the shock c e l l  system s t a r t i n g  w i t h  the 
second shock c e l l ,  weakens i n  the  j e t ' s  shear l aye r .  
v a r i a t i o n  o f  sound pressure w i t h  6 f o r  the  Mach 1.5 con ica l  C-D nozzle, and as 
expected, the acous t ic  b e n e f i t  i s  much smal le r  than f o r  t h e  Mach 1.5 C-D 
nozzle. 
This change i n  shape corresponds t o  the  change observed 
Ev iden t l y  as the 
F igure  7 a l so  shows the 
I n  cons idera t ion  o f  the complexi ty assoc iated w i th  i n t e g r a t i o n  o f  an 
engine nozzle w i t h  the  optimum operat ing cond i t ions  o f  an a i r c r a f t ' s  engine 
and a i r f rame,  i t  i s  d i f f i c u l t  t o  p rescr ibe  what one may consider  t o  be the  
bes t  method f o r  eva lua t i ng  a j e t  no ise b e n e f i t .  Since we a re  a t tempt ing  t o  
compare the  r e l a t i v e  acous t ic  performance o f  convergent and C-D nozzles, a 
l o g i c a l  choice i n  model sca le  appears t o  be the  i d e a l  t h r u s t .  Also, the  t o t a l  
i n teg ra ted  sound power o f  the  f l ow  appears t o  p rov ide  the  most complete view 
o f  the dominance o f  the  shock noise component over  j e t  m ix ing  noise.  Hence, 
the  t o t a l  i n t e g r a t e d  sound power l e v e l  i s  presented aga ins t  i d e a l  t h r u s t  i n  
f i g u r e  8 f o r  the  th ree  contoured nozzles tested.  
I n  t h i s  f i g u r e  the  th ree  darkened syrho ls  correspond t o  the  design po in ts  
of the th ree  nozzles. For both C-D nozzles the minimum no ise  p o i n t  f o r  each 
depression around the  design p o i n t  occurs i n  the  overexpanded region, n o t  a t  
the  design po in t .  For the Mach 1.5 C-D nozzle, there  i s  a 6 dB maximum 
d i f fe rence compared t o  a contoured convergent nozz le w i th  i d e n t i c a l  t h r u s t .  
There i s  a l s o  a wide opera t i ng  range where the Mach 1.5 C-D nozz le produces 
less  noise.  The case of  the  Mach 2 C-D nozzle i s  very  d i sappo in t i ng  s ince  
f i gu re  8 shows t h a t  i n  comparison t o  a convergent nozz le i t  produces more 
noise a t  t he  same t h r u s t  a lmost across the e n t i r e  pressure r a t i o  ranqe. 
Defore, th is  p r i m a r i l y  occurs s ince  shoek no ise  i s  r e l a t i v e l y  weak w i t h  a Mach 1 
convergent nozzle a t  n igh  nozzle pressure r a t i o s ,  and the  format ion o f  a Mach 
d i s c  produces a subs tan t i a l  reg ion  o f  subsonic f l o w  which reduces the j e t  m ix ing  
noise.  Figure 8 i n d i c a t e s  t h a t  a Mach 1.5 C-D nozz le cou ld  represent  an optimum 
s e l e c t i o n  f o r  a design Mach nunber. This, of course, requ i res  f u r t h e r  i n v e s t i g a t i o n .  
As noted 
The r e s u l t s  o f  t h i s  study are  on ly  s t r i c t l y  r e l e v a n t  t o  the  case of unheated 
model j e t s  where the dominance o f  the shock no ise  component over j e t  m ix ing  
no ise  can be c l e a r l y  d is t ingu ished.  
heat  add i t ion ,  t he  j e t  m ix ing  no ise  increases b u t  the  shock no ise  remains 
r e l a t i v e l y  constant  (see Tanna5). Thus, the  r e s u l t s  shown i n  t h i s  sect ion,  
and p a r t i c u l a r l y  i n  f i g u r e s  7 and 8, most l i k e l y  i n d i c a t e  the  maximum noise 
b e n e f i t  a v a i l a b l e  through use of  a convergent-divergent nozzle.  
With inc reas ing  j e t  e x i t  v e l o c i t y  due t o  
POROUS PLUG NOZZLE SUPPRESSOR 
The use o f  a porous p lug  nozz le as a means o f  reducing j e t  no ise has been 
d e t a i l e d  i n  references 7 and 8. 
p lug  centerbody w i t h  a s h o r t e r  l eng th  than i n  the  prev ious repo r t s .  
Th is  sec t i on  repo r t s  r e s u l t s  f o r  a porous 
Inc luded 
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are shadowgraph p i c t u r e s  and the  associated acous t ic  f a r - f i e l d  spect ra f o r  the 
p lug  nozzle i n  comparison t o  a standard convergent nozzle. 
Descr ip t ion  o f  the  Nozzle - The porous p lug  nozz le suppressor i s  shown 
i n  f i gu re  9. 
a f l ow  e x i t  area o f  20.27 cm2. The porous centerbody extends 24 cm from the  
nozzle e x i t ,  and i t  has a sur face p o r o s i t y  o f  about 2 percent  ( r a t i o  o f  open 
area t o  t o t a l  area) which was accomplished by d r i l l i n g  a p a t t e r n  o f  0.07 cm 
r a d i a l  holes around i t s  per iphery.  
on one end i n s i d e  the  nozz le and i s  vented t o  the  j e t  stream a l l  a long i t s  
length.  
This c o n f i g u r a t i o n  has a p lug/nozz le diameter r a t i o  0.833, w i th  
The i n t e r i o r  c a v i t y  o f  the  p lug  i s  sealed 
A standard convergent nozz le w i t h  an e x i t  d iameter o f  5.08 cm and w i t h  
the  same open f l ow  e x i t  area as the  porous p lug  nozz le was t e s t e d  t o  ob ta in  
comparable data as a bas i s  f o r  eva lua t i ng  the aeroacoust ic  performance o f  
the porous p lug  nozzle.  
between 1.136 - 3.72 and a t  ambient temperature. 
The t e s t  was conducted over a range o f  pressure r a t i o s  
Experimental Resul ts  - The shadowgraph p i c t u r e s  o f  f i g u r e  9 i l l u s t r a t e  
some o f  the opera t iona l  fea tures  o f  the  porous p l u g  nozz le a t  a pressure r a t i o  
o f  3.72. These p i c t u r e s  a re  f o r  a longer  plug, repo r ted  i n  references 7 and 8 
and are shown here f o r  the  purpose o f  i l l u s t r a t i n g  the  concept o f  the f l o w  
behavior over  a porous sur face.  
The f l ow  o f  the standard convergent nozzle ( f i g u r e  9, top) i s  underexpanded, 
a cond i t i on  favorab le  f o r  the  format ion o f  shocks i n  the  j e t .  Por t ions  o f  
shock c e l l s  a re  ev ident ,  and others were observed downstream o f  t he  reg ion  
shown i n  the photograph. 
eventua l l y  disappear as the f l o w  becomes subsonic. 
shocks w i t h  convected turbulence i s  the source o f  broadband shock no ise  
emanating f rom the j e t .  
The shocks a re  weaker f u r t h e r  downstream and 
The i n t e r a c t i o n  o f  these 
The f l ow  development o f  a nonporous p lug  nozzle (a  p lug  nozzle w i thou t  
vent ing  holes)  i s  shown i n  the middle photograph o f  f i g u r e  9.  The shock 
p a t t e r n  appears t o  be much weaker than i n  the standard nozzle,  probably due t o  
the e l i m i n a t i o n  o f  shock focus ing a t  the c e n t e r l i n e .  The f l o w  f rom the  porous 
p lug  nozzle ( f i g u r e  9, bot tom) looks f r e e  o f  shocks, i n d i c a t i n g  t h a t  the 
vent ing  holes permi t  an adjustment o f  pressure g rad ien t  i n  the  f l ow  and hence 
prevent ing the  format ion o f  shocks. 
F a r - f i e l d  acous t ic  power spect ra o f  the porous p lug  and standard convergent 
nozzles a re  compared i n  f i g u r e  10. 
j e t  e x i t  and are presented f o r  angles o f  50°, go", and 160" f rom the  i n l e t .  
The data were obta ined a t  3.81 m f r o m  the 
The spect ra o f  the  standard j e t  a t  angles o f  50" and 90' e x h i b i t  bo th  
screech tones and broadband shock noise.  A smal le r  tone appears a t  160°, 
a l though t h i s  spect ra appears t o  be dominated by j e t  m ix ing  noise.  The data 
from the porous p lug  nozzle i n d i c a t e  no peaks due t o  shock associated noise.  
This r e s u l t  i s  cons i s ten t  w i t h  the  shadowgraph o f  f i g u r e  9 which suggests t h a t  
the  shock waves are  e l im ina ted  i n  the  porous p lug  nozzle f low.  
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Note a l so  t h a t  the porous p lug  nozzle spec t ra  i n d i c a t e  no ise  reduct ions 
a t  e s s e n t i a l l y  a l l  f requencies a t  each o f  the  angles. 
can t  reduct ions a re  obta ined a t  160°, where the  m ix ing  no ise  dominates, 
suggests t h a t  i n  a d d i t i o n  t o  shock noise reduct ion,  the porous p lug  nozzle 
a l so  y i e l d s  a reduc t ion  i n  the  j e t  mix ing noise.  
I n  p a r t i c u l a r ,  s i g n i f i -  
This 
Although n o t  shown here, s i g n i f i c a n t  mix ing no ise  reduc t i on  occurs even 
when the Mach number i s  subsonic, p a r t i c u l a r l y  a t  smal l  angles f rom the j e t  
ax is .  The d i f f e rences  i n  the  noise l e v e l s  between us ing a s h o r t  porous p lug  
and a longer  one were repo r ted  i n  references 7 and 8. 
a longer  p lug  produces l e s s  j e t  mix ing no ise  a t  low frequency a t  angles near 
the j e t  ax i s .  
versus 1 onger p l  ug centerbody. 
There i t  was shown t h a t  
This  d i f f e r e n c e  r e f l e c t s  the t r a d e - o f f  between us ing a s h o r t  
CONCLUSIONS 
This paper has examined the  p o t e n t i a l  no ise  b e n e f i t  o f fe red  by  a convergent- 
d ivergent  nozzle r e l a t i v e  t o  a con ica l  convergent nozz le over  a wide range o f  
operat ing pressure r a t i o s .  
C-D nozzle a 6 dB reduc t ion  o f  t o t a l  i n t e g r a t e d  sound power was achieved over  
a Mach 1 contoured convergent nozz le operated a t  t he  same t h r u s t .  
reduc t ion  o f  t o t a l  acous t ic  power was found i n  the  comparative case o f  t he  
Mach 1.5 con ica l  C-D nozzle.  For the case o f  a Mach 2 nozzle, i t s  b e n e f i t  over 
a convergent nozzle i s  l ess  promising unless i t  would be impera t ive  t o  reduce 
the sound pressure l e v e l s  s l i g h t l y  i n  the j e t ' s  forward a rc  as has been repor ted  
i n  re ference 6. The data w i t h  C-D nozzles c l e a r l y  i n d i c a t e  t h a t  cu r ren t  con'- 
cepts regard ing the  design o f  the  Mach 1.5 con ica l  C-D nozz le  i s  inadequate fo r  
e l i m i n a t i o n  o f  shock noize.  I t  i s  perhaps poss ib le  t o  emulate the shock noise 
reduc t ion  performance o f  the l abo ra to ry  type C-D nozz le by consider ing o ther  
i n t e r n a l  nozzle shapes t h a t  cancel i n t e r n a l  shock waves more completely.  
I n  the  case o f  the shock f r e e  contoured Mach 1.5 
A smal le r  
The r e s u l t s  on the  porous p lug  nozzle suppressor show t h a t  bo th  the  
screech and broadband shock associated no ise  are  e l im ina ted  w i t h  an a d d i t i o n a l  
decrease i n  the j e t  m ix ing  component. 
suppressor i s  pa ramet r i ca l l y  dependent on the p l u g ' s  sur face  p o r o s i t y  and 
length.  
The noise reduc t i on  o f  the  p lug  nozzle 
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Figure  2.- Anechoic test f a c i l i t y .  
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Figure  4 . -  Mach 2 C-D nozzle  a t  8 = 2. 
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Figure 6 . -  Power s p e c t r a l  dens i ty  a t  B = 1 . 1 ,  45 from i n l e t .  
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STATUS OF NOISE TECHNOLOGY FOR ADVANCED 
SUPERSONIC CRUISE AIRCRAFT 
James R. Shne and Orlando A. Gutierrez 
Lewis Research Center 
SUMMARY 
During the past several years, progress has been made in several areas of 
acoustic technology applicable to advanced supersonic cruise aircraft. This 
paper reviews some of the more important developments, which relate primarily 
to jet noise and its suppression. The noise-reducing potential of high-radius- 
ratio, inverted-velocity-profile coannular jets is demonstrated by model-scale 
results from a wide range of nozzle geometries, including some simulated flight 
cases. 
These results have been verified statically at large scale on a variable- 
cycle-engine (VCE) testbed. A preliminary assessment of potential VCE noise 
sources such as fan and core noise is made, based on the testbed data. Recent 
advances in the understanding of flight effects are reviewed. The status of 
component noise prediction methods is assessed on the basis of recent test 
data, and the remaining problem areas are outlined. 
INTRODUCTION 
An environmentally and economically acceptable advanced supersonic cruise 
aircraft will require substantial advances in noise suppression technology over 
current, first-generation supersonic aircraft. This paper summarizes the pre- 
sent state of the art in noise technology applicable t o  supersonic cruise air- 
craft. Inverted-velocity-profile (IVP) coannular nozzles and mechanical sup- 
pressors, both of which show promise for jet noise reduction, receive primary 
emphasis. The discussion also includes the effects of flight and the influence 
of other (non- jet-mixing) noise sources. Throughout these discussions the 
status of prediction methods for the various noise sources is considered. 
Inverted-velocity-profile (IW) coannular nozzles have been identified as 
a major breakthrough in jet noise suppression applicable to supersonic cruise 
aircraft engines (e.g., ref. 1). The aeroacoustic benefits associated with IVP 
jets were first identified in a series of tests under NASA Lewis Research 
Center sponsorship (refs. 2 and 3 ) .  The results of these model-scale programs 
were reviewed at the 1976 SCAR Conference (refs. 4 to 6). These programs in- 
cluded unsuppressed configurations with and without center plugs as well as 
suppressed configurations. The unsuppressed IVP configurations were shown to 
provide noise levels near the Federal Aviation Administration guidelines, 
FAR-36 (1969), with good aerodynamic performance. Further noise reductions 
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were shown f o r  t h e  suppressed IVP conf igura t ions  but  were accompanied by s i g -  
n i f i c a n t l y  poorer aerodynamic performance. Thus, t h e  emphasis of NASA- 
sponsored IVP no i se  s t u d i e s  f o r  the  next  s e v e r a l  years  was p r imar i ly  on the  un- 
suppressed conf igu ra t ions ,  and some of t he  h i g h l i g h t s  of those s t u d i e s  a r e  in-  
cluded i n  t h i s  paper.  During t h i s  time, however, a major Department of Trans- 
p o r t a t i o n  (DOT)/FAA s tudy  (with t echn ica l  support  from NASA) of j e t  no i se  sup- 
pressors  placed cons iderable  emphasis on suppressors ,  inc luding  those  f o r  IVP 
conf igura t ions .  
I 1. 
Mechanical j e t  n o i s e  suppressor  s t u d i e s  during the  same t i m e  per iod  con- 
s ide red  both dual-s t ream ( inc luding  IVP) and s ingle-s t ream concepts .  Resul t s  
f o r  one promising s ingle-s t ream suppressor -e jec tor  concept a r e  d iscussed  i n  
re ference  7; r e s u l t s  f o r  a promising s ingle-s t ream chute-plug design a r e  pre- 
sen ted  i n  r e fe rence  8 .  A b r i e f  d i scuss ion  of t hese  r e s u l t s  i s  included i n  the  
p re sen t  paper.  
The s u b j e c t  of f l i g h t  e f f e c t s  on j e t  no i se  has  rece ived  cons iderable  in-  
terest and e f f o r t  i n  r e c e n t  yea r s .  According t o  c l a s s i c a l  j e t  no i se  theory  
(e.g. ,  r e f .  9 ) ,  j e t  mixing n o i s e  should be reduced i n  f l i g h t  because of t he  
reduced shear  on the  j e t .  However, some experimental  r e s u l t s  f o r  j e t  engines 
i n  f l i g h t  have ind ica t ed  apparent  d i screpancies ;  s p e c i f i c a l l y ,  t h e  no i se  i n  t h e  
forward quadrant was found t o  inc rease  r a t h e r  than decrease  i n  f l i g h t  (e .g . ,  
r e f s .  10 and 11). Subsequent s t u d i e s  conducted o r  sponsored by NASA have shown 
t h a t  t hese  apparent  anomalies can be l a r g e l y  resolved when the  engine i n t e r n a l  
n o i s e  i s  accounted f o r  ( r e f s .  12 t o  19) .  These s t u d i e s  a r e  b r i e f l y  reviewed i n  
t h e  p re sen t  paper ,  and an improved f l i g h t  e f f e c t s  procedure ( r e f .  20) i s  shown 
t o  be reasonably accu ra t e  i n  the  h i g h - j e t - v e l o c i t y  range of i n t e r e s t  f o r  super- 
son ic  c r u i s e  a i r c r a f t .  The e f f e c t s  of f l i g h t  on IVP coannular  nozzles  and 
mechanical suppressors  a r e  a l s o  d iscussed .  
SYMBOLS 
A 
C a 
F 
FRef 
L 
MO 
m 
OASPL 
PN% 
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o v e r a l l  sound p res su re  level,  dB re 20 m/m2 
normalized perceived no i se  level, PNL - 10 log 
exhaust a r e a ,  m 2 
ambient s o n i c  v e l o c i t y ,  m/sec 
t h r u s t  , kN 
re ference  t h r u s t  ( a r b i t r a r y )  , kN 
source- to-observer  d i s t a n c e ,  m 
a i r c r a f t  Mach number, V / c  dimensionless 
f l i g h t  v e l o c i t y  exponent (eq. (l)), dimensionless  
0 a ’  
tone-corrected perceived no i se  level, PNdB 
inne r  r ad ius  of o u t e r  stream nozz le ,  m 
ou te r  r ad ius  of o u t e r  s t ream nozz le ,  m 
pN4r 
RI 
RO 
W d e n s i t y  exponent, dimensionless 
V v e l o c i t y ,  m / s e c  
P angle  from j e t  ax i s  t o  f l i g h t p a t h ,  deg 
A OASPL d i f f e r e n c e ,  f l i g h t  minus s t a t i c ,  dB 
e angle  r e f e r r e d  t o  i n l e t  a x i s ,  deg 
P 
Subsc r ip t s  : 
dens i t y  , kg/m3 
a ambient 
c a l c  ca l cu la t ed  
exP experimental  
F f l i g h t  
j f u l l y  expanded i s e n t r o p i c  j e t  (primary) 
m mixed 
S s t a t i c  
0 a i r c r a f t  
1 inne r  s t ream ( f u l l y  expanded) 
2 o u t e r  s t ream ( f u l l y  expanded) 
J E T  NOISE SUPPRESSION 
Jet  n o i s e  i s  expected t o  be the  most important n o i s e  source  f o r  advanced 
supersonic  c r u i s e  a i r c r a f t ,  p a r t i c u l a r l y  a t  t akeoff  and cutback power. There- 
fo re ,  t h e  suppress ion  of t h i s  no i se  source i s  of g r e a t  importance t o  the  devel-  
opment of an environmental ly  acceptab le  advanced supersonic  c r u i s e  a i r c r a f t .  
J e t  no i se  can be reduced by lowering the  s p e c i f i c  t h r u s t  a t  t akeoff  through 
engine-cycle modi f ica t ions ,  by employing j e t  n o i s e  suppressor  nozz les ,  o r  by a 
combination of these  approaches.  For example, t h e  va r i ab le -cyc le  engines 
(VCE's) produce a r e l a t i v e l y  low s p e c i f i c  t h r u s t ,  and thereby  r e l a t i v e l y  low 
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noise, at takeoff and provide further noise reduction when IVP coannular nozzles 
are incorporated. For some other engine cycles, multielement mechanical jet 
noise suppressors are needed and will have to provide even greater noise reduc- 
tions at a given specific thrust than the IVP coannular nozzle. So that the jet 
noise suppression characteristics of various approaches can be compared, it has 
been suggested (e.g., refs. 21 and 22) that noise levels be compared with those 
of a mixed-flow conical nozzle at the same total mass flow and at the same spe- 
cific thrust. Such comparisons are made for the various suppressor concepts 
discussed herein. 
Inverted-Velocity-Profile Coannular Nozzles 
As mentioned previously, IVP coannular nozzles have been identified as a 
breakthrough in jet noise suppression applicable to advanced supersonic cruise 
aircraft. As illustrated schematically in figure I, this approach consists of 
exhausting the higher velocity stream through a high-radius-ratio annulus and 
the lower velocity stream through an inner nozzle. Such velocity profiles can 
be obtained by crossducting the fan and core streams (e.g., ref. 23) or by burn- 
ing in the fan duct (e.g., ref. 24). Advances in engines incorporating these 
approaches were discussed at a recent NASA conference on aeronautical propulsion 
(ref. 25). 
The noise benefits of the IVP coannular nozzle concept are shown in fig- 
ure 2 .  Normalized peak perceived noise level is plotted against the mass- 
averaged jet velocity (ideal specific thrust) for several of the many configura- 
tions tested (refs. 26 and 27). A reference curve is also shown for a hypothet- 
bcal, perfectly mixed conical nozzle (ref. 28). For all these coannular nozzle 
data, the outer-stream velocity is 1.5 to 2 times the inner-stream velocity. 
Noise reductions for the coannular nozzles, relative to the conical nozzle, 
generally improve as the ratio of the inner radius to the outer radius of the 
outer stream RI/% increases. The bulk of the IVP data fall in a band about 
6 PNdB below the conical reference, but even lower levels can be seen for some 
high-radius-ratio cases. 
The radius ratio and velocity ratio between the two streams strongly in- 
fluence the noise level at a given mass-averaged jet velocity, as illustrated 
in figure 3, taken from reference 27. The noise of the coannular nozzle rela- 
tive to that of the perfectly mixed conical nozzle is plotted agai,.. - the outer- 
stream to inner-stream velocity ratio 
velocities for radius ratios of 0.52 to 0.95. These results are in terms of the 
overall sound pressure level at the peak sideline noise angle, 8 = 135'. 
data include both conventional and inverted velocity profiles. For all four 
configurations a minimum noise (maximum suppression) exists for the IVP condi- 
tions. For the 0.52- and 0.62-radius-ratio nozzles, the minimum noise is only 
about 3 decibels below the conical nozzle prediction. As the radius ratio is 
increased, the minimum noise is still further reduced, to 4 decibels below the 
cmical nozzle prediction at a 0.68 radius ratio and to over 9 decibels below 
the conical prediction at noncoplanar 0.95 radius ratio. The velocity ratio at 
which this minimum noise occurs decreases somewhat with increasing radius ratio. 
V2/V1 over a range of mass-averaged jet 
The 
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IVp noise prediction. - Since the noise is a complicated function of flow- 
field and geometric variables, it is necessary to go beyond simple plots such 
as figure 2 to correlate the data. The complexity of the IVP jet noise genera- 
tion processes is shown in figure 4. As many as four noise-generating regions 
must be considered. It is the differing trends of these different noise sources 
with operating conditions that leads to the existence of a minimum noise as 
velocity ratio increases, such as illustrated in figure 3. The low-frequency 
noise is generated well downstream of the nozzle where the two flows have mixed 
and can no longer be distinguished; this is termed the merged region. The high- 
er frequency jet mixing noise is generated in the region near the nozzle exit 
where the individual jets can still be identified; this is termed the premerged 
region. When either or both streams are supersonic, noise can be generated by 
turbulent eddies passing through shock waves; thus, we must in general consider 
inner-stream shock noise and outer-stream shock noise. 
Empirical models relating these noise-generating processes to those of a 
conical nozzle have been developed (refs. 21, 29, and 30). Small-scale, plug- 
less, coannular nozzle experimental spectra (ref. 2) are compared with predic- 
tions basqd on the empirical models of reference 30 in figure 5. 
level is plotted against frequency for an angle of 120°, in the rear quadrant, 
in figure 5(a). For this case both streams are supersonic, so all four noise 
sources must be considered; but it is the jet mixing noises that dominate at 
this angle. The shock noise levels, predicted by an empirical modification to 
the theory of Harper-Bourne and Fisher (ref. 31), contribute somewhat in the 
high-frequency range but not as much as the premerged mixing noise. Results 
for the same conditions, but in the forward quadrant at 8 = 75O, are shown in 
figure 5(b). It is apparent that shock noise is much more important in the for- 
ward quadrant than in the rear quadrant. The inner-stream shock noise dominates 
the midfrequency range and determines the peak sound pressure level. The outet- 
stream shock noise controls the high-frequency range. Although the relative 
contributions of the various sources are different in the forward and rear quad- 
rants, the spectra at both angles are predicted with good accuracy. 
Sound pressure 
Urge-scale verification of IVP concept. - The acoustic characteristics of 
IVP coannular nozzles, originally determined from a series of model-scale tests, 
have now been verified on an engine, as discussed in more detail in refer- 
ence 32. 
Typical results are shown in figures 6 and 7 for the NASA - General Elec- 
tric VCE testbed coannular plug nozzle as well as for a similar model nozzle at 
essentially the same conditions, with a mixed jet velocity of about 590 meters 
per second. For both the engine and the model, the experimental results are 
scaled up to a typical product-engine size (total exhaust area, 0.903 m2) at a 
typical sideline distance (slant range, 731.5 m). The results are also compared 
with the prediction procedure of reference 30. Perceived noise is plotted as a 
function of angle in figure 6. The model results are verified by the engine 
results. The engine results are an average of 0.8 PNdB below the model results, 
and the standard deviation between the two data sets is 1.5 PNdB. The overall 
accuracy of the prediction method is  also confirmed by the testbed data. 
average bias of the prediction with respect to the testbed data is less than 
0.1 decibel, and the standard deviation is 1.0 decibel. The predicted contribu- 
tions of the combined jet mixing noises (merged plus premerged) and the shock 
The 
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noises (from both streams) are also shown. Although the jet mixing noise is 
most important in this case, the shock noises do contribute somewhat in the for- 
ward quadrant. Although not shown here, at higher power settings and in flight, 
the shock noise becomes even more important and can contribute significantly to 
the effective perceived noise level. 
Further evidence of the overall accuracy of the scaling procedure and of 
the prediction can be seen in more detail in figure 7, along with some indica- 
tions of areas requiring improvements to the prediction procedures. Experiment- 
al data for both testbed and model scaled up to typical product-engine size are 
compared with the prediction on a spectral basis. 
accurate at low frequencies (the merged jet region) and thus gives a good esti- 
mate of the perceived noise level (PNL). It appears that improved prediction 
procedures are needed for premerged mixing noise and shock noise, which control 
the high frequencies. These sources may contribute more significantly in flight 
and also become more important for the shorter distances involved at the flyover 
noise measurement point. 
The prediction procedure is 
Mechani ca 1 Jet No is e Suppressors 
Various system studies of propulsion systems for future supersonic cruise 
aircraft (e.g., refs. 23 to 25) have indicated that FAR-36 (1969) noise levels 
can be approached with variable-cycle engines with unsuppressed IVP coannular 
nozzles. Other studies (e.g., ref. 33) have indicated slightly higher noise 
levels for such engines. In any case, FAR-36 (1969) noise levels cannot at pre- 
sent be predicted for such engines with any reasonable allowance for design 
margins without resorting to advanced operating procedures or shielding schemes. 
To obtain such design margins, and also to have any possibility of approaching 
the FAR-36 (1977) subsonic aircraft requirements, some means of suppressing jet 
noise will probably be needed. Therefore, although NASA's resources have been 
focused primarily on unsuppressed IVP coannular nozzles over the past few years, 
mechanical jet noise suppressor technology has continued to be advanced by the 
industry with some support from DOT (FAA) and more limited support from NASA. 
The DOT (FAA) study included a large number of single-stream and IVP-coannular 
suppressors; some of the most promising concepts of both types were tested in 
simulated flight. 
Single-stream suppressors. - In addition to the variable-cycle engines, 
low-bypass engines with single-stream suppressors may be feasible supersonic 
cruise propulsion systems. Results for a promising single-stream suppressor 
concept developed by General Electric with support from DOT (FAA) and NASA have 
been reported recently in reference 8. Similarly promising results are also 
presented in reference 7 for a single-stream suppressor-ejector developed by 
McDonnell Douglas and tested with limited NASA support. 
Typical results for a single-stream suppressor-ejector, in this case the 
McDonnell Douglas design, are shown in figure 8 .  Model-scale static experi- 
mental data (ref. 34) are scaled up to a typical product-engine size (exhaust 
area, 0.713 m2) at a typical flyover altitude (381 m). As was done for the IVP 
coannular nozzles, the experimental suppressor results are compared with a pre- 
dicted baseline (ref. 28) for a conical nozzle at the same ideal specific 
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t h r u s t .  A t  a r e l a t i v e l y  h igh  j e t  v e l o c i t y  (-715 m/sec, f i g .  8(a))  t h e  peak PNL 
o f  t h e  suppressor  i s  8 . 7  PNdB below the  peak PNL of the  con ica l  nozzle  accord- 
i n g  t o  the Rolls-Royce s p i n  r i g  da t a ,  o r  10.4 PNdB below the  peak PNL according 
t o  the  NASA Ames 40- by 80-Foot Wind Tunnel d a t a .  Thus, comparing these  r e s u l t s  
wi th  those  of f i g u r e  2 shows t h a t  t he  suppressed low-bypass-rat io  engine may be 
s l i g h t l y  q u i e t e r  than a va r i ab le -cyc le  engine wi th  an unsuppressed IVP coannular 
nozz le  a t  t h e  same s p e c i f i c  t h r u s t .  However, engine weight,  nozz le  t h r u s t  loss, 
and many o t h e r  f a c t o r s  must a l s o  be considered i n  choosing t h e  b e s t  engine type 
f o r  a s p e c i f i c  app l i ca t ion .  A t  lower j e t  v e l o c i t y  (-490 m/sec, f i g .  8 @ ) ) ,  t h e  
peak PNL suppress ion  i s  reduced t o  4.5 PNdB (sp in  r i g )  o r  t o  6 .3  PNdB (40- by 
80-Ft Wind Tunnel). This  reduct ion  of suppression wi th  decreas ing  j e t  v e l o c i t y  
is t y p i c a l  of most s ing le-s t ream suppressors .  NASA Langley made a d e t a i l e d  
system-noise - c o s t - s e n s i t i v i t y  s tudy of t he  McDonnell Douglas suppressor  con- 
cept  a s  p a r t  of an i n t e r n a t i o n a l  s tudy on t h e  f e a s i b i l i t y  of developing no i se  
r u l e s  f o r  c i v i l  supersonic  c r u i s e  a i r c r a f t  ( r e f .  33) .  This s tudy ,  based on the  
l imi t ed  ( sp in  r i g )  d a t a  a v a i l a b l e  a t  t h a t  t i m e ,  i nd ica t ed  t h a t  t h e  FAR-36 (1969) 
no i se  levels might be achieved without  undue c o s t  p e n a l t i e s .  
IVP coannular  nozz les  with suppressors .  - Quie ter  va r i ab le -cyc le  engines 
may be achieveable  wi th  a suppressed IVP coannular nozz le .  It was the  p o s s i b i l -  
i t y  of r e l a t i v e l y  small outer-s t ream suppressors  (small  i n  comparison with 
mixed-flow, s ing le-s t ream suppressors )  t h a t  caused t h e  i n i t i a l  i n t e r e s t  i n  the  
IVP concept. The i n i t i a l  IVP model tests ( r e f s .  2 and 3) emphasized outer -  
stream suppressors .  With these  suppressors ,  s t a t i c  peak PNL was reduced a s  
much as 6 PNdB below t h a t  of an unsuppressed IVP coannular  nozz le  a t  t h e  same 
i d e a l  s p e c i f i c  t h r u s t .  Because of the  promise of t h i s  approach, NASA Lewis  i s  
sponsoring model-scale s t a t i c  and s imulated f l i g h t  tests ( con t r ac t  NAS3-21608) 
and l a rge - sca l e  VCE t e s t b e d  s t a t i c  tests ( con t r ac t  NAS3-20582, e x h i b i t  C)  of an  
outer-stream-suppressed coannular plug nozzle .  
IMPORTANCE OF NON-JET-MIXING NOISES 
Although i t  i s  f a i r l y  w e l l  e s t ab l i shed  t h a t  je t -mixing n o i s e  i s  the  most 
c r i t i c a l  n o i s e  problem f o r  supersonic  c r u i s e  a i r c r a f t ,  it i s  necessary  t o  devel-  
op an  understanding of t h e  o t h e r  p o t e n t i a l  n o i s e  sources .  For example, f an  
no i se  may w e l l  become dominant a t  approach, and shock-ce l l  no i se  may have a 
s i g n i f i c a n t  e f f e c t  on t h e  e f f e c t i v e  perceived no i se  level a t  t akeof f .  Core 
n o i s e  con t r ibu te s  only  s l i g h t l y  a t  low power, according t o  t h e  VCE t e s tbed  re- 
s u l t s .  
base  y e t  exists. This s e c t i o n  d iscusses  t h e  c u r r e n t  s t a t u s  of t h e  fan ,  shock- 
cel l ,  and duct-burner  combustion noises .  
Duct-burner combustion no i se  i s  a p o t e n t i a l  problem f o r  which no d a t a  
Fan Noise 
Although t h e  VCE e a r l y  acous t i c  test  was n o t  s t r u c t u r e d  t o  provide a de- 
f i n i t i v e  answer t o  t h e  f an  n o i s e  problem, some u s e f u l  d a t a  were obtained.  
were conducted on t h e  t e s tbed  wi th  a con ica l  nozz le  and two d i f f e r e n t  i n l e t s ,  
one hardwall  and one suppressed.  Typical  r e s u l t s ,  i n  terms of  tone-corrected 
PNL d i r e c t i v i t y ,  a r e  shown i n  f i g u r e  9 f o r  approach and cutback power s e t t i n g s .  
Tests 
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"he results are scaled up to a typical product-engine size (exhaust area, 
0.903 m2) at a typical sideline distance (slant range, 731.5 m). 
the unsuppressed-inlet results are shown by the solid line and the suppressed- 
inlet results are shown by the dashed line. The fan noise can then be esti- 
mated by antilogarithmic subtraction of the suppressed, tone-corrected perceived 
noise level (PNI/r) from the unsuppressed value. Coannular plug nozzle data at 
the same power setting are shown by the circular symbols. 
denote the implied total noise for an unsuppressed-inlet coannular configuration 
obtained by the antilogarithmic sum of the suppressed-inlet coannular plug noz- 
zle noise and the estimated fan noise from the conical nozzle test. 
In each case, 
The square symbols 
At approach power (fig. 9(a)) the fan noise would apparently contribute 
substantially to the EPNL if it were not suppressed. In flight, with the jet- 
mixing noise reduced and the forward-quadrant fan noise increased, as expected,' 
the unsuppressed fan noise might become the controlling source. It is clear 
that if the jet noise limit is to be achieved at approach power, an inlet sup- 
pression of approximately 15 PNdB might be required. 
trade-off studies will be needed to determine the optimum suppression require- 
ments. At cutback power (fig. 9(b)) the unsuppressed fan noise would still be 
discernible, although not as prominently as at approach power. Thus, the level 
of suppression required would be less than at approach power. At takeoff power, 
shock-cell noise makes it difficult to determine the effect of fan noise on the 
PNL . 
Of course, detailed 
The inferred fan noise from the VCE testbed is compared with predicted 
values from reference 35 in figure 10. Although this prediction does not ap- 
parently model the noise-generating mechanisms for this high-tip-speed split 
fan, such comparisons are appropriate since this method has already been used 
to estimate the relative importance of fan noise for such engines. Some indi- 
cation of agreement between the inferred and predicted values is obtained at a 
typical approach power (fig. 10(a)). The agreement is not so good at cutback 
power (fig. lO(b)). Clearly, development of fan noise prediction procedures 
for high-tip-speed fans should continue in order to provide more realistic and 
accurate estimates. However, at typical approach power settings, the current 
prediction (ref. 35) does give a reasonable enough estimate of fan noise to 
indicate its importance relative to other noise sources. 
Shock-Cell- Noise 
As was pointed out earlier in the discussion of the IVP coannular jet 
noise prediction, shock-cell noise can be a significant contributor to the take- 
off flyover EPNL. 
are discussed in some detail. 
In reference 36, shock noise and methods of controlling it 
Although the prediction procedure of reference 30 does include shock-cell 
noise calculated from a method based on modification of the Harper-Bourne and 
Fisher theory (ref. 31) for conical nozzles, further development is required 
to obtain more accurate predictions (e.g., fig. 7). Even the theoretical basis 
for this prediction procedure may need improvement, as indicated in refer- 
ence 37. 
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Since  shock-ce l l  no i se  i s  of p o t e n t i a l  importance,  i t  may be necessary t o  
employ convergent-divergent nozzles i n  order  t o  reduce o r  e l imina te  it. Noise 
reduct ions  obtained by applying such an approach t o  s ing le-s t ream c i r c u l a r  noz- 
z l e s  a r e  repor ted  i n  re ferences  36 and 37 .  However, f o r  LVP coannular nozz les ,  
t he  VCE tes tbed  r e s u l t s  and r e l a t e d  model tes ts  showed no b e n e f i t  f o r  a 
convergent-divergent,  outer-s t ream nozz le .  Because of complicat ions involved 
wi th  i n t e r a c t i n g  coax ia l  supersonic  j e t s  ( e .g . ,  r e f .  38) ,  f u r t h e r  research  on 
coannular shock no i se  and i t s  con t ro l  is c l e a r l y  needed. Incorpora t ing  a 
porous c e n t e r  plug i n  t h e  nozzle  exhaust a l s o  appears t o  o f f e r  a means of re- 
ducing shock no i se  ( r e f .  39) .  
Duct-Burner Combustion Noise 
One va r i ab le -cyc le  engine concept of i n t e r e s t  f e a t u r e s  burning i n  t h e  fan  
duc t ,  a method t h a t  can then produce an inve r t ed  v e l o c i t y  p r o f i l e .  Thus, the  
combustion no i se  generated i n  such a duct  burner  should be considered.  However, 
no da ta  base  exists f o r  such conf igura t ions .  Various methods have been devel- 
oped t o  p r e d i c t  combustion n o i s e  (e .g . ,  r e f s .  40 t o  4 2 ) ;  however, t hese  a r e  
based on d a t a  f o r  core-engine combustors. In  terms of t h e  c o r r e l a t i o n  parame- 
ters developed i n  these  p red ic t ions  and i n  more r e c e n t  s t u d i e s  (e.g. ,  r e f .  4 3 ) ,  
t h e  condi t ions  expected f o r  a duct  burner  f a l l  w e l l  beyond t h e  range of a v a i l -  
ab l e  d a t a ,  and e x t r a p o l a t i o n  i s  unce r t a in .  Exerc is ing  these  p red ic t ions  f o r  
duct-burner condi t ions  i n d i c a t e s  t h a t ,  i f  such e x t r a p o l a t i o n  is v a l i d ,  duct-  
burner combustion no i se  could be s i g n i f i c a n t  a t  t akeof f .  Resolut ion of t h i s  
problem must awai t  t he  development of a s u i t a b l e  d a t a  base.  
FLIGHT EFFECTS 
To a s ses s  the  e f f e c t  of j e t  no i se  on the  environment of t he  i r p o r t  v i  
For new o r  proposed a i r c r a f t  p a r t i c u l a r l y ,  such p red ic t ions  w i l l  be 
i t y ,  i t  i s  necessary  t o  p r e d i c t  the e f f e c t  of f l i g h t  on j e t  engine exhaust  
no ise .  
in- 
based a t  l e a s t  i n  p a r t  on model and l a rge - sca l e  s t a t i c  and s imulated f l i g h t  
experiments.  Because of c o s t s ,  t o  r e l y  s o l e l y  on f u l l - s c a l e  f l i g h t  tests would 
seve re ly  l i m i t  t h e  number of conf igura t ions  and concepts t h a t  could be t e s t e d .  
Therefore ,  i t  i s  of g r e a t  importance t o  be a b l e  t o  p r e d i c t  i n - f l i g h t  n o i s e  from 
s t a t i c  o r  s imula t ed - f l i gh t  d a t a .  
The f l i g h t  geometry i s  i l l u s t r a t e d ,  and some of t he  key parameters a r e  de- 
f ined ,  i n  f i g u r e  ll. According t o  c l a s s i c a l  j e t  no i se  theory (Ffowcs Williams, 
r e f .  9) ,  i n - f l i g h t  subsonic  j e t  no ise  should vary  wi th  f l i g h t  v e l o c i t y  and a 
f l i g h t  v e l o c i t y  exponent m a s  10 1og[V7-m(Vj - Vo)m]. For t h e  s t a t i c  case  
(VO = 0) t h i s  reduces t o  the  well-known V y  
Thus, by t h i s  reasoning,  t h e  d i f f e r e n c e  between s t a t i c  and f l i g h t  l e v e l s ,  
(OLISPL)~ - (OASPL)s, co r rec t ed  f o r  motion e f f e c t s  by adding 
express ion  of L i g h t h i l l  ( r e f .  44). 
10 log[1 - Q cos (0 + a)] , should be given by 10 log[(Vj - Vo)/VjIm. 
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Based on such cons ide ra t ions ,  s e v e r a l  i n v e s t i g a t o r s  (e .g . ,  r e f s .  10,  11, 
and 45) have expressed t h e i r  r e s u l t s  i n  terms of a f l i g h t  v e l o c i t y  exponent m 
def ined a s  fol lows:  
( O A S P L ) ~  - ( O A S P L ) ~  + i o  iog[i - M~ COS (e + p)] 
m 3  (1) 
Such da ta  have t y p i c a l l y  been presented as  p l o t s  of m versus  8 ,  t h e  angle  
from the  i n l e t  a x i s .  Also, p r e d i c t i o n  methods f o r  j e t  n o i s e  f l i g h t  e f f e c t s  
(e.g. ,  Bushell  ( r e f .  11)) have been proposed on the  b a s i s  t h a t  m can be de- 
f ined  a s  a unique func t ion  of 8 .  However, i t  has been poin ted  ou t  ( r e f .  1 7 )  
t h a t  m 
and t h a t  such r e l a t i o n s  do n o t  accu ra t e ly  and uniquely r ep resen t  the  phys ica l  
processes .  Furthermore, i t  was shown i n  re ference  1 7  t h a t  t he  exponent m i s  
s u f f i c i e n t l y  s e n s i t i v e  t o  t h e  measured OASPL's t h a t  t h e  presence of even small  
amounts of non-jet-mixing n o i s e  can r e s u l t  i n  nega t ive  va lues  of m. ( P o s i t i v e  
m values  i n d i c a t e  no i se  reduct ion  i n  f l i g h t ,  while  nega t ive  m va lues  i n d i c a t e  
no i se  ampl i f i ca t ion  i n . f l i g h t . )  Therefore ,  i t  was ind ica t ed  t h a t  p r e d i c t i o n  
methods should no t  be formulated on t h e  bas i s  of m a s  a func t ion  of 0 ,  as 
has been proposed (e .g . ,  r e f s .  11 and 4 5 ) .  
i s  n o t  a phys i ca l  q u a n t i t y  bu t  an express ion  based on assumed r e l a t i o n s  
A composite p l o t  of t y p i c a l  experimental  va lues  of m a v a i l a b l e  from the  
l i t e r a t u r e  a s  a func t ion  of 8 i s  shown i n  f i g u r e  1 2 ;  t h e  proposed p red ic t ion  
curves of Bushell  ( r e f .  11) and Hoch (as  given i n  r e f .  45)  a r e  a l s o  shown. The 
f l i g h t  da t a  ( r e f s .  10 and 45 t o  4 9 )  show a wide range of r e su l t s ,  inc luding  
negat ive  m values  i n  some cases .  The p r e d i c t i o n  of Bushell  ( r e f .  11) a l s o  
i n d i c a t e s  an angular  range of nega t ive  m va lues ,  p r imar i ly  i n  the  forward 
quadrant ,  as  i s  c o n s i s t e n t  wi th  some of t he  engine d a t a  ( r e f s .  10, 11, and 45). 
On the  o the r  hand the  s imula t ed - f l i gh t  da t a  e x h i b i t  p o s i t i v e  m values  a t  a l l  
angles  f o r  shock-free je ts  (e .g . ,  r e f s .  50 and 51, which a r e  t y p i c a l  of such 
d a t a ) ,  with t h e  except ion of some of the  d a t a  of r e fe rence  46. The reference  46 
d a t a  have a c o r r e c t i o n  appl ied  f o r  an assumed sound absorp t ion  by the  f r e e - j e t  
t u rbu len t  shear  l aye r ;  wi thout  t h i s  c o r r e c t i o n  the  m va lues  would be h igher  
and c l o s e r  t o  t h e  o the r  model da t a .  Thus, i t  i s  apparent  t h a t  improvements 
over t he  p r e d i c t i o n  of Bushell  ( r e f .  11) a r e  needed, and such p r e d i c t i o n s  have 
been proposed by NASA Lewis ( r e f .  16) and the  Socig tg  Nat ionale  d 'Etude e t  de 
Construct ion de Moteurs d '  Aviat ion (SNECMA). 
mately 520 meters pe r  second, the  e a r l i e r  NASA Lewis method ( r e f .  16) f i t s  t he  
A t  j e t  v e l o c i t i e s  below approxi- 
da t a  somewhat b e t t e r  
method is  inadequate 
been developed ( r e f .  
does r e fe rence  16 o r  
l a  t ed  t o  f undamenta 1 
P l o t s  of f l i g h t  
than does the  SNECMA p red ic t ion ,  bu t  t h e  e a r l i e r  NASA 
a t  h igh  j e t  v e l o c i t i e s .  Therefore ,  a modified method has  
20) t h a t  shows b e t t e r  agreement wi th  the  d a t a  base than  
SNECMA. Furthermore, t he  new method i s  more c l o s e l y  re- 
t h e o r i e s  ( r e f s .  9 and 52) than t h e  e a r l i e r  methods. 
v e l o c i t y  exponents versus  angle  f o r  t he  585 t u r b o j e t  en- 
g ine  on the  Bertin Aero t r a in  ( r e f .  46)  and comparisons wi th  t h e  p r e d i c t i o n  
h e t h o d  proposed t o  Soc ie ty  of Automotive Engineers A-21 Committee on A i r -  
c r a f t  Noise by SNECMA. 
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method of r e fe rence  20 a r e  shown i n  f i g u r e  13. The resul ts  have been cor rec ted  
f o r  Aero t ra in  background no i se  (ref. 46 ) ,  f o r  i n t e r n a l  n o i s e  ( r e f .  16) ,  and 
(where appropr ia te )  f o r  shock-ce l l  no i se  ( r e f .  30). The r e s u l t s  cover a range 
of je t  v e l o c i t y  from 445 t o  680 meters pe r  second. 
t h e  r e a r  quadrant ,  b u t  t h e  m values  a r e  c o n s i s t e n t l y  overpredic ted  f o r  angles 
from 50' t o  120'. The decrease  i n  m wi th  inc reas ing  8 a t  l a r g e  angles and 
h igh  j e t  v e l o c i t i e s ,  a decrease  t h a t  can produce nega t ive  m va lues  (noise  in- 
c r ease  i n  f l i g h t ) ,  i s  due t o  supersonic  convect ion e f f e c t s  and becomes more 
pronounced a s  j e t  v e l o c i t y  inc reases .  
The agreement is good i n  
A s t a t i s t i c a l  comparison i s  made i n  f i g u r e  14, where the  d i s t r i b u t i o n  of pt%, 
the  number of samples i s  p l o t t e d  versus  t h e  experimental  minus the  ca l cu la t ed  
f l i g h t  increment ( i n  groupings of 0.5-dB width) .  The d a t a  base f o r  t h i s  f i g u r e  
inc ludes  t h e  low-bypass-rat io  refanned JT8D engines on the  DC-9 a i r p l a n e  and 
t h e  h igher -bypass- ra t io  JT9D engines on the  DC-10 a i r p l a n e  ( r e f .  15). The e r r o r  
d i s t r i b u t i o n  is  narrower f o r  t he  present  method than  f o r  t he  SNECMA method. 
The SNECMA method a l s o  has  a s i g n i f i c a n t  peak a t  
t i o n  of a s i g n i f i c a n t  problem wi th  the  SNECMA method. It i s  shown i n  r e f e r -  
ence 20 t h a t  t h e  new method agrees  b e t t e r  wi th  t h e  d a t a  base than a r e c e n t l y  
proposed SAE method. Over the  da t a  base range of j e t  v e l o c i t y  (primary) from 
280 t o  680 meters per  second, t h e  new method has  a s tandard  dev ia t ion  of 1.5 
dec ibe l s ,  and the  proposed SAE (SNECMA) method has  a s tandard  dev ia t ion  of 2 .5  
d e c i b e l s .  
kXp - Acalc = -4.0, ind ica-  
IVP Coannular Nozzles 
A s  was repor ted  a t  t h e  1976 SCAR Conference ( r e f .  4 ) ,  t h e  ae roacous t i c  ad- 
vantages of t h e  IVP coannular nozzle  concept have a l s o  been obtained under 
s imulated f l i g h t  condi t ions  a t  model s c a l e .  The r e s u l t s  of  t hese  tests a r e  re- 
ported i n  d e t a i l  i n  r e fe rence  51. Fur ther  a n a l y s i s  ( r e f .  29) of t h e s e  r e s u l t s  
has  shown t h a t  when t h e  merged reg ion  and t h e  premerged reg ion  a r e  considered 
sepa ra t e ly ,  t he  f l i g h t  e f f e c t s  a r e  q u i t e  s i m i l a r  t o  those  of a con ica l  nozz le  
a t  t h e  appropr i a t e  (merged o r  premerged) condi t ions .  R e l a t i v e  v e l o c i t y  expo- 
nents  (eq. (1)) r e s u l t i n g  from the  ana lys i s  of r e fe rence  29 f o r  t h e  merged and 
premerged regions a r e  shown a s  a func t ion  of angle  i n  f i g u r e  15. Also shown i s  
t h e  range of con ica l  nozz le  mixing-noise r e s u l t s  ( r e f .  51) from t h e  same f a c i l -  
i t y  and over t h e  same range of j e t  v e l o c i t i e s  and temperatures .  The merged- 
reg ion  exponents a r e  e s s e n t i a l l y  i n  t h e  middle of t h e  c o n i c a l  nozz le  range,  bu t  
t h e  premerged-region exponents tend t o  be on t h e  h igh  s i d e  ( l a r g e r  no i se  reduc- 
t i o n  i n  f l i g h t ) .  
From the  r e s u l t s  d i scussed  i n  the  preceding paragraph i t  appears t h a t  t h e  
aeroacous t ic  advantages expected f o r  IVP coannular nozz les  should be r e t a ined  
i n  f l i g h t .  However, some cau t ion  may be warranted s i n c e  t h e  tests of r e f e r -  
ence 51 were l imi t ed  t o  two p lug le s s  coannular nozzles  and were a l s o  l imi t ed  t o  
j e t  v e l o c i t i e s  and temperatures below those of i n t e r e s t  f o r  supersonic  c r u i s e  
app l i ca t ion .  More r e c e n t  s imulated f l i g h t  tests conducted under c o n t r a c t  NAS3- 
20619 gene ra l ly  confirm the  t rends  c i t e d  i n  t h i s  d i scuss ion ,  bu t  t h e  f i n a l  re- 
duct ion  of t hese  d a t a  was no t  completed i n  t i m e  t o  i nco rpora t e  t h e  r e s u l t s  i n  
t h i s  paper. 
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Single-Stream Suppressors 
It has  been acknowledged t h a t  f l i g h t  e f f e c t s  can be q u i t e  c r i t i c a l  t o  j e t  
n o i s e  suppressors .  Therefore ,  r ecen t  suppressor  tests (e.g. ,  r e f s .  7 and 8) 
have emphasized f l i g h t  e f f e c t s .  The r e s u l t s  of r e fe rence  8 f o r  a s ing le-s t ream 
suppressor -e jec tor  model a r e  shown i n  f i g u r e  16 t o  i l l u s t r a t e  t y p i c a l  t r ends .  
These r e s u l t s  a r e  f o r  t h e  same j e t  condi t ions  a s  f i g u r e  8 b u t  f o r  s imulated 
f l i g h t .  The model-scale experimental  d a t a  ( ref .  34) a r e  sca l ed  up t o  a t y p i c a l  
product-engine s i z e  (exhaust a r e a ,  0.713 m2) a t  a t y p i c a l  f l yove r  a l t i t u d e  
(381 m ) ,  and t h e  r e s u l t s  a r e  compared wi th  those p red ic t ed  ( r e f .  28) f o r  a coni- 
c a l  nozzle  a t  the  same i d e a l  s p e c i f i c  t h r u s t .  By comparing t h e s e  r e s u l t s  wi th  
f i g u r e  8, it can be seen  t h a t  t h e  peak no i se  suppress ion  i s  less i n  s imulated 
f l i g h t  than under s t a t i c  cond i t ions .  The s p i n - r i g  d a t a ,  p a r t i c u l a r l y  a t  low j e t  
v e l o c i t y  ( f i g .  16(b) ) ,  appear t o  be contaminated by extraneous n o i s e  sources .  
The 40- by 80-Foot Wind Tunnel da t a  i n d i c a t e  t h a t  a l though t h e  f l i g h t  r e s u l t s  
tend t o  be less favorable  than the  s t a t i c  r e s u l t s ,  peak n o i s e  suppressions of 
7 PNdB a t  l o w  j e t  v e l o c i t y  t o  8 PNdB a t  high j e t  v e l o c i t y  may s t i l l  be a t t a i n -  
a b l e  i n  f l i g h t .  
CONCLUDING REMARKS 
This paper has  reviewed some of t he  r e c e n t  advances i n  a c o u s t i c  technology 
app l i cab le  t o  advanced supersonic  c r u i s e  a i r c r a f t ,  wi th  emphasis on j e t  n o i s e  
suppression and f l i g h t  e f f e c t s .  
The noise-reducing c h a r a c t e r i s t i c s  of h igh - rad ius - r a t io ,  inver ted-ve loc i ty-  
p r o f i l e  coannular je ts  has  been demonstrated by model-scale r e s u l t s  from a wide 
range of geometr ies ,  inc luding  some s imula t ed - f l i gh t  cases .  These r e s u l t s  have 
now been v e r i f i e d  s t a t i c a l l y  a t  l a rge  s c a l e  on t h e  var iab le-cyc le-engine  (VCE) 
t es tbed .  The t e s tbed  r e s u l t s  agree  with s c a l e d  model d a t a  and wi th  a p r e d i c t i o n  
procedure based on model da t a .  
A p re l iminary  assessment of o the r  p o t e n t i a l  VCE n o i s e  sources ,  based on t h e  
t e s tbed  d a t a ,  has been presented .  Unsuppressed f a n  n o i s e  appears  t o  be s i g n i f i -  
can t  and could be the  c o n t r o l l i n g  no i se  source a t  approach. Duct-burner com- 
bus t ion  no i se  has  been i d e n t i f i e d  a s  a p o t e n t i a l l y  s i g n i f i c a n t  problem f o r  which 
no d a t a  base o r  acceptab le  p r e d i c t i o n  method i s  a v a i l a b l e .  
An improved j e t  no i se  f l i g h t  e f f e c t s  p r e d i c t i o n  has  been developed and com- 
pared with experimental  d a t a  obtairied from the  B e r t i n  Aero t r a in  wi th  a 585 en- 
g ine ,  t h e  DC-10 a i r p l a n e  wi th  JT9D engines ,  and the  DC-9 a i r p l a n e  wi th  refanned 
JT8D engines .  It has  been shown t h a t ,  over t h e  d a t a  base  range of j e t  v e l o c i t y  
(primary) from 280 t o  680 meters pe r  second, t h e  new method has  a s tandard  devi-  
a t i o n  of only 1.5 dec ibe l s .  
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Figure 1.- Flow schematic of inverted-velocity-profile coannular jets. 
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Figure 2.- Normalized peak perceived noise level for inverted-velocity-profile 
coannular nozzles as function of mass-averaged jet velocity.  
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Figure 15.- Comparison of flight velocity exponents for inverted-velocity- 
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Figure 16.- Comparison of simulated flyover perceived-noise-level directivity 
for McDonnell Douglas suppressor with lined ejector and conical nozzle 
prediction. Engine size (exhaust area), 0.713 m2; flyover altitude, 381 m. 
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ENVIRONMENTAL EFFECTS OF AIRCRAFT AT CRUISE: 
AN UPDATE 
N. Sundararaman 
Office of Environment and Energy 
Federal Aviation Administration 
SUMMARY 
New laboratory determinations of chemical reaction rates and modeling 
refinements have shown that the effect of cruise-altitude emissions on 
stratospheric ozone has changed from one of ozone decrease to one of slight 
increase. The situation, however, is n.ot yet fully resolved, since the 
uncertainties in the model predictions have not been adequately quantified. 
The status of the calculations of ozone change due to high altitude aircraft 
is critically reviewed and important areas of uncertainty identified. 
HISTORICAL BACKGROUND 
During 1971-1975, the U.S. Department of Transportation (DOT) completed 
the first comprehensive assessment of the effects of stratospheric pollution 
by aircraft (1). 
Program (CIAP), was the first systematic, multidisciplinary Federal study on 
the stratosphere. Concurrently with CIAP, the National Academy of Sciences/ 
National Academy of Engineering (hereinafter referred to as NAS) in'the U.S., 
and the British and the French governments had conducted independent studies 
(2, 3,  4 )  on the same problem; the British study was conducted by the 
Committee on Meteorological Effects of Stratospheric Aircraft (COMESA) and 
the French, by the Comite d'Etudes sur les Consequences des Vols 
Stratospheriques (COVOS). 
This assessment, known as the Climatic Impact Assessment 
Studies prior to CIAP on the pollution effects of supersonic transports 
(see 5 for example) had suggested that the water vapor in the exhaust could 
cause two effects: (1) stratospheric ozone could be depleted by a catalytic 
chemical reaction set involving the water-related radicals; and ( 2 )  by 
altering the occurrence of high cirrus and by forming persistent contrails, 
the injected water vapor could alter the radiation balance of the earth's 
surface and hence its climate. In 1971, during Congressional hearings on 
supersonic transport (SST) development in the United States, possible adverse 
health effects were for the first time linked to large scale commercial SST 
operations (6). The health hazard envisaged was possible increase in the 
incidence of skin cancer in fair-skinned humans owing to the fact that less 
stratospheric ozone would allow more of the biologically harmful solar ultra- 
(violet (UV) radiation to penetrate to the ground which could induce and/or 
promote skin carcinomas. 
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The CIAP and other parallel studies had concluded that the nitrogen 
oxides (collectively known as NOx and comprised of nitric oxide, NO, and 
nitrogen dioxide, N02)in the exhaust had far greater potential to deplete 
ozone than water vapor, despite the larger water vapor emissions (as may be 
seen from Table 1, adapted from (71, which lists the emission indices of 
various exhaust species in gm per kg of fuel burned). Thus, large scale 
commercial SST operations could indeed harm the environment with undesirable 
consequences. The CIAP Report of Findings (1) in its Executive Summary 
stated, in 1974: 
"Develop, within the next year, a plan for a proper program for 
international regulation of aircraft emissions and fuel character- 
istics for whatever stratospheric flight operations may evolve in 
the future." 
"Accelerate combustion research and engine development programs 
needed to make stratospheric flight possible with specified 
nitrogen oxide emission standards." 
As may be seen from Figure 1, taken from Oliver, 1979 (8). higher Mach 
numbers imply' higher cruising altitudes in a region of general quiescence but 
increasing ozone mass density (i.e., the stratosphere). The Arctic tropo- 
pause is located much lower (ca. 8 km.) than the tropical tropopause 
(ca. 16 km.); thus, even the current and near-future subsonics would be 
flying in the lower stratosphere for operations in the mid-to-high latitudes. 
The severity of the problem was linked to the pollutant injection altitude- 
the higher the altitude, the worse the effects-and not to whether the aircraft 
were subsonic or supersonic, with the corollary that even the subsonic fleets 
could pose a threat. 
CIAP AND OTHER ESTIMATES 
In CIAP studies, a 0.5 percent reduction in total ozone (total ozone is 
all the ozone contained in a column of air extending from the ground up) in 
the Northern Hemisphere was nominally chosen to be a ttminimum-detectablett 
level of change (1). This change would be brought about, it was calculated, 
by a fleet of 120 "Concorde-like" aircraft, cruising 4.4 hours a day every day 
of the year (365  days) at 16.5 km using 19,100 kg of fuel per hour at cruise 
and emitting l8g of NO2 per kg of fuel burned. 
Table 2 along with the numbers adapted from the NAS and other studies, for 
the same ozone change. 
upon the same data base. A spread of a factor of at least 5 in these numbers 
is evident from Table 2. 
This number is shown in 
Both the CIAP and the NAS calculations were predicated 
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UNCERTAINTIES IN THE CIAP AND OTHER ESTIMATES 
One-dimensional (1-D) numerical models of the stratosphere were the 
assessment tools used by CIAP and other studies. 
to simulate the known physics and chemistry of the stratosphere, have a severe 
limitation in that they assume horizontal homogeneity of stratospheric pro- 
perties, especially of motion. 
satisfactory degree the treatment of stratospheric chemistry. The elements 
of these models include: 
species of importance (e.g., ozone, nitric oxide, atomic oxygen) and 
(2 )  highly parameterized mechanisms which transport the trace species in the 
vertical direction. 
These models, which attempt 
But only 1-D models have incorporated to the 
(1) the chemistry and photochemistry of trace 
Based upon the admittedly incomplete treatment of transport and possible 
inaccuracies in the laboratory chemical rate constant determination, uncer- 
tainty estimates in the model calculations were made by the CIAP and NAS 
studies. 
stated ear'lier, even the subsonic aircraft had the potential to deplete ozone 
under CIAP modeling assumptions and the calculations for subsonic fleets 
alone are shown in Table 3 .  
These estimates were subjective and are shown in Table 2. As 
The uncertainty ranges and the spread in the calculations were such that 
the Federal Aviation Administration instituted its High Altitude Pollution 
Program (HAPP) following CIAP to reduce them in order to formulate viable 
regulatory options. 
CHANGES IN MODEL CALCULATIONS SINCE CIAP 
In the modeling of the chemistry of the trace species, the following 
three changes have occurred since CIAP: 
(1) Automobile exhaust containing NO, is known to generate ozone 
in urban smog situations in the presence of aethane and 
methane has been measured up to stratospheric altitudes. 
"methane-oxidation'' chemistry, which was not included in the 
CIAP model, has now been incorporated to a limited extent. 
This 
Trace species other than NO, and the water-related radicals 
(HO,) have been discovered to have ozone depleting effects. 
The most important among these are chlorine-related CIOx 
(C1 and ClO) which are anthropogenic in origin. 
CIAP chemistry which included only the odd oxygen (Ox), odd 
nitrogen (NO,) and water-related odd hydrogen (HO,) species 
has been expanded to include the odd chlorine (C10,) species. 
Thus, the treatment of chemistry has been much improved. 
Hence the 
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(3 )  The species in the various families such as NO,, HO,, and C10, are 
highly interactive; thus, changes in the rate constants of 
certain reactions have far-reaching consequences. Three such 
changes have taken place since CIAP in the following reactions: 
OH + H02 About 4 times slower than the CIAP value 
H02 + NO About 40 times faster than the CIAP value 
H02 + 03 Temperature dependence different from the CIAP 
value. 
These changes, especially the second, H02 + NO, have had profound 
influence on model calculations. 
catalytic chain 
The otherwise-very-active NO, 
NO + 03 *NO2 + 02 
NO2 + 0 3 NO + 02 
Net: 03 + 0 3202 
is interrupted by the fast H02 + NO reaction. The response of 
the model calculations to chronological changes in chemical 
input data is shown in Figure 2 taken from Luther et al., (9). 
The NO, injection considered is equivalent to approximately 2000* 
"Concorde-like" CIAP aircraft, at two different altitudes (17 and 
20 km). 
( l o ) ,  the 1977 chemistry the revised H02 + NO rate (111, the 
1979a chemistry the revised H02 + 03 temperature dependence (121, 
and the 1979b chemistry the currently-accepted (13) C10N02 
chemistry. 
between the NO, and the C10, families. 
ClON02.) 
chemistry involved, one can see the profound effect of the 
H02 + NO rate constant change. 
figure, however, is the reversal of the trend between 1979a and 
1979b. 
The 1975 chemistry included the revised OH + H02 rate 
(ClON02 is an example of the interactive chemistry 
It is formed by C10 + N02* 
In any case, without worrying about the details of the 
The unexpected feature of this 
The overall result of the three changes listed above has been 
a dramatic shift in the calculated aircraft effects from one 
of depletion to one of small increase in total ozone. However, 
as can be seen from Figure 3 (8), NO, injections still deplete 
ozone above about 22 km while increasing it below; the sum of 
* The NO, injection considered was 1.2 xa109 kg per year as N02. With the 
"Concorde-1ike"CIAP aircraft as defined earlier, this corresponds to 2,245 
such aircraft. 
522 
the decrease above and the increase below leads to a small 
net increase in total ozone. It is important to keep in mind 
with regard to this figure that the cross-over point from 
increase-below-to-decrease-above is model-dependent, Changes 
in the transport parameterization and in the tropospheric 
removal processes such as rain-out or wash-out, for example, 
would alter the position of this point. 
effect, needless to add, will depend upon its location. 
The numbers (500, 1000, 1500) on the three curves in 
Figure 3 roughly correspond to fleets of  500, 1000, and 
1500 "Concorde-like" CIAP aircraft defined earlier. 
The calculated net 
UNCERTAINTIES IN THE CURRENT CALCULATIONS 
There are, despite recent improvements, still uncertainties in almost 
every aspect of the assessment models: 
chemistry and transport, and projected fleet emissions. The High Altitude 
Pollution Program has identified the following specific uncertainty factors 
to confirm, modify or clarify the present understanding: 
those associated with atmospheric 
(1) Discrepancies in the Measured NOx Content in the Engine Exhaust 
Figure 4 ,  from Few et al., 1977 ( 1 4 1 ,  is an illustration of 
the measurement of NO concentration as a function of fuel- 
to-air (F/A) ratio obtained by different techniques. The 
in-situ absorption method yields values about a factor of 
6 higher than the others. In a joint effort with NASA, 
U.S. A i r  Force and U.S. Navy, the FAA has undertaken to resolve 
the uncertainty. Preliminary data indicate that the in-situ 
absorption method may be in error. 
(2) Two-Dimensional Models and the Distribution of Natural Ozone 
It is well known that the natural (i.e., unperturbed) ozone 
distribution is highly seasonal and latitude dependent. 
reason for this is the meridional transport in the upper 
troposphere and the lower stratosphere. This atmospheric 
region is also, coincidentally, the region of current and 
near-future aircraft flights. In addition, the aircraft 
injection is also latitude-variant (witness the transAtlantic 
corridor). Thus 2-D models are more appropriate for the 
aircraft problem. However, they suffer from lack of 
adequate chemistry. 
The "little-change" conclusion drawn in the previous 
section (see Figure 4 )  may well be misleading in that ozone 
depletions may actually be occurring in certain latitude 
bands with increases in others. A l-D model is inherently 
The 
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incapable of addressing this issue. The consequences of the 
latitudinal variation in the predicted effects may be quite 
different in the sense that steady depletions in certain 
regions and steady increases in others (especially if they 
were to occur close to the ground) may both be harmful with 
no cancellation of the effects, either on climate or the 
biosphere. 
Hence, HAPP has undertaken to refine the existing 2-D 
models. 
An example of the shortcomings of the 2-D models in their 
treatment of chemistry is to be seen in Figures 5a, 5b, 6, 
7 and 8 taken from Widhopf and Glatt, 1979 (15). 
Figure 5b is the observed seasonal and latitude variation 
of total ozone. Figure 5a illustrates the calculated values 
using CIAP (no chlorine) chemistry. Figures 6, 7, and 8 
show calculated distributions with (a) H02 + NO reaction 
rate revised but with no chlorine, (b) H02 + NO and H02 + 03 
reaction rates revised and no chlorine and (c) H02 + NO and 
H02 + 03 reaction rates revised and chlorine chemistry 
included, respectively. As may be seen, the agreement 
b'etween theory and observations was good (Figures Sa and 5b), 
became poor (Figures 5b and 61, improved again (Figures 5b 
and 7) and deteriorated again (Figures 5b and 8)  chrono- 
logically. This problem is being given further attention. 
(3)  Chemical Uncertainties 
The pressure (i.e., altitude) dependence of certain reactions 
involving HO, family, the temperature dependence of NO + 03 
reaction, and the uncertainties in methane oxidation chemistry, 
which are either unknown or poorly known, have the potential 
to alter the present understanding of the aircraft effects. 
(4) Measurements of Background NOx 
The background concentration levels of NO, NO2 and other 
members of the NO, family in the atmosphere are not yet 
well known. 
simultaneously, i.e., within the same air sample in order 
to verify the theoretical understanding of the partitioning 
among them. 
comparison of a 2-D model calculation against a set of 
simultaneous observations of NO, NO2 and HNO3, the situa- 
tion requires further resolution. There are difficulties 
in the comparisons of ratios of trace species such as 
HNO3 to NO2 also ( 9 ) .  
There is a need to measure these species 
As may be seen from Figure 9 (151, which is a 
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CONCLUDING REMARKS 
The uncertainties in the present understanding of the effects of high 
altitude aircraft are such as to warrant continued studies. Specific 
uncertainty factors have been identified and their resolution should not 
prove difficult. 
The views expressed in this paper are solely those of the author and 
are not intended to reflect any policy of the Federal Aviation Administration 
or the U . S .  Department of Transportation. 
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Table 1 
Typical Jet Engine Emission Indices at 
Cruise Altitudes. (English et al, 1975) 
Exhaust Emission 
Species Index, gm/kg 
co2 
H20 
NO, (as N02) 
co 
SO,(as S02) 
Hydrocarbon (as CH2) 
Soot (as carbon) 
Lubricating Oil 
Trace Elements 
3220 
1250 
6-30 
4 
1 .o 
0.1 -0.2 
0.1 
0.1 
0.01 
Table 2 
Number of Concorde-like Aircraft Which 
Would Lead to a Northern Hemispheric 
Ozone Reduction of 0.5% as of 1975. 
Name of Study Number of Aircraft Uncertainty Range 
(Estimate) 
ClAP 
NAS 
COMESA 
COVOS 
528 
120 (0..33-1.50) 
79 (0.33-3.00) 
435 None given 
326 None given 
Table 3 
Calculated Northern Hemispheric Ozone 
Reduction by Subsonic Aircraft, as of 1975. 
Name of Study Northern Hemispheric Uncertainty Range 
(Reference) Ozone Reduction (Estimate) 
Percent 
1. “1 974” CIAP Fleet 
CIAP 
NAS 
COMESA 
COVOS 
2. Projected Fleet of 100 
B-747 SP-like Aircraft 
ClAP 
NAS 
COMESA 
COVOS 
0.09 
0.1 0 
None given 
None given 
0.08 
0.1 6 
None given 
None given 
0.1 -2 
0.1 -1 0 
None given 
None given 
0.2-2 
0.1 -1 0 
None given 
None given 
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Figure 1.- A i r c r a f t  c r u i s e  a l t i t u d e s  and ozone d a t a .  (Ol iver ,  1979.) 
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Figure 2.- Inf luence  of changes i n  rate c o e f f i c i e n t s  on model-predicted 
changes i n  t o t a l  ozone due t o  NO, i n j e c t i o n s .  (Luther e t  a l . ,  1979.) 
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Source: Lawrence Livermore Laboratory (1 978). 
Figure  3.- Percentage changes i n  ozone ve r sus  a l t i t u d e  f o r  t h r e e  i n j e c t i o n  
rates of NO a t  20 h. 
1-km band and correspond t o  g loba l  i n j e c t i o n  rates of 0.62,  1.23, and 
1.85 x l o 3  kg NO, ( a s  NO2) per year .  
Rates shown are i n  molecules/cm3 sec over a 
(Ol iver ,  1979.) 
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Figure 4.- NO concent ra t ion  as a func t ion  of t h e  fue l - to-a i r  r a t i o  f o r  
t u r b i n e  engine combustor exhaust obtained by va r ious  means. 
e t  a l . ,  1977.) 
(Few 
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1 2 3 4 5 6 7 8 9 101112  1 
Month 
Model Result 
(1 0-3 cm at STP) 
(a )  Calcu la ted ,  without c h l o r i n e  chemistry.  
Month 
Observed 
(10.3 cm at STP) 
(b)  Observed. 
F igure  5.- Monthly v a r i a t i o n  of t h e  t o t a l  ozone column 
as a func t ion  of l a t i t u d e  (10-3 cm a t  STP). (Af te r  
Widhopf and G l a t t ,  1979.) 
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Month 
Figure  6 . -  Calcula ted  monthly v a r i a t i o n  of t o t a l  ozone column as a 
c m  a t  STP). (Widhopf and G l a t t ,  
func t ion  of l a t i t u d e  without  c h l o r i n e  chemistry b u t  w i t h  new rate 
c o e f f i c i e n t  f o r  H02 + NO 
1979.) 
Month 
Figure 7.- Ca lcu la ted  month1 v a r i a t i o n  of t o t a l  ozone column as a 
func t ion  of l a t i t u d e  
bu t  w i th  new rate c o e f f i c i e n t s  f o r  HO 
cm a t  STP) without  c h l o r i n e  chemistry 
+ NO and H02  + 03.  (Widhopf and Glat t ,  1979.) 2 
533 
1 2  3 4 5 6 7 8 9 1 0 1 1 1 2  
Month 
Figure 8.- Calcu la ted  monthly v a r i a t i o n  of t o t a l  ozone column as a - 
func t ion  
wi th  new 
(Widhopf 
of l a t i t u d e  c m  a t  STP) w i th  c h l o r i n e  chemistry and 
rate c o e f f i c i e n t s  f o r  H02 + NO and H02  + 03 (2  ppbv CLO,). 
and G l a t t ,  1979.) 
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Figure  9.- Comparison of c a l c u l a t e d  and measured p r o f i l e s  of NO, NO2 and 
HNO3. Calcu la t ions  made wi th  t h e  aerospace model. (Widhopf and G l a t t ,  
1979.) 
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ADVANCED TECHNOLOGY FOR CONTROLLING POLLUTANT 
EMISSIONS FROM SUPERSONIC CRUISE AIRCRAFT 
Robert A. Duerr and Larry A. Diehl 
Lewis Research Center 
SUMMARY 
This paper presents and discusses some of the results obtained from re- 
search and development programs being sponsored or conducted by NASA. The ob- 
jectives of these programs were to evolve and evaluate new gas-turbine-engine 
combustor technology for the reduction of pollutant emissions. Activities rang- 
ing from investigating variations of conventional combustion systems to evaluat- 
ing advanced combustor concepts have been and continue to be pursued. Projected 
results from far-term technology efforts aimed at applying the premixed- 
prevaporized and catalytic combustion techniques to aircraft combustion systems 
indicate a potential for significant reductions in pollutant emission levels. 
INTRODUCTION 
This paper describes NASA-sponsored programs whose objectives were to 
evolve and evaluate new gas-turbine-engine combustor technology for the reduc- 
tion of aircraft engine pollutant emissions. 
Concern over the possibly adverse environmental effects of the first- 
generation supersonic transports drew attention to the exhaust pollutant emis- 
sions produced by the gas-turbine engines used to power these aircraft. Two 
general areas of concern were expressed: urban pollution in the vicinity of 
airports and pollution of the stratosphere. The principal urban pollutants 
were carbon monoxide and unburned hydrocarbons during idle and taxi and oxides 
of nitrogen and smoke during takeoff and climb. Oxides of nitrogen were also 
considered to be of concern during high-altitude cruise flight. 
In response to growing concern over the possible undesirable effects of 
gaseous pollutant emissions from aircraft engines, NASA initiated in 1971 an 
Emissions Reduction Research and Technology program. This program and the re- 
sults obtained to date are the basis for this paper. In 1973 the Environmental 
Protection Agency issued gaseous polldtant emission standards for aircraft en- 
gines, to be implemented by 1979. Since that time the EPA has continuously 
examined and studied the impact of aircraft engine emissions on air quality and 
has closely followed the advancing technology for control of these pollutant 
emissions. In March 1978, the EPA issued a Notice of Proposed Rule Making that 
would amend the standards. The EPA has not yet taken final action on the pro- 
posed amended standards. For the purposes of this paper we have chosen the pro- 
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posed EPA standards as the basis for comparing and evaluating advanced combustor 
concepts. 
The three gaseous emissions of primary interest are carbon monoxide, un- 
burned hydrocarbons, and oxides of nitrogen. Figure 1 illustrates schematically 
an aircraft engine combustor of the type used in various proposed engines for 
the first-generatian supersonic transport (SST) aircraft. Below the sketch are 
bar graphs illustrating the levels of pollutants typical of these engines during 
landing-takeoff operation. These pollutant levels are based on an average of 
engine test data from the Rolls-Royce Olympus 593 and limited information ob- 
tained during prototype evaluation of the General Electric GE4 and the Pratt & 
Whitney JTF-17 engines. The characteristic features of the main combustor are 
noted in the sketch. It has a single burning zone, the primary portion of which 
tends to operate fuel rich. Large amounts of air bypass the combustor primary 
zone and are admitted further downstream to cool and dilute the combustion pro- 
ducts. These combustors all have a step-louver-constructed, film-cooled liner; 
and a large portion of the total combustor airflow is used to cool the liner. 
The EPA has established six engine classes for gas-turbine-powered aircraft; 
class T5 has been designated for engines used to power supersonic commercial 
aircraft. The emission levels shown below the sketch are expressed as values of 
the proposed EPA parameter, or EPAP, and are obtained by integrating the engine 
emissions over a specified landing-takeoff cycle. The method of calculating the 
EPAP is described in the appendix. The proposed EPA standards for class T5, 
newly certified engines are shown as a dashed line for each of the pollutants. 
Levels of emissions produced by the first-generation SST significantly exceed 
the proposed EPA standards and thus indicate a need for reducing the pollutant 
emissions from this class of engines. 
This paper presents and discusses some of the results obtained from re- 
search and development programs being sponsored, directed, or conducted by NASA. 
Although we recognize that much important work is being done at universities and 
in private industry, or sponsored or conducted by other government agencies (DOD, 
FAA, EPA, etc.), this paper concentrates on NASA programs only. Activities rang- 
ing from investigating variations of conventional combustion systems to evaluat- 
ing advanced catalytic techniques are being pursued. Applications of these 
techniques to future aircraft engines are being considered. The results perti- 
nent to pollutant emission reduction efforts are presented and discussed, along 
with an assessment of the projected development difficulties and a forecast of 
potential emission level reductions. 
DEVELOPMENT OF CURRENT-TECHNOLOGY COMBUSTORS 
The NASA Emissions Reduction Research and Technology program, as conceived 
in 1971, had both near-term and far-term goals. The near-term program concen- 
trated on achieving a large and immediate reduction in pollutant emissions. It 
mainly addressed the then current-technology engines used to power subsonic com- 
mercial aircraft. The near-term program, conducted largely under contract, is 
essentially complete. 
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The fa r - te rm program had the  o v e r a l l  goa l  of developing the  technology nec- 
e s sa ry  t o  d e f i n e  t h e  minimum p o l l u t a n t  emission l e v e l s  t h a t  a i r c r a f t  gas- turb ine  
engines could achieve.  This fa r - te rm program was and cont inues t o  be conducted 
both in-house a t  t he  Lewis  Research Center and through research  g ran t s  t o  uni- 
v e r s i t i e s  and c o n t r a c t s  wi th  indus t ry .  
The s p e c i f i c  ob jec t ives  of t he  near- term emission reduct ion  program were t o  
i n v e s t i g a t e  new combustor concepts with the  p o t e n t i a l  f o r  s i g n i f i c a n t l y  lower 
emission l e v e l s  and to measure t h e  emission r educ t ion  ob ta inab le  wi th  these  new 
combustors i n  a c t u a l  engine tes t s .  The approach taken t o  achieve these  objec- 
t i v e s  was t o  l e t  mult iphase con t r ac t s  wi th  the  major a i r c r a f t  engine manufac- 
t u r e r s  t o  dev i se  and i n v e s t i g a t e  new combustor concepts .  I n  t h e  f i r s t  phase,  
a v a r i e t y  of new combustor concepts were screened t o  determine those wi th  the  
g r e a t e s t  emission reduct ion  p o t e n t i a l .  I n  the  second phase,  those concepts were 
f u r t h e r  r e f ined ,  and f i n a l l y  the  b e s t  o r  most "engine ready" combustor concept 
was t e s t e d  i n  an engine t o  measure the  emission r educ t ion  obta inable .  
Two of t he  near- term programs were conducted by P r a t t  & Whitney and General 
E l e c t r i c  using t h e  JTBD and CF6 engines ,  r e s p e c t i v e l y .  The r e s u l t s  of t hese  
programs a r e  app l i cab le  t o  supersonic  c r u i s e  a i r c r a f t  engine technology, and 
some elements of t h e  r e s u l t i n g  concepts have been incorpora ted  i n t o  the  cu r ren t -  
l y  proposed designs f o r  t h e  P r a t t  & Whitney Var iab le  Stream Control  Engine (VSCE) 
and the  General E l e c t r i c  Double Bypass Engine (DBE). 
I n  t h e  f i g u r e s  t h a t  fol low,  t h e  emission levels of advanced combustors in- 
corporated i n  the  P&W VSCE and the  GE DBE a r e  p r o j e c t e d .  These p ro jec t ions  a r e  
based on s tandard  c o r r e l a t i n g  expressions developed during t h e  JT9D and CF6 en- 
g ine  t es t s .  Assuming t h a t  technology s i m i l a r  t o  t h a t  achieved i n  the  JT9D and 
CF6 engine tes ts  could be achieved i n  t h e  advanced supersonic  engine cyc le ,  the 
JT9D and CF6 engine d a t a  have been ex t r apo la t ed  t o  t h e  combustor condi t ions  t h a t  
would e x i s t  i n  t he  VSCE and DBE. 
The Vorbix combustor concept used i n  the  JT9D engine is  i l l u s t r a t e d  i n  f i g -  
u re  2 ,  and the  combustor i s  shown i n  f i g u r e  3 .  (Vorbix i s  an acronym meaning 
vo r t ex  burning and mixing.)  
( f i g .  2 )  shows t h a t  t h e r e  has been a depa r tu re  from t h e  types of combustor used 
i n  the  p a s t .  This combustor has two burning s t a g e s  arranged i n  ser ies :  The 
p i l o t  s t a g e  is  optimized f o r  con t ro l  of carbon monoxide (CO) and t o t a l  hydro- 
carbons (THC) a t  low power, and t h e  main s t a g e  is  optimized f o r  c o n t r o l  of 
oxides of n i t rogen  (NO,). The main s t a g e  becomes ope ra t iona l  a t  a l l  engine con- 
d i t i o n s  beyond i d l e .  It i s  s e p a r a t e l y  fue led  and i s  i g n i t e d  by t h e  p i l o t  s t a g e .  
The bar  graphs shown below the  sketch i n  f i g u r e  2 compare t h e  emissions of the  
f i r s t - g e n e r a t o n  SST engine wi th  est imated emissions f o r  t h e  Vorbix combustor as 
contained i n  the  VSCE. The es t imates  a r e  based on p r o j e c t i o n s  of emission da ta  
obtained i n  JT9D engine tests.  The advanced engine cyc le  used f o r  t he  p re sen t  
vers ions  of va r i ab le -cyc le  engines d i f f e r s  s i g n i f i c a n t l y  from t h a t  of the f i r s t -  
genera t ion  SST engine.  The combustor i n l e t  p re s su re  and temperature  and combus- 
t o r  e x i t  temperature a r e  a l l  s i g n i f i c a n t l y  h ighe r  than  i n  t h e  f i r s t - g e n e r a t i o n  
SST engine and thus impose a much g r e a t e r  NOx emissions c o n t r o l  problem. 
t h i s  case,  cons iderable  technologica l  e f f o r t  i s  r equ i r ed  j u s t  t o  maintain t h e  
NOx emission l e v e l s  of t h e  f i r s t - g e n e r a t i o n  SST. 
The c ross - sec t iona l  ske tch  of t h i s  combustor 
I n  
The p ro jec t ed  CO emissions 
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were reduced by over a factor of 5, THC emissions by over a factor of 4 0 ,  and 
NO, emissions by 10 percent. 
The double-annular combustor, which was tested in an experimental C F 6  en- 
gine, is illustrated schematically in figure 4 and shown in figure 5. This com- 
bustor concept is also a two-stage combustor, but here the pilot and main stages 
are arranged in parallel and result in a combustor with two annular burning 
zones. The outer or pilot zone is used at all operating conditions and is de- 
signed to minimize idle pollutants. The inner or main zone is functional at all 
engine conditions above idle and is designed to reduce high-power pollutants. 
As was done for the Vorbix combustor in figure 2, the bar graphs in figure 4 
compare the first-generation SST emissions with the estimated emission levels 
for the double-annular combustor as contained in the DBE. The estimates are 
based on projections of emission data obtained in the C F 6  engine tests. Pro- 
jected CO emissions were reduced by 75 percent and THC emissions by a factor of 
25; but estimated NO, emissions increased by about 40 percent, a reflection of 
the more stringent cycle constraints mentioned earlier. 
The projected engine emissions from application of these two emission- 
controlled combustors are summarized in figure 6 .  The combustor sketch shows 
the significant features of the typical emission-controlled combustor. Multiple 
burning zones are Iised: a pilot for engine-idle emission control, and a main 
zone for all higher power operating conditions. Air-blast fuel injectors are 
often used in the main stage to achieve fine fuel drops intimately mixed with 
combustion air. Since most of the air is now used in controlling the combustion 
process, very little air is available for dilution and temperature profile tail- 
oring. Similarly the amount of air available for liner film-cooling is reduced, 
and advanced cooling schemes must be employed. The bar graphs summarize the 
average, estimated emission levels for the emission-controlled combustors and 
show significant reductions in CO and THC, but a slight increase in NO,. The 
estimated THC emissions virtually disappeared, and this suggests that: no further 
development is required to reduce levels of this pollutant. These projections 
prompted further work in reducing the CO and NO, emission levels. 
ADVANCED I D L E  EMISSIONS CONTROL TECHNOLOGY 
The results of the two programs discussed in the previous section indi- 
cated a need for reducing CO emissions over the landing-takeoff cycle by at 
least a factor of 2 in order to achieve the proposed EPA standards. Since CO 
emissions are usually most predominant at the idle power setting, an idle emis- 
sions reduction program was conducted with the objective of investigating new 
combustor concepts with the potential for significantly lower engine idle emis- 
sions levels. 
To achieve this objective, a contract was let with industry for the inves- 
tigation of three unique combustor concepts with nonconventional design fea- 
tures. The testing and evaluation of the concepts were confined to typical idle 
conditions. Application of this technology to a practical combustor system 
could be realized through variable-geometry schemes or by using one of these 
designs as the pilot stage of a multistage combustor. 
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All three concepts tested showed dramatic reductions in CO and THC emis- 
sions. The simplest design of the three, the hot-wall combustor, is shown in 
figure 7 .  The main feature of the hot-wall combustor is a thermal-barrier coat- 
ing applied to the inside surface of the combustor liner to reduce wall quench- 
ing of the combus tion gas reactions: 
with an impingement-cooled liner - with no film cooling whatsoever - resulted in 
greatly reduced quenching losses at the walls. Also, the secondary dilution air 
jets are placed far downstream in order to further reduce quenching for maximum 
reaction of the fuel and air. 
These refractory-coated surfaces along 
The design features of the hot-wall combustor are shown in figure 8 as in- 
corporated into the pilot stage of a hypothetical multistage combustor. The re- 
fractory surfaces of the inner liner walls and the use of impingement cooling 
result in minimized wall-quenching effects. The pilot combustor is designed for 
optimum burning rates at idle. 
The projected emissions for such a combustor operating in an engine over 
the EPA standard landing-takeoff cycle are also shown in figure 8. Carbon mon- 
oxide emissions are significantly lower than those from the emission-controlled 
combustor. The NO, emission level is essentially unchanged from that of the 
emission-controlled combustor since most NOx is generated in these combustors 
during high-power operation. 
This low-power emissions reduction program, in conjunction with the 
emissions-controlled combus tor program, demonstrated dramatic reductions in CO 
and THC emissions at idle. The far-term emissions reduction program was 
directed toward achieving significant reductions in NOx emissions and addition- 
ally reducing the low levels of idle pollutant emissions achieved earlier. 
FAR-TERM EMISSIONS CONTROL TECHNOLOGY 
At high-power operation, high flame temperature is the most important fac- 
tor in the formation of oxides of nitrogen. Experimental data as well as ana- 
lytical predictions indicate that NO, emissions vary exponentially with flame 
temperature. Therefore, the far-term efforts have been concentrating on the 
technique of lean burning, in which decreasing the combustion-zone equivalence 
ratio lowers the flame temperature with a resultant reduction in NOx formation. 
Since the local flame temperature is a significant factor in controlling 
NO, production, local fuel distributions with locally rich pockets of fuel and 
air must be avoided. This requires that the fuel and air be uniformly mixed 
throughout the combustion zone. In addition, it may be necessary to prevaporize 
the fuel. Large fuel droplets in the combustion zone are consumed by a diffu- 
sion flame that surrounds the evaporating droplets. This process takes place 
at near-stoichiometric conditions, and the high temperatures produce excessive 
NOx emissions. Thus, combustors with provisions to prevaporize the fuel and to 
premix the fuel and air may be necessary to realize the full NOx reduction 
.potential of lean-burning techniques. 
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The concept of catalytic combustion offers the potential of even further 
reductions in pollutant emissions. By using a catalyst bed consisting of a 
ceramic honeycomb substrate impregnated with catalytic material, stable effi- 
cient combustion occurs at even leaner overall equivalence ratios. 
Even though lean, premixed-prevaporized combustors and catalytic combustion 
appear to have the potential for achieving very low levels of pollutant emis- 
sions, considerably more effort is required before either of these technologies 
could be applied to aircraft engine combustion systems. 
formed the basis for the far-term emission reduction program. 
These concepts then 
The objective of the far-term program is to evolve the technology needed 
for developing combustors with minimum pollutant levels. 
achieve this objective relies heavily on a continuing effort in basic and ap- 
lied research. The degree of risk and overall level of complexity associated 
with the adaptation of advanced techniques are more severe than in the near- 
term programs. Fundamental studies are viewed as a requirement to close gaps 
in our understanding of key problem areas and to provide a basis for establish- 
ing technology to a point where adaptation of a new approach to combustor hard- 
ware is practical. A s  mentioned earlier, two techniques appear particularly 
attractive in terms of their potential for reducing NO,: 
prevaporized and catalytic combustion techniques. NASA has begun efforts to 
evolve and evaluate lean, premixed-prevaporized and catalytic combustors. It is 
anticipated that as these types of combustors continue to evolve, additional 
problem areas requiring more fundamental study and improved approaches to the 
adaptation of the fundamentals may be identified. 
The approach taken to 
the lean, premixed- 
Before lean, premixed-prevaporized combustors can be applied to aircraft 
engines, additional research is required in several areas. 
conceptual drawing of a lean, premixed-prevaporized combustor. It is a staged 
design, as are the previously discussed advanced combustors. 
has been configured to include features , such as a hot-wall liner, that minimize 
idle pollutants. The main stage contains a fuel injector, a premixing- 
prevaporizing section, and a flameholder. Maintaining a wide operating range 
while burning as lean as possible may require control of the airflow as well as 
the fuel-flow splits between the two stages. To achieve this required airflow 
control, a variable-geometry device has been included in the diffuser section. 
Figure 9 shows a 
The pilot stage 
The key areas of required research are also indicated in figure 9. Combus- 
tor inlet airflow characteristics must be known to assure uniform fuel-air dis- 
tributions. Engine transient characteristics must be identified and studied to 
avoid autoignition and flashback in the fuel-air mixing passage. Practical 
schemes for varying the combustor geometry and controlling the combustor opera- 
tion must be identified. For the premixing section of the main stage to operate 
successfully, information is needed on techniques for predicting and achieving 
the required fuel distribution and vaporization. 
may be problems in the premixer. More data on these phenomena are needed over 
the range of engine operating conditions, including engine transients. 
Autoignition and flashback 
Lean stability and altitude relight capability need special attention with 
these systems. Because the majority of the combustor airflow must pass through 
the main stage to satisfy the lean-burning requirement, less air will be avail- 
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a b l e  t o  cool t h e  combustor l i n e r  than i n  current- technology combustors. It, 
the re fo re ,  appears l i k e l y  t h a t  t h e  a p p l i c a t i o n  of advanced l i ne r - coo l ing  schemes 
t o  t h i s  type of combustor w i l l  be requi red  t o  avoid l i n e r  d u r a b i l i t y  problems. 
D i g i t a l  engine c o n t r o l s  w i l l  l i k e l y  be requi red  f o r  the  a d d i t i o n a l  complex- 
i t y  of v a r i a b l e  geometry. It i s  a n t i c i p a t e d  t h a t  f u l l - a u t h o r i t y  d i g i t a l  con t ro l  
technology w i l l  be a v a i l a b l e  i n  the  f u t u r e .  However, a d d i t i o n a l  s tudy  i s  needed 
t o  examine the  c o n t r o l  a spec t s  of variable-geometry combustors and t o  e s t a b l i s h  
t r a n s i e n t  response requirements .  
The requi red  r e sea rch  a reas  f o r  c a t a l y t i c  combustors a r e  l i s t e d  i n  f i g -  
u r e  10. I n  gene ra l ,  a l l  t h e  problem a reas  a s soc ia t ed  wi th  premixed combustion 
apply e q u a l l y  w e l l  t o  t h e  c a t a l y t i c  technique. Unique problems introduced wi th  
t h i s  technique inc lude  t h e  a c t i v i t y  of t he  c a t a l y t i c  m a t e r i a l s  over wide operat-  
ing  ranges,  long-term degrada t ion  and poisoning of t h e  c a t a l y s t ,  and thermal 
d u r a b i l i t y  problems a s s o c i a t e d  wi th  continuous and c y c l i c  ope ra t ion  of t h e  ca ta -  
l y s t  bed. Although cons iderable  progress  has  been made i n  t h e  p a s t  few years  
on research  a s soc ia t ed  wi th  c a t a l y s t  and s u b s t r a t e  m a t e r i a l s ,  cons iderably  more 
e f f o r t  i n  t hese  a reas  w i l l  be  requi red .  
NASA has sponsored o r  conducted research  programs i n v e s t i g a t i n g  these  re- 
qui red  research  a reas  and t h e i r  a p p l i c a t i o n  t o  l ean ,  premixed-prevaporized and 
c a t a l y t i c  combustors. During the  next  s e v e r a l  years  combustors based on the  
p r i n c i p l e s  of l ean ,  premixed-prevaporized and c a t a l y t i c  combustion w i l l  be de- 
s igned,  b u i l t ,  and eva lua ted .  
Estimated emission l e v e l s  f o r  lean ,  premixed-prevaporized and c a t a l y t i c  
combustors ope ra t ing  over  t he  EPA s tandard  landing-takeoff  cyc le  a r e  shown i n  
f i g u r e  11 and compared wi th  the  previous e s t ima tes .  The c ross  s e c t i o n  of t h e  
combustor shows some of t he  e s s e n t i a l  f e a t u r e s  of t hese  des igns .  The combustor 
i s  a s taged  type,  with v a r i a b l e  geometry and optimized p i l o t - s t a g e  technology. 
I n  the  main s t a g e ,  l ean  combustion occurs downstream of t h e  flameholder o r ,  i n  
t h e  case  of t h e  c a t a l y s t  shown i n  the  i n s e t ,  i n  t he  c a t a l y s t  bed. 
The es t imated  achievable  CO and THC emission levels,  shown i n  t h e  ba r  
graphs i n  f i g u r e  11, a r e  based on the  success fu l  i n t e g r a t i o n  of optimized p i l o t -  
s t a g e  f e a t u r e s  a s  d i scussed  previous ly .  The emission c o n t r o l  s t r a t e g i e s  em-  
ployed h e r e  were aimed a t  f u r t h e r  reducing NOx emissions.  The t h i r d  set of bar  
graphs shows t h a t ,  i n  terms of the  i n t e g r a t e d  EPA parameter,  NO, l e v e l s  may be 
f u r t h e r  reduced by 55 t o  60 pe rcen t .  It i s  i n t e r e s t i n g  t h a t  t he  p i l o t  s t a g e ,  
which i s  necessary  f o r  engine s t a r t u p  and wide-range opera t ion ,  may con t r ibu te  
more NOx during engine i d l e  than t h e  main s t a g e  con t r ibu te s  during high-power 
opera t ion .  Thus the  p i l o t  s t a g e  is  l i m i t i n g  t h e  minimum achievable  NOx e m i s -  
s i o n  l e v e l s  f o r  t h e  s p e c i f i e d  landing-takeoff  cyc le  used i n  computing the  EPA 
parameter.  
The a c t u a l  ach ievable  l e v e l s  may be somewhat d i f f e r e n t  when these  emission 
con t ro l  techniques a r e  developed i n t o  ope ra t iona l  engine hardware. However, 
t h e  f u r t h e r  reduct ion  i n  p o l l u t a n t  emissions o f f e r e d  by the  f a r - t e rm program is 
cons iderable  and i n d i c a t e s  t h e  s i g n i f i c a n t  p o t e n t i a l  f o r  reduced-pol lutant-  
emission combustion systems f o r  f u t u r e  a i r c r a f t  engines .  
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CONCLUDING REMARKS 
The advanced technology concepts described in the previous sections show 
potential for similar emission reductions at supersonic cruise conditions. The 
projected cruise emissions of oxides of nitrogen for the various programs dis- 
cussed herein are compared in figure 12. The bar graphs show significant reduc- 
tions in NO, emissions as more technological advances are incorporated into the 
combustor design. No EPA standards have been proposed for controlling NO, emis- 
sions at cruise. 
The combustion systems in future supersonic cruise engines may well be 
markedly different from those presently in use if low-pollutant-emission com- 
bustion systems are found to be required. Much work, however, still remains to 
be accomplished before these advanced systems can be considered for actual ap- 
plication. Trade-offs between emissions, performance, altitude relight capabil- 
ity, durability, maintainability, and complexity must be evaluated in future 
experimental programs. In the far term, continuing research and technology 
programs must be pursued to validate that the minimum pollutant emission levels 
achieved in rig tesJs can in fact be realized in gas-turbine-engine combustion 
systems . 
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APPENDIX - CALCULATION OF PROPOSED 
26 .O 1.2 
1.2 ---- 
ENVIRONMENTAL PROTECTION AGENCY PARAMETER (EPAP) 
2 .o 1.2 2 . 3  
2 .o --- - - -  
The proposed Environmental Protection Agency parameter is expressed as 
M 
1 EPAP = 1 [(EI)~T~o~~) i i= 1 FN 
where 
installed net thrust of engine, kN FN 
E1 emission index of pollutant, g pollutant/kg fuel 
T time in mode, min 
fuel flow rate , kg/min "F 
M number of engine conditions (M = 7 for supersonic cruise engines) 
The times 
following 
in mode for the main combustor and the duct burner are given in the 
table : 
Combus tor 
Main 
Duct burner 
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SINGLE BURNlNG ZONE 
LARGE AMOUNTS OF DlLUllON 
& FILM-COOLING AIR 
-- - PROPOSED EPA EMISSION STANDARDS 
CO, EPAP THC, EPAP NO,, EPAP 
Figure 1.- First-generation SST combustor technology. 
FIRST GENERATION SST 
PROJECTED VORBIX EMISSIONS 
600 100 
300 100 50 
0 0 0 
CO, EPAP THC, ESAP NO,, EPAP 
Figure 2.- Projected emission levels for advanced supersonic engine using 
Vorbix combustor. 
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Figure  3 . -  Proto type  Vorbix combustor. 
FIRST GENERATION SST 
PROJECTED DOUBLE A N N U ~ R  EMISSIONS 
100 
0 
THC, EPAP 
Figure 4 . -  Pro jec t ed  emission l e v e l s  f o r  advanced supersonic  engine us ing  
double-annular combustor. 
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600 
-F 
Figure 5.- Prototype double-annular combustor. 
EZJ FIRST GENE REDUCED 
100 M 
0 0 0 
Figure 6 . -  Projected emission levels for advanced supersonic engine using 
emission-controlled combustor. 
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CONCEPT NO, 1 
SHELLS WITH IMPINGEMENT 
COOLED LINERS 7 n 
PRIMARY SWIRL 
CUP AIR DILUTION 
I ' SECONDARY 
DILUTION 
Figure 7.- Hot-wall combustor concept. 
OPTIMIZED EQUIVALENCE 
RAllO AT IDLE REFRACTORY 
COATED SURFACES 
IMPROVED AIR 
r MINIMIZED WALL 
QUENCHING (IMPINGEMENT 
COOLED LINERS) 
a EMISSION CONTROLLED 
E 3  EMISSION CONTROLLED 
+ IDLE EMISSIONS 
CONTROL 
200 10 100 
100 5 50 
0 0 0 
CO, EPAP THC, EPAP NO,, EPAP 
Figure 8.- Projected emission levels for advanced supersonic engine using 
idle-emission-controlled combustor. 
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REQUIRED RESEARCH AREAS 
FUEL DISTRIBUTION 
FUEL VAPORIZATION 
AUTOIGNITION 
FLASH B AC K LEAN STABILITY 
ALTITUDE RELIGHT 
LINER DURABILIIY 
CONTROLS 
AIRFLOW UNIFORMITY 
TRANSIENT EFFECTS 
VARIABLE GEOMETRY 
Figure 9.- Required research areas in lean, premixed-prevaporized combustor 
technology. 
REQUIRED RESEARCH AREAS 
FUEL DISTRIBUTION 
FUEL VAPORIZATION 
A UT01 G NI TI 0 N 
FLASHBACK CATALYST ACTIVITY 
CATALYST DEGRADATION 
THERMAL DURABILITY 
LINER DURABILITY 
AIRFLOW UNIFORMITY 
TRANSIENT EFFECTS 
V AR I A B LE GEOMETRY 
Figure 10.- Required research areas in catalytic combustor technology. 
548 
LEAN 
COMBUSTION 
ADVANCED COOLING 
TECHNIQUES 
ESY EMISSION CONTROLLED 
EZl LEAN PREMIX PRWAP PILOT STAGEJ n CATALYTIC 
"r 
CO. EPAP THC, EPAP NO,, EPAP 
Figure 11.- Projected emission levels for advanced supersonic engine using 
far-term combustor technology. 
*O r 
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EMISSION INDEX 
(qkg FUEL) 
15 
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FIR ST EMISSION PREMIX CATALYTIC 
S ST 
G EN ERATl ON CONTROLLED PREVAP 
Figure 12.- Comparison of projected cruise NO, emission levels. 
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